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Capsule  Aerothermodynamics 

(AGARD  R-808) 


Executive  Summary 

This  report  is  a  compilation  of  the  edited  proceedings  for  the  “Capsule  Aerothermodynamics”  course 
held  at  the  von  Karman  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
20-22  March  1995. 

At  present,  on  a  world  scale,  different  capsules  and  penetrators  are  being  considered  for  planetary  entry, 
such  as  the  Huygens  probe  to  Titan,  the  Intermarsnet  to  Mars,  and  a  probe  attached  to  the  Mercury 
orbiter  to  Venus. 

In  addition,  conceptual  studies  for  earth  re-entry  are  in  progress  for  crew  transport  vehicles.  Their 
geometries  vary  from  low  lift-to-drag  ratio  Apollo  type  to  more  advanced  and  complex  bent  biconic 
high  lift-to-drag  configurations. 

Because  of  the  renewed  interest  in  Capsule  Aerothermodynamics,  this  course  was  organised  to 
stimulate  research  in  this  field  for  young  engineers  as  well  as  to  update  expertise  for  more  experienced 
aerodynamicists. 

This  series  of  lectures,  supported  by  the  AGARD  Fluid  Dynamics  Panel  and  the  von  Karman  Institute 
for  Fluid  Dynamics  covered  all  aerodynamic  design  aspects  related  to  planetary  probe  and  capsule 
configurations.  Critical  phenomena  occurring  during  the  different  regimes  of  flight  from  the  rarefied 
through  the  hypersonic,  supersonic,  transonic  and  subsonic  portions  of  flight  are  reviewed.  The  impact 
of  real  gas  and  rarefaction  on  capsule  aerothermodynamics,  and  in  particular  on  forebody  and  wake 
flows,  is  addressed. 

In  addition,  present  day  computational,  and  experimental  capabilities  to  assess  radiation,  blackout, 
ablation  and  the  characterisation  of  the  dynamic  derivatives  are  discussed. 
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L’aerothermodynamique  des  capsules 

(AGARD  R-808) 

Synthese 


Ce  rapport  rassemble  les  comptes-rendus  du  cours  sur  “I’aerodynamique  des  capsules”  tenu  a  I’lnstitut 
von  Karman  de  Dynaraique  des  Fluides  (VKI)  a  Rhode-Saint-Genese,  en  Belgique,  du  20  au  22  Mars 
1995. 

Presentement,  differentes  capsules  et  divers  penetrateurs  sont  consideres  dans  le  monde  entier  pour 
effectuer  des  entrees  planetaires,  telle  la  sonde  HUYGENS  vers  Titan,  INTERMARSNET  vers  Mars,  et 
une  sonde  attachee  a  MERCURY  ORBITER  vers  Venus. 

Par  ailleurs,  des  etudes  conceptuelles  de  vehicules  de  rentree  terrestre  transportant  des  equipages  sont 
en  cours.  La  geometric  de  ces  vehicules  varie  du  type  Apollo  de  faible  finesse  a  des  configurations 
biconiques  complexes  de  finesse  elevee. 

En  raison  de  ce  regain  d’interet  dans  I’aerodynamique  des  capsules,  ce  cours  a  ete  organise  pour 
stimuler  la  recherche  dans  ce  terrain  pour  de  jeunes  ingenieurs,  mais  aussi  pour  actualiser  I’expertise 
d’aerodynamiciens  plus  experimentes. 

Cette  serie  de  conferences,  avec  le  soutien  du  Panel  Dynamique  des  Fluides  de  T  AGARD  et  de 
rinstitut  von  Karman  de  Dynamique  des  Fluides,  couvre  tous  les  aspects  de  la  conception 
aerodynamique  relies  aux  configurations  de  sondes  planetaires  et  de  capsules.  Le  point  sur  les 
phenomenes  critiques  survenant  durant  les  divers  regimes  de  vol  depuis  le  rarefie,  a  travers 
Thypersonique,  le  supersonique,  le  transsonique  et  le  subsonique  est  effectue.  L’influence  des  effets  de 
gaz  reel  et  de  rarefaction  sur  T aerodynamique  des  capsules,  et  en  particulier  sur  les  ecoulements  autour 
de  r avant-corps  et  dans  le  sillage,  est  analysee. 

En  outre,  les  capacites  actuelles  de  calcul  et  experimentales  permettant  d’evaluer  le  rayonnement, 
I’occultation  radio  (black-out)  et  1’ ablation  et  de  caracteriser  les  derivees  dynamiques  sont  discutees. 
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CAPSULE  AEROTHERMODYNAMICS:  MISSIONS,  CRITICAL  ISSUES 
OVERVIEW  AND  COURSE  ROADMAP 

Jean  Muylaert 

ESA  Technical  Directorate, 

Aerothermodynamic  Section,  Postbus  299 
2200  AG  Noordwijk,  NETHERLANDS 


Abstract 

At  present,  on  a  world  scale,  different  capsules  and 
penetrators  are  being  considered  for  planetary  en¬ 
try  such  as  the  Huygens  probe  to  Titan,  the  Inter- 
marsnet  to  Mars,  and  the  Mercury  orbiter  probe  to 
Venus. 

In  addition  conceptual  studies  for  earth  reentry  are 
in  progress  for  crew  transport  vehicles.  Their  geome¬ 
tries  vary  from  low  lift  to  drag  ratio  Apollo  type  to 
more  advanced  and  complex  bent  biconic  high  lift  to 
drag  configurations. 

Because  of  the  renewed  interest  in  Capsule 
Aerothermodynamics,  this  course  is  organized  to 
stimulate  research  in  this  field  for  young  engineers 
as  well  as  to  update  expertize  for  more  experienced 
aero  dy  nami  cists . 

The  course  will  cover  all  aerodynamic  design  as¬ 
pects  related  to  planetary  probe  and  capsule  config¬ 
urations.  Critical  phenomena  occuring  during  the 
different  regimes  of  flight  from  the  rarefied  through 
the  hypersonic,  supersonic,  transonic  and  subsonic 
portions  of  flight  will  be  reviewed.  The  impact  of 
real  gas  and  rarefaction  on  capsule  aerothermody¬ 
namics  and  in  particular  on  forebody  and  wake  flows 
will  be  addressed. 

In  addition  present  day  computational  and  ex¬ 
perimental  capabilities  to  assess  radiation,  blackout, 
ablation  and  the  characterization  of  the  dynamic 
derivatives  will  be  discussed. 

1  Course  Road  Map 

This  three  day  course  is  devided  in  4  parts: 

•  A  first  session  which  reviews  the  planetary  probe 
missions  and  the  Earth  reentry  projects  and  pro¬ 
grammes  being  carried  out  in  Europe,  USA  and 
Japan,  combined  with  an  overview  of  the  critical 
points  associated  with  these  missions.  It  basi¬ 
cally  shows  that,  on  a  world  scale,  quite  a  lot  of 
activities  related  to  capsule  aerothermodynam¬ 
ics  are  being  performed  justifying  this  course. 

•  The  second  part  of  the  course  contains  3  ses¬ 
sions  devoted  to  fundamental  physics,  thermo¬ 
dynamics,  transport  properties,  reaction  rates, 
and  scaling.  In  addition  ballistic  versus  lifting 


reentry  strategies  will  be  derived  showing  the  in¬ 
fluence  of  the  relevant  parameters  such  as  lift  to 
drag  ratio  and  ballistic  coefficient. 

•  The  major  part  of  the  course  i.e.  eight  sessions, 
will  covers  critical  points,  associated  with  cap¬ 
sule  configurations,  such  as  real  gas  effects,  rar¬ 
efied  flow  effects,  radiation  and  blackout,  abla¬ 
tion  and  finally  the  assessment  of  the  dynamic 
derivatives.  It  is  the  intention  that  we  review  for 
each  of  these  themes  the  state  of  the  art  of  the 
experimental  and  numerical  tools  required  for 
best  estimation  of  their  impact  on  the  aerother¬ 
modynamic  design  of  probes  and  capsule  like 
configurations. 

•  The  last  two  sessions  of  the  course  will  be 
devoted  to  two  major  programmes:  the  USA 
Aeroassisted  flight  experiment  and  the  ESA 
Huygens  probe.  For  the  latter  the  industrial  ap¬ 
proach  will  be  reviewed  which  was  followed  to 
come  up  with  the  best  shape  given  some  strin¬ 
gent  mission  requirements. 

It  has  to  be  remarked  that  within  the  present 
three  day  course  not  all  of  the  capsule  design  issues 
could  be  addressed.  It  is  realized  that  issues  such 
as  parachute  aerodynamics,  deployment  and  stability 
could  not  be  addressed  and  that  transition  as  well  as 
reaction  and  control  plume  interaction  with  external 
flow  will  only  briefly  be  discussed  in  the  appropriate 
sessions. 

2  Winged  versus  Unwinged 
Reentry 

The  four  major  classes  of  hypersonic  space  trans¬ 
port  vehicles  and  their  major  aerothermodynamic  ef¬ 
fects  are  shown  in  figure  1  as  depicted  from  reference 

1. 

•  Winged  reentry  vehicles  (RV)  such  as  the  space 
Shuttle,  the  Buran  and  the  Hermes. 

•  Hypersonic  cruise  vehicles  (CV)  such  as  the  first 
stage  of  the  Saenger  space  transportation  sys¬ 
tem. 
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the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
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•  Ascent  and  reentry  vehicles  (ARV)  such  as  the 
uper  stage  Horns  of  the  Saenger  system. 

•  Aeroassisted  orbit  transfer  vehicles  (AOTV), 
also  known  as  the  aeroassisted  space  transfer  ve¬ 
hicles  (ASTV). 

We  will  concentrate  our  efforts  to  reentry  of  blunt 
vehicles  with  low  to  medium  hypersonic  lift  to  drag 
ratio’s.  The  choise  however  for  ballistic  or  lifting  en¬ 
try  depends  on  a  trade  off  of  many  requirements  such 
as  :  deceleration  limits,  atmospheric  uncertainties, 
landing  site  or  targetting  and  recovery,  mass  limita¬ 
tions  etc.  These  mission  requirements  will  translate 
into  aerothermodynamic  requirements  during  the  ve¬ 
hicle  design  process  where  at  each  position  in  time 
during  flight  limits  imposed  on  ”g  force”,  dynamic 
pressure,  heatflux,  heat  load,  wall  temerature  etc  are 
not  to  be  exceeded. 

These  limits  depend  of  course  on  the  state  of  the 
art  in  space  technology.  The  flight  aerothermody¬ 
namic  loads  depend  on 

•  the  atmospheric  characteristics  such  as  density 
and  temperature, 

•  the  vehicle  aerodynamic  parameters  such  as  ge¬ 
ometry,  mass,  and  aerodynamic  coefflcients, 

•  and  on  flight  conditions  such  as  incidence  and 
speed. 

The  most  important  vehicle  parameters  during 
reentry  are  : 

•  the  wingloading 

•  the  ballistic  coefficient 

•  and  the  lift  to  drag  ratio 

Configurations  with  aerodynamic  lift,  as  opposed  to 
ballistic  vehicles  where  the  lift  is  zero,  have  the  ad¬ 
vantage  to  have  manoevering  capability  and  there¬ 
fore  enhanced  down  and  crossrange  capability;  i.e. 
they  can  increase  there  landing  region  on  earth  as 
shown  in  figure  2  and  3  taken  from  reference  2. 

Figure  4  shows  an  overview  of  several  vehicle  con¬ 
figurations  and  their  corresponding  lift  to  drag  ra¬ 
tio’s.  In  session  4  it  will  be  shown  that  the  lift  to 
drag  ratio  is  proportional  to  the  cross  range  and  that 
stagnation  heatflux  is  inversely  proportional  to  the 
square  root  of  the  nose  radius  (  Fay  and  Riddell) . 

It  should  be  noted  that  with  increasing  lift  to  drag 
one  can  control  also  the  deceleration  forces  much  bet¬ 
ter  which  depending  on  whether  the  mission  is  man 
rated  or  not  can  be  a  very  stringent  requirement. 

Typical  lift  to  drag  ratio’s  and  ballistic  coefficients 
for  a  range  of  generic  configurations  are  shown  in 
figure  5  from  reference  3.  We  are  concentrating  on 
the  low  level  part  of  the  curve  where  L/D  is  lower 


than  1  corresponding  to  the  sfere  cone  shapes.  Mer¬ 
cury,  Gemini  and  Apollo  command  modules  were 
sfere/cone  shapes. 

For  ballistic  reentry,  the  deceleration  forces  or  g 
forces  are  very  much  dependent  on  the  entry  speed 
and  the  entry  angle.  Manned  ballistic  reentry  for 
entry  incidences  higher  than  5  degrees  are  not  pos¬ 
sible.  This  is  due  to  the  limitation  in  negatif  ”g’s” 
that  mankind  can  tollerate.  Figure  6  shows  the  g 
forces  versus  entry  angle  for  some  low  to  medium 
L/D  configurations.  For  zero  entry  angle  one  could 
obtain  acceptable  g  forces  to  the  expense  of  landing 
accuracy  and  integrated  heat  load.  It  is  interesting 
to  note  that  the  g  forces  reduce  rapidly  even  for  low 
L/D  vehicles.  The  3  g  limit  can  be  obtained  with 
L/D  configurations  of  0.25  as  long  as  their  entry  an¬ 
gle  is  lower  that  3  degrees.  (  Apollo  has  L/D  =  0.25 
till  0.35  ). 

Lift  can  be  used  to  reduce  the  level  of  deceleration 
as  well  as  the  heating  rates  during  reentry.  The  effect 
of  L/D  on  the  stagnation  point  heat  transfer  rate 
is  shown  in  figure  7.  Lift  allows  the  configuration 
to  decelerate  at  higher  altitudes.  The  lower  value 
of  the  free  stream  density  at  these  altitudes  means 
that  the  aerodynamic  heating  will  be  lower  at  a  given 
velocity.  Note  however  that  despite  the  decrease  in 
heat  flux  one  can  have  an  increased  heat  load  due  to 
the  increase  in  flight  time. 

3  Planetary  Scientific  explo¬ 
ration  Probes 

3.1  Introduction 

ESA  and  NASA  are  launching  three  planetary  mis¬ 
sions  involving  entries  with  very  different  atmo¬ 
spheric  conditions:  HUYGENS,  to  Saturn’s  satellite 
Titan,  ROSETTA,  to  a  comet  and  back  to  earth,  and 
MARSNET,  to  the  planet  Mars.  Below  these  three 
missions  will  be  presented,  as  well  as  their  aerody¬ 
namic  characteristics,  and  some  of  the  aerothermo- 
chemical  data  related  to  them.  Typical  entry  trajec¬ 
tories  are  presented.  Table  1  shows  the  Titan,  Mars 
and  Earth  properties,  (reference  17). 

The  impact  of  aerothermo dynamics  on  the  design 
and  the  feasibility  of  these  vehicles  is  briefly  acknowl¬ 
edged.  The  aerodynamic  issues  identified  for  these 
projects  are  listed. 

The  European  Space  Agency  (ESA)  is  currently 
studying  three  scientific  probes  for  planetary  mis¬ 
sions,  reference  4,  in  conjunction  with  the  National 
Aeronautic  and  Space  Administration  (NASA).  For 
the  three  missions,  NASA  will  provide  the  European 
probes  with  a  launcher,  a  carrier  and  communica¬ 
tions  through  their  Deep  Space  Network  (DSN).  The 


1-3 


aerodynamic  shape  of  the  three  probes  is  very  simi¬ 
lar,  based  on  a  60®  sphere-cone  for  their  front  heat- 
shield.  This  choice  represents  a  trade-off  between 
the  drag  and  the  stability  of  the  vehicle,  but  is  also 
supported  by  the  availability  of  a  large  aerodynamic 
database.  These  three  probes  involve  ballistic  atmo¬ 
spheric  entries  with  very  different  conditions.  For 
manned  missions,  conservative  designs  are  adopted. 
For  robotic  missions,  the  low  cost  -  low  mass  ap¬ 
proach  requires  an  accurate  design,  with  small  mar¬ 
gins  and  a  somewhat  higher  risk.  A  very  good  knowl¬ 
edge  of  the  entry  environment  is  needed  to  fullfill 
these  requirements. 


3,2  Huygens 

3.2.1  Description  of  the  mission 

HUYGENS  is  a  probe  designed  to  perform  measure¬ 
ments  in  the  atmosphere  of  Saturn’s  giant  moon  Ti¬ 
tan. (reference  5). 

The  prime  contractor  for  its  construction  is 
AEROSPATIALE. 

Titan’s  cold  atmosphere  is  believed  to  have  been 
preserved  in  conditions  immediately  prior  to  life  ap¬ 
pearance.  HUYGENS’  launch  is  scheduled  in  1997. 
The  capsule  will  fly  attached  to  Saturn’s  orbiter 
CASSINI.  After  9  years  of  interplanetary  cruise,  the 
composite  CASSINI-HUYGENS  is  inserted  in  Sat¬ 
urn  orbit,  and  HUYGENS  is  ejected,  approaches  Ti¬ 
tan  and  enters  its  thick  atmosphere  22  days  later. 
The  Cassini  orbiter  relays  the  communications  be¬ 
tween  HUYGENS  and  the  earth. 

During  the  hypersonic  phase  of  its  atmospheric  en¬ 
try,  the  probe  is  protected  by  a  sphere-cone  shaped 
front  heat  shield,  and  a  back-cover.  When  a  low  su¬ 
personic  Mach  number  is  reached,  the  back  part  of 
the  heat-shield  is  jettisoned,  a  pilot  chute  is  opened 
and  finally  a  large  parachute  is  deployed,  to  stabilize 
the  vehicle  during  the  transonic  phase  and  to  brake 
more  efficiently  as  seen  in  figure  8.  The  front  part 
of  the  heat  shield  is  then  jettisoned,  to  allow  the  de¬ 
ployment  of  the  scientific  instruments  analysing  the 
atmosphere  and  the  planet.  The  power  supply  is  only 
sufficient  for  a  descent  time  of  less  than  three  hours. 
Besides,  the  orbiter  is  also  available  for  communi¬ 
cations  only  during  a  limited  time.  The  minimum 
descent  time  required  to  perform  the  scientific  mea¬ 
surements  is  two  and  a  half  hours.  In  order  to  achieve 
this,  the  parachute  is  jettisoned  at  an  altitude  of  the 
order  of  50  km,  and  the  last  part  of  the  descent  is 
free-fall. 

When  the  probe  touches  the  ground,  it  has  accom¬ 
plished  its  nominal  mission.  If  the  probe  survives  the 
impact,  it  might  continue  to  transmit  measurements 
of  the  ground  structure  for  a  few  minutes. 


3.2.2  Characteristics  of  probe’s  entry 

Titan  is  a  planet  sized  satellite  of  Saturn.  Its  surface 
radius  is  2575  km.  Its  mass  is  1.346  10^^  kg,  and 
the  corresponding  gravitational  constant  is  GM  = 
8.976  The  atmospheric  composition  of 

Titan  is  not  well  known.  It  is  believed  to  contain 
0-20%  Argon  (Ar),  0-4%  methane  {CH4)  and  76- 
100%  Nitrogen  (N2)  (mole  fractions).  The  winds  are 
unknown,  but  represent  a  potential  danger  for  the 
probe  stability.  Its  topography  is  presumably  known 
within  ±  2  km. 

A  nominal  atmospheric  profile,  constructed  from 
VOYAGER  measurements,  is  plotted  in  figure  9  in¬ 
cluding  the  associated  uncertainties.  Titan’s  atmo¬ 
sphere  extends  to  more  than  1200  km,  and  its  surface 
pressure  is  higher  than  the  Earth’s  one. 

The  diameter  of  the  probe  is  now  2.7  m,  and  the 
mass  around  300  kg.  The  heat  shield  is  made  of 
an  ablative  material.  No  significant  ablation  is  ex¬ 
pected,  but  a  moderate  degasing  should  occur  during 
Titan’s  entry,  accompanied  with  some  mass  loss. 

The  probe  is  releeised  from  the  orbiter  with  a  spin 
of  approximately  5  rotations  per  minute,  and  keeps 
some  of  it  during  the  hypersonic  entry.  Typical  en¬ 
try  conditions  are  given  in  table  2.  A  corresponding 
trajectory  is  shown  in  figure  10.  The  convective  and 
radiative  heatfluxes  are  those  given  by  crude  engi¬ 
neering  correlations.  The  Mach  number  is  computed 
with  a  specific  heat  ratio  value  of  1.4  probably  differ¬ 
ent  from  the  real  one,  which  depends  on  the  atmo¬ 
spheric  composition.  The  bump  on  the  Mach  curve 
correspond  to  the  temperature  drop  around  750  km. 

3.2.3  Aerothermodynamics 

The  accurate  prediction  of  peak  and  time-integrated 
heat  fluxes  is  important  for  the  selection  and  siz¬ 
ing  of  the  Thermal  Protection  System  (TPS)  ma¬ 
terial.  Engineering  correlations  have  shown  to  be 
completely  wrong  for  the  radiative  flux  predictions. 
Equilibrium  flow  calculations  seem  to  overpredict 
convective  heat-fluxes,  but  underpredict  the  radia¬ 
tive  fluxes,  since  they  underestimate  the  formation 
of  highly  emissive  products  like  CN  molecules.  The 
design  of  the  heat-shield  requires  the  use  and  devel¬ 
opment  of  highly  sophisticated  numerical  tools,  and 
the  construction  of  adequate  databases,  for  the  aero¬ 
dynamic  properties  of  the  probe  and  for  the  plasma 
chemical,  radiative,  thermodynamic  and  transport 
properties. 

The  aerodynamic  design  of  the  probe  relies  heavily 
on  early  work  performed  on  Titan  entry  for  other 
entry  conditions  as  shown  in  reference  6,  7  and  8 
and  on  the  properties  of  its  atmospheric  components, 
(reference  9). 

A  more  recent  experimental  study  on  nonequilib¬ 
rium  radiation  from  Park  (reference  10)  provides  also 
an  important  element  for  the  non-equilibrium  ra- 
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diation  predictions.  Non-equilibrium  Navier-Stokes 
calculations  are  difficult  because  of  the  stiffness 
and  complexity  of  the  reactions  of  decomposition  of 
methane  ,  but  they  are  necessary  not  only  for  the 
heat  flux  assessment,  hut  also  to  predict  pollutants 
harmful  to  on-board  scientific  instruments. 

The  prediction  of  the  plasma  flow  must  be  per¬ 
formed  around  the  whole  probe  .  The  back  cover  has 
also  a  significant  mass  impact.  Again,  purely  empir¬ 
ical  correlations  are  not  sufficient  at  this  stage  of  the 
project,  and  experimental  verification  is  impossible. 

In  the  hypersonic  regime,  the  formation  of  small 
amounts  of  C A  induces  a  more  severe  heat  flux  dis¬ 
tribution  because  of  a  major  non-equilibrium  radia¬ 
tion  contribution.  This  radiation  is  highly  dependent 
on  the  CN  electronic  temperature,  and  on  the  degree 
of  ionization  of  the  flow.  Results  of  nonequilibrium 
viscous  flow  calculations  are  reported  in  figure  11. 

An  accurate  description  of  the  flow  field  is  neces¬ 
sary  for  the  determination  of  heat  fluxes,  and  these 
fluxes  have  a  direct  impact  on  the  selection  of  the  ma¬ 
terial  for  the  thermal  protection  system.  The  flight 
conditions  are  such  that  it  is  necessary  to  rely  on  a 
computational  assessment  of  the  heat  flux  distribu¬ 
tion,  associated  with  a  sound  margin  evaluation  and 
an  adequate  experimental  qualification.  The  non¬ 
equilibrium  radiative  heat-fluxes  are  several  times 
higher  than  their  equilibrium  counterparts. 

3.3  MARSNET 

3.3.1  Description  of  the  mission 

In  2001  or  2003,  ESA  will  launch  a  cluster  of  three 
scientific  exploration  stations  to  Mars.(  reference  12 
and  13  ). 

NASA  will  provide  a  Delta  2  class  launcher,  and 
carriers  as  well  as  Deep  Space  Network  support.  The 
MARSNET  probes  will  form  a  network  of  robotic 
mini-probes  on  Mars  surface. 

They  will  study  the  atmosphere  of  Mars,  its  sur¬ 
face  and  its  internal  structure.  Their  observations 
will  he  completed  by  the  informations  from  the  fu¬ 
ture  NASA’s  MESUR  Martian  probe  network.  Their 
nominal  operation  will  last  two  years  (one  martian 
year)  in  a  very  harsh  climatic  environment.  The  ma¬ 
jor  design  drivers  are  the  cost,  the  mass  and  the  vol¬ 
ume  of  the  probes. 

3.3.2  Characteristics  of  probes’  entry 

The  feasibility  of  the  probes  is  still  being  investi¬ 
gated,  and  their  final  shapes  have  not  been  decided 
yet.  The  choice  of  fitting  3-4  probes  in  a  Delta-2  class 
fairing  restricts  their  diameter  to  a  maximum  of  2m 
and  their  mass  to  120  kg.  The  material  used  for  the 
TPS  could  be  the  same  as  HUYGENS’  one,  or  a  hot 
structure  solution  could  be  retained  (C-SiC  or  C-C). 
The  Martian  atmosphere  is  very  thin  (120  km),  and 


at  a  low  pressure,  the  ground  pressure  being  typically 
around  700  Pa.  The  table  3  summarizes  the  entry 
conditions  for  VIKING,  MESUR  and  Marsnet.  It 
appears  that  MARSNET  will  face  more  severe  heat 
fluxes. 

Mars  atmospheric  pressure  experiences  large  vari¬ 
ations.  A  typical  entry  is  represented  in  figure  12. 
Notice  that  most  of  the  heat  flux  found  by  engineer¬ 
ing  correlations  is  due  to  convection.  The  aerody¬ 
namic  coefficients  of  VIKING  have  shown  to  be  very 
sensitive  to  real  gas  effects.  The  Marsnet  trajectory 
predictions  need  to  account  for  it. 


3.3.3  Aerothermodynamics 

The  peak  heat  fluxes  are  expected  of  the  same  order 
of  magnitude  as  for  the  HUYGENS  capsule.  The 
shock  layer  around  MARSNET  will  be  at  a  temper¬ 
ature  above  7000  K  at  peak  heat  flux  altitude.  The 
existing  thermo  chemical  database  comes  essentially 
from  the  VIKING  tests;  it  needs  to  be  updated  and 
extended  to  higher  temperatures.  The  vibrational 
relaxation  of  polyatomic  molecules  at  very  high  tem¬ 
peratures  needs  to  be  better  understood  and  in¬ 
cluded  in  existing  codes.  The  catalytic  effects  of  the 
thermal  protection  materials  also  need  to  be  investi¬ 
gated  as  well  as  their  characterisation  in  the  Martian 
atmosphere.  The  base  flow  prediction  is  also  an  im¬ 
portant  aerodynamic  issue  because  of  potential  hot 
spots  on  the  protuberant  back  cover  of  the  martian 
probe. 

The  presence  of  dust  in  regions  of  Mars  atmo¬ 
sphere  where  the  probe  might  have  a  high  velocity 
can  lead  to  some  heatshield  erosion,  and  experimen¬ 
tal  background  for  the  future  space  exploration  mis¬ 
sions. 

3.4  ROSETTA 

3.4.1  Description  of  the  mission 

In  the  first  years  of  the  2U*  century,  the  ROSETTA 
capsule  will  be  launched.  Six  years  later,  the  probe 
will  land  on  a  comet,  and  would  have  returned  to 
Earth  with  some  20  kg  samples  of  the  comet’s  nu¬ 
cleus.  However,  recently  it  was  proposed  to  cancel 
the  return  mission  and  to  transfer  the  data  back  to 
Earth  by  telemetry.  The  return  to  Earth  was  planned 
to  take  more  than  five  years.  The  most  important 
part  of  the  capsule’s  mission  was  to  bring  back  the 
samples  in  pristine  conditions.  To  achieve  that,  the 
probe  should  not  be  subject  to  decelerations  above 
50  g.  The  heat  flux  and  heat  soak  should  be  mini¬ 
mum,  and  the  landing  dispersion  should  be  moder¬ 
ate. 
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3.4.2  Cheiracteristics  of  probe’s  entry 

The  probe’s  shape  is  similar  to  Apollo’s  shape,  but  no 
trim  angle  is  planned.  A  ballistic  non-lifting  trajec¬ 
tory  was  chosen.  The  probe’s  velocity  during  entry 
would  have  been  around  16  km/ s  and  is  significantly 
higher  than  the  maximum  earth  entry  velocity  ever 
experienced,  namely  Apollo’s  11  km/s.  At  this  stage 
of  the  study,  an  entry  angle  just  a  little  steeper  than 
the  skip-out  angle  was  retained  to  reduce  the  peak 
flux  and  deceleration  (table  2).  Even  so,  very  severe 
fluxes  were  expected  during  the  hypersonic  part  of 
its  trajectory,  around  30  MWm~^,  the  major  con¬ 
tribution  being  the  radiative  one.  A  strong  ionization 
should  be  present.  A  typical  trajectory  is  plotted  in 
figure  13.  These  levels  of  heat  flux  usually  require 
ablative  thermal  protections.  The  expected  mass  of 
the  probe  is  approximately  300  kg. 

3.4.3  Aerothermodynamics 

Typically,  some  shock  layer  temperatures  may  be 
well  above  30000  K.  The  plasma  properties  at  such 
high  temperatures  are  rather  uncertain.  Similarly, 
reaction  rates  for  such  high  temperatures  are  not 
available,  and  old  chemical  models  such  as  Dunn  and 
Kang  (  reference  11  )  are  used. 

For  these  high  temperatures,  the  validity  of  the 
Navier-Stokes  equations  could  be  questionned.  Ad¬ 
ditional  processes  probably  need  to  be  accounted  for; 
at  least  the  coupling  of  radiation  with  the  flow  field, 
and  the  ablation,  and  possibly  electromagnetic  ef¬ 
fects.  Here  again,  like  for  HUYGENS,  the  radiative 
heat  flux  will  be  the  major  heat  exchange  process, 
and  ablative  processes  will  have  to  be  accounted  for 
in  the  heat  flux  predictions. 

3.5  Scientific  mission  key  issues  sum¬ 
mary 

Basic  and  practical  problems  remain  to  be  solved  and 
they  require  improvements  for  the  experimental  as 
well  as  the  numerical  tools.  Better  knowledge  of  ba¬ 
sic  physical  processes  are  required  especially  for  the 
planetary  gases.  In  particular  transport  and  ther¬ 
modynamic  properties,  reaction  rates  and  radiative 
properties  need  to  be  investigated. 

A  proposed  real  gas  validation  methodology  is 
shown  in  figure  14.  The  thermodynamic  coefficients, 
transport  properties  ,  radiation  properties  and  chem¬ 
ical  kinetics  need  to  be  reassessed  using  modern 
shock  tubes  combined  with  the  latest  nonintrusive 
measurement  techniques.  Because  most  of  the  ex¬ 
isting  data  are  comming  from  older  shock  tube  ex¬ 
periments  where  the  relaxation  processes  behind  a 
moving  normal  shock  was  measured;  it  is  believed 
that  new  shock  tube  experiments  combined  with  the 
latest  nonintrusive  measurement  techniques  are  re¬ 
quired  to  reasses  these  reaction  rates  and  thermo¬ 


dynamic  properties.  Moreover  the  validation  of  the 
above  coefficients  need  also  to  be  done  for  expanding 
flow  fields.  There  is  an  urgent  need  to  standardize 
the  chemical  -  and  vibrational  reaction  rates  for  air 
and  other  gases  such  as  CO2  for  specific  classes  of 
high  enthalpy  flows  e.g.  flows  encountered  in  shock 
tubes  or  hot  shots  which  do  not  necessary  require 
the  modelization  of  ions.  Standardization  of  reac¬ 
tion  rates  will  also  take  away  a  source  of  discrepan¬ 
cies  when  performing  code  to  code  comparisons. 

In  addition  there  is  an  urgent  need  to  improve  our 
understanding  of  the  reaction  mechanisms  associated 
with  gas  surface  interactions  such  as  catalysis  and 
ablation.  These  fundamental  experiments  could  be 
performed  in  arc  jets  or  in  more  clean  environments 
such  as  solar  furnices  or  induction  heated  facilities  or 
plasmatrons.  Finally  figure  15  provides  a  summary 
of  the  key  issues  related  to  the  above  described  sci¬ 
entific  missions  including  the  latest  Mercury  orbiter 
Venus  probe. 

4  Earth  Reentry  capsules 

4.1  Introduction 

There  were  a  lot  of  Earth  reentry  flights  performed 
in  USA  and  Russia  during  the  development  of  the 
Apollo  and  Soyuz  capsules.  It  is  not  the  purpose 
to  review  all  flight  experiments  and  programms  but 
we  will  only  review  some  of  the  recent  flight  exper¬ 
iments  as  well  as  describe  the  most  recent  capsule 
programms. 

•  The  Japanese  OREX  flight  programm. 

•  The  ESA  Atmospheric  Reentry  Flight  Demon- 
startor  (  ARD). 

•  The  ESA  Crew  Transport  Vehicle  studies  (  CTV 
)  which  at  present  are  just  system  studies  where 
different  concepts  such  as  the  Bent  biconic  or 
the  Viking  type  configuration  is  being  studied. 

•  The  German  Bremsat  which  was  launched  by 
the  Shuttle  STS  60  for  the  purpose  of  performing 
low  density  experiments  to  explore  flow  phenom¬ 
ena  and  to  validate  flow  models  and  numerical 
models. 

•  The  Express  capsule  which  was  launched  in  Jan- 
uari  1995  with  the  purpose  of  acquiring  low  den¬ 
sity  as  well  as  high  enthalpy  data  in  the  contin¬ 
uum  regime;  unfortunately  the  flight  experiment 
failed. 

•  The  Mirka  study  performed  by  Germany. 

•  Additional  studies  were  performed  such  as  the 
CARIANE  study  by  ONES  France,  the  CA¬ 
RINA  capsule  programme  by  the  Italian  Space 
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agency,  the  LARVE  programme  by  The  Nether¬ 
lands,  The  Cobra  studies  by  the  germans;  which 
will  not  be  adressed  further  here. 

•  Finally  in  view  of  its  importance  some  Apollo 
lessons  learned  will  be  addressed. 

4.2  Orex 

On  4  feb.  1994,  the  Orbital  reentry  experiment,  ( 
OREX)  took  place.  OREX  was  launched  by  the  first 
Japanese  H2  launcher.  Because  this  is  a  very  recent 
flight,  some  of  the  experimental  results  will  be  shown 
as  depicted  from  reference  13. 

Figure  16  and  17  show  the  location  and  the  spec¬ 
ification  of  the  measurement  plan.  Figure  18  shows 
the  sequents  of  events.  Note  the  earlier  detection  of 
the  blackout  in  flight  as  compared  to  the  preflight 
estimation.  Figure  19  gives  the  breakdown  of  the 
downrange  error  : 

•  38  Km  due  to  error  caused  by  orbiter  injection, 

•  47  Km  due  to  error  caused  by  deorbit  burn  out 

•  and  the  remaining  30  Km  due  to  the  environ¬ 
mental  errors  during  reentry  flight. 

Finally  figure  20  and  21  show  some  examples  of 
the  data  which  were  taken  during  flight.  It  can  be 
concluded  that  the  OREX  flight  was  successfully  con¬ 
ducted. 

4.3  ARD 

The  ARD  vehicle  is  based  on  the  Apollo  shape,  fig¬ 
ure  22,  with  an  external  diameter  of  2.8  m  and  a 
maximum  mass  of  2.8  tons.  (  reference  14  ). 

It  will  be  launched  by  the  second  ARIANE  5  flight 
as  a  passenger  in  april  1996.  The  mission  performed 
by  the  vehicle  after  launch  is  a  suborbital  ballistic 
flight  followed  by  a  guided  lifting  reentry  ending  with 
the  final  phase  of  deceleration  under  parachutes  and 
the  splach  down  in  the  Pacific  ocean  where  the  ve¬ 
hicle  shall  be  recovered  as  seen  in  figure  23.  The 
heat  shield  is  made  of  93  tiles  in  ”  Aleastrasil”  ,  a 
compound  of  silica  randomly  oriented  short  fibers, 
impregnated  with  phenolic  resin.  The  conical  part 
and  back  cover  are  fitted  with  ”  Nor  coat  -  Liege  ” 
tiles.  The  RCS  system  will  ensure  the  ARD  attitude 
and  control  during  the  ballistic  and  guided  reentry 
phases.  It  is  derived  from  the  ARIANE  SCA  noz¬ 
zles  (  systeme  de  control  attitude).  Figure  24  shows 
the  parachute  sequence.  Figure  25  the  ARD  mea¬ 
surement  plan.  The  flight  conditions  will  be  derived 
from  redundant  sources  of  informations  : 

•  reconstruction  of  flight  trajectory  with  inertial 
measuring  unit; 

•  radar  traking 


•  atmospheric  characterization  with  lidar,  bal¬ 
loons  and  rockets(  if  available), 

•  pressure  measurement  on  the  heat  shield, 

•  total  angle  of  attack. 

The  aerodynamic  coefficients  will  be  derived  from 
the  accelerometers  and  the  RCS  activation  plan  will 
be  such  as  to  identify  RCS  efficiencies  as  well  as 
alfa  derivatives  of  the  aerodynamic  coefficient  and 
dynamic  stability  parameter  Cmq 

Figure  26  show  the  measurememt  locations.  In 
addition  black  out  measurements  will  be  performed. 
Figure  27  and  28  show  respectively  the  wall  stream¬ 
lines  and  the  pressure  contours  illustrating  the  com¬ 
plex  structures  of  the  separated  flow  on  lee  side  and 
at  base  of  the  capsule. 

The  ARD  programme  will  provide  a  set  of  usefull 
data  for  the  qualification  of  the  European  design, 
prediction  and  development  tools. 

4.4  Express,  Bremsat  and  Mirka 

The  simulation  of  free  molecular  and  transitional  ef¬ 
fects  in  windtunnels  is  not  possible  due  to  the  limi¬ 
tations  in  speed  and  size  of  present  day  low  density 
facilities. 

Free  flight  experiments  such  as  the  Bremsat  and 
the  Express  are  therefore  of  major  importance  for 
the  evaluation  of  low  density  effects. 

Figure  29  shows  the  Bremsat  dimensions  ,  flight 
conditions  ,  experiments  and  equipement.  (reference 
15). 

Two  types  of  experiments  will  be  performed  : 

•  First  the  gas  surface  interaction  experiment 
where  the  accomodation  coefficients  will  be  de¬ 
duced  from  the  panel  tangential  and  normal 
forces;  the  density  being  measured  with  free 
molecular  ideal  orifice  probes  and  flow  incidence 
angle  derived  from  the  periodicity  of  the  balance 
signal  output. 

•  Second  the  rarefied  flow  experiment  which  will 
be  performed  in  the  transitional  flow  regime. 
Free  molecular  sensors  ,  which  are  mounted  on 
forward  facing  probe  holders  will  measure  the 
molecular  particle  flux  and  kinetic  heat  flux  100 
mm  in  front  of  the  nose  cap.  Sensors  of  the 
same  geometry,  which  are  mounted  in  the  satel¬ 
lite  nose  cap,  will  measure  the  corresponding 
quantities  on  the  surface.  The  surface  fluxes 
will  be  strongly  influenced  by  the  evolution  of 
the  collision  dominated  rarefied  flow  in  front  of 
the  satellite. 

The  evaluation  of  the  two  types  of  measurements, 
i.e.  one  in  the  undisturbed  free  stream  and  one  in 
the  flow  field  of  the  nose  will  give  a  clear  indication  of 
the  first  collisional  processes.  They  can  be  a  valuable 
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basis  for  the  validation  of  Monte  Carlo  methods  at 
true  orbital  flight  conditions. 

Figure  30  shows  the  Express  entry  capsule  and  ob¬ 
jectives.  Dynamic  pressure  probes  in  the  nose  in  or¬ 
der  to  measure  free  stream  quantities  and  combined 
flux  probes  on  the  flare  are  mounted  so  as  to  deduce 
surface  pressure,  surface  partical  flux,  heat  flux  and 
slip  velocity. 

Finally  figure  31  shows  the  German  reentry  cap¬ 
sule  Mirka  which  is  a  1  m  sfere  to  be  launched  in 
1996,  to  test  new  nonablative  heat  shield  material 
and  structure.  Figure  32  shows  the  mirka  trajectory 
in  the  HEG  binary  scaling  versus  speed  envelop. 
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4.5  Apollo 

It  is  considered  appropriate  to  include  here  some 
information  on  the  Apollo  because  of  the  ongoing 
European  capsule  technology  programme  and  be¬ 
cause  of  the  many  capsule  programms  which  uses 
the  Apollo  aerodynamic  data  base. 

We  will  stress  here  only  the  influence  of  the  real 
gas  effects  on  the  trim  pitching  moment.  Figure  33 
shows  the  Apollo  command  module  trim  error  and 
comparison  with  the  Space  Shuttle.  Hassan  et  al  ( 
reference  16  )  simulated  the  Apollo  at  flight  condi¬ 
tions  and  in  windtunnel  conditions.  Figure  34  shows 
nonequilibrium  Navier  Stokes  computations  using  a 
5  species  air  model  and  it  can  be  deduced  that  the 
trim  angle  shift  is  due  to  the  chemical  reactions. 

Because  of  the  available  data  base  a  technology 
programme  was  started  in  Europe  using  the  Apollo 
as  a  reference  shape  and  in  support  to  the  above  de¬ 
scribed  ARD  project.  Experiments  in  low  and  high 
enthalpy  facilities  are  planned  in  this  ”  capsule  tech¬ 
nology  programme  ”  for  the  study  of  the  influence  of 
real  gas  and  viscous  interaction  effects  on  the  L/D. 
In  addition  critical  issues  such  as  RCS  interaction, 
dynamic  derivatives,  base  flow  sting  support  inter¬ 
ference,  radiation,  blackout  and  ablation  are  being 
addressed. 


5  CONCLUSION 

The  present  first  session  of  this  course  addressed 
the  planetary  probe  entry’s  for  the  Huygens,  the 
Marsnet,  and  the  Rosetta  missions  and  reviewed 
some  of  the  recent  Earth  reentry  capsule  pro¬ 
grammes.  Because  of  the  renewed  interest  this  course 
was  organized  to  stimulate  research  for  young  engi¬ 
neers  as  well  as  to  update  expertize  for  more  experi¬ 
enced  engineers.  In  the  following  sessions  first  some 
fundamentals  will  be  reviewed  followed  by  critical 
capsule  related  items  and  finally  some  lessons  learned 
wil  close  this  course  .  It  is  hoped  that  the  objectives 
of  the  course  will  be  met. 
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Table  1:  Titan/Mars/Earth  properties 


Titan 

Mars 

Earth 

equatorial  radius  (km): 

2575 

3397 

6378 

rotation  period: 

15.9  days 

24/i  39mn 

24/i 

mass  (kg): 

1.35  10^^ 

6.42  10'-^^ 

5.97  10-'“ 

GM  km^  s-'^ 

8978 

42840 

398378 

atmospheric  composition  expressed  in  mole  fractions, 
values  less  than  .001  are  reported  as  0. 

N2 

.80^1. 

.027 

.79 

O2 

0. 

.0013 

.21 

CO2 

0. 

.953 

0. 

Ar 

0.  .20 

.01 

0. 

CHa 

0-^  .04 

0. 

0. 

Table  2:  HUYGENS/MARSNET/ROSETTA  typi¬ 
cal  entry  and  peak  heat  flux  conditions 


probe: 

HUYGENS 

MARSNET 

ROSETTA 

entry  in: 

Titan 

Mars 

Earth 

entry 

altitude  (km): 

1270 

120 

220 

velocity  (m/s): 

6190 

6250  ^  6650 

16000 

angle: 

-Uo 

-IS"  ^  -30" 

-10.5" 

peak 

heat 

flux 

altitude  (km): 

287 

44 

63 

velocity  (m/s) 

5779 

5280 

14300 

pressure  (Pa) 

5.75 

6.53 

15.49 

temperature  (K) 

145 

148 

240.1 

Table  3:  comparison  of  the  different  Mars  entry 
probes 


VIKING 

MESUR 

MARSNET 

cone  angle 

70" 

70" 

60" 

diameter 

3.5  m 

2.5  m 

2.  m 

mass 

1043  kg 

304  kg 

120  kg 

entry  velocity 

5.  fem/s 

7.  km/s 

6.4  km/s 

entry  angle 

-17" 

>  -20" 

>  -30" 

guided  entry 

yes 

no 

no 

Height 


2 


U„(km/s) 

Figure  1;  Four  major  classes  of  hypersonic  space-transport  verhicles,  and  major  aerothermodynamic  effects. 


Figure  2:  Influence  of  L/D  for  different  configura- 


Figure  3:  Landing  region  on  earth 
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Figure  4:  Overview  of  several  verhicle  configuration  and  their  corresponding  lift  to  drag  ratio 


3.0 

2.5 

2.0 

L/D 

1.5 

1.0 

0.5 

0.0 

2.5  5.0  7.5  10.0  1  2.5  1  5.0  1  7.5  20.0  22.5 

W/CpA  (kN/m^) 


Figure  5:  Lift-to-drag  ratios  (L/D)  and  ballistic  coefficients  for  er-entry  configurations. 


Huygens  entry 


1270  km 

aboM  •urfac* 


Figure  8:  Huygens  entry  descent  scenario 


DENSITY  Ig/ctTi^; 


Figure  9:  Titan  atmosphere  characteristics  and  uncertainties. 
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Figure  10:  Huygens  Entry  trajectory 


CASSINI-HUYGENS  PROBE 


N,  mass  fraction  dstribufon  of  spadas  along  stagnation  staamlina 


Figure  11:  Huygens  -  non-equilibrium  Navier-strokes  calculation:  concentrations  along  stagnation 


atlituda 


Figure  12:  MARSNET  Typical  entry  trajectory 


accel. 
Mrtti  g 


altitude 
V  (riV»)  km 


Figure  13:  Rosetta  entry  trajectory 


Figure  14:  Real  gas  validation  methodology 
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Frojeci  Conditions  Key  Issues  and  Studies 

•Huygens; 

•  Titan  entry 

•  6.2  km/sec  radiative  heatflux 

•  N2,  CH4,  Ar  atmosphere 

•Rosetta 

return  from  comet 
16.5  km/sec 

■  eanh  reentry- 

winter  Marsnet 

■  Mars 

'  6.2  km/sec  catalycity,  C02  kinetics 

•  C02,  N2,  Ar  atmosphere 

•Mercury  Orbiter 

•  Probe  into  Venus  atmosphere  ablation/tadiation,  catalycity 

•  15.4  kin/sec  turbulence, 

•  C02,  N2  atmosphere,  high  press,  convective  heat  flux, 

•For  all  missions 

■  dynamic  stability 

■  qualification  methodology 


Figure  15:  Overview  of  scientific  mission  aerodynamic  key  issues  and  challenges 


ablation/radiation 

contamination 


DOWNRANGE  ERROR 

(1)  ERROR  CAUSED  BY  ORBIT  INJECTION  ERROR 

-  3  8  km 

(2)  ERROR  CAUSED  BY  DE-ORBIT  THRUST  ERROR 

-47km 

(3)  ERROR  CAUSED  BY  ENVIRONMENTAL  ERRORS 
DURING  REENTRY  FLIGHT 

-30k  m 

TOTAL 

-  1 1 6  km 

Figure  19 :  Evaluation  of  downrange  error 


Figure  20  ^  C-C  nose  cap  rear  surface  temperature  at  stagnation  point 


Time  from  Reentry  (sec) 


Fig.-14  Gap  Heating  Effect  on  Ceramic  Tile 


Figure  21 :  Gap  heating  effect  on  ceramic  tiles 


Contents  of  measurement 

Mearts  of  Measurement 

number 

Altitude  Range 

data  range 

Data  Acuuracy 

(km) 

Basic  Aertxt/namic  and  Aerothamiodynamlc  Data 

during  Reentry 

•  Body  Surface  Temperature  &  Pressure 

Thermocouple 

9 

120  -40 

0  -  1600  C 

3%  FS 

Middle  Altitude  Pressure  Sensor 

1 

85  -40 

0  -  0. 1  atm 

0.  01  atm 

•  Temperature  tor  Recombination  Heating  Measurement 

Recombination  Heating  Sensor.  T/C 

3 

120  -40 

0  -  1700  C 

2.5%  FS 

•  micro-G  acceleration  and  wall  pressure  In  rarefied  flow 

Micro-G  Accelerometer. 

1 

120  -85 

0  -1.28  G 

0.7%  FS 

High  Altitude  Pressure  Sensor 

1 

120  -75 

lO"  -  10  Ton- 

1.9%  FS 

Basic  Data  to  Evaluate  Thermal  Structures 

•  Temperature  at  varies  points 

Thermocouples  and  resistance 

15 

120  -  0 

0-700  C 

3%  FS 

thermometers 

15 

0-700  C 

3%  FS 

•  Temperatures  in  Ablator 

Thermocouples  in  3  depths 

3 

120  -40 

0  -  1400  C 

I.  8%  FS 

Basic  Data  for  Communication  Blackout 

•  Received  RF  Intensiry  Measurement 

Antenna  at  3  stations  near  impact  pt. 

- 

- 

- 

•  Bectron  number  density  measurement  In  boundary  ly. 

Bectro-static  Probe,  currents 

5 

120  -80 

10'  -  10"  /cc 

3.  1%  .FS 

Thermocouple  Probe,  temperatures 

3 

120  -80 

0  -  1700  C 

1.7%  FS 

Navigation  Data  by  GPSR  in  orbit  and  reentry 

GPS  receiver  system 

I 

- 

Figure  17:  Spicification  of  the  measurement  system 


EVENT 

PLANNED  (SEC) 

FLIGHT  (SEC) 

SEPARATION  FROM  H-ll 

832.7 

830.8 

START  OF  DEORBIT 

6068.0 

6063.5 

END  OF  DEORBIT 

6365.3 

6348.3 

AOS  AT  CHRISTMAS  IS. 

7320.0 

7290 

AOS  AT  SHIP  STATION 

7340 

7317 

START  OF  BLACKOUT  (80km) 

7439 

7383 

END  OF  BLACKOUT  (50km) 

7516 

7496 

PARACHUTE  DEPLOY 

7630.7 

7614.7 

SPLASH-DOWN 

7986 

7982 

Figure  iig:  OREX  sequents  of  events 
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Figure  22:  The  ARD  vehicle 


Figure  23;  The  ARD  mission  senario 


Measurement 

Quantity 

Remarks 

Thermocouples  TPS 

50 

Thermo-drums: 

-  4  with  5  Tc 

-  11  with  3  Tc 

Thermocouples  TPS 

12  (6x2) 

Fluxmeters 

Thermocouples 

24  (6x4) 

Material  samples 

Thermocouples 

21 

Internal  Structure 

Thermocouples 

14 

RCS  nozzles 

Press,  transducers 

15 

Heat  shield 

Press,  transducers 

13 

Cone/  back  cover 

Press,  transducers 

10 

RCS 

Tri-axial  accelero. 

2(x3) 

Flight  mechanics  (chute 
deployment/  high  altitude 
aerodynamics) 

Accelero./  Gyro. 

6  (2x3) 

Inertial  Measurement  Unit 
(SRI) 

Accelero. 

2 

Vibrations 

Reflectometers 

2(x4) 

Plasma 

Strain  gauges 

5 

Parachute  lines 

Microphone 

1 

Acoustics 

Figure  24:  Parachute  sequence  overview 


Figure  25:  ARD  Measurement  plan 


Figure  26:  ARD  Measurement  location  on 
the  vehicle 


Figure  28:  ARD  G  contours  at  mach  23 


Length:  0.52  m 
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Gas  Surface  Interaction  Experiment 

Spin  ttabilized  1  r«v/min 
Altitud*  h  -  160  -130  km 
Fre*  molecular  flow 


Rarefied  Flow  Experiment 

stabilization  with  flaps 
Altitude  from  120  -  100  km 
Knudsennumbar  Kn  =  5  -  0.5 


Spin  axis 


Test  Panel  tor 
Gas-Surtace  Interaction 
mounted  on 

Normal-Tangential  Force  | 
Balance 


"Thick  shock  layer” 


Figure  29:  BREM-SAT  dimensions,  flight  conditions,  experiments  and  equipment. 


12© 

1©Q 

80 

60 

40 

20 

0 

0  1  2  3  4  5  6  7  8 

v-eiocity  kim/s 

Figure  30:  Entry  trajectory  of  EXPRESS-  SALYXJT-Capsule  and  objectives. 


altitude  km 


Diametet:  0.465  m 
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//'  ■*  ''' Y 

\  //  'A 

O  ! 

/  L  ^  A 

\  ; 

2  y  y 

V  : 

Measurement 

Pilot  probe 

dynamic  pressure 

1 ,2,3  combined  probes 

particle  flux 
heat  flux 
pressure 

1  '-2+3  also  freestream  incidence 

The  German  Re-Entry  Capsule  MIRKA, 

MIRKA  =  Mikro  Riickkehr-Kapsel, 

Georrretry;  Sphere  with  D  =  1m 

Surface:  C-SiC  (nonablativ) 

Stabilization  during  reentry:  C-G-offset 

Task  of  Mission:  Test  of  new  nonablative  heat  shield  structure. 

Launch  and  orbital  data: 

Piggyback  with  Russian  Photon  in  1996 
Orbit:  400/250  km 
Orbital  phase:  14-16  days. 

Ballistic  coflicient:  B  =  200  kg/m  ^  2 

Experiments  during  reentry: 

Airdata  system  (HTG) 

Surface  pressures  and  heatflux  (HTG) 

Accelerometers  (KT) 

Temperature  distribution  in  heat  shield  (Dornier,  TU-Stuttgart) 
Pyrometer  ( TU  Stutgart) 

Capsule-Team: 

DASA-Jena  Optronic,  DASA-Dornier 


Figure  31:  The  MIRKA  capsule  project. 
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Figure  32:  MIRKA  re-entry  comparison  with  HEG  performance 
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U.S.  Space  Shuttle 


Figure  33:  Apollo  command  module  trim  Cm  Error  and  comparison  with  Space  Shuttle 


Apollo  Command  Module  Aerodynamics - 

•  Hassan  et  al.  simulated  the  Apollo  Command  Module  at  flight 
(8.1km/s)  and  wind  tunnel  conditions 

o  5-species  air  model,  latest  thermo-chemical  models 
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Data 

Perfect 
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Data 
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L/D 
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-0.32 
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-0.001 
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-0.012 
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•  Shows  that  the  trim  angle  shift  is  due  to  chemical  reactions 

Figure  34:  Apollo  command  module  simu  lation  at  flight  and  windtunnel  conditions 
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PLANETARY  ATMOSPHERES,  BASIC  THERMODYNAMICS  AND  REGIMES 

Arthur  Smith 

Fluid  Gravity  Engineering  Ltd 
Chiltlee  Manor 
Liphook,  Hampshire 
GU307AZ,  UK 


SUMMARY 

In  Sessions  2  to  4  we  shall  revue  some  of  the  basic 
phenomena  relevant  to  capsule  aerothermodynainics  prior 
to  the  more  detailed  Sessions  later  in  the  course.  Much  of 
the  material  in  these  first  Sessions  is  undergraduate 
material  and  refers  to  simple  methods  in  order  to  introduce 
the  student  to  the  subject  with  the  emphasis  on 
understanding  the  phenomena  rather  than  a  briefing  on 
state  of  the  art  techniques.  However  understanding 
aerothermodynamics  requires  understanding  of  basic 
mathematics,  physios  and  chemistry  which  is  assumed  for 
this  course. 

A  short  list  of  references  is  given  to  each  section  which  has 
deliberately  been  kept  small  such  that  the  student  should 
aim  to  read  all  of  these  in  detail.  Some  of  the  classic 
works  have  been  included  which  although  early  give  good 
detailed  explanations  of  the  subject  phenomena. 

Session  2  Begins  with  the  atmosphere  structure  followed 
by  some  basic  thermodynamics  used  in 
aerothermodynamics,  and  ends  with  a  revue  of  the 
classical  aerodynamic  and  aerothermal  regimes 
encountered  by  a  capsule  during  entry. 

2.1  ATMOSPHERE  MODELS 

Prior  to  any  mission  involving  an  entry  into  the  atmosphere 
sufficient  detail  must  be  known  or  estimated  in  order  to 
construct  an  engineering  model  of  the  atmosphere.  The 
model  must  take  account  of  the  extremes  of  conditions 
likely  to  be  encountered  since  this  will  effect  the  entry 
vehicle  performance  considerably.  Even  the  atmosphere  of 
Earth  has  large  variability  and  many  unknowns  particularly 
in  the  upper  atmosphere.  The  derivation  of  a  model 
atmosphere  is  the  first  step  leading  to  the  engineering 
models  which  contain  the  extreme  variability. 

2.1.1  Exponential  Model  Derivation 

Using  the  buoyancy  equation 
dpidh  =  -pg 

and  the  perfect  gas  equation  of  state  {  p  =  nkT  )  an 
integration  can  be  performed  to  determine  the  atmospheric 
profile.  Most  often  the  temperature  varies  with  altitude 
and  so  does  the  molecular  weight  and  thus  a  numerical 
integration  is  required.  The  basic  variation  in  the 
atmosphere  is  thus  derived  as: 

dpip  =  -mgl(kT)  dh 


The  quantity  kT/mg  (=  RT/g)  known  as  the  scale  height 
(H)  of  the  atmosphere  is  therefore  a  particular 
characteristic  of  each  planetary  atmosphere  and  therefore: 

dWH  =  dT/T  -  dg/g 

When  the  molecular  weight  varies  as  in  the  upper 
atmosphere  due  photo-chemistry  effects  and  lower  mixing, 
the  relationship  becomes: 

dH/H  =  dTIT  -  dg/g  -dm/m 

Defining  the  gradient  in  the  scale  height 

B  =  dH/dh 

gives  the  general  equation  the  density  in  the  atmosphere: 
(dp  g)/(pg)  =  (1+B)/B  dH/H 

This  equation  can  only  be  applied  up  to  a  certain  limit 
after  which  the  effect  of  centrifugal  force  must  be 
considered  due  to  rotation  of  the  atmosphere  and  for  the 
light  elements  such  as  helium  and  hydrogen  account  must 
be  taken  of  their  escape  from  the  atmosphere  at  the 
collisionless  limit  (the  exosphere).  This  extension  will  not 
concern  us  at  the  present  time  but  is  an  important 
consideration  for  vehicles  in  low  orbits. 

.Some  simple  approximations  can  be  made  for  the 
comparisons  of  the  planetary  atmospheres  and  the 
derivation  of  engineering  models  of  the  atmospheres  for 
initial  planetary  entry  analysis.  Assuming  constant  scale 
height  (i.e.  constant  temperature  and  constant 
composition)  then  the  well  known  barometric  height 
relationship  is  found: 

p  =  pfl  exp(-h/H) 

Thus  the  scale  height  is  a  measure  of  the  interval  in  which 
the  density  reduces  by  a  factor  of  e 

Accounting  for  the  gravity  field  then 

p  =  po  exp{-rph/(H„(rp+h))) 

Instead  of  assuming  an  isothermal  atmosphere,  with 
varying  gravity  we  may  assume  a  convective  adiabatic 
atmosphere  as  occurs  at  low  levels  then 

(dT/dh)^  =  r  =  -g/Cp 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  “Capsule  Aerothermodynamics”,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 
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and  the  scale  height  becomes: 

H=  RTI(g+RV) 

where  the  temperature  drops  linearly  with  altitude  and  T 
is  the  dry  adiabatic  lapse  rate. 

These  models  are  used  in  differing  layers  of  the 
atmosphere  to  build  up  complete  model  atmospheres. 

The  altitude  bands  for  all  atmospheres  are  typically 
divided  into  several  bands  as  for  Earth  as  follows: 

•  The  troposphere  exists  from  ground  level  where  the 
surface  is  heated  by  radiation  and  decreases  with 
altitude  until  the  tropopause  where  the  temperature 
reaches  a  minimum.  In  the  troposphere  the 
temperature  exhibits  an  almost  constant  lapse  rate 
with  altitude  and  is  in  convective  adiabatic 
equilibrium. 

•  Above  the  tropopause  conductive  equilibrium  occurs 
and  the  temperature  is  nearly  constant  (isothermal). 
This  is  the  stratosphere  but  a  very  gradual  increase  in 
temperature  occurs  until  the  stratopause.  This 
temperature  increase  is  associated  with  solar 
ultraviolet  absorption. 

•  The  third  layer  is  the  mesosphere  and  the  temperature 

gradually  falls  from  the  stratopause  to  the  mesopause. 
Up  to  the  mesopause  the  atmospheric  composition  is 
constant..  This  band  comprises  much  of  the 

atmosphere  used  for  capsule  entry  into  the  Earth’s 
atmosphere  (about  50  to  85km). 

•  The  fourth  layer  is  the  thermosphere  where  the 

temperature  increases  with  altitude.  This  is  caused 
by  Solar  heating  causing  dissociation  and  ionisation, 
and  a  change  in  composition.  Mixing  occurs  by 
diffusion.  The  thermosphere  extends  to  the 

exosphere  which  is  the  collisionless  limit. 

Several  more  regions,  the  ionosphere  and  magnetosphere, 
may  be  defined  but  are  not  of  primary  interest  for  entry 
aerothermodynamics. 

For  an  engineering  model  the  second  and  third  layers  are 
often  considered  as  one  nearly  isothermal  layer. 

These  bands  can  be  clearly  seen  in  figure  2.1  showing  the 
Earth  US  1976  standard  atmosphere  also  with  temperatures 
in  the  Titan  (Hunten-Lelouche  1988)  Venus  (Sieff)  and 
Mars  (Sieff)  atmospheres.  The  latter  two  benefiting  from 
the  results  of  atmosphere  probe  measurements.  Note  the 
data  are  normalised  by  the  scale  height  in  the  stratosphere 
Hs 

In  general  it  is  necessary  to  have  knowledge  of  the 
planetary  constants  of  radius  and  mass  and  rotational 
period  as  well  as  the  total  mass  of  the  atmosphere  (or  the 
conditions  at  any  particular  altitude)  the  atmospheric 
composition  and  Solar  flux.  These  values  are  determined 


by  astronomical  observations  in  the  first  instance  and  are 
later  supplemented  by  observation  spacecraft. 


2.1.2  Variability 


It  is  interesting  to  compare  and  contrast  the  atmospheres  of 
Venus,  Earth,  Mars  and  Titan.  Figure  2.2  shows  the 
density  of  the  nominal  atmospheres  again  normalised  by 
the  scale  height  in  the  stratosphere.  Note  the  similarity  in 
the  slopes. 


Figure  2.2  Atmosphere  Density 

Variations  in  mean  density  for  the  atmospheres  of  Titan 
and  Mars  are  shown  in  figure  2.3.  Whilst  the  variability  in 
the  density  about  the  mean  are  shown  for  Earth  in  figure 
2.4.  (re-drawn  from  the  1966  U,S  atmosphere 
supplements). 

In  general  the  variations  in  density  are  quite  high,  say  plus 
or  minus  20%  of  the  seasonal  mean  for  a  known 
atmosphere,  and  an  order  of  magnitude  for  the  best 
estimates  of  unexplored  atmospheres.  It  is  clear  that  for 
capsule  aerothermodynamic  design  the  limits  of 
atmospheric  variation  must  be  taken  into  account. 


2-3 


2.1.3  Atmospheric  Constituents 

There  are  at  least  eight  bodies  in  our  Solar  system  with 
atmospheres  thick  enough  to  use  for  aerodynamic 
deceleration  of  a  capsule.  These  are  shown  in  table  2.1 
with  approximate  constituents.  The  constituents  of  Earth, 
Mars  and  Venus  are  well  established  from  atmosphere 
probe  missions,  however  there  remain  quite  large 
uncertainties  in  the  models  for  the  other  planets. 
Estimates  of  the  uncertainty  are  important  criteria  for 
aerothermodynamic  design  since  the  chemistry  and 
consequent  radiative  and  convective  heat  fluxes  will 
change  with  different  atmospheric  constituents  as  will  be 
seen  later  in  the  course.  The  estimation  of  constituents  is 
made  from  remote  spectroscopic  measurements  and  from 
geological  time-scale  modelling. 


Figure  2.4  Variation  about  the  mean  seasonal  density  for 
Earth.  (95%  range) 


Planet/ 

moon 

Mass 

(Earth  =  1) 

diameter 

km 

Surface 
gravity 
(Earth  =1) 

Surface 

Pressure 

Atm 

Approximate  Nominal  Atmosphere 

Venus 

0.815 

12104 

0.9 

95.0 

5.3 

96%  C02  4%  N2 

Earth 

1.0 

12756 

1.0 

1.0 

7.1 

78%N2  21%02  1%  At 

Mars 

0.11 

6786 

0.38 

0.0078 

7.6 

97%  C02  3%  N2 

317.8 

142800 

ll%He  89%  H2 

Saturn 

95.2 

120000 

80%He  20%H2 

Titan 

0.023 

5150 

0.138 

0.0015 

38 

87%N2  3%CH4  10%Ar 

Uranus 

14.6 

50800 

15%He  85%H2 

17.2 

48600 

19%He81%H24 

Table  2.1  Some  Characteristics  of  Solar  System  Bodies  with  Atmospheres 


2.2  BASIC  THERMODYNAMICS 

During  atmospheric  entry  the  passage  of  the  very  high 
kinetic  energy  freestream  gases  through  the  normal  and 
oblique  portions  of  the  strong  body  shock  creates  very  high 
temperatures  in  the  shock  layer  between  the  bow  shock 
and  the  body  particularly  close  to  the  stagnation  point. 
Beyond  the  stagnation  region  the  shock  layer  gases  are 
ccwled  by  expansion  processes. 


These  elevated  temperatures  can  result  in  chemical 
reaction  between  the  various  species  in  the  shock  layer  as 
well  as  ionisation  and  dissociation  of  polyatomic  species. 

In  its  simplest  form  a  shock  wave  can  be  considered  as  a 
moving,  stable  front  in  a  fluid,  across  which  the  fluid 
properties  (pressure,  temperature,  density,  etc.)  change 
discontinuously.  In  the  frame  of  the  shock,  gas  flowing 
through  it  will  experience  a  rise  in  pressure  and 
temperature  and  so  its  equilibrium  properties  will  change. 
The  gas  will  attain  this  new  equilibrium  by  energy 
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exchange  through  intermolecular  collisions.  These  require 
a  finite  time  to  tccur  and  in  this  time  the  fluid  has  moved 
a  certain  distance  downstream  of  the  shock.  Hence  there 
will  be  non-equilibrium  region  immediately  behind  the 
shock  front. 

It  is  clear  that  to  understand  the  processes  which  occur 
behind  the  shock  and  in  the  shock  layer  around  an  entry 
capsule  that  some  knowledge  of  the  way  atoms  and 
molecules  interact  and  how  energy  is  transferred.  It  is  not 
possible  to  proceed  very  far  without  introducing  the 
Boltzmann  equation: 

N*j=NQ  ‘  gjexp(-e/kT) 

where  k  is  the  Boltzmann  constant  and  Q  is  the  partition 
function  : 


Q  =  '^Jgj  expi-z/kT) 


For  atoms  or  molecules  of  a  given  species,  quantum 
mechanics  says  that  a  set  of  well  defined  energy  levels  Zj 
exists,  over  which  the  molecules  or  atoms  can  be 
distributed  at  any  given  instant,  and  that  each  energy  level 
has  a  certain  number  of  degenerate  states  gj.  For  a  system 
of  N  molecules  or  atoms  at  a  given  temperature  and 
density  there  are  N*j  atoms  or  molecules  in  each  energy 
level  Zj  when  the  system  is  in  equilibrium. 

The  total  internal  energy  is  the  sum  of  all  the  states  i.e. 

E  =  Y.fijN*j 

2.2.1  Monatomic  gas 

Energy  is  exchanged  via  translational  modes  and  usually 
only  one  or  two  collisions  are  needed  to  raise  a  molecule  to 
its  final  state.  Typical  collision  frequencies  are  about  5  x 
10^  collisions  per  second  and  so  the  shock  front  is 
established  in  10' seconds  over  a  distance  of  a  few  mean- 
free  paths. 

It  is  possible  for  strong  shocks  to  produce  ionisation  of  the 
gas.  However,  the  approach  to  ionisation  is  a  slow 
process  and  takes  place  over  a  measurable  length  scale. 
The  principal  processes  in  the  growth  of  ionisation  are  (a) 
atom-atom  collisions,  (b)  photoionisation  and  (c)  atom- 
electron  collisions.  Initially  (a)  and  (b)  (together  with 
impurity  effects)  are  responsible  for  the  production  of 
electrons.  Once  these  electrons  have  been  produced, 
further  production  depends  on  process  (c)  whilst  the 
electron  gas  gains  energy  via  elastic  collisions  with  atoms 
and  ions.  Because  of  the  relatively  high  ionisation 
potential  of  the  atoms  (usually  >  10  eV)  only  singly 
ionised  species  are  important.  Electron  -  ion  collisions  are 
relatively  inefficient  due  to  the  mass  ratio  and  so  the 
growth  of  the  electron  temperature  towards  the  gas  (or  ion) 
temperature  is  slow.  Hence  there  will  be  a  separate 
electron  temperature  T,  and  a  heavy  particle  atom 
temperature  T.  The  radiation  from  the  electron  gas  (free- 
free  and  free-bound  transitions)  might  then  be  important  in 
its  interaction  with  the  Thermal  Protection  .System  (TPS). 
Radiation  mechanisms  are  described  later. 


2.2.2  Polyatomic  gas 

The  situation  for  a  polyatomic  gas  is  more  complicated. 
As  well  as  reaching  equilibrium  in  its  translational  modes, 
any  polyatomic  gas  must  satisfy  the  same  requirements  for 
its  rotational,  vibrational  and  dissociation  energies.  These 
processes  reach  equilibrium  more  slowly  than  the 
translational  energy;  which  can  then  absorb  some  of  their 
energy  and  exceed  its  equilibrium  state  before  relaxing  to 
its  own  final  value  as  the  slower  modes  build  up. 

The  efficiency  of  collisions  in  exciting  a  given  internal 
degree  of  freedom  depends  upon  e'%  where  %  =  IXq  , 
the  ratio  of  the  collision  period  to  the  natural  period  of  the 
degree  of  freedom.  When  %<=  I  then  the  collision  period 
is  short  compared  to  the  mode  period,  the  probability  of 
energy  transfer  is  high  and  very  few  collisions  are  required 
to  establish  equilibrium.  In  effect  the  thermal  energy  is 
comparable  to  the  mode  energy  and  so  a  large  proportion 
of  molecules  can  be  raised  to  this  new  equilibrium.  When 
X  »  1  a.  large  number  of  collisions  are  required  for 
equilibrium  since  the  intermolecular  force  acting  on  the 
mode  oscillation  changes  very  slowly  and  the  process  is 
adiabatic  in  the  quantum  mechanical  sense  i.e.  it  will 
change  states  without  making  any  transitions. 

The  collision  period  is  usually  defined  as  s/v  where  s  is  the 
range  over  which  the  molecules  may  interact  and  v  is  the 
relative  velocity  of  the  colliding  molecules.  We  can  take  a 
value  for  s  which  is  about  a  Bohr  radius  (0.5  x  10'*  cm). 
For  rotational  modes,  ig  =  rhj.  where  r  is  the  distance  of 
the  atom  from  the  centre  of  gravity  of  the  molecule  and 
is  the  rotational  velocity  of  the  atom  around  the  centre  of 
gravity. 

From  the  equipartition  of  energy  we  can  take  s  v,  the 
translational  velocity;  r  and  s  are  of  the  same  order.  The 
natural  period  for  rotation  is  Xg  =  rh^  s  sh  and  so  %  s  /. 
Thus  equilibrium  between  rotation  and  translation  is 
established  after  a  few  collisions.  Put  another  way,  the 
rotational  mode  spacing  for  polyatomic  molecules  is 
usually  small  and  so  the  rotational  modes  are  fully  excited 
at  moderate  temperatures  and  are  able  to  contribute  fully 
to  the  specific  heats  etc.  So  we  can  safely  assume  for  a 
dense  gas  (many  collisions)  that  TV  =  T,  where  Tr  is  the 
rotational  temperature..  In  a  rarefied  gas  this  assumption 
can  no  longer  be  made. 

For  vibrational  modes,  the  natural  period  is  Xg  =  IN 
where  v  is  the  vibrational  frequency.  This  is  usually 
rather  high  and  so  %  »  /.  In  other  words,  the  vibrational 
modes  will  only  start  to  contribute  at  high  temperatures 
i.e.  when  kT  =  hv.  From  the  collision  viewpoint,  for 
vibration 
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From  quantum  mechanics  we  see  that  the  term 
(hl4n^Mvy^^  is  the  amplitude  of  the  molecular  vibration 
in  the  lowest  quantum  state  e.g.  for  N2  this  is  3  x  10'*®  cm 
which  is  very  much  less  than  the  range  s  of  the  interaction 
forces.  It  is  evident  that  unless  kT  =  hv,  then  %  »  i- 
a  large  number  of  collisions  is  needed  to  establish 
equilibrium  and  if  the  state  of  the  gas  is  changing  on  a 
time-scale  shorter  than  that  needed  for  these  collisions  to 
take  place  then  the  vibrational  modes  do  not  contribute  to 
the  specific  heat  etc. 

We  therefore  need  to  know  not  only  when  the  vibrational 
modes  will  be  excited  but  also  on  what  time-scale  these 
effects  are  important.  Vibrational  relaxation  times, 
depend  on  temperature  and  pressure;  they  are  usually 
described  by  the  Landau-Teller  approximation  for 
harmonic  oscillators  valid  to  about  5000K: 

=  K{I^'^  exp{[K2/Tf^  l[p(l-exp(TJT))n 

where  Kj  and  K2  are  constants  of  the  molecule  and  Ty  is 
the  vibrational  temperature. 

For  slow  relaxation,  the  vibrational  energy  (e^)  equations, 
for  each  species,  must  be  added  to  the  gas-phase  energy 
equation.  To  first  order,  the  relaxation  process  is  linearly 
dependent  on  the  degree  of  non-equilibrium: 

dejdt  =  (e/T)  -  )H^ 

where  c/T)  is  the  energy  in  vibration  when  the  gas  is  in 
equilibrium  with  external  temperature  T  and  is  the 
relaxation  time.  This  is  the  vibrational  rate  equation. 

At  high  temperatures  this  formulation  may  not  be  accurate 
since  very  energetic  collisions  may  raise  the  vibrational 
energy  by  more  than  just  the  single  vibrational  level 
assumed  in  the  theory.  We  then  have  to  consider  coupling 
between  vibrational  levels  and  possibly 
vibrational/radiation  coupling. 

As  with  the  Arrhenius  equation  empirical  rate  data  are 
required  to  solve  the  vibrational  rate  equation  and  this 
presents  even  greater  problems  concerning  uncertainties  in 
these  data.  Generally  a  large  scatter  is  found  in  the  data 
and  typical  temperature  ranges  cover  800-6000K  which 
falls  short  of  the  expected  shock  layer  temperatures  in  non¬ 
equilibrium  conditions.  A  further  problem  in  the  use  of 
the  data  is  that  values  will  vary  with  the  collision  partner 
and  data  derived  from  one  system  will  not  be  applicable  to 
another.  This  type  of  expression  is  only  applicable  to 
diatomic  harmonic  oscillators  and  only  takes  account  of  T- 
V  energy  transfer  processes.  However  the  largest  mole 
fraction  in  the  Earth  and  Titan  atmosphere  by  far  is 
Nitrogen,  for  Mars  and  Venus  however  the  triatomic 
carbon  dioxide  presents  a  problem,  however  as  a  first 
approximation  a  similar  expression  can  be  used. 

It  is  possible  to  show  that  the  relaxation  time  for  most 
diatomic  gases  is  of  the  form  : 

=  Up  C,  exp  (CilT)"^ 


where  C/  and  C2  are  constants  and  p  is  the  pressure. 

Cl  and  C2  depend  on  the  particular  collision  partners  and 
most  often  the  Millikan  and  White  correlation  form  is  used 
to  determine  these  although  other  models  exits  (for 
example  Blackman,  Wood  and  Springfield). 

C,  =  0.0016  0 

C2  =  exp(-0.015C,m"‘'  -18.42) 

where  m  is  the  reduced  molecular  weight  and  0  is  the 
natural  vibrational  temperature. 

These  correlations  are  valid  to  about  5000  to  8000K  above 
which  they  predict  relaxation  times  less  than  the  collision 
time  and  therefore  they  must  be  ‘collision  limited’  or 
‘diffusion  limited’  for  engineering  solutions  and  this  is 
achieved  by  adding  the  collision  time  from  kinetic  theory 
to  the  relaxation  time. 

2.2.3  Thermodynamic  data 

For  a  perfect  gas  it  is  necessary  to  know  the  variation  of 
specific  heat  with  temperature,  since  rotational  vibrational 
and  electronic  excitation  all  increase  the  specific  heat.  In 
aerothermodynamics  the  total  specific  heat  data  for  each 
species  is  most  often  curve  fitted  with  a  polynomial,  and  it 
is  dangerous  to  extrapolate  from  such  data,  therefore  the 
range  of  data  should  cover  the  range  of  temperatures  in  the 
particular  problem.  ‘Standard’  data  are  available  to  about 
6000K  for  combustion  problems  etc.,  but  in 
aerothermodynamics  we  may  require  these  data  to  10000 
or  to  lOOOOOK  depending  on  the  entry  velocity  and 
atmosphere. 

In  principle,  one  can  calculate  the  temperature  dependence 
of  the  specific  heat  by  using  the  techniques  of  statistical 
thermodynamics  and  quantum  mechanics.  From  statistical 
thermodynamics,  we  can  express  the  internal  energy  for  a 
system  of  N  molecules  or  atoms  as; 

where  Q,  the  partition  function,  is  written  as: 

Q  =  ^gjexp{-E.I  kT) 

J 

where  gj  ,  are  the  degeneracy,  total  energy  of  level  j  and 
the  summation  is  carried  over  all  energy  levels.  We  note 
that  the  energy  is  measured  above  the  'zero-point'  energy; 
we  mention  this  as  it  will  be  important  in  the  later 
discussion. 

We  can  express  the  internal  energy  as  being  a  sum  of  the 
energies  of  all  the  possible  modes  of  the  system  i.e. 
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which  is  the  sum  of  the  energies  of  the  translational, 
rotational,  vibrational  anti  electronic  inodes. 

To  evaluate  the  specific  heat  (at  con.stant  volume,  which  is 
related  to  that  at  constant  pressure)  we  need  to  calculate 
the  partition  function  for  the  system.  Since  this  involves 
the  energy  in  an  exponential  form,  then  it  can  be 
calculated  as  the  product  of  the  individual  partition 
functions  for  each  mode  of  energy.  This  just  involves 
putting  in  the  correct  expression  for  the  mode  energy  into 
the  equation  for  Q.  One  difficulty  is  that  the  electronic 
partition  function,  unlike  the  others,  has  no  closed-form 
expression.  However,  the  summation  can  be  usually 
truncated  after  about  three  or  four  tenns  since  higher 
energy  levels  are  only  excited  at  high  temperatures  (T  > 
15000K). 

From  quantum  mechanics  through  the  partition  function 
the  expressions  for  each  of  the  energy  terms  become: 

Z,rans=3l2RT 

Erol  =  RT 

=  f  hvIkT  l(exp{hvlkT)  -1))RT 

£  ^i-  data  obtained  from  spectroscopic  measurements 

We  can  evaluate  the  other  two  thermodynamic  properties 
(entropy  and  enthalpy)  needed  for  the  database  from  a 
knowledge  of  the  partition  functions  and  the  equations  of 
thermodynamics.  However,  we  can  not  calculate  the  true 
absolute  values  of  enthalpy  because  of  the  'zero-point' 
energy.  This  is  the  energy  that  the  system  would  possess  if 
it  were  at  0  K.  This  cannot  be  experimentally  measured 
nor  calculated  since  the  equations  cannot  be  expressed  in 
fundamental  terms  -  for  example,  the  'zero-point' 
vibrational  energy  is  (l/2)hv  and  the  vibrational  frequency 
at  0  K  cannot  be  theoretically  determined.  All  is  not  lost, 
however,  since  we  can  determine  the  absolute  enthalpy 
using  the  heat  of  formation  of  the  system  at  0  K;  this  will 
not  be  the  same  as  the  'zero-point'  energy  but  the  fact  is 
that  one  never  needs  to  know  the  absolute  value  of 
enthalpy.  In  all  problems  we  deal  with  changes  in 
enthalpy,  internal  energy  and  entropy;  the  changes  in 
these  variables  will  be  the  same  whether  we  use  true  'zero- 
point'  energies  or  "effective"  energies  (sometimes  called 
'chemical  enthalpies). 

In  the  absence  of  experimental  data  at  the  higher 
temperatures,  one  should  be  able  to  extend  the  database 
through  such  thermodynamic  calculations.  For  some 
complicated  .species  it  might  be  necessary  to  resort  to 
detailed  quantum  mechanical  calculations  to  determine  the 
molecular  structure  (and  hence  the  energy  levels). 

It  is  instructive  to  plot  the  variation  of  Cp/R  for  typical 
monatomic  diatomic  and  triatomic  gases  of  interest. 

■Since  we  know  that  for  a  fully  excited  species  from  kinetic 
theory  that  the  energy  will  be  equipartitioned  between 
available  modes  or  degrees  of  freedom  n. 


Thus  CpJR  =  1+  nr! 2  +  nr  +  nJ2  +  hJR 


Where  n  is  given  in  table  2.2.  Note  for  example  that  C02 
is  a  linear  molecule  whereas  H20  is  non-linear. 


Mode  \ 
Species 

nr 

nr 

nr 

Atomic 

3 

0 

0 

Diatomic 

3 

1 

2 

Linear 

triatomic 

3 

2 

4 

Non-linear 

triatomic 

3 

3 

3 

Table  2.2  Maximum  Model  Energy  Contributions 

Since  rotational  equilibrium  occurs  at  low  temperature  we 
expect  the  Cp/R  values  at  room  temperature  to  reflect  this, 
similarly  vibrational  excitation  occurs  at  medium 
temperatures  and  electronic  excitation  at  high 
temperatures. 

Figure  2.5  shows  the  variation  of  Cp/R  as  a  function  of 
temperature.  Note  that  for  CO2  one  vibrational  mode  is 
excited  at  room  temperature.  It  is  seen  that  the  quantum 
mechanics  result  for  the  vibrational  energy  approaches  the 
kinetic  theory  limit  at  high  temperature.  The  rise  in 
electronic  energy  is  just  discernable  for  atomic  Nitrogen. 


2.5  Specific  Heat  Variation  with  Temperature 

This  also  illustrates  why  the  ratio  of  specific  heats  for  a 
gas  varies  with  temperature  (i.e.  y=  Cp/(Cp  -R)) 

Partition  of  the  total  enthalpy  or  internal  energy  of  a  gas 
into  its  modal  parts  is  necessary  to  compute  the 
thermochemical  state  in  a  non-equilibrium  flow.  Figure 
2.6  shows  a  typical  partition  between  translational  plus 
rotational  energy  and  vibrational  energy  for  a  gas  in 
thermal  non-equilibrium.  The  temperature  T,  is 
representative  of  the  Boltzmann  distribution  of  energy  Ev. 
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This  is  the  basis  for  many  of  the  simpler  ‘two  temperature’ 

non-equilibrium  shock  layer  solutions.  A  ~  nuX  Idy 


Figure  2.6  Example  Energy  Partitioning  in  Thermal  Non¬ 
equilibrium 

2.2.4  Transport  Properties 

When  we  speak  of  transport  phenomena,  we  are  referring 
to  the  physical  processes  of  viscosity,  thermal  conduction 
and  diffusion.  The  essence  of  these  phenomena  is  the 
random  motion  of  atoms  and  molecules.  When  a  particle 
moves  from  one  location  in  space  to  another,  it  carries  with 
it  a  certain  amount  of  momentum,  energy  and  mass 
associated  with  itself.  TTie  transport  of  this  particle 
momentum,  energy  and  mass  through  space  due  to  the 
random  motion  gives  rise  to  the  transport  phenomena  of 
viscosity,  thermal  conduction  and  diffusion,  respectively. 
Such  random  motion  also  applies  to  electromagnetic 
radiation;  photons,  as  they  traverse  a  gas,  can  be 
repeatedly  absorbed  and  re-emitted  as  they  interact  with 
the  gas  molecules  and  so  arises  the  phenomenon  of 
radiation  transport.  Diffusion  is  also  important  in  the 
energy  equation,  especially  for  a  chemically  reacting 
mixture.  We  can  see  this  by  considering  a  chemical 
species,  k,  diffusing  from  location  1  to  location  2.  At  the 
second  location  the  species  takes  part  in  a  chemical 
reaction,  thus  exchanging  energy  with  the  gas.  That  is,  as 
species  k  diffuses  through  the  gas,  it  carries  with  it  the 
enthalpy  of  species  A:,  and  this  is  a  form  of  energy 
transport.  This  is  not  an  energy  flux  due  to  convection  but 
arises  because  of  the  temperature  and  concentration 
gradients. 

These  phenomena  are  important  since  the  random  motions 
about  an  average  flow  spread  gradients,  mix  materials  at 
sharp  interfaces,  create  motion  in  the  fluid  etc.  So  they  are 
important  in  the  macroscopic  as  well  as  microscopic  sense. 

We  can  derive  the  form  of  the  transport  coefficients 
relatively  easily.  If  we  consider  some  mean  property,  (]), 
carried  by  particles  and  that  there  exists  a  gradient  in 
space  of  this  property,  then  the  flux  of  (j)  (in  one 
dimension,  for  simplicity)  is: 


where  n  is  the  number  density  of  particles,  «  is  mean 
particle  speed  and  X  is  the  mean-free  path  ~l/(on) 

where  a  is  the  collision  cross-section).  So  to  get  the  form 
of  the  viscosity,  thermal  conductivity  and  diffusion 
OTefficients  we  substitute  ()>  =  mv,  kT  and  X  (the  mole 
fraction)  to  get  (resp.): 

|i  ~ 

k  ~ 

Dab-  n  -  T‘'^lap 

These  expressions  apply  for  a  pure  gas  and  the  diffusion 
coefficient  is  that  for  a  binary  mixture.  We  see  that  the 
viscosity  and  thermal  conductivity  depend  only  on 
temperature  whereas  the  diffusion  also  depends  on  the 
density  of  the  gas.  The  above  expressions  are  derived 
from  a  hard-sphere  model  of  the  gas  in  which  the  details  of 
the  intermolecular  force  field  were  ignored. 

Accurate  computation  of  the  diffusive  fluxes  requires 
accurate  knowledge  of  the  transport  coefficients.  We 
replace  the  hard-sphere  model  with  a  picture  of  particles 
moving  under  the  influence  of  an  intermolecular  force  field 
which  varies  with  the  distance,  r,  from  the  molecule.  One 
such  common  model  is  the  Lennard-Jones  potential  (others 
are  Morse  etc.  and  they  differ  in  their  complexity  and 
usage.),  which  gives  the  intermolecular  force  as: 

d^ 

r,  _ a. 


where: 

^  (r)  =4e[(d/r)‘^ -(d/rf} 

m 

and  where  d  is  the  characteristic  molecular  diameter  and  e 
is  a  characteristic  energy  of  interaction  between  the 
molecules.  This  potential  is  used  to  calculate  the  collision 
integrals  which  enter  all  the  expressions  for  the  transport 
coefficients. 

For  pure  species  the  expressions  are  relatively  simple.  For 
example,  viscosity  is  given  by: 

_  5  -^nmkT 
16  jiatO 

where  O.  is  the  Lennard-Jones  collision  diameter  and  il 

k  ^ 

is  the  collision  integral,  which  gives  the  variation  of  the 
effective  collision  diameter  as  a  function  of  relative  energy 
between  molecular  collisions.  The  collision  integral 
depends  on  the  reduced  temperature,  given  by: 
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and  on  the  reduced  dipole  moment,  given  by: 


si 


1  \ik 
■2  E 

k 


In  the  above  expressions,  E^,  is  the  Lennard-Jones  potential 
well  depth  and  is  the  dipole  moment. 


The  mixture  diffusion  coefficient  for  species  i  is  computed 
as 


D 

km 


X  ID 


j 


The  single  component  thermal  conductivity  consists  of  two 
parts  which  ari.se  from  molecular  collisions  and  diffusion 
of  the  reacting  species.  The  molecular  collision  terms  are 
treated  by  considering  the  separate  contribution  of  all  the 
energy  modes  that  a  polyatomic  gas  may  have: 


The  binary  diffusion  coefficients  are  given  in  terms  of 
pressure  and  temperature  as: 


D 

Jk 


j  ■yj2n(kT//m^ 
Pnojkkl^ 


where  is  the  reduced  molecular  mass  for  the  (/,  k) 
species  pair  and  is  the  reduced  collision  diameter.  The 
collision  integral  depends  on  the  reduced  temperature 
which  in  turn  may  depend  on  the  species  dipole  moments 
and  polarizabilities. 


Transport  Coefficients  of  Mixtures 


One  problem  is  to  determine  diffusion  velocities.  Various 
forms  for  the  diffusion  velocity  exist.  In  the  case  of  a 
chemically  reacting  mixture,  which  is  a  multi-component 
gas,  one  can  invert  the  matrix  equation 

nn 


=  s- 

i 


J-L 


N^D 


j 


where  the  source  terms,  are  defined  as: 


T  grad  T 

N  P  T 


where  A'j^  is  the  mass  fraction  of  species  k  and  Djj^  is  the 
binary  diffusion  coefficient.  The  mixture-averaged 
thermal  conductivity  coefficient  can  be  formulated  from 
the  single  component  expression  in  a  similar  fashion. 

Care  must  be  taken  in  using  the  mixture-averaged 
coefficients.  Unlike  the  multicomponent  expressions,  the 
mixture  formulae  are  approximations  and  are  not 
constrained  to  require  that  the  net  species  diffusion  flux  be 
zero  i.e.  the  condition 


=  0 


is  not  satisfied.  This  will  lead  to  some  non-conservation  in 
the  solution  of  a  system  of  species  conservation  equations 
and  corrective  action  will  need  to  be  taken. 

Another  note  of  caution  is  that  one  must  be  aware  that  the 
calculation  of  the  transport  coefficients  depends  critically 
on  the  assumption  used  for  the  intermolecular  force 
potential  (from  which  we  get  the  collision  integrals), 
which  at  times  can  be  uncertain  or  inappropriate.  For 
example,  the  Lennard-Jones  potential  is  suitable  for  non¬ 
polar  molecules;  although  it  can  be  used  to  approximate 
polar  molecules  over  a  limited  range  this  is  not  the  case  in 
general.  Experimental  measurements  are  also  uncertain 
and  difficult  to  make,  especially  at  high  temperature. 

In  general  the  assumption,  of  simple  mixture  laws  and 
binary  diffusion  coefficients  are  adequate  for  most  shock 
layer  applications  where  the  species  weights  to  not  vary 
greatly.  For  example  the  ratio  of  masses  between  carbon 
and  carbon  dioxide  is  about  3.7  and  is  the  maximum  for 
Earth  and  Mars.  Introducing  hydrogen  increases  the  ratio 
to  between  12  and  44.  Hydrogen  occurs  in  many  of  the 
planetary  atmospheres  and  in  ablation  products. 

2.3  CHEMICAL  REACTIONS  AND  RATES 


=  d  -  q 

k  k 


Physically,  this  states  that  concentration  gradients  can  be 
supported  by  diffusion  velocities,  pressure  gradients  and 
thermal  diffusion  effects.  However,  the  matrix  algebra 
involved  makes  this  an  expensive  operation.  A  more 
approximate  and  simpler  approach  is  the  mixture-averaged 
formulation.  In  this  case  the  diffusion  velocities  are 
related  to  the  species  gradients  by  a  Fickian  formula: 


k 


We  have  discussed  the  effects  of  a  shock  propagating  in  a 
gas,  namely,  ionisation  and  rotational  and  vibrational 
relaxation.  In  addition  to  these,  as  the  fluid  is  heated  and 
compressed  on  passing  through  the  shock,  conditions  will 
be  reached  whereby  chemical  reactions  will  take  place. 
These  are  of  the  utmost  importance  since  they  can  alter  the 
flowfield  locally  through  the  production  of  energy, 
chemical  species  etc.  and  also  affect  the  TP,S  through 
radiation,  species  from  the  shock  layer  reactions  reaching 
the  TPS  and  producing  further  reactions  near  or  with  the 
surface  etc.  Transport  coefficients  are  therefore  also  be 
important  as  the  gas  reacts  chemically  and  is  ionised. 
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An  important  parameter  in  analysing  chemical  reactions  in 
a  flowing  gas  is  the  Damkohler  number.  Da.  Tbis  is  the 
ratio  of  the  hydrcKiynamic  time-scale  to  the  characteristic 
time  for  chemical  reaction.  When  Da  «  I,  then  any 
chemical  reactions  take  place  so  slowly  compared  to  the 
fluid  velocity  that  they  do  not  influence  the  flowfield  and 
so  can  be  ignored;  this  is  the  case  of  'frozen'  chemistry.  At 
the  other  extreme  Da  »  I,  and  chemical  reactions  have 
reached  their  final  state  before  the  fluid  has  had  time  to 
respond;  this  is  the  case  of  'equilibrium'  chemistry,  where 
the  forward  and  backward  rates  balance  each  other.  In 
between  these  two  extremes,  we  have  non-equilibrium 
(finite-rate)  chemical  kinetics.  To  analyse  the  finite  rate 
chemistry  processes  in  gas  mixtures  it  is  necessary  to  know 
the  reaction  mechanisms,  the  rate  constants  and  the 
appropriate  equations.  We  consider  I  elementary 
reversible  (or  irreversible)  reactions  involving  K  chemical 
species.  These  can  be  represented  in  the  general  form: 


constants  for  the  I  reactions  have  the  following  Arrhenius 
temperature  dependence: 

kf.  =  A. 

where  the  pre-exponential  factor  A,-  ,  the  temperature 
exponent  P,-  and  the  activation  energy  usually  come 
from  experiment. 

The  reverse  rate  constants  are  related  to  the  forward  rate 
constants  through  the  equilibrium  constants: 


where  K^n  is  the  equilibrium  constant,  which  is  written  as: 


K  K 

^  ki  ^ki  ^  ki  ^ki 

k=l  k=l 


K  . 


Cl 


exp\ 


i  i 


R 


RT 


where  v*,-  are  the  stoichiometric  coefficients  and  are 
the  chemical  species.  The  species  conservation  equations 
are  written  as: 


where  AS.  and  AH.  are  the  changes  in  entropy  and 
enthalpy  due  to  chemical  reaction. 


dnii/dt  =  Qk-  nkLk 

where  Qu  is  the  chemical  creation  rate,  L*  is  the  chemical 
destruction  rate  and  n*  is  the  number  density  of  species  k. 

Often,  one  does  not  require  knowledge  of  the  individual 
chemical  creation  and  destruction  rates;  in  such  cases 

these  can  be  substituted  by  one  variable  (i^  which  now 

represents  the  chemical  production  rate  of  species  k.  This 
can  be  expressed  as: 

/ 

i=l 

where: 


For  frozen  chemistry,  we  have  dri/^  =  0,  whilst  for 

equilibrium  chemistry,  a  =  0.  The  rate  of  progress 
variable,  for  tbe  reaction  is  given  by  the  difference 
of  the  forward  rates  minus  the  reverse  rates: 

■  ‘rill 

k=l  k=l 

where  [XfJ  is  the  molar  concentration  of  the  species 
and  are  the  forward  and  reverse  rate  constants  of 

the  reaction.  It  is  assumed  that  the  forward  rate 


We  see  that  a  precise  knowledge  of  reaction  rates,  which 
in  turn  depend  on  the  equilibrium  constants,  is  required  to 
be  able  to  accurately  model  chemical  reactions.  The 
equilibrium  constants  can  be  calculated  from 
thermodynamical  considerations  and  so  one  need  only 
determine  the  forward  reaction  rates  experimentally. 
These  rates  are  known  for  many  basic  chemical  reactions 
but  often  they  have  only  been  measured  up  to  temperatures 
of  about  6000K.  One  has  to  be  cautious  when 
extrapolating  the  Arrhenius  equation  to  higher 
temperatures  since  it  depends  to  an  extent  on  the 
temperature  range.  That  is  to  say  that  a  particular  reaction 
will  have  a  different  reaction  path  at  high  temperatures 
than  at  low  temperatures  (e.g.  it  might  form  a  different 
activated  complex  in  each  case).  In  addition,  a  process 
which  might  be  very  well  represented  at  low  temperatures 
by  one  set  of  reactions  will  not  be  well  described  at  high 
temperatures  by  the  same  set.  A  different  set  of  reactions 
will  be  needed  at  higher  temperatures  and  these  will  in 
general  have  a  different  reaction  rate.  So  it  is  important 
not  only  to  know  the  reaction  rates  at  high  temperature  but 
to  determine  which  mechanisms  are  important  in  different 
temperature  ranges.  Figure  2.7,  2.8  and  2.9  show  different 
reaction  rates  for  the  dissociation  of  N2  O2  and  CO2. 
Therefore  it  is  necessary  to  be  extremely  careful  to  select 
compatible  data  for  the  problem  at  hand,  and  to  understand 
the  effect  of  data  variability  on  the  flowfield. 

There  are  two  classes  of  reaction  for  which  the  Arrhenius 
formulation  does  not  hold.  The  first  is  reactions  involving 
low-activation-energy  free  radicals.  Here,  the  temperature 
dependence  of  the  pre-exponential  term  is  very  important 
and  is  not  described  well  by  the  simple  Arrhenius  form. 
The  second  class  is  radical  recombination,  where  a  third 
body  is  required  to  remove  excess  energy  upon  formation 
of  the  product.  So  these  third-body  recombination 
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reactions  depend  heavily  on  the  pressure  and  again  the 
Arrhenius  form  is  not  really  suitable.  However,  sometimes 
it  is  possible  to  attach  an  enhanced  reaction  efficiency  to 
these  third  bodies  that  takes  this  into  account. 


ojioexio  2.a(XMH  4.aae-os  e.ue^n  s.oce^e  i.ooe-im 
4/T  (IM) 


Figure  2.7  N2  Dissociation  Rates  with  Atoms 


1/T  (1AQ 

Figure  2.8  O2  Dissociation  Rates  with  Atoms 


l.T  (I/K) 


2.4  VIBRATION  -DISSOCUTION  COUPLING 

The  interaction  between  chemical  and  thermal  rate 
processes  is  complicated  by  the  rates  of  chemical  reactions 
often  being  strongly  dependent  on  the  state  of  internal 
excitation  as  well  as  the  translational  energy  of  the 
reacting  molecules.  Therefore,  under  certain  circumstances 
rates  of  reactions  can  be  dependent  upon  the  rates  of 
energy  transfer  between  the  various  energy  modes.  Under 
these  conditions  reaction  products,  especially  of 
exothermic  processes,  are  formed  in  a  highly  non¬ 
equilibrium  energy  distribution  thus  affecting  the  reaction 
path. 

Unlike  other  degrees  of  freedom,  dissociation  may  become 
important  at  temperatures  much  lower  than  the 
characteristic  temperature  i.e.  kT  «  D,  the  dissociation 
energy  per  molecule.  This  occurs  because  of  the  large 
possibility  of  dissociated  states;  there  is  a  high  probability 
of  dissociation  if  the  relative  energy  between  two  colliding 
molecules  equals  the  dissociation  energy.  For  example,  if 
we  consider  oxygen  and  nitrogen,  then  D/kT  =  59000/T  & 
91600/T  respectively.  However,  even  at  3000K  for  oxygen 
and  5000K  for  nitrogen,  the  degree  of  dissociation  is  1.4%, 
although  in  each  case  DIkT  =  20  and  the  fraction  of 
sufficiently  energetic  collisions  is  of  the  order  of  10'^. 
Dissociation  is  tied  up  with  vibrational  relaxation  through 
the  possibility  of  energy  in  these  modes  being  made 
available  for  dissociation;  the  rate  for  this  process  would 
then  depend  on  the  rate  at  which  the  vibrational  levels  are 
populated.  If  /»  is  the  number  of  additional  degrees  of 
freedom  from  which  energy  may  be  drawn,  then  the 
Boltzmann  probability  factor  exp(-DlkT)  is  increased  by 
(DlkT)’^^l(nl2).  So  we  see  that  the  interplay  between 
vibration  (and  rotation)  and  dissociation  might  be 
important,  even  at  relatively  low  temperatures. 

In  a  gas  in  thermal  equilibrium  the  energy  of  reaction  is 
released  or  taken  from  the  total  internal  energy  of  the  flow. 
In  a  gas  which  is  not  in  thermal  equilibrium,  in  which  we 
are  solving  the  thermal  relaxation  equation,  the  following 
questions  arise, 

•  How  are  the  chemical  kinetics  modified  ? 

•  Where  does  the  energy  of  reaction  come  from  ? 

The  mechanisms  used  should  satisfy  these  question 
simultaneously,  i.e.  the  model  should  be  consistent.  Two 
basic  mechanisms  for  dissociation  can  be  defined: 

•  Non-preferential  dissociation,  where  recombination 
occurs  to  all  vibrational  levels  at  the  same  rate,  or  in 
terms  of  dissociation,  molecules  can  dissociate  with 
equal  probability  regardless  of  their  vibrational 
excitation  level  given  a  sufficiently  energetic 
collision. 


Figure  2.9  CO2  Dissociation  Rates  with  Diatomics 
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•  Preferential  dissociation,  where  recombination  occurs 
preferentially  to  the  upper  vibrational  levels,  or  in 
terms  of  dissociation,  molecules  with  excited  upper 
vibrational  levels  will  dissociate  with  greater 
probability,  given  a  sufficiently  energetic  collision. 

An  important  result  of  preferential  dissociation  is  the 
departure  of  the  energy  distribution  from  the  Boltzmann 
distribution.  A  plot  of  the  log  of  number  density  with 
energy  should  be  a  straight  line  for  a  Boltzmann 
distribution.  However  if  we  continually  favour  the  higher 
levels,  these  will  be  relatively  depleted  in  dissociation,  and 
overpopulated  in  recombination  and  the  number  density- 
energy  plot  will  not  be  straight.  This  has  an  important 
consequence  for  radiation. 

Considering  the  vibrational  energy  drain  in  a  dissociating 
gas  it  is  clear  that  more  vibrational  energy  is  lost  on 
average  for  the  preferential  model.  Theoretical  and 
experimental  assessment  of  non-equilibrium  flows  have 
led  to  several  models  for  vibration  dissociation  coupling. 

From  thermal  relaxation  only  we  have  the  Landau-Teller 
model; 

deJdt=(e^(T)  - 

Now  we  need  to  add  the  drain  on  the  average  vibrational 
energy  due  to  dissociation.  Therefore  for  a  non 
preferential  model  this  becomes: 

dejdt  =  (eJiT)  -  ejdntidt) 

where  the  second  term  represents  loss  of  the  average 
vibrational  energy  of  dissociating  molecules  since  (dnt/dt) 
=  Qk  -nkLk  (the  difference  between  the  species  creation 
rate  and  destruction  rate  as  before).  To  be  consistent  then 
the  temperature  used  in  the  Arrhenius  equation  should  be 
weighted  by  the  energy  available  in  all  modes.  In 
situations  where  the  free  stream  kinetic  energy  is  much 
larger  than  the  dissociation  energy  of  the  molecules  then 
this  temperature  is  heavily  weighted  towards  the 
translational  temperature  T. 

For  a  preferential  model  this  second  term  is  modified  to 
account  for  the  fact  that  proportionately  more  highly 
energetic  molecules  dissociate,  and  the  rate  controlling 
temperature  is  weighted  accordingly. 

dejdt  =  (ej(T)  -  E(dnkldt) 

The  remainder  of  the  dissociation  energy  (D-E)  is  taken 
from  the  translational  +  rotational  energy  in  either  case. 

Treanor  and  Mar  rone 

Treanor  and  Marrone  proposed  the  following  mechanism 
to  account  for  the  drain  of  vibrational  energy  by 
dissociation  where  E(dnkldt)  is  partitioned  into  forward 
and  backward  components: 

deJdt={eJT)-e^)K^ 

-  (E(m  -  ej  Qk 
(E(T,T)  -  e  j  nkLk 


where  : 

E(T,T,)  is  the  vibrational  energy  lost  by  dissociation  and 
E(T,T)  is  the  vibrational  energy  gained  in  a  recombination. 

The  second  accounts  for  the  loss  of  average  vibrational 
energy  of  dissociating  species  evaluated  at  the  vibrational 
temperature,  and  the  third  adds  vibrational  energy  for 
newly  combined  molecules  at  the  heavy  particle 
temperature. 

The  forward  rate  k/is  modified  to  become: 

kf  =  km^WQ.'(TF)my(Tv)Q/(-U)) 

where  Q  are  the  vibrational  partition  functions,  kf  the 
forward  rate  constant  under  thermal  equilibrium,  and  : 

IITf=I/T,-1IT  -IIV 

and  Marrone  and  Treanor  found  that  V  =~EJ3k  gave  a 
good  result  for  relaxation  behind  the  shock.. 

This  is  quite  a  complex  model.  And  forms  the  basis  for 
many  extensions  and  simplifications. 

Park 

Park  has  developed  a  simpler  model  taking  advantage  of 
later  computations  of  population/depopulation  rates. 

Using  a  harmonic  oscillator  assumption,  the  average 
vibrational  energy  removed  is  shown  to  be  ; 

E^D/2 

where  D  is  the  average  dissociation  energy,  and  this  is 
referred  to  as  the  CVDV  model  (coupled-vibration 
dissociation-vibration). 

Since  it  is  expected  that  the  higher  levels  are  densely 
populated,  then  in  a  non-preferential  model  in  the 
anharmonic  case  then  the  range  of  the  energy  removal  is 
expected  to  be: 

0.5  <  E/D  <  1.0 

However  detailed  solution  of  the  Master  equation  which 
describes  how  number  density  of  individual  vibrational 
states  change  provides  a  lower  value: 

E/D  =~  0.3 

Since  D  is  much  greater  than  the  average  vibrational 
energy,  even  using  0.3  reduces  the  average  vibrational 
energy  by  much  more  than  the  average  vibrational  energy 
and  this  is  a  preferential  dissociation  model. 

In  order  to  correct  the  reaction  rate  for  non-equilibrium 
effects,  the  two  temperature  model  of  Park  was  deduced 
from  experimental  data  the  driving  temperatures  assuming 
a  mechanism  associates  a  mean  temperature  of  the  form: 


2-12 


? 


where  the  exponent  q  takes  the  value  given  in  table  2.3. 


Reaction  type 

q 

Di.ssociation 

0.5 

Neutral  Exchange 

0 

Assix:iative  ionisation 

0 

Charge  exchange 

0 

Electron  impact  ionisation 

1 

Radiative  re-combination 

1 

Reverse 

0 

Table  2.3  Typical  Exponents  in  the  Park  Two  Temperature 
Model. 

Alternate  values  may  be  found  in  the  literature.  In 
particular  for  dissociation  when  q  =  ~  0.3  the  model 
becomes  consistent  with  harmonic  oscillator  simulations  of 
dissociation  reactions  when  these  are  required  to  produce 
the  same  solution  as  the  one  temperature  rate  coefficient 
when  T  =  Ty. 

An  explanation  of  the  aUocation  of  controlling 
temperatures  can  be  made  as  follows: 


layer.  Surface  characteristics  such  as  emissivity, 
absorbtivity  and  the  injection  of  ablation  products  (or 
transpiration  gases)  into  the  boundary  layer  are  also 
important  when  considering  the  radiation  to  the  vehicle 
surface. 

For  an  optically  thin  gas  then  the  thicker  the  shock  layer 
the  larger  the  volume  of  radiating  gas,  thus  as  the  shock 
stand-off  distance  for  a  bluff  body  is  directly  proportional 
to  the  radius  of  curvature  in  the  stagnation  (subsonic) 
region  the  radiative  flux  becomes  proportional  to  the 
radius  of  curvature  of  the  body. 

The  more  energetic  the  flow,  then  the  higher  the 
temperature  in  the  shock  layer.  With  increasing  Mach 
number  the  gases  are  heated  to  an  extent  where 
dissociation  of  the  molecules  begins  to  occur,  this  process 
absorbs  a  considerable  amount  of  energy,  thus  the  average 
molecular  weight  is  decreased,  specific  heats  increased 
and  the  ratio  of  specific  heats  decreased.  This  results  in  a 
lower  shock  layer  temperature  and  shock  stand-off,  and  of 
course  changes  to  the  chemical  composition,  including 
ionisation  of  some  species.  It  is  clear  then  that  the 
condition  of  the  shock  layer  gases  in  terms  of  whether 
equilibrium  has  been  achieved  or  not  can  greatly  effect  the 
radiation. 


•  Dissociation.  T  represents  the  energy  of  the  colliding 
partner  and  T,  the  vibrational  energy  of  the 
dissociating  molecule.  Thus  the  average  vibrational 
energy  of  the  dissociating  species  is  taken  into 
account. 

•  Exchange.  The  colliding  partners  have  equal 
vibrational  energy  on  average  and  so  the  controlling 
temperature  is  the  heavy  particle  translational 
temperature. 

•  Associative  Ionisation.  The  collision  partners  are 
atomic  and  so  the  controlling  temperature  is  the  heavy 
particle  translational  temperature. 

•  Electron  Impact  Ionisation.  The  impacting  electron 
has  average  temperature  equal  to  Ty  equal  to  the 
electronic  temperature  in  the  two  temperature  model 
and  so  the  controlling  temperature  is  Ty 

TTie  empirical  model  of  Park  contains  no  direct  coupling 
between  the  energy  disposal  and  the  correction  of  reaction 
rates  and  is  thus  technically  an  inconsistent  model, 
although  it  is  probably  the  widest  used  model  at  present. 

Vibration-dissociation  coupling  is  a  current  area  of 
uncertainty  and  debate  in  aerothermodynamics  and  new 
consistent  models  and  experiments  will  hopefully  lead  to 
progress  in  this  field. 

2.5  SHOCK  LAYER  RADIATION 

The  magnitude  of  the  thermal  radiation  from  the  hot  gases 
in  the  shock  layer  is  affected  by  several  parameters, 
primarily  these  relate  to  the  geometry  of  the  shock  layer 
and  the  chemical  and  thermodynamic  state  of  the  shock 


The  thermal  radiation  is  generated  by  emissions  from  each 
of  the  excited  species  in  the  shock  layer.  Thus  at  the  body 
surface  the  heat  flux  is  calculated  by  summing  all  the 
emission  and  absorption  activity  from  the  shock  layer 
gases  in  view,  and  this  may  include  absorption  and  re¬ 
emission  activity  in  any  ablation  products,  and  indeed  from 
the  wall  itself. 

Some  relevant  mission  examples  are  given  below  with 
TPS  type  since  relatively  cool  TPS  ablation  products  can 
cause  radiative  blockage  by  absorption  and  re-emission. 

•  High  speed  Earth  return  representative  of  a  Mars, 

Lunar  or  cometary  mission  at  1 3  to  1 6km/s  with  a  mix 
of  equilibrium  and  non-equilibrium  chemistry  with 
carbon  surface  ablation  and  phenolic  resin  pyrolysis 
gas  products  injection  into  the  boundary  layer. 
Radiation  is  significant  for  these  entries  and  can  be 
equal  to  the  convective  flux.  The  Rosetta  entry 
vehicle  has  been  used  as  a  technology  demonstrator 
within  ESA  and  will  be  used  as  an  example  later. 
Data  are  available  from  Apollo  4  and  Fire  1&2 
missions  at  llkm/s.  Apollo  had  an  ablative  TPS  with 
special  provision  for  radiometry  and  calorimetry  with 
radiative  fluxes  about  30%  of  the  total.  PAET  and 
the  recent  UV  precursor  flights  at  between  3  and  5 
km/s  provide  detailed  radiometry  for  code 

phenomenology  validation,  for  selected  Earth 

atmosphere  shock  layer  species 

•  Venus  entry.  The  atmosphere  of  Venus  is  very 
similar  in  composition  to  Mars  with  a  high  proportion 
of  carbon  dioxide,  but  entry  speeds  are  much  higher 
at  11  to  12  km/s  and  the  atmosphere  is  very  dense. 
At  this  speed  there  is  a  considerable  radiation  from 
the  shock  layer  and  an  ablative  heatshield  is 
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necessary.  Carbon  phenolic  TPS  has  been  used  on 
Pioneer,  but  an  alternative  such  as  silica  phenolic  is 
attractive  especially  if  its  reflectivity  is  taken  into 
account.  Many  Venera  craft  have  successfully 
entered  the  Venus  atmosphere. 

•  Jupiter  entry  at  over  40km/s  or  Saturn/Uranus  entry  at 
25-30  km/s.  Much  analysis  has  been  carried  out  for 
the  Jupiter  Galileo  mission  with  its  carbon  phenolic 
TPS,  and  if  data  is  available  after  the  entry,  some  post 
test  analysis  will  undoubtedly  be  undertaken.  The 
hydrogen/helium  atmospheres  and  high  ablation  rates 
(30-50%  of  vehicle  mass  is  TPS)  provides  challenging 
radiation  dominated  cases,  of  which  only  a  Jupiter 
mission  is  underway  at  present. 

•  Titan  Entry.  Although  at  modest  entry  velocity  of 
6km/s,  the  Huygens  probe  will  encounter  a  high 
radiative  heat  flux  due  to  the  unique  atmosphere  of 
Titan.  The  low  proportion  of  methane  in  a  thin 
nitrogen  atmosphere  produces  a  non-equilibrium 
radiation  environment  where  radiative  and  convective 
fluxes  are  approximately  equal.  Current  efforts  of  the 
project  team  to  estimate  this  environment  are  of 
interest.  The  ablative  TPS  is  low  density  quartz 
phenolic. 

•  Mars  Entry.  Currently  radiative  fluxes  are  considered 
negligible  for  direct  Mars  entry  at  about  6km/s.  At 
higher  entry  velocities,  i.e.  should  higher  energy 
trajectories  be  used,  radiation  may  become  important. 
Nevertheless  any  Mars  entry  mission  will  need  to 
confirm  that  the  radiative  environment  is  low,  in 
particular  with  ablation  products  from  low  density 
ablators  reacting  with  the  atmosphere  to  enhance  the 
number  density  of  radiating  species,  or  the  effect  of 
catalytic  surfaces. 

The  importance  of  radiation  has  been  iUustrated  above,  but 
where  does  it  come  from?  .Some  of  the  basic  phenomena 
are  summarised  below. 

2.5.1  Shock  Layer  Condition 

At  high  entry  velocities  the  temperatures  behind  the  bow 
shock  wave  may  reach  very  high  values  with  the 
freestream  chemical  species  becoming  dissociated  and  in 
some  cases  highly  ionised.  The  high  shock  layer 
temperatures  lead  to  significant  radiation  from  the  hot 
shock  layer  gases.  For  the  flowfields  considered  in  entry 
problems  the  radiation  is  mainly  due  to  electronic 
transitions  and  is  thus  in  the  visible  or  UV.  For  typical 
low  ballistic  coefficient  entries,  significant  non¬ 
equilibrium  may  exist  in  regions  of  the  shock  layer  both  in 
thermodynamic  (i.e.  species  internal  energy  distribution 
between  rotational,  vibrational  and  electronic  modes  or 
states  and  the  translational  mode)  and  chemical  processes. 
The  thermal  non-equilibrium  is  commonly  expressed  as 
different  temperatures  for  each  mode,  the  internal  modes 
lagging  the  translational  by  differing  degrees.  Chemical 
non-equilibrium  in  the  entry  environment  of  the  forebody 
means  that  dissociation  reactions  are  delayed  and  the  mole 
fractions  of  molecular  species  and  molecular  indermedions 


is  higher  after  the  shock  than  in  the  equilibrium  case.  This 
leads  to  the  non-equUibrium  overshoot  phenomena. 

The  radiated  energy  travels  in  all  directions  through  the 
flowfield,  either  being  absorbed  by  the  shock  layer  gases 
or  continuing  until  it  leaves  the  vicinity  of  the  vehicle  or 
reaches  the  surface  of  the  vehicle.  Radiation  that  travels 
upstream  of  the  bow  shock  leads  to  heating  of  the  shock 
precursor  region  with  corresponding  increase  in  freestream 
enthalpy.  Of  more  significance  in  general  is  the  radiation 
that  falls  on  the  vehicle  surface,  or  radiative  heat  flux.  In 
some  entry  scenarios  the  radiative  heat  flux  is  the 
dominant  mechanism  (  e.g.  for  Jovian  entry  where  entry 
velocities  are  ~  40km/s)  with  the  convective  contribution 
becoming  insignificant.  The  forebody  flowfield  of  such 
vehicles  is  further  complicated  by  the  fact  that  the  only 
viable  material  choice  for  thermal  protection  systems  is  a 
charring  ablator  type.  Pyrolysis  gases  and  subliming  or 
reacting  surface  species  therefore  become  significant 
features  of  the  vehicle  boundary  layer.  In  general  these 
products  will  have  a  beneficial  effect  in  reduction  of 
radiative  heat  flux  since  they  act  to  absorb  incident 
radiation.  The  flux  is  thus  reduced  by  radiation  blockage. 
On  the  other  hand  the  absorption  of  radiation  will  increase 
the  temperature  of  the  boundary  layer  gases  with  a 
possible  associated  increase  in  convective  flux.  The 
simulation  may  be  further  complicated  when  ablation 
products  or  interaction  of  these  with  freestream  species 
gives  rise  to  species  which  themselves  are  particularly 
strong  radiators.  An  example  of  this  is  the  formation  of 
CN  in  the  boundary  layer  of  carbon  heatshields  in  high 
enthalpy  air  flows. 

To  give  an  idea  of  the  sensitivity  of  the  radiative  fluxes, 
the  intensity  of  radiative  emission  is  strongly  dependent  on 
the  shock  layer  gas  pressure  and  thickness  (i.e.  nose 
geometry).  In  existing  engineering  correlations  for  both 
convective  and  radiative  heat  flux,  vehicle  velocity,  nose 
radius  and  freestream  density  are  usually  independent 
variables  for  a  given  atmosphere.  The  velocity  exponent  is 
typically  in  the  range  5  to  1 6  for  radiative  fluxes,  whereas 
for  convective  flux  correlations  the  velocity  exponent  is 
typicaUy  3. 


Figure  2.10  Stagnation  Streamline  temperatures  with  and 
without  radiation  coupling. 
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The  Rosetta  entry  vehicle  provides  a  good  example  to 
illustrate  these  phenomena.  The  effects  of  coupling  the 
radiative  transport  to  the  flowfield  are  shown  in  figure 
2.10  and  2.11  showing  stagnation  streamline  temperature 
profiles  and  surface  heat  fluxes  respectively 
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Radial  diatanca  from  cantratina  (m) 


Figure  2.1 1  Surface  Heat  fluxes,  with  and  without 
radiation  coupling 

2.5.2  Population  Distribution 

Given  the  flowfield,  the  population  distributions  of  excited 
states  (primarily  of  electronically  excited  states)  for  the 
radiating  atomic  or  molecular  species  need  to  be 
determined  prior  to  determination  of  radiation  emission 
and  absorption  phenomena.  For  the  case  of 
thermochemical  equilibrium  these  population  densities  can 
be  inferred  using  the  Boltzmann  distribution  for  each  mode 
of  internal  energy.  For  example  this  equilibrium  approach 
(i.e.  large  Damkohler  number)  is  suitable  for  post-shock 
conditions  of  high  velocity  re-entries  at  low  altitudes  into 
Earth's  atmosphere  such  as  for  the  Rosetta  re-entry  at  peak 
heat  flux  and  for  the  pre-shock  heating  in  general.  At 
small  Damkohler  number  (higher  altitudes  or  at  lower  post 
shock  densities,  such  as  for  the  Huygens  entry  near  peak 
heat  flux)  not  only  is  the  gas  thermodynamically  in  non 
equilibrium,  i.e.  the  internal  modes  are  not  at  the  same 
temperature  as  the  translational  temperature,  but  the 
population  distributions  (including  particularly  the 
electronically  excited  states)  are  no  longer  Boltzmann. 
The  total  post  shock  non-equilibrium  behaviour  causes  the 
phenomenon  called  radiation  overshoot  and  needs  to  be 
considered  for  an  accurate  radiation  prediction. 

The  excited  states  number  densities  have  to  be  determined 
by  models  employing  different  complexities  and 
accuracies.  For  the  description  of  the  distribution  of 
vibrational  and  rotational  states  within  a  molecule,  the 
equilibrium  assumption  holds  over  a  broad  range.  Thus, 
the  number  densities  of  vibrational  states  within  an 
electronically  excited  state  can  be  detennined  using  the 
Boltzmann  distribution  employing  the  vibrational 
temperature.  For  tbe  calculation  of  rotational  states  the 
Boltzmann  distribution  using  the  translational  temperature 
of  the  heavy  particles  can  be  used  since  the  rotational 


temperatures  equilibrate  very  fast  with  the  translational 
degree  of  freedom  of  the  heavy  particles.  For  the 
electronically  excited  states  another  indicator  of  the  non¬ 
equilibrium  regime  is  utilised  to  determine  which 
assumptions  can  be  made:  If  the  time  constant  for 
electronic  excitation  is  small  compared  to  the  flow 
residency  time  {Da,  »/),  then  it  is  possible  to  assume 
that  the  population  and  de-population  rates  are 
approximately  equal,  i.e.  the  distribution  is  in  quasi-steady 
state  (QSS).  In  the  limit  of  low  density  it  has  been  shown 
the  time  constant  approaches  the  Einstein  coefficient  for 
particular  transition  probability.  The  QSS  assumption 
greatly  simplifies  the  solution  necessary  to  determine  the 
population  of  excited  states. 

2.5.3  Radiative  Processes 

Once  the  flowfield  and  excited  state  population 
distributions  are  known,  the  radiative  processes 
themselves  can  be  addressed.  These  processes  are 
described  briefly  here.  In  general,  these  processes  are 
complex  and  require  knowledge  of  atomic  and  quantum 
physics. 

The  electronic  internal  energy  of  a  gas  is  stored  in  distinct 
excitation  states  of  the  bound  electrons,  with  the  addition 
of  vibrational  and  rotational  states  for  the  case  of 
molecules.  The  emission  of  a  photon  occurs  when  an 
electron  of  an  atom  or  molecule  falls  from  a  higher  to  a 
lower  excited  state,  with  absorption  causing  the  opposite 
process.  As  only  distinct  energy  states  are  permitted  for 
the  transitions,  these  processes  only  occur  at  distinct  points 
of  the  wavelength  spectrum  determined  by  the  energy 
states.  These  internal  transitions  within  a  particle  are 
referred  to  as  bound-bound  radiation,  each  transition 
producing  a  single  characteristic  line.  Certain  effects 
cause  a  broadening  of  those  lines  around  their  initial 
wavelength.  The  strength  of  the  broadening  is  dependent 
on  the  physical  effect  causing  them.  Important  broadening 
mechanisms  are  natural  broadening,  Doppler-,  collision-, 
and  Stark  broadening.  The  change  of  the  emission  and  the 
absorption  coefficient  as  a  function  of  the  wavelength 
within  a  line  is  called  the  line  profile.  Typical  profiles 
found  are,  each  according  to  the  broadening  mechanisms, 
Lorentz  profiles  (e.g.  for  collision  or  pressure  broadening), 
Gauss  profiles  (for  Doppler  broadening),  or  a 
superposition  of  both  forms  Voight  profiles. 

A  sketch  of  the  processes  is  given  in  figure  2.12.  Arrows 
pointed  upward  indicate  an  absorption  process,  arrows 
pointed  downward  represent  emission  processes.  Bound- 
bound  transitions  occur  in  both  atoms  as  well  as  ions  and 
molecules.  In  the  latter,  however,  they  are  accompanied 
by  vibrational  and  rotational  transitions,  so  that  the 
resulting  multitude  of  lines  or  ‘band’  spectra  are  very 
complex.  The  bound-bound  spectrum  is  typical  of  atoms 
and  ions.  As  indicated  in  Fig.  2.12  the  energy  difference 
between  adjacent  energy  levels  decreases  from  the  basic 
level  upward  to  the  ionisation  level.  This  means  that 
transitions  ranging  from  the  infrared  to  the  ultraviolet 
range  are  generally  possible.  In  the  applications 
considered  here  usually  the  lower  energy  levels  are  closely 
occupied,  and  this  is  the  reason  why  there  are  many 
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transitions  with  the  ground  state  as  starting  or  ending 
state.  These  transitions  are  called  resonance  transitions, 
due  to  the  large  difference  of  the  energy  levels,  they  are  in 
the  ultra  violet  range.  Furthermore  the  gas  in  the  shock 
layer  is  mostly  strongly  dissociated  and  partially  ionised 
for  high  speed  entries,  so  that  most  of  the  radiation  is 
released  by  this  atomic  radiation  mechanism,  and  ion  lines 
need  to  be  considered.  However  certain  radiating 
molecules  such  as  CN  can  be  formed  in  the  non¬ 
equilibrium  overshoot  region  and  these  must  also  be 
considered. 


difference  as  E.M.  radiation,  which  is  known  as 
bremsstrahlung.  The  spectrum  of  this  radiation  is 
continuous  and  can  be  determined  from  classical 
elctrodynamic  theory. 

Bound-free  transitions: 

A  bound-free  transition  is  a  transition  of  an  atom  or  a 
molecule  that  results  in  its  ionisation  or  dissociation. 

Bound-bound  transitions: 


Energy 


Electrons 

f- 


Bound 

Electrons 


Figure  2.12  Typical  Electronic  Transitions 


The  continuum  radiation  is  caused  by  transitions  of  the 
free  electrons.  It  can  be  divided  into  the  free-free 
(Bremsstrahlung)  and  the  free-bound  radiation,  see  Fig. 
2.12. 


Atoms  can  transit  from  one  electronic  state  to  another, 
emitting  or  absorbing  the  energy  difference  as  EM 
radiation.  The  intensity  of  the  spectral  line  is  proportional 
to  the  number  of  atoms  that  populate  the  higher  (or  lower) 
energy-state,  and  to  the  specific  transition  probability 
expressed  by  an  Einstein-coefficient  A.  (The  Einstein 
coefficients  can  be  computed  from  Quantum  mechanical 
theory  with  approximations) 

The  transition  of  a  diatomic  molecule  from  one  electronic 
state  to  another  will  produce  a  "band"  of  lines,  due  to  the 
different  possible  vibrational  and  rotational  states  within 
an  electronic  state.  The  structure  of  such  an  electronic 
transition  band  results  from  a  selective  number  of 
combinations  of  vibrational  and  rotational  changes  within 
the  electronic  transition.  The  intensity  of  each  band  as  a 
whole  is  determined  by  the  oscillator-strength  f 
(determined  from  spectroscopic  measurements),  and 
within  one  band  each  vibrational  "line"-intensity  is  given 
by  a  Franck-Condon  factor  (derived  from  quantum 
mechanical  calculations  or  from  measurements).  The 
intensity  of  the  rotational  lines  within  one  vibrational 
"line"  is  determined  by  the  population-distribution 
(rotational  temperature)  and  the  degeneration  of  the 
rotational  states. 


For  polyatomic  gases  to  be  considered  the  electronic 
transitions  of  these  molecules  are  of  interest  and  can  be 
found  from  the  visible  to  the  ultra  violet  range  of  the 
spectrum.  These  are  accompanied  by  vibrational  and 
rotational  transitions.'  Vibration-vibration,  rotation- 
rotation.  and  vibration-rotation  transitions  are  only 
possible  for  molecules  with  permanent  dipole  moment,  i.e. 
hetero-nuclear  molecules.  Compared  to  the  electronic 
transitions  these  transitions  are  relatively  weak  and  cxjcur 
in  the  infra  red.  These  IR  rotational  and  vibrational 
transitions  can  be  used  for  diagnostic  purposes  in  ground 
test  facilities,  but  are  not  of  interest  for  aerothermal 
heating.. 


2.5.5  Thermodynamics  of  Radiation 

Complete  Thermodynamic  Equilibrium  (CTE) 

Molecular  processes  are  in  detailed  balance  leading  to 
Maxwell/Boltzmann  distribution  of  states.  All  radiation 
processes  occur  at  the  equilibrium  temperature  of  the  gas 
locally.  Characteristically  the  mean  free  path  of  the  gas 
particles  is  much  greater  than  the  mean  free  path  of  the 
photons.  Absorption  and  emission  are  equal  locally  at  all 
frequencies. 

Local  Thermodynamic  Equilibrium  (LTE): 


2.5.4  Classification  of  Radiative  Mechanisms 

In  summary  all  relevant  radiative  processes  in  radiation 
gas  dynamics  can  be  classified  in  three  categories. 

Free-free  transitions: 

This  type  of  radiation  is  primarily  produced  by  free  (= 
unbound)  electrons  that  accelerate  in  the  vicinity  of  ions. 
Conservation  of  energy  requires  them  to  emit  their  energy 


When  the  gradients  of  the  thermodynamic  variables  at 
certain  locations  are  small,  the  local  values  of  these 
variables  can  be  used  to  define  thermodynamic 
equilibrium  states  that  locally  approximate  the  real 
thermodynamic  states  at  these  locations.  This 
approximation  is  called  "the  Local  Principle",  and  the  gas 
is  said  to  be  in  Local  Thermodynamic  Equilibrium  (LTE). 
At  LTE,  the  excited  states  of  a  gas  can  be  described  by  a 
Boltzmann  distribution. 
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In  LTE  as  opposed  to  CTE,  the  mean  free  path  of  the 
photons  can  be  larger  than  the  mean  free  path  of  the  gas 
particles  and  so  emission  and  absorption  processes  are  not 
equal  across  all  wavelengths  and  therefore  not  in 
equilibrium. 

Non-Local  Thernwdynamic  Equilibrium  (NLTE): 

When  gradients  of  thermodynamically  variables  become 
large,  the  assumption  of  LTE  no  longer  can  be  made,  and 
the  flow  becomes  thermodynamic  non-equilibrium  and 
Boltzmann  distribution  of  internal  energy  is  not  strictly 
valid.  The  radiation  is  no  longer  thermal  and  a  more 
general  approach  has  to  be  considered. 

2.5.6  Optical  Thickness  of  Gases 

Optical  thickness  is  a  macroscopic  quality  of  a  system  and 
implies  nothing  of  local  properties,  but  can  be  used  to 
classify  particular  regimes  or  cases  and  thus  which 
assumptions  are  possible 

The  optical  depth  for  a  given  wavelength  is  the  integral 
through  the  depth  of  gas  (i.e.  the  shock  layer  or  the 
computational  cell)  of  the  absorption  coefficient  and 
density  product. 

Optically  Thick  Gases: 

The  optical  depth  is  much  smaller  than  the  slab  thickness. 
A  gas  in  CTE  must  be  optically  thick,  but  a  gas  which  is 
optically  thick  is  not  necessarily  in  CTE. 

For  optically  thick  gases  the  radiation  has  the  same  local 
character  as  the  molecular  gas  and  can  be  supposed  to  be 
in  local  equilibrium  with  the  gas.  Then  LTE  is  vahd  and 
the  local  radiative  emission  will  be  given  by  Planck's  law, 
but  with  a  local  temperature  of  the  gas  inserted. 

Optically  Thin  Gases 

The  optical  depth  is  much  larger  than  the  slab  thickness. 
For  optically  thin  gases  however,  the  LTE  assumption  can 
not  be  maintained  for  the  complete  system  containing  gas 
and  radiation,  since  now  the  radiation  at  a  point  reflects 
conditions  within  a  large  photon  mean  free  path  and  so 
violate  the  local  principle.  The  radiation  is  then  not 
locaUy  describable  by  an  equilibrium  distribution,  but  has 
to  be  determined  by  solving  a  radiative  transport  equation. 
In  order  to  solve  this  transfer  equation,  one  has  to  state  the 
absorptive  and  emissive  properties  of  the  gas  at  each 
location,  which  depend  on  the  local  state  of  the  gas. 

In  general  the  high  temperature  plasma  region  surrounding 
a  re-entry  vehicle  is  optically  thin. 

2.6  AEROTHERMAL  REGIMES 

Now  that  we  have  an  understanding  of  the  atmosphere  and 
the  physical  and  chemical  processes  in  the  shock  layer  it  is 
possible  to  distinguish  particular  regimes  during  an 
atmospheric  entry  where  particular  assumptions  can  be 


made  such  that  the  method  of  solution  of  problems  in  these 
regimes  can  be  determined. 

A  typical  entry  trajectory,  whether  it  be  through  any 
planetary  atmosphere  will  encompass  a  number  of 
different  flowfield  regimes.  In  the  subsequent  sections,  a 
brief  physical  description  of  these  regimes  is  given  in  the 
order  in  which  they  will  be  encountered  by  an  entry 
vehicle,  followed  by  the  boundary  definition. 

2.6.1  Free  Molecular 

At  extreme  altitudes,  where  the  gas  is  very  rarefied,  the 
flow  has  to  be  described  using  kinetic  theory.  This  region 
is  known  as  the  free  molecular  regime  and  as  the  vehicle 
descends  it  enters  the  near  free  molecular  regime.  In  the 
near  free  molecular  regime,  the  molecules  reach  the  body 
surface  after  only  a  few  collisions  with  surface  reflected 
molecules,  and  in  the  free  molecular  regime  the  molecules 
are  assumed  to  reach  the  surface  without  colliding  with 
any  reflected  molecules  since  the  molecules  are  so  widely 
spaced.  As  the  vehicle  descends  further,  it  encounters  a 
region  of  transition  from  the  near  free  molecular  to  the 
continuum,  and  engineering  results  can, be  obtained  using 
bridging  schemes  between  the  two  regimes. 

2.6.2  Merged  Layer  Regime 

As  the  vehicle  descends,  the  flow  begins  to  exhibit 
continuum  characteristics,  but  is  still  influenced  by 
rarefied  gas  effects.  Within  the  merged  layer  regime,  a 
boundary  can  be  identified  that  divides  the  freestream  and 
the  shock-layer,  but  within  the  shock-layer,  the  shock  wave 
and  boundary  layer  are  not  distinguishable. 

The  no-slip  condition  which  is  assumed  to  hold  for 
continuum  flows  does  not  hold  at  these  high  altitudes. 
Specifically,  at  low  densities  the  flow  velocity  at  the 
surface  takes  on  a  finite  value,  and  also  the  gas 
temperature  at  the  surface  differs  from  the  actual  surface 
temperature.  The  shock  wave  cannot  be  described  as  a 
discontinuity  and  the  shock  layer  must  now  be  treated  as 
fully  viscous,  and  conventional  boundary  layer  analysis  is 
no  longer  applicable. 

2.6.3  SUp  Flow 

As  the  density  increases,  as  the  altitude  decreases,  the 
shock  wave  thins  to  a  point  where  it  can  now  be  treated  as 
a  discontinuity  in  the  flowfield,  and,  as  the  density 
increases  further,  is  no  longer  merged  with  the  boundary 
layer.  The  boundary  layer  remains  very  thick  and  hence 
results  in  stronger  viscous  interaction. 

As  the  altitude  decreases  the  discontinuity  in  temperature 
and  velocity  at  the  wall  reduce.  Eventually,  these  effects 
disappear  altogether,  and  the  non-slip  condition  can  be 
assumed  to  hold. 

2.6.4  Continuum 

The  assumption  of  a  continuum  flowfield  requires  that  the 
mean  free  path  be  very  much  smaller  than  the  smallest 
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characteristic  length  of  the  flowfield.  i.e.  the  boundary 
layer  thickness,  so  that  sufficient  molecular  collisions 
occur  to  establish  continuum  conditions  within  this  region 
at  every  instance.  Viscous  effects  can  now  be  confined  to 
the  boundary  layer.  In  such  environments,  where  the 
density  is  high,  several  assumptions  can  be  made  about  the 
flowfield  around  a  bluff  body.  Due  to  the  entropy  increase 
across  the  shock,  there  are  strong  entropy  gradients  in  the 
nose  region  where  shock  curvature  is  greatest.  The 
boundary  layer  grows  inside  the  entropy  layer  and  is 
effected  by  it,  since  it  is  also  a  region  of  strong  vorticity. 

At  the  high  Mach  numbers  associated  with  the  high 
altitude  end  of  the  continuum  regime,  viscous  dissipation 
within  the  boundary  layer  causes  an  increase  in 
temperature  within  the  boundary  layer,  which  in  turn 
causes  the  boundary  layer  to  thicken.  Tliis  can  exert  a 
major  displacement  effect  on  the  inviscid  flow  outside  the 
boundary  layer,  and  the  resulting  changes  in  the  inviscid 
flow  effect  the  boundary  layer  growth.  Since  the  flow 
behind  the  near-normal  portion  of  the  bow  shock  is 
subsonic,  the  viscous  interaction  will  be  strongest  away 
from  the  stagnation  region  where  the  flow  has  accelerated 
to  supersonic  velocities. 

The  high  temperature  in  the  boundary  layer  due  to  viscous 
dissipation  and  in  the  shock  layer  due  to  the  shock  wave 
will  mean  high  heat  transfer  rates  to  the  surface. 
Generally,  convective  heating  dominates,  but  if  the 
temperature  is  sufficiently  high  the  thermal  radiation 
emitted  by  the  gas  itself,  radiative  heating,  can  be 
significant. 

As  the  altitude  decreases,  viscous  dissipation  effects  are 
reduced,  and  the  boundary  layer  thins.  At  high  Reynolds 
numbers/low  Mach  numbers,  where  the  boundary  layer  is 
very  thin,  the  shock  layer  is  essentially  inviscid,  and 
viscous  interaction  is  weak. 


Using  these  definitions,  the  boundaries  of  the  various 
regimes  can  be  specified,  albeit  somewhat  arbitrarily,  as: 

Free  molecule  M/Rej  >  10; 

Transitional: 

Near  Free  molecule  10  >  M/Rej  >  /; 

Merged  layer  1  >  MIRedto  MRsd"^  >  0.1; 

Slip  flow  0.1  >  MReS"^  >0.01 ; 

Continuum  flow  0.01  >  MRe/^'^ 

Figures  2.13,  2.14  and  2.15  show  typical  ballistic 
trajectories  Earth  return  (Rosetta),  Mars  (Marsnet)  and 
Titan  (Huygens). 


Entry  vek»cHy  1 8000  m/s.  Rosetta  trajoctofy 


Tim*  fctMn  ttOkm  In  mcs 


Figure  2.13  Rosetta  trajectory  parameters 


2.6.5  Flowfield  Boundary  Definitions 

The  various  flowfield  regimes  can  be  characterised  in 
terms  of  the  Knudsen  number,  defined  as: 

Kn  =  m=~^ 

Red 

where:  A.  is  the  molecular  mean  free  path; 

d  is  a  characteristic  dimension 
(e.g.  body  length  or  diameter). 

In  this  form,  the  Knudsen  number  is  applied  to  low 
Reynolds  number  flows,  (typically  Red  <  10^). 

When  d  is  set  to  the  boundary  layer  thickness  8: 

Kn  =  A,/8=  ~ 

and  in  this  form  the  Knudsen  number  is  applied  to  higher 
Reynolds  number  flows,  (typically  Red  >  10^). 


yf^d 


Eniry  vefocrty  5600  m/s,  Mara  Iraieclory 
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Figure  2.14  Mars  trajectory  parameters 
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and  evaluation  of  the  wall  conditions  undertaken.  In 
practice  however  the  heat  transfer  rates  are  over -predicted 
using  no  slip  and  the  slip  condition  becomes  another 
empirical  factor. 


Entry  veiodty  5600  m/s.  Mara  trajectory 
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Figure  2.15  Huygens  trajectory  parameters 

Figures  2.16,  2.17  and  2.18  show  the  Knudsen  number 
(both  definitions  from  above)  Reynolds  number,  dynamic 
pressure,  stagnation  convective  heat  flux  vs.  altitude  for 
the  same  trajectories.  It  can  be  seen  that  the  high  dynamic 
pressure  portion  of  the  entry  where  peak  deceleration 
occurs  the  Reynolds  number  is  greater  than  about  2x10^ 
based  on  the  base  diameter  and  the  Knudsen  number  less 
than  1  X  10"^.  Therefore,  for  drag  calculation  purposes  it  is 
quite  reasonable  to  assume  continuum  flow.  Figures  2.19, 
2.20  and  2.21  show  the  boundaries  on  velocity  altitude 
plots  for  the  three  trajectories. 

Entry  vatocHy  16000  m/s.  Rosatta  trajectory 


Figure  2.16  Rosetta  entry  flowfield  parameters 


Figure  2.17  Mars  entry  flowfield  parameters 
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Figure  2.18  Huygens  entry  flowfield  parameters 

Clearly  entry  vehicles  have  geometric  features  of  largely 
different  sizes  the  base  radius  to  corner  radius  for  example 
and  the  definition  of  regimes  need  to  be  treated  with 
caution  since  continuum  flowfields  may  exhibit  rarefied 
flow  effects  in  particular  regions,  the  corner  or  base  for 
example.  The  regimes  are  a  broad  guideline  therefore. 


These  figures  also  shows  the  Knudsen  number  based  on 
the  boundary  layer  thickness  (based  roughly  on  the  root  of 
the  body  Reynolds  number)  and  the  convective  heating. 
The  definition  of  the  classical  regimes  is  based  on  this 
value  for  the  Knudsen  number  of  the  entry  vehicle  and  it 
can  be  seen  that  the  entry  takes  place  between  1  x  10"^ 
and  1  X  10‘2'  i.e..  slip  flow  (  vorticity  interaction  effects 
being  negligible  on  the  forward  heatshield  and  only 
important  at  the  expansion  comer).  Here  we  may  still  use 
continuum  techniques  where  the  effects  of  boundary  layer 
thickness  are  accounted  for  (i.e.  Navier  Stokes  solutions) 
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Aerothennal  Ragimes  -  Roaetta  Earth  Errtry 


2.6,6  Thermo-Chemical  Boundary  Dermitions 

The  parameter  which  characterises  the  thermo-chemical 
regimes  is  the  Damkohler  number.  Da  as  described  in  the 
discussion  of  chemistry.  This  number  can  be  applied  to 
internal  degrees  of  freedom  of  the  molecules  or  to 
chemical  reactions  in  the  fluids. 

The  Damkohler  number  is  the  ratio  of  the  characteristic 
time  of  particles  passing  a  region  of  the  flow  to  the 
relaxation  time  1  in  question,  where  the  flow  time  is 
usually  the  ratio  of  the  characteristic  dimension  L  (the 
shock  stand-off  distance  for  instance)  and  the  velocity  u 

Da  =  Ll(  ux) 

For  chemical  reaction  we  compute  the  Damkohler  number 
as 


Figure  2.19  Rosetta  aerodynamic  regimes 


Da  =  Lnkl( 

and  for  thermal  relaxation  we  can  define  the  Damkohler  as 


Aerothefmal  Regimas  -  Low  Oensit)<  Mars  Errtiy 
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Figure  2.20  Marsnet  aerodynamic  regimes 
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Figure  2.21  Huygens  aerodynamic  regimes 
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The  chemical  and  thermal  regimes  may  be  loosely  defined 
as  follows: 


Da  =  0  chemically  frozen 

0.01  <Da<  1000  non -equilibrium  flow 

Da  =  o°  chemical  equilibrium. 

At  very  high  altitudes  where  the  densities  are  very  small  or 
at  low  speeds  where  temperatures  are  low,  reaction  rates 
are  slow  compared  to  the  hydrodynamics  time-scales 
(Damkohler  number  Da«l).  This  enables  the  frozen 
flow  assumption  to  be  used  and  solutions  are  restricted  to 
those  which  model  the  flow  of  a  multi-component  fluid  as 
a  continuum  (or  a  free  molecular)  problem  utilising  an 
appropriate  equation  of  state  and  real  (i.e.  temperature 
dejaendent)  thermodynamic  data.  Note  that  the  Damkohler 
number  can  be  applied  equally  well  to  thermodynamic 
relaxation  (vibration,  rotation  etc.)  as  to  chemical 
processes  and  particular  reactions.  For  example  a 
particular  reaction  may  be  so  fast  that  it  can  be  replaced  by 
an  equilibrium  reaction.  The  dissociation  of  methane  in 
the  Titan  atmosphere  for  example.  Or  the  reaction  may  be 
so  slow  that  it  can  be  excluded  from  the  mechanism. 

At  low  altitudes  the  densities  are  high  and  the  flow  is 
Lkely  to  be  characterised  by  fast  chemical  reaction  whose 
time-scale  is  short  when  compared  with  that  of  the  fluid 
velocity  (Damkohler  number  Da»l).  In  this  regime  the 
assumption  of  equilibrium  chemistry  in  the  shock  layer  is 
more  appropriate. 

In  the  mid-range  density  regime  the  assumption  of  either 
frozen  or  equilibrium  flow,  whilst  accurate  in  some 
portions  of  the  shock  layer,  would  lead  to  over  (frozen)  or 
under  (equilibrium)  prediction  of  temperature  in  other 
areas. 
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In  reality  between  these  two  regimes  the  density  is  such 
that  the  flow  cannot  be  accurately  characterised  as  being 
either  frozen  or  as  being  in  chemical  equilibrium.  It  is  in 
this  flight  region  that  non-equilibrium  chemical  kinetics 
must  be  considered. 

Thermal  non-equilibrium  influences  the  rates  at  which 
certain  chemical  reactions  proceed.  Translational 
temperature  behind  the  shock  is  increased,  but  vibrational 
and  electronic  temperatures  are  decreased.  This  implies 
that  the  onset  of  ionisation  is  enhanced  because  of  the 
dependence  of  ionisation  reactions  (other  than  electron 
impact)  on  the  translational  temperature,  whereas 
dissociation  is  diminished  because  of  the  dependence  of 
dissociation  reactions  on  the  vibrational  temperature. 

The  combination  of  high  thermal  energy  and  ionisation 
overshoot  causes  enhancement  of  radiation,  i.e.  non¬ 
equilibrium  processes  can  also  effect  the  heat  transfer 
distribution.  This  phenomenon  known  as  non-equilibrium 
radiation  enhancement  tends  to  maintain  the  radiative  heat 
fluxes  to  the  heatshield  surface  at  a  nearly  constant  value. 
This  is  believed  to  be  caused  by  a  region  of  high 
temperature  and  high  concentration  of  excited  atoms  and 
molecules  that  is  created  during  the  process  of  thermal  and 
chemical  relaxation  behind  the  shock  wave.  This  non¬ 
equilibrium  enhancement  phenomenon  tends  to  be  offset 
by  two  phenomena  known  as  collision  limiting  and 
truncation. 

The  chemical  Damkohler  variation  with  altitude  are  shown 
in  figures  2.22,  2.23  and  2.24,  with  thermal  Damkohler 
numbers  in  figures  2.25,2.26  and  2.27.  Note  that  for  the 
formulation  employed  at  one  tenth  of  the  distance  along 
the  stagnation  streamline  the  regime  boundaries  were 
found  to  be  best  fitted  by  lowering  the  critical  values  by 
lOl 

Approximate  chemical  and  thermal  boundaries  are  shown 
for  the  Earth  entry  in  Figure  2.28  and  2.29.  These  figures 
are  iUustrative  and  use  a  nitrogen  dissociation  and 
vibrational  relaxation  model  only. 

For  the  Mars  entry  a  five  species  model  was  used  and 
Vibrational  relaxation  data  appropriate  to  oxygen 
Chemical  and  thermal  regimes  are  shown  in  figures  2.30 
and  2.31. 

For  Titan  entry  Figures  2.32  and  2.33  show  the  chemical 
and  thermal  regimes.  Since  methane  dissociates  very 
quickly  the  thermal  regimes  are  also  based  on  the 
relaxation  of  diatomic  nitrogen. 

It  is  clear  that  equilibrium  conditions  are  only  appropriate 
foe  the  Rosetta  entry. 

Binary  Scaling 

For  non-equilibrium  processes  involving  two-body 
molecular  collisions,  an  interesting  and  important  scaling 
can  be  obtained  for  non-equilibrium  flowfields,  known  as 
binary  scaling. 


Consider  two  different  flows  with  the  same  temperature 
Too  and  velocity  Voo  but  with  differing  values  of  density  p«o 
and  d  (characteristic  length,  the  nose  radius,  say).  Plots  of 
mass  fraction  against  distance  inside  the  shock  will  be  the 

same  for  the  two  flows  if  the  product  pood  is  the  same 
between  the  two  flows.  This  product,  p„o  d,  is  known  as 
the  binary  scaling  parameter,  and  is  used  for  matching 
wind  tunnel  conditions  to  flight  conditions. 
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Figure  2.22  Rosetta  Chemical  Damkohler 


Figure  2.23  Marsnet  Chemical  Damkohler 
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Figure  2.24  Huygens  Chemical  Damkohler 
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Figure  2.25  Rosetta  Thermal  Damkohler 
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Figure  2.26  Marsnet  Thermal  Damkohler 
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Figure  2.27  Huygens  Thermal  Damkohler 
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Aerattxmnal  Regimes  •  Rosefta  Earth  Entry 


Aerothermal  Regimes  •  Roeetta  Ewih  Entry 


Figure  2.28  Rosetta  Chemical  Regimes 


Figure  2.3 1  Rosetta  Thermal  Regimes 
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Figure  2.29  Marsnet  Chemical  Regimes 


Figure  2.32  Marsnet  Thermal  Regimes 
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Figure  2.30  Huygens  Chemical  Regimes 
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Figure  2.33  Huygens  Thermal  Regimes 
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SUMMARY  3.3  NON  REACTING  FLOWS. 


In  this  section  we  focus  on  basic  principles  and  the 
derivation  of  some  basic  relationships  used  in  heat  transfer 
analysis  for  planetary  entry.  Catalytic  mechanisms  and 
their  effect  on  the  thermal  protection  .system  is  considered, 
finally  radiation  transport  and  regimes  are  briefly 
examined. 

3.1  PERFECT  GAS 

The  perfect  gas  equation  of  state  is  applicable  at  pressure 
below  lOObar  and/or  temperature  above  30K  when 
intermolecular  forces  are  negligible.  For  most  entry 
conditions  a  perfect  gas  can  be  assumed: 

p  =  RTh 

or  p  =  pRT 

For  a  perfect  gas  the  internal  energy  is  a  function  of 
temperature  only,  therefore  it  immediately  foUows  that  Cp 
and  Cy  are  also  functions  of  temperature  only. 

For  a  calorifically  perfect  gas  Cp  and  C»  are  constant,  i.e.  y 
is  constant. 

3.2  REAL  GAS 

The  assumption  of  a  perfect  gas  may  not  be  valid  in  some 
ground  test  facilities  where  high  pressure  gases  are 
expanded  to  low  temperature.  When  intermolecular  forces 
must  be  accounted  for  a  real  gas  equation  of  state  becomes 
necessary  for  example  Van  der  Waals  equation  of  state: 

p  =  RTI( v-b)  -a// 

where  a  and  b  are  constants,  or  by  using  a  compressibilty 
factor  Z 

pv  =  ZRT 

where  Z  is  a  function  of  temperature  and  pressure,  and  is 
available  in  generalised  compressibilty  charts. 

Often  in  aerothermodynamics  the  chemically  reacting  gas 
is  incorrectly  described  as  a  real  gas  and  we  try  and  avoid 
this  confusion. 


3.3.1  Fouriers  Law  and  Convective  Heat  Transfer 

An  empirical  observation  of  one  dimensional  steady  heat 
flow  through  a  solid  between  isothermal  surfaces  shows 
that  the  heat  flux  is  proportional  to  the  area  of  the  flow  and 
the  temperature  difference  across  the  layer  and  inversely 
proportional  to  the  thickness  and  may  be  expressed  : 

Q  =  ■  kA(dTldy) 

or  q  =  ■  k(dT/dy)  =  -paC;,  (dTIdy) 
where  a  is  the  thermal  diffusivity. 

The  constant  of  proportionality  k  is  the  thermal 
conductivity  of  the  material,  and  the  negative  sign 
indicates  that  the  heat  flow  is  positive  in  the  direction  of 
ternperamre  fall.  This  is  Fourier’s  law  and  is  applicable  at 
all  y  across  the  layer 

This  therefore  applies  to  the  stationary  gas  in  a  boundary 
layer  next  to  an  isothermal  wall,  but  since  the  asymptotic 
gradient  is  difficult  to  measure  in  practice,  it  is 
conventional  to  express  the  heat  flow  from  the  wall  to  the 
fluid  in  the  form  : 

qc  =  -  hc(Taw-Tw) 

the  sign  convention  is  consistent  with  Fouriers  equation, 
but  the  temperature  change  must  be  written  to  ensure 
positive  heat  flux  in  the  direction  of  temperature  fall. 

Taw  is  the  temperature  of  the  gas  at  the  wall  if  the  heat  flux 
is  zero,  i.e.  the  adiabatic  wall  temperature. 

The  convective  heat  transfer  coefficient  he  ,  or  film 
coefficient,  is  not  a  constant  of  the  fluid  but  includes  the 
combined  effects  of  conduction  and  convection  in  the  fluid. 
he  is  a  function  of  numerous  variables  such  as  the  transport 
properties,  density  and  velocity  of  the  fluid. 

Before  we  can  use  the  film  coefficient  relationship  for  heat 
transfer  calculations,  it  is  necessary  to  define  Taw-  This 
can  be  found  by  solution  of  the  boundary  layer  equations 
but  in  engineering  analysis  we  introduce  the  recovery 
factor  r  defining  the  amount  of  energy  ‘recovered’  as  the 
gas  is  slowed  by  friction  through  the  boundary  layer. 

Taw  =  Te  +  rU  e^l2Cp 

while  at  the  outer  edge  of  the  boundary  layer; 
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in  March  1995,  and  published  in  R-808. 
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T„  =  T,  +  u/l2Cp 
therefore: 

r=(Ta.-Te)I(T„-T,) 

Fur  incompressible  laminar  flow  over  a  flat  plate  r  =  Pr"^ 
and  for  incompressible  turbulent  flow  over  a  flat  plate  r  =~ 
Pi^'\  These  factors  are  used  well  into  the  hypersonic 
regime  and  have  accuracy  compatible  with  the  simplified 
engineering  analysis.  We  now  call  Taw  the  recovery 
temperature  T,. 

Many  non-dimensional  groups  are  used  in  heat  transfer 
analysis  and  we  shall  now  explore  some  of  the 
relationships  between  them  by  looking  at  the  nature  of  Ac. 

If  we  change  the  temperatures  to  enthalpies  which  will  be 
convenient  later  then: 

i^c  ”  “  hw} 

where  for  a  calorifically  perfect  gas  the  Stanton  number  is 
St  =  hJ(p,UeCp) 

which  is  the  ratio  of  actual  energy  transfer  rate  to  the 
energy  flux  available. 

Multiplying  by  xp^UeCpIkc  gives  the  Nusselt  number: 

Nu  =  xhjke 

which  is  the  ratio  of  convective  heat  transfer  to  conduction 
only. 

Now  the  ratio  of  mass  flux  to  viscosity  of  the  flow  is  the 
Reynolds  number  Re  =  pxu/p  (i.e.  inertial/viscous  ratio) 
and  the  ratio  of  thermal  to  v-isceufr-difusivity  is  the  Prandtl 
number  Pr  =  laC^/Ae  therefore;  /vi  rs  i">  ik 

Nu  =  StRePr 

These  groups  are  used  extensively  in  engineering  heat 
transfer,  and  consequently  in  aerothermal  analysis.  In 
particular  heat  transfer  is  often  defined  in  either  Stanton  or 
Nusselt  number  terms  depending  whichever  is  most 
convenient. 

Now  since  ha  =  ht  +  u  ,12 
and  if  h,  »  hw  then: 
qc~  •  0.5Stp,u,^ 

In  hypersonic  flow  the  heat  flux  is  therefore  proportional  to 
the  cube  of  the  velocity,  i.e.  in  contrast  to  the  drag  which  is 
proportional  to  the  square  of  the  velocity.  This  is  the  basic 
reason  why  heat  transfer  is  so  important  in  hypersonics. 


3.3.2  Newtons  Law  and  the  Skin  Friction  Coefficient. 

Consider  flow  over  a  flat  plate  where  a  laminar  boundary 
layer  grows  due  to  the  viscosity  of  the  fluid.  The  shear 
stress  at  any  point  in  the  fluid  is  proportional  to  the 
velocity  gradient  at  that  point.  The  constant  of 
proportionality  p.  is  called  the  dynamic  viscosity  of  the 
fluid  so  that 

T  =  |j,  du/dy  =  pv  duldy 

This  is  Newtons  law  of  viscosity.  Since  the  wall 
asymptotic  gradient  is  difficult  to  measure  as  in  the  heat 
transfer  case,  the  shear  stress  at  the  wall  iw  is  usually 
expressed  as  a  function  of  the  local  dynamic  pressure: 

Xh.  =  0,5ptU,  Cf 

where  C/is  the  local  skin  friction  coefficient. 

3.3.3  Reynolds  Analogy 

It  is  apparent  that  there  is  a  similarity  between  the 
expressions  for  the  heat  flux  and  the  shear  stress,  now  if 
the  fluid  has  a  kinematic  viscosity  v  equal  to  its  thermal 
diffusivity  a  then  the  Prandtl  number  is  unity  and  dividing 
q,  by  X,  ignoring  the  sign  convention  and  integrating 
through  the  boundary  layer  gives  : 

qJiXwCp)  =  (T,-Tw)/u,  =  QJu, 

this  is  the  simple  Reynolds  analogy.  Re-arranging  this 
equation  gives  : 

xqcl{Q,k)  =  ij( p«/)  xpujp.  Cp  |a/K 

which  in  terms  of  non  dimensional  groups  noting  that  the 
Prandtl  number  is  unity  is  ; 

=  0.5  CfxRe^ 

where  Cf,  is  the  local  friction  factor  which  is  a  function  of 
Reynolds  number  only.  Hence  the  Nusselt  number  is  a 
function  of  Reynolds  number.  Further  examination  shows 
that  a  most  useful  result  of  this  analysis  is  ; 

St=0.5Cf 

The  usefulness  of  Reynolds  analogy  lies  in  this  simple 
relationship  which  allows  first  order  engineering  analysis 
of  many  viscous  flows  where  heat  transfer  is  of  interest. 
For  example  we  shall  use  this  result  in  session  4  to 
examine  the  relationships  that  can  be  derived  between 
atmosphere,  vehicle  parameters  and  heating  in  simple 
trajectory  analysis. 

For  non  unity  Prandtl  number,  comparing  the  Blasius 
incompressible  flat  plate  boundary  layer  solutions  for  skin 
friction  and  heat  transfer,  gives  the  relationship: 


St  =  0.5C/Pt‘'^ 
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This  result  is  also  found  to  be  applicable  with  caution  for 
the  hypersonic  flat  plate  laminar  boundary  layer,  and  in 
region  of  low  pressure  gradient.  However  in  regions  of 
high  gradient,  Reynolds  analogy  is  inappropriate. 

Often  heat  transfer  results  are  correlated  as  functions  of 
the  heat  transfer  parameter  Nu/Re"^  since  for  the  classical 
solution  for  the  laminar  incompressible  flow  over  a  flat 
plate; 

Nu^  =  0.332  Pt^'^ 

3.3.4  Stagnation  Point  Heating 

Van  Driest  perfonned  detailed  stagnation  point  boundary 
layer  solutions  with  a  calorifically  perfect  gas  and 
correlated  the  results  in  the  form; 

qc  =  (hr-K)  (dujdx)f-^ 

where  is  0.76  for  a  sphere  and  0.57  for  a  cylinder.  Note 
that  this  is  a  film  coefficient  formulation.  The  reason  for 
the  higher  heat  flux  in  the  three  dimensional  case  is  in  the 
nature  of  the  flow,  in  two  dimensions  the  flow  can  only  go 
in  two  directions  (i.e.  up  or  down),  whereas  in  three 
dimensions  it  can  also  go  sideways  (left  and  right).  This 
causes  a  thinner  boundary  layer  and  thus  larger  dT/dy.  In 
hypersonic  flow  the  shock  stand-off  is  also  reduced. 

The  stagnation  point  velocity  gradient  can  be  determined 
by  assuming  a  Newtonian  pressure  distribution  at  the 
surface  and  Eulers  equation  at  the  edge  of  the  boundary 
layer  {dpe  =  du, )  as; 

(dujdx)s  =  R'‘  {2(p,-poo)lpef'^ 

Therefore  the  convective  heat  flux  is  inversely  proportional 
to  the  square  root  of  the  stagnation  point  radius  of 
curvature  R.  This  has  a  major  impact  on  all  capsule 
designs,  dictating  large  radius  of  curvature  for  the  forward 
headshield. 

3.4  CHEMICALLY  REACTING  FLOWS 

In  a  chemically  reacting  flow  the  chemical  composition 
may  change  through  the  boundary  layer,  from  the  boundary 
layer  edge  composition  to  the  wall  composition  since  there 
will  be  temperature  gradients  in  the  boundary  layer  even 
for  an  adiabatic  wall.  If  the  gas  is  in  chemical 
equilibrium  the  composition  in  the  boundary  layer  is 
determined  by  local  conditions  only.  The  species  gradients 
present  give  rise  to  diffusion  fluxes  of  species  within  the 
boundary  layer.  These  diffusion  fluxes  provide  an 
effective  transport  of  mass  (and  energy)  and  the  local 
equilibrium  relies  on  a  balance  of  these  fluxes. 

Local  equilibrium  occurs  when  the  wall  temperatures  are 
generally  above  about  2000K  in  typical  entry  situations. 

When  the  wall  temperatures  are  lower  the  reaction  rates 
are  slow  even  compared  to  the  residency  time  in  the 
boundary  layer  and  the  boundary  layer  gases  are  in  non¬ 
equilibrium.  In  the  limiting  case  the  boundary  layer  gases 


do  not  react  at  all  and  the  boundary  layer  edge  composition 
is  maintained  to  the  wall. 

Heat  transfer  in  the  chemically  reacting  case  is  the  sum  of 
the  Fourier  conduction  component  using  the  frozen 
conductivity  (i.e.  the  conductivity  that  the  mixture  would 
posses  if  no  chemical  change  occurred  when  a  temperature 
gradient  was  imposed  upon  it)  plus  a  chemical  term 
dependent  on  the  diffusion  of  species  towards  the  wall. 

q,  =  -  k(dTldy)w  +  TpciVihi 
=  -  k(dTldy)w  +  Dip'L{hidcjdy) 

where  V;  is  the  diffusion  velocity  of  species  i. 

When  considering  the  species  diffusion  terms  in 
engineering  analysis  it  is  convenient  to  introduce  two  other 
dimensionless  groups,  the  Lewis  number  ; 

Le  =  Di  pCpIk 

which  is  the  ratio  of  mass  diffusion  to  thermal  diffusion, 
and  the  Schmidt  number; 

Sc  =  \\J(Dip) 

which  is  the  ratio  of  viscous  to  mass  diffusion. 

3.4.1  Film  Coefficient  Approach 

The  energy  equation  in  the  boundary  layer  for  an 
incompressible  constant  property  low  speed  flow  is  ; 

udTidx  +vdT/dy  =  ad^T/dy^ 

solutions  are  generally  correlated  in  the  form 

qc  =  - he  (Tr-Tw) 

as  discussed  above.  For  a  high  speed  chemically  reacting 
flow,  if  diffusion  coefficients  are  equal  and  Prandtl  and 
Lewis  numbers  are  unity  then  boundary  layer  energy 
equation  becomes; 

pH  dmdx  +pv  dH/dy  =  d/dy  (p.  dH/dy) 

where  H  is  the  total  (sensible  +  chemical  +  \i^/2)  enthalpy. 
By  analogy  to  the  low  speed  case  above,  then  solutions  can 
be  correlated  in  the  form; 

qc  —  '  p*^t^h(^t“hw) 

and  we  can  define  the  Stanton  number  for  a  chemically 
reacting  flow  as  ; 

Ch  =  qcKpcU,(He-hv)) 

and  Nusselt  number; 

Nu  =  xqJ(ke(He-h^)) 
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The  heat  transfer  equation  can  now  be  re-partitioned 
according  to  the  enthalpy  terms  into  the  frozen  chemistry 
'Fourier'  part  and  the  chemical  part: 

~  “  P e^e^h(he“^w)Tw 

In  the  first  term  the  wmvective  flux  is  evaluated  using  the 
boundary  layer  edge  composition.  In  the  second  term,  the 
chemical  flux  is  evaluated  at  the  wall  temperature  and  is 
driven  by  the  difference  between  chemical  composition  of 
the  edge  and  wall  gases  at  the  wall  temperature.  After 
partitioning  the  assumption  of  unity  Lewis  number  can  be 
relaxed  and  a  mass  transfer  coefficient  C„  used  in  the 
chemical  flux  tenn 

qc  =  -  PcUtCh(HrK),  -  p,UcC„(ht-K)Tw 

If  the  diffusion  coefficients  are  not  approximately  equal 
i.e.  when  mixtures  of  widely  different  molecular  weights 
are  present  in  the  boundary  layer  then  the  direct  chemical 
enthalpy  can  not  be  used  and  an  equivalent  enthalpy  h* 
using  a  diffusion  coefficient  weighted  average  of  mole  and 
mass  fraction  may  be  employed 

qc  =  -  p.UcCh(Hr-K)c  -  PcUcC„(h*c-h*„)Tw 

3.4.2  Mass  Transfer  Relationship  to  Heat  Transfer 

The  mass  transfer  coefficient  is  related  to  the  heat  transfer 
coefficient  by  the  frequently  employed  Chilton-Coburn 
correlation 

CJCu=  Le  ♦ 

where  ij)  =  2/3  is  a  commonly  used  value. 

The  Lewis  number  Le  is  the  ratio  of  the  Prandtl  number  to 
the  Schmidt  number 

Le=PrlSc 

For  dissociating  air,  Pr  =0.71  and  Sc  =  0.5  then  Le  =1.4 
and  Cm  =  1.26  Ch-  In  engineering  estimates  the  Prandtl 
and  Schmidt  numbers  may  be  evaluated  at  a  boundary 
layer  reference  condition  such  as  defined  by  Eckert. 

3.4.3  Stagnation  Point  Heating. 

Fay  and  Riddell  performed  detailed  stagnation  point 
boundary  layer  solutions  with  a  chemically  reacting 
dissociating  gas  and  correlated  the  results  in  the  form  : 

qc  =  0.76Pr-^\p^p„f  ‘  (pcPcf-' 

ll+(LeU)(h,/hc)}(hc-h„)(duJdx)J‘-^ 

Here  hj  is  the  enthalpy  of  dissociation  the  gas  mixture.  A 
binary  mixture,  constant  Prandtl  and  Lewis  number  and  a 
viscosity  law  was  assumed  for  the  correlation 
development. 

Comparison  with  the  calorifically  perfect  gas  result  shows 
the  only  major  difference  to  be  the  addition  of  the  chemical 
terms  as  expected  from  the  partitioning  result  and  gives 


the  exponent  of  the  Lewis  number  (})  for  the  ratio  of  mass 
to  heat  transfer  coefficients. 


The  condition  of  the  wall  and  boundary  layer  give  rise  to 
the  following  parameter  values: 


boundary  layer/waU 
condition 

Parameter 

equilibrium 

4)  =  0.52 

frozen  with  fully  catalytic 
wall 

(|)  =  0.63 

frozen  with  non  catalytic 
wall 

Le  =  0.0 

Table  3.1  Fay  and  Riddell  Parameter  Values 


Note  the  difference  between  the  equilibrium  and  frozen 
fuUy  catalytic  wall  case  is  quite  small  since  the  gas  near 
the  waU  is  composed  of  a  binary  mixture  of  atoms  and 
molecules  such  that  the  diffusion  flux,  given  the  same  wall 
condition,  is  nearly  equal  and  thus  independent  of  the 
kinetics. 

When  ionisation  becomes  important  at  high  velocity  (> 
9km/s)  then  the  diffusion  of  electron-ion  pairs  is  greater 
leading  to  reduced  Lewis  number.  The  ionisation  energy 
must  also  be  taken  into  account.  Overall  this  leads  to  an 
increase  in  the  predicted  heat  flux.  Importantly  in  this 
case  the  heat  flux  for  the  frozen  boundary  layer  with  fuUy 
catalytic  wall  for  a  diatomic  gas  is  progressively  larger 
than  the  equilibrium  boundary  layer  solution  with 
increasing  ionisation.  This  is  because  in  the  equilibrium 
case  the  mixture  is  essentially  ternary  and  the  large 
charge-exchange  cross  section  allows  a  layer  of  atoms  to 
form  which  prevent  the  diffusion  of  ion-electron  pairs 
towards  the  waU  and  thus  their  recombination  energy  is 
not  available  at  the  wall.  In  the  case  of  the  frozen 
boundary  layer  with  fuUy  catalytic  waU  the  recombination 
take  place  directly  at  the  waU  from  ionised  to  molecular 
state  and  thus  the  insulating  atomic  layer  is  not  present. 

This  effect  is  not  seen  in  singly  ionised  atomic  gases  for 
example  Ar  or  He  where  the  binary  nature  of  the  gas 
would  not  lead  to  significantly  different  fluxes,  but  recurs 
in  multiply  ionised  flows. 

3.5  SURFACE  PROCESSES 

Species  can  stick  or  adsorb  to  surfaces  generally  by  one  of 
two  processes  involving  either  a  physical  or  chemical 
interaction,  the  main  features  of  which  are  outUned  in 
Table  3.2.  Adsorption  is  the  key  feature  of  surface 
catalysis  and  presently  the  process  is  only  partiaUy 
understood. 

3.5.1  Physisorption 

In  physisorption  there  is  a  Van  der  Waals  interaction 
between  the  adsorbed  molecule  and  the  surface.  This  is  a 
long  range  but  weak  interaction  and  the  amount  of  energy 
released  when  a  molecule  is  physisorbed  is  of  the  order  of 
the  energy  of  condensation  (~  25  kJ/mol). 
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lufaee  is  a  function  of  (be 

adaorbaie 

The  amount  of  adsorptioa  is 
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No  appreciable  activation 
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An  activition  energy  may  be 
involved 
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vibntionai  frequency 

Large  changes  in 
vibrabonal  frequency 
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lemoved  by  evaoubon 
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retno*^  only  by  evacaadoa 
tVor  beat  tmuUy  wdong 

bckm’  ta  dBBooipoBiipB 


Table  3.2 

This  energy  can  be  absorbed  as  vibrations  of  the  lattice  (of 
the  adsorbate)  and  dissipated  as  heat,  and  a  molecule 
bouncing  across  what  is  effectively  a  ’’cobbled''  surface 
will  lose  its  kinetic  energy  and  stick  to  the  surface  in  the 
process  known  as  accommodation.  The  energy  levels 
associated  with  the  physisorption  process  are  insufficient 
to  lead  to  breaking  of  the  bonds  of  surface  species.  A 
physisorbed  molecule  vibrates  in  its  shallow  potential  well 
and  as  the  binding  energy  is  low  it  may  shake  itself  off  the 
surface.  This  suggests  that  the  molecule  has  only  a  short 
residence  time  on  the  surface  before  returning  to  the  gas. 
The  rate  of  departure  (desorption)  can  be  expected  to 
follow  an  Arrhenius  type  law  where  the  inverse  of  the  rate 
coefficient  is  a  measure  of  the  average  lifetime  of  a 
molecule  on  the  surface. 

It  is  possible  to  estimate  the  order  of  this  time  on  the 
surface;  If  the  'activation  energy’  of  the  desorption  process 
(that  is  the  energy  acquired  from  the  surface  in  order  to 
desorb)  is  say  25  kJ/mol,  and  assuming  that  the  pre¬ 
exponential  factor  is  of  the  order  of  a  vibrational  frequency 
of  the  weak  molecule-surface  bond,  say  lO'^  s  ’,  lifetimes 
of  the  order  of  lO'^s  are  predicted  at  room  temperature  and 
these  decrease  to 

10'"  to  10’’^  s  as  the  temperature  rises  to  lOOOK  or  1500K. 

3.5.2  Chemisorption 

In  chemisorption  the  molecules  stick  to  the  surface  as  a 
result  of  the  formation  of  a  chemical  and  usually  covalent 
bond.  The  energy  of  attachment  is  very  much  greater  than 
in  physisorption,  typical  values  being  in  the  region  of  200 
kJ/mol.  It  is  possible  that  a  molecule  undergoing 
chemisorption  may  be  torn  apart  as  a  result  of  the 
unsatisfied  valencies  of  the  surface  atoms.  The  existence 
of  molecular  fragments  on  the  surface  as  a  result  of  the 
chemisorption  of  whole  molecules  is  one  of  a  number  of 
reasons  why  surfaces  can  exhibit  catalytic  activity.  The 
enthalpy  of  adsorption  may  change  with  the  extent  of 
surface  coverage.  This  is,  in  the  main,  a  result  of  the 
interaction  between  adsorbed  molecules:  if  they  repel  then 
the  enthalpy  of  adsorption  becomes  less  negative  (less 
exothermic)  as  coverage  increases. 

The  desorption  of  a  chemisorbed  species  is  always  an 
activated  process  because  the  species  have  to  be  elevated 


from  the  foot  of  a  potential  well  as  can  be  seen  in  Figures 
3.1  and  3.2. 


Figure  3.1  Potentail  energy  Profiles  for  Chemisorption 
-  zero  Adsorption  Activation  Energy 


Figure  3.2  Potentail  energy  profiles  for  Chemisorption 
-  non-zero  Adsorption  Activation  Energy 

The  residence  time  at  the  surface  can  be  estimated  in  the 
same  way  as  for  a  physisorbed  molecule  (i.e.  with  an 
Arrhenius  type  law).  Here,  however,  the  'activation 
energy'  is  in  the  region  of  100  kJ/mol  and  an  estimate  for 
the  pre-exponential  factor  is  of  the  order  10’‘’s'’.  TTiis  is 
justified  because  the  chemisorbed  fragments  have  stiffer 
bonds  to  the  surface  than  physisorbed  species.  This  gives 
a  residence  time  at  the  surface  of  the  order  3x10^  s  at  room 
temperature  and  residence  times  of  2x10“^  and  3x10'”  s  at 
lOOOK  and  1500K  respectively. 

3.5.3  Catalysis 

■Simply,  a  catalyst  has  the  effect  of  increasing  the  kinetic 
rate  of  a  reaction  without  altering  the  final  equilibrium 
products.  In  the  case  of  hypersonic  flight  where  high 
concentrations  of  dissociated  species  exist  in  the  shock 
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layer  recombination  reactions  are  likely  as  the  gas  cools 
towards  the  wall  and  the  presence  of  a  catalyst  increases 
the  rate  of  energy  release  of  the  exothermic  reaction 
(although  not  the  total  energy  release).  Where  a  solid 
phase  catalyst  is  involved  such  as  a  TPS  surface  then  the 
rate  of  heat  transfer  to  the  catalysis  surface  will  also  be 
increased  with  a  resulting  increase  in  surface  temperature 
which  couples  back  to  the  rate  of  the  surface  reactions.  In 
general  this  increase  in  heat  flux  to  the  surface  is 
undesirable. 

The  reason  for  heterogeneous  catalytic  activity  is  the  same 
as  for  homogeneous  catalysis:  the  catalyst  speeds  the 
reaction  by  lowering  the  activation  energy  of  the  rate¬ 
determining  step.  Therefore,  although  it  does  not  disturb 
the  thermodynamically  determined  equilibrium 
composition  of  a  reaction  system,  it  does  increase  the  rate 
at  which  equilibrium  is  reached,  that  is  it  affects  the  path 
to  equilibrium  but  not  the  equilibrium  itself.  This  can  be 
illustrated  by  reference  to  Figure  3.3  which  demonstrates 
the  possible  paths  taken  by  a  reaction,  catalysed  and 
uncatalysed.  Of  particular  interest  here  are  the  activation 
energies  associated  with  each  stage  in  the  catalysed 
reaction  path. 
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Figure  3.3  Reaction  paths  for  Heterogeneous  catalysed  and 
Homogeneous  non-catalysed  reactions 

Illustrated  in  Figure  3.3  is  the  fact  that  adsorption  is 
almost  exclusively  an  exothermic  process;  that  the 
apparent  activation  energy  of  the  heterogeneous  reaction  is 
less  than  the  actual  activation  energy  as  a  result  of  the 
adsorption  step;  that  the  desorption  process  may  be 
exothermic  or  endothermic;  and  that  the  overall  effect  of 
the  catalyst  is  to  lower  the  apparent  activation  energy. 

The  basis  of  much  catalytic  activity  of  surfaces  is  that 
chemisorption  (and  sometimes  physisorption)  organises  at 
least  one  of  the  reactant  molecules  into  a  form  in  which  it 
can  readily  undergo  reaction.  Often  this  comes  about 
because  the  chemisorption  process  is  accompanied  by 
fragmentation.  In  that  case  the  molecular  fragments  can  be 
plucked  off  the  surface  by  an  incoming  molecule  or  skip 


across  the  surface  until  they  encounter  some  other 
fragment. 

Molecular  beam  studies  have  shown  that  catalytic  activity 
of  a  surface  not  only  depends  on  its  chemical  composition 
but  also  in  some  cases  on  its  structure.  For  instance  the 
cleavage  of  some  bonds  appears  to  depend  on  the  presence 
of  steps  and  kinks,  as  illustrated  in  Figure  3.4,  whilst 
terraces  have  minimal  catalytic  activity.  The  reasons  for 
these  effects  are  not  fully  understood  and  are  likely  to  be 
complex.  However  they  do  suggest  that  catalyst  activity 
may  be  reduced  as  these  step  and  kink  sites  are  used  up. 


Figure  3.4  Surface  defects 

The  way  in  which  different  catalysts  act  to  modify  the 
reaction  rates  of  particular  reactions  is  complex  and  not 
always  fully  understood.  Catalysts  act  in  a  number  of 
different  ways  to  alter  reaction  rates.  Some  simply  serve 
as  third  bodies  carrying  away  excess  energy  whilst  others 
serve  as  templates  to  hold  molecules  in  certain  positions 
long  enough  for  a  rearrangement  in  molecular  structure  to 
occur  or  for  other  molecules  to  find  their  way  to  the  held 
species. 

Some  catalysts  act  by  causing  a  rearrangement  of  the 
reacting  species  such  that  their  potential  energy  surface  is 
modified  particularly  by  lowering  the  potential  energy 
barrier  thus  altering  the  activation  energy  of  the  reaction. 
Thus  catalysis  alters  reaction  rates  but  does  not  affect 
equilibrium.  In  hypersonic  flight  it  is  the  catalytic 
recombination  of  dissociated  species  which  is  generally  of 
most  interest.  Recombination  of  atoms  bn  the  surface  of 
the  heatshield  is  seen  as  a  disadvantage  in  that  such 
reactions  are  exothermic  and  the  heat  of  recombination  is 
likely,  in  part  at  least,  to  be  deposited  into  the  TPS. 
Where  the  boundary  layer  gases  are  already  in  equilibrium 
then  a  surface  which  acts  as  a  good  catalyst  will  have  no 
effect.  However  as  the  dissociated  atoms  approach  the 
cooler  body  wall  then  equilibrium  will  be  shifted  towards 
a  less  dissociated  state,  i.e.  recombination  will  take  place 
either  at  the  surface  or  in  the  boundary  layer  close  to  the 
surface.  The  heat  released  from  this  recombination 
reaction  increases  the  heat  flux  to  the  surface  by  thermal 
conduction.  Generally  the  limiting  heat  flux  is  associated 
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with  equilihrium  conditions  and  the  heat  flux  to  a  fully 
catalytic  surface  in  non-equilibrium  flow  is  approximately 
the  same  as  this  maximum  heat  flux  as  has  been  shown 
above. 

Catalytic  effects  are  closely  tied  to  diffusion  processes  in 
that  reactions  at  the  surface  create  a  species  gradient 
which  drives  diffusion  to  the  wall  which  further  increases 
heat  flux. 

The  main  problem  here  is  the  scarcity  of  data  for 
heterogeneous  and  catalysed  reactions. 

3.5.4  Mechanisms  Of  Heterogeneous  Catalysis 

The  classical  sequence  of  events  in  a  surface  catalysed 
reaction  comprises: 

i)  the  diffusion  of  reactants  to  the  surface,  usually 
considered  to  be  fast 

ii)  adsorption  of  the  reactants  on  the  surface,  slow  if 
activated 

iii)  surface  diffusion  of  reactants  to  active  sites 

iv)  reaction  of  the  adsorbed  species,  often  rate 
determining 

v)  desorption  of  the  reaction  products,  often  slow 

vi)  diffusion  of  the  products  away  from  the  surface. 

Processes  i)  and  vi)  may  be  rate-determining  where  the 
solid  surface  is  porous.  Process  ii),  the  adsorption  of  the 
reactants  is  often  rapid,  on  the  other  hand  process  iv),  the 
desorption  of  the  products,  must  be  activated  by  the  heat  of 
adsorption  which  can  be  slow  particularly  at  lower 
temperatures. 

One  of  the  reasons  why  contact  catalysis  is  able  to  provide 
a  reaction  path  that  is  faster  than  the  homogeneous  one  in 
the  case  of  bimolecular  reactions  is  that  the  concentration 
of  the  reacting  species  can  be  much  higher  in  a  surface 
film  than  in  the  gas  phase.  Consequently  a  catalysed 
reaction  may  be  faster  purely  because  of  the  concentration 
factor  and  it  is  not  necessary  that  the  surface  reaction  is 
any  different  in  character  than  the  homogeneous  one.  In 
many  cases  however  catalysed  reactions  follow 
intrinsically  different  reaction  paths  and  the  nature  of  the 
solid  surface  can  be  unimportant.  This  is  clearly  the  case 
with  uni-molecular  reactions  for  which  the  surface 
concentrations  effect  is  not  applicable. 

In  general  the  surface  geometry  of  a  catalyst  appears  to 
affect  the  activation  energies  and  strengths  of  adsorption 
and  desorption  and  to  control  the  nature,  concentration  and 
mobility  of  the  surface  species.  If  these  surface  species  are 
radicals  then  reaction  occurs  through  various 
recombination  reactions  and  with  a  rate  enhanced  because 
of  the  surface  concentration  effect.  Alternatively  a  catalyst 
may  act  by  promoting  reactions  through  the  formation  of 
intennediates. 


More  recently  the  discovery  of  a  third  type  of  adsorbate, 
neither  chemical  nor  physical  (see  Table  3.2)  but 
characterised  by  changes  in  vibrational  frequencies  which 
range  from  small  to  very  large  and  by  weak  bonds  have  led 
to  a  new  understanding  of  catalysis.  The  quantative 
description  of  this  third  type  of  adsorbate,  the  intermedion, 
requires  a  new  concept  of  a  continuous  function  relating 
the  vibrational  frequencies  of  molecules  and  ions  to  the 
number  of  valence  or  outer  shell  electrons. 

With  vibrational  frequencies  which  are  intermediate 
between  those  of  neutral  molecules  and  ions,  intermedions 
have  vibrational  frequencies  which  correspond  to  a  non¬ 
integral  number  of  electrons,  the  fraction  (perturbation 
fraction)  of  which  is  a  constant  characteristic  of  the 
metallic  component  and  its  oxidation  state  in  the 
adsorbent.  Intermedions  are  thought  to  be  the  key  to 
catalysis  and  have  been  shown  to  lead  to  simple 
mathematical  relationships  which  designate  the  catalyst 
metal,  its  oxidation  state  and  details  of  the  mechanism  of 
the  catalytic  reaction.  Thus  intermedions  whilst  weakly 
bonded  to  a  surface  as  in  physical  adsorption  may  show 
large  changes  in  energy  as  reflected  by  the  changes  in 
vibrational  frequency  and  consequently  may  be  expected  to 
exhibit  significant  changes  in  chemical  reactivity.  It  is  the 
perturbation  fraction  which  is  the  single  property  of  the 
metal  which  is  shown  to  determine  its  activity  as  a 
catalyst,  and  which  has  been  shown  to  be  the  result  of  the 
fractional  population  of  the  low-lying  excited  electronic 
states  of  metal  ions.  This  theory  may  weU  provide  an 
analytical  basis  for  understanding  catalytic  effects  in  the 
future. 

Currently  in  hypersonics,  surface  catalytic  reactions  are 
modelled  by  assigning  to  the  surface  a  species 
recombination  probability  (y)  and  a  surface  kinetics 
parameter  or  catalycity  (Figure  3.5).  The  surface 
reaction  rate  is  then  given  as: 

r  =  K^ p  y 

This  recombination  probability  is  the  ratio  of  the  mass  flux 
of  recombined  species  to  the  mass  flux  of  incident 
dissociated  atoms.  The  y  are  temperature  dependent  and 
are  characteristic  of  the  recombining  species  and  the 
surface.  They  are  generally  independent  of  pressure  and 
density  as  most  recombination  reactions  are  first  order. 
The  y  are  generally  only  available  at  the  elevated 
temperatures  experienced  in  hypersonic  flight  for  a  small 
number  of  reactions  e.g.  nitrogen/oxygen  recombination. 
Data  that  are  available  suggests  an  Arrhenius  type 
expression  which  leads  to  an  analogy  with  gas-phase 
reactions  and  an  energy  barrier  or  activation  energy  which 
must  be  overcome  by  atoms  colliding  with  the  surface. 
The  value  of  y  are  of  the  order  <.01  on  ceramic  surfaces 
whilst  on  metallic,  metallic  oxide  or  graphitic  surfaces 
values  might  be  expected  to  be  >0.1  and  are  normally 
assumed  to  be  fully  catalytic,  that  is  equilibrium  exists  at 
the  surface. 
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Figure  3.5  Catalyst  Surface  Recombination 

There  is  evidence  to  suggest  that  it  is  the  existence  of 
metal  atoms  as  impurities  in  otherwise  non-metallic  TPS 
which  are  the  primary  cause  of  catalytic  activity.  Metal 
atoms  need  not  be  present  in  the  surface  coating  itself  as 
solid  state  diffusion,  which  increases  exponentially  with 
temperature,  would  bring  these  atoms  to  the  surface.  This 
may  explain  the  'breakaway'  phenomena  exhibited  in  the 
rate  of  evaporation  shown  by  samples  of  oxide  and  nitride 
coated  beryllium  when  heated  as  discussed  in  Section  9. 
Modelling  also  needs  to  take  account  of  incomplete  energy 
deposition  when  atoms  combine  on  a  surface. 
Observations  have  shown  a  lower  heat  flux  than  would  be 
expected  during  surface  recombination  reactions  and  that 
recombined  molecules  may  leave  the  surface  vibrationaUy 
or  electronically  excited.  The  source  of  this  excess  energy 
is  generally  thought  to  be  a  fraction  of  the  atom 
recombination  energy  which  remains  with  the  desorbing 
molecule  as  internal  energy. 

To  account  for  this  excess  energy  retained  by  the  desorbing 
molecules  an  accommodation  factor  p  is  introduced  and 
the  energy  deposited  by  the  recombination,  or  other 
reactions,  is  thus  reduced,  p  is  thus  the  ratio  of  the 
chemical  energy  deposited  into  the  heatshield  to  the  total 
energy  of  dissociation  available  and  can  be  written  as: 


where  qf-hem  chemical  energy  flux,  ntj  is  the  mass 

flux  of  dissociated  species  and  is  the  energy  of 

dissociation.  Very  little  is  known  about  P  for  real  space 
vehicle  TPS’s  consequently  restricting  its  use. 

Traditional  explanations  of  surface  recombination  consider 
two  mechanisms:  the  Langmuir-Hinshelwood  and  the  Eley- 
Rideal  mechanisms.  Both  involve  the  use  of  'sites'  on  the 
metal  surface  where  clearly  defined  potential  wells  or 
bond  locations  exist  at  specific  lattice  locations.  These 
sites  are  thought  to  behave  as  species  in  homogeneous 
reactions  with  much  higher  number  of  degrees  of  freedom 
which  enable  them  to  dissipate  recombination  energy  very 
much  like  third  bodies  in  gas  collisions.  In  the  LH 
mechanism  reaction  takes  place  between  two  adsorbed 
species  whilst  the  ER  mechanism  proposes  the  reaction  to 
be  between  an  adsorbed  atom  and  a  gas  phase  atom.  The 
ER  mechanism  tends  to  dominate  at  lower  temperatures 
due  to  the  low  mobility  of  adsorbed  atoms  and  consequent 
high  probability  of  collision  with  in-coming  gas  atoms. 

At  higher  temperatures  where  adsorbed  atom  mobility  is 
high  this  probability  is  low  and  the  LH  mechanism  will 
tend  to  prevail.  An  important  conclusion  here  is  that  in  the 
ER  mechanism  the  molecule  formed  by  the  gas  surface 
collision  may  leave  the  surface  with  a  portion  of  the 
collision  energy.  If  the  time  required  to  break  the  weak 
surface-atom  bond  is  shorter  than  that  required  to  form  the 
molecular  bond  then  the  molecule  will  leave  the  surface  in 
a  state  of  non-equilibrium.  In  the  LH  mechanism  the 
reaction  is  not  one  involving  collisions  and  consequently 
the  desorbed  molecules  will  tend  to  leave  in  thermal 
equilibrium  and  thus  the  full  recombination  energy  will  be 
deposited  into  the  surface.  However  there  is  no  way 
currently  of  accurately  predicting  the  temperature  at  which 
these  mechanism  switches  from  ER  to  LH. 

The  overall  surface  reaction  involves  three  steps, 
adsorption,  reaction  and  desorption.  At  the  elevated 
temperatures  adsorption  can  be  modelled  by  a  first-order 
Arrhenius  process  and  a  half  power  temperature  factor. 
Until  intermedion  theory  becomes  more  available  realistic 
predictive  techniques  for  surface  reactions  will  not  be 
possible.  Currently  surface  reactions  are  modelled  by 
analogy  to  gas-phase  reactions  using  Arrhenius  type 
expressions.  Desorption,  particularly  at  high 

temperatures,  is  treated  as  a  second  order  process. 
Desorption  is  then  a  fast  step  and  often  the  desorption  and 
reaction  processes  are  considered  as  one  process. 

At  low  temperatures  chemisorption  is  preceded  by 
physisorption  and  the  activation  energy  is  the  difference 
between  these  two  absorption  states  (see  Figure  3.1).  At 
the  high  temperatures  associated  with  hypersonic  flows 
physical  adsorption  is  much  faster  and  may  be  neglected. 
On  some  metals  nitrogen  tends  to  form  stable  bonds  with 
the  metal  in  an  exothermic  reaction.  In  order  to  desorb 
from  the  metal  the  nitrogen  has  to  climb  out  of  a  potential 
well. 


_  .^chem — 
^diss 


Y  for  nitrogen  recombination  on  metals  can  be  of  the  order 
of  0.1  to  0.2  and  metal  impurities  are  thought  to  be  the 
primary  cause  of  surface  reactivity.  As  previously 
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discussed  solid  state  diffusion  of  metal  substrata  particles 
through  a  non-catalysing  TPS  material  can  occur  at  high 
temperature,  a  fact  which  further  complicated  analysis  of 
catalytic  effects. 

Typical  catalytic  recombination  reactions  and  planets 
where  radiative  heatshields  may  be  used  are  : 


C0  +  0  =  CO  2 
C  +  0  =  CO 
0  +  0  =  02 
N  +  N  =  N2 


Mars 

Mars 

Mars  and  Earth 
Earth  and  Titan 


The  accommtxiation  coefficient  approach  allows  a 
specified  portion  of  the  energy  released  in  a  surface 
recombination  to  be  imparted  to  the  local  flowfield,  the 
remainder  forming  a  diffusive  heat  transfer  component  to 
the  wall.  The  energy  released  to  the  flow  is  assumed  to 
vibrationally  excite  the  gas. 

The  complete  adsorption,  surface  reaction  and  desorption 
properties  can  be  modelled  individually; 

The  adsorption  rate  is  as  follows;- 

^ads=JPads(N*-N)/N* 


s  is  the  surface  area  occupied  by  the 
adsorbed  atom. 
m  is  the  mass. 

Q  is  the  surface  atom/atom  bond  strength. 
f  is  the  desorption  probability  per  unit 
time. 

In  summary,  of  the  two  approaches  described  the  one  most 
compatible  with  the  gathering  of  essential  empirical  data  is 
often  preferred.  This  will  most  likely  lead  to  the  simpler 
first  approach. 

Catalytic  Computational  Example 

To  illustrate  the  magnitude  of  the  effects  of  catalytic 
activity  on  the  TPS,  Figure  3.6  shows  for  a  Marsnet  entry 
vehicle  at  peak  convective  heat  flux  the  diffusive  and 
conductive  components  of  heat  flux  for  a  fuUy  catalytic 
waU  compared  to  a  non-catalytic  wall.  The  diffusive 
fluxes  caused  by  the  catalytic  action  are  potentially  very 
large.  However  convincing  the  TPS  designer  that  this 
saving  can  actually  be  made  is  quite  a  different  matter  and 
requires  extensive  materials  testing  to  determine  the  actual 
catalytic  performance  of  the  TPS  in  the  particular 
atmospheric  environment. 


where: 

PaAg  is  the  adsorption  probability 

(=  expi-Eads/RT). 

J  is  the  flux  to  the  surface  of 

a  toms/molecules  undergoing  recombinations. 

N*  is  the  density  of  surface  sites. 

N  is  the  density  of  occupied  surface  sites. 

This  stage  is  then  proceeded  by  the  surface  recombination 
which  is  described  by  an  Arrhenius  form  w^.  as  follows; 

=  kjlO*JlO*}  or  ky[0*l[OI 

where  *  denotes  a  surface  adsorbed  atom  and  the  absence 
of  *  denotes  a  gas  atom. 


In  the  previous  equation  the  case  of  the  surface 
recombination  of  oxygen  atoms  has  been  considered.  The 
last  process  to  be  considered  is  that  of  desorption  which 
for  the  case  of  oxygen  recombination  has  a  rate  wjgg  as 
follows: - 

'*'dex  =  kf[0*J^ 

The  justification  of  the  form  given  for  ^des'  ^ 
such  as  =  kj-  [02*P  might  have  been  expected,  is 
that  surface  recombination  and  desorption  are  often 
thought  of  as  a  single  process.  This  assumption  simplifies 
the  model  and  allows  an  overall  form  such  as  that 
proposed  by  Langmuir  for  adsorption  to  be  used. 

dN/dt=(P^^  s/(2n  mkTf-^)p(m-N)-f 
exp(-Q/kT) 


Figure  3.6  Heat  transfer  rate  profile  around  the  Marsnet 
forebody  at  peak  convective  flux 

Figures  3.7  and  3.8  compare  the  species  concentrations 
along  the  stagnation  streamline  showing  clearly  the  effect 
of  a  fully  catalytic  wall  on  the  boundary  layer  chemistry. 

Figures  3.9  and  3.10  show  the  stagnation  streamline 
temperature  profiles.  It  is  interesting  to  note  that  while  the 
boundary  layer  temperature  profile  remains  very  similar, 
the  shock  stand-off  increases  slightly  for  the  fully  catalytic 
case. 


where: 
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Figure  3.7  Principal  species  mass  fractions  along 
stagnation  streamline  -  non-eatalytic  wall 


WommiMil  dulM  tern  wignMInii  pctnt,  ilKm 


Figure  3.8  Principal  species  mass  fractions  along 
stagnation  streamline  -  fully-catalytic  wall 


Nomt&liAcd  dlMMicv  from  stiQnMtoii  points  i^Kn 

Figure  3.9  Temperature  profiles  along  stagnation 
streamline  -  non-catalytic  wall 


Figure  3.10  Temperature  profiles  along  stagnation 
streamline  -  fully-catalytic  wall 

Finally  we  note  from  Figure  3.11  that  on  the  aft  cover  of 
such  a  capsule  catalytic  activity  may  be  equally  important 
although  the  magnitude  of  the  fluxes  is  much  lower. 


Figure  3.11  Heat  transfer  rate  profile  around  the  Marsnet 
forebody  at  peak  convective  flux 

3.6  RADIATIVE  FLUX 

3.6.1  Radiation  Regimes 

The  determination  of  the  radiative  flux  incident  on  the 
TPS  surface  is  of  great  importance  for  capsules  during 
atmospheric  entry.  The  individual  radiation  mechanisms 
have  been  outlined  in  Section  2,  however  the  emitted 
energy  needs  to  be  transported  through  the  flowfield  where 
it  may  be  re-absorbed  prior  to  reaching  the  TPS  surface  or 
escaping  from  the  shock  layer  by  passing  through  the  bow 
shock. 

Clearly  the  loss  of  energy  from  the  flowfield  in  this  way 
leads  to  a  cooling  of  the  flow,  and  this  energy  is  taken 
from  the  vibrational  and  electronic  energy  components. 
The  gas  then  becomes  non-adiabatic  in  nature.  Where 
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significant  absorption  is  occurring,  the  flow  even  if 
supersonic  becomes  elliptic  in  nature  because  of  the 
upstream  transfer  of  energy. 

When  the  flowfield  cooling  becomes  significant  this  will 
alter  the  chemistry  and  the  resultant  radiation  thus  the 
processes  are  truly  coupled. 

The  radiation  parameter  F  can  be  used  to  determine  when 
coupling  is  necessary: 

r„  = 

where ; 

8  is  the  shock  stand-off  distance 
k  is  the  frequency  averaged  volumetric 
absorption  coefficient 
a  is  the  Stefan-Boltzman  constant 
s  subscript  are  conditions  in  the  shock  layer. 

r„  is  the  ratio  of  the  radiant  energy  flux  emitted  from  an 
optically  thin  shock  layer  (the  Planck  limit)  of  thickness  8 
to  the  enthalpy  flux  across  the  shock  front.  Note  that  the 
shock  stand-off  is  proportional  to  the  vehicle  radius  of 
curvature  so  that  for  stagnation  heating,  the  radiative  flux 
is  proportional  to  the  radius  of  curvature  of  the  TPS  (nose 
radius).  This  can  become  a  major  consideration  in  entry 
vehicle  design. 

For  the  optically  thick  cases  (known  as  the  Rosseland 
limit)  then: 

Ft  =  16aTs'*kJ(3p^^s) 

F  is  the  ratio  of  flux  to  the  surface  TPS  to  the  enthalpy 
flux  across  the  shock  front. 

The  approximate  radiative  regimes  are  : 

F  <  10'^  radiation  is  not  important 

10'^  <  F  <J0'^  radiation  is  important  but 

coupling  is  not  necessary 
r>  10'^  coupling  of  radiation  to  the 

flowfield  is  necessary 

to  evaluate  the  radiation  influence  parameter  F  an  estimate 
of  ks  is  necessary.  An  approximate  relationship  is: 

1  =  8  k 

where  i  is  the  optical  depth.  Since  the  absorption 
coefficient  is  the  inverse  mean  free  path  until  absorption, 
the  optical  depth  is  analogous  to  an  inverse  Knudsen 
number. 

Now  the  transparent  gas  approximation  is  acceptable  up  to 
an  optical  depth  of  about  0.2  while  for  an  optically  thick 
gas  the  approximation  is  acceptable  until  the  optical  depth 
of  the  boundary  layer  falls  below  5. 

When  the  gas  is  neither  thick  or  thin  then  the  radiant 
energy  flux  to  the  surface  is  approximated  the  black  body 


value,  and  the  ratio  of  energy  flux  to  the  surface  to 
enthalpy  flux  across  the  shock  is  the  inverse  of  the 
Boltzmann  number : 

Bo'  = 

For  Earth  entry  these  regime  bands  are  shown  in  figure 


Figure  3.12  Radiative  transfer  regimes  for  a  blunt  body  of 
0.3m  nose  radius. 

The  approximations  made  to  define  the  radiation 
interaction  are  rather  sweeping  and  the  effects  of  non¬ 
equilibrium,  frequency  dependence  of  the  emission/ 
absorption  broaden  the  regime  boundaries.  Thus  this 
analysis  provides  an  initial  guideline.  For  high  speed 
Earth  return,  full  coupling  is  required,  while  for  Huygens 
and  Earth-Lunar  return  radiation  is  important  but  full 
coupling  is  not  strictly  necessary,  and  for  Mars  entry 
radiation  is  not  important. 

3.6.2  Radiation  Transport 

Tfre  net  energy  flux  at  a  point  in  the  flowfield  is  given  by 
the  difference  between  the  emission  of  the  gas  e  which  is  a 
function  of  local  parameters  (number  densities 
temperatures)  and  the  absorption  of  incoming  radiation 
from  the  surrounding  flowfield  and  is  the  integral  over  all 
wavelengths  of  the  integral  over  a  solid  angle  of  471  of  the 
absorption  coefficient  Intensity  product  ky/v 

Several  simplifications  can  be  made  to  ease  the  solution  of 
this  relationship: 

•  assume  of  an  optically  thin  gas  requires  only  the 
estimation  of  emission,  but  overestimates  the  flux  to 
the  surface. 

•  assume  thermal  equilibrium  allowing  the  absorption 
and  emission  coefficients  to  be  related  through  the 
Planck  function; 
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•  treat  the  shock  layer  lucaUy  as  one  dimensional  -  the 
infinite  slab  approximation. 

However  it  has  been  found  that  the  accurate  prediction  of 
radiative  fluxes  is  extremely  sensitive  to  the  thermal 
condition  of  the  gas,  and  thus  simplified  schemes  should 
be  treated  with  caution. 

Assume  the  radiation  from  an  emitting  and  absorbing  gas 
is  a  black  body  then 

Bo'  =  csT,:‘/(3p„u^,) 

and  qr  =  oTs‘'l3 

for  gas  in  equilibrium  assume; 

Ts=~  uJ/2C* 

where  hs  =  TgCp*  then: 

qr  =  ~auJ/(48Cp*^) 

which  over  predicts  for  a  real  situation  and  therefore 
qr  uj 

This  illustrates  then  sensitivity  of  the  radiative  flux. 

3.7  TYPES  OF  THERMAL  PROTECTION  SYSTEM 

While  so  far  we  have  considered  heat  transfer  to  the 
surface  of  the  vehicle,  one  has  to  consider  how  to  manage 
this  heat  load. 

The  outer  layers  of  the  capsule  which  manage  the  heat  load 
due  to  aerothermodynamic  heating  are  called  the  thermal 
protection  system  or  TPS.  There  are  several  basic 
mechanisms  which  are  used  in  the  design  of  the  TPS: 

•  Re-radiation.  As  the  surface  of  the  vehicle  becomes 
hotter,  much  heat  can  be  re-radiated  if  the  surface 
emissivity  is  high.  TPS  systems  which  rely  on  this 
mechanism  alone  are  called  Radiative  TPS.  TTiese 
are  used  when  the  surface  temperatures  are  less  than 
about  2000K,  and  are  usually  Carbon  or  Ceramic 
based.  If  the  TPS  has  a  very  low 
einissivity/absorbtivity  then  it  acts  as  a  radiative 
reflector.  These  type  of  TPS  have  been  postulated  but 
not  used  in  radiative  environments  thus  far. 

•  Conduction.  The  hot  TPS  surface  will  conduct  heat 
to  its  interior.  Thus  for  low  surface  temperatures  a 
high  conductivity  will  enable  the  surface  heat  load  to 
be  conducted  away  quickly.  Typically  these 
conductive  heat  shields  are  metallics  such  as 
Beryllium,  and  due  to  mass  penalties  associated  with 
absorbing  high  heat  loads  are  confined  to  low  heat 
load  regions.  Of  course  the  use  of  high  conductivity 
TPS  materials  allows  the  potential  use  of  internal 
fluids  as  coolants  such  as  fuel..  For  a  high  surface 
temperature  TPS  then  the  minimum  conductivity  is 
required  to  minimise  the  heat  soaked  to  the  interior. 


•  Ablation.  There  are  three  distinct  mechanisms  of 
ablation.  At  very  high  surface  temperature,  the 
surface  of  the  TPS  can  be  expended  in  sublimation 
which  absorbs  energy,  at  intermediate  temperatures 
however  it  may  oxidise  and  deposit  energy  to  the 
surface,  additionally  the  material  may  thermally 
degrade  in  depth  absorbing  energy  and  releasing 
gases  which  further  cool  the  material  as  they  pass  to 
the  surface.  Once  released  from  the  surface  these 
pyrolysis,  and  or  oxidation  and  sublimation  gases  act 
to  block  the  convective  and  perhaps  the  radiative 
fluxes.  This  type  of  TPS  is  particularly  efficient  at 
high  surface  heat  fluxes,  and  in  fact  is  the  only 
practical  solution  in  many  capsule  cases. 

•  Melting.  Melting  of  material  at  the  surface  followed 
by  its  removal  due  to  shear  forces  removes  energy  due 
to  the  latent  heat  of  fusion,  however  this  is  not  as 
efficient  as  sublimation  since  the  latent  heat  is  lower. 
Some  ablators  such  as  those  with  Silica  may  melt  at 
the  surface  during  the  ablation  process. 

•  Blowing.  The  introduction  of  cool  gases  to  the  inner 
boundary  layer  absorbs  heat  and  thus  insulates  the 
surface.  These  transpiration  cooling  methods  can  be 
particularly  useful  near  sensitive  instrumentation 
ports  etc.,  but  generally  require  too  much  coolant  for 
whole  TPS  applications.  Also  this  system  is  active  in 
that  some  action  needs  to  be  taken  to  maintain  the 
functioning  of  the  system,  and  reliabilty  and 
complexity  aspects  need  to  be  addressed. 

These  mechanisms  may  all  contribute  to  a  real  TPS  in  part 
and  aerothermodynamic  analysis  is  responsible  for  the 
supply  of  the  surface  boundary  condition  to  enable  the 
efficient  design  of  a  TPS.  Since  the  ablator  forms  an 
important  class  of  TPS  for  capsule  entry  this  will  be 
covered  in  depth  later  in  the  course. 

3.8.1  Surface  Energy  Balance 

Of  course  these  mechanisms  also  exist  together,  and  at  the 
outer  surface  of  the  TPS  the  various  heat  fluxes  to  and 
from  the  atmosphere  and  to  and  from  the  TPS  surface  must 
balance.  This  surface  energy  balance  may  be  written  using 
the  fdm  coefficient  approach  as  follow: 

k(dT/dy)  (the  conduction  from  the  surface) 

~  PetleCh(H r^h^’)c 

(the  convective  flux  to  the  surface) 

+  peUtC„(h*c-h*„)Tw 

(the  chemical  flux  to  the  surface, 
including  reactions  at  the  surface) 

+  qr 

(the  radiative  flux  to  the  surface) 

+  dntgldt  hg 

(the  flux  from  pyrolysis  gases 
arriving  at  the  surface) 

+dmjdt  he 

(the  flux  from  surface  recession 
arriving  at  the  surface) 
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-  (pv)^K 

(the  flux  taken  by  blowing 
from  the  surface) 

-  dmildi  hi 

(the  flux  taken  by  liquid  phase  removal 
from  the  surface) 

-gzTJ 

(the  flux  leaving  by  radiation 
from  the  surface) 

Note  that  from  mass  continuity  at  the  surface: 

dnigldt  -^dmjdt  he  =  (pv),.  +  dmi/dt 

The  magnitude  of  the  various  terms  is  of  primary  interest 
to  the  TPS  designer. 

3.8.2  Reduction  of  Convective  Heat  Flux  by  Blowing 

The  flow  of  ablation  products  into  the  boundary  layer 
provides  a  boundary  condition  for  the  solution  of  the 
boundary  layer  equations  whereby  a  mass  flux  normal  to 
the  wall  is  present. 


and  .so  the  inverse  is  of  interest  to  compare  blowing 

effects: 

C»/C*„  =  ln(2XB’+l)/  (2XB’) 

Blowing  Regimes  can  be  considered  as  follows: 

•  B’„  <  0.1,  Lightly  Blown.  Convective  fluxes  are 
reduced  by  less  than  5%  and  the  effects  can  be 
ignored  to  first  order. 

•  0.1  <  B\  <  1,  Moderately  Blown.  Up  to  about  40% 
reduction  in  convective  flux.  The  flowfield  and 
ablator  response  can  be  loosely  coupled.  (S’  <2) 

•  1  <  B’o  <  4.5,  Highly  Blown.  The  convective  flux  is 
reduced  by  up  to  95%  and  full  coupling  is  likely  to  be 
required.  (B’  <100) 

•  B’o  >  4.5,  Massively  Blown,  These  situations  occur 
only  in  radiation  dominated  environments  such  as  the 
highest  energy  entries  to  Jupiter  etc.  Full  radiation 
flowfield  TPS  coupling  is  required.  {B’  >  100) 


For  a  single  perfect  gas  it  is  obvious  that  a  component  of 
velocity  normal  to  the  wall  will  decrease  the  asymptotic 
gradient  of  the  tangential  velocity  such  that  the  shear  stress 
at  the  wall  will  be  decreased:(x  =  p  duldy).  Also  we  may 
expect  from  Reynolds  analogy  that  the  heat  flux  will  also 
be  decreased. 

In  an  ablation  or  transpiration  cooled  system  the  injected 
gases  are  most  likely  to  be  of  different  chemical 
composition  to  the  boundary  layer  gases.  Diffusion  and 
mixing  will  take  place,  chemical  reactions  will  occur  and 
energy  will  be  transferred.  Thus  the  process  will  be 
complex.  For  aerothermodynamic  assessments  it  is 
convenient  to  use  empirical  laws  and  many  have  been 
developed.  Of  course  we  expect  different  performance 
with  differing  atmosphere  and  blowing  species. 

The  corrections  are  made  to  the  Stanton  number  and  are  of 
the  form: 

Ch/Cho  =f(B’) 


where  Cj,  is  the  corrected  Stanton  number  and  C*,  is  the 
unblown  value  and  B’  is  the  non-dimensional  blowing 
rate:  ‘ 


To  illustrate  this.  Figure  3.13  shows  the  reduction  in 
amvective  flux  for  a  high  speed  Earth  entry  where 
convective  fluxes  are  reduced  by  between  a  factor  of  3  and 
10.  These  results  were  computed  in  a  loosely  coupled 
radiation,  fully  coupled  flowfield  and  surface  ablation. 


NoMUa  RMky  ■■  TMok  JUMudik  1i.naV> 

Bhct  ol  RadMiM  Cooano  nd  Bomtaiy  Uvw  aioclug* 


Figure  3.13  Effect  of  high  Blowing  rate  on  the  Rosseta 
entry  vehicle. 


B’  =  (dnig/dt  +dmjdt  hc)l(p,UtCho) 

A  widely  used  correlation  is  : 

ChICho  =  2XB’J(exp(2XB’o)-l) 

where  X  is  the  blowing  correction  coefficient  and  is  about 
0.5  for  laminar  flows  and  about  0.4  for  turbulent  flows.  It 
can  be  seen  that  at  sufficiently  large  blowing  rates,  the 
convective  flux  can  be  significantly  reduced.  This  form  is 
used  to  correct  convective  flux  if  the  blowing  rate  is 
known.  Often  the  ablation  rate  is  coupled  to  the  heat  flux 


3.8  ENGINEERING  METHODS 

For  planetary  entry  assessments  simple  correlations  of  the 
entry  flux  can  be  developed  based  on  simplifications  of  the 
stagnation  flow  analysis  (of  for  example  Fay  and  Riddell). 

The  general  form  of  the  correlation  is 

9  =  k  p“  (R„)'’(V/10^)‘(H,-H„)/(HrH3oo* 

This  may  be  applied  to  the  radiative  flux  as  well  as  the 
convective.  Tables  3.3  and  3.4  give  typical  values  of  the 
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constants  with  limiting  conditions.  Other  values  for  these 
constants  are  abundant  in  the  literature  and  cover  not  just 
the  stagnation  region  but  swept  cylinders,  laminar  and 
turbulent  surfaces  etc.  The  accuracy  of  such  correlations 
can  be  within  5%  of  more  definitive  methods  provided 
sufficient  number  of  ranges  are  used. 

In  practice  the  results  of  a  matrix  of  boundary  layer,  full 
shock  layer  computations  or  coupled  radiation  solutions 
(usually  ID  slab)  are  curve  fitted  to  provide  the  constants. 
In  this  way  the  effects  of  non-equilibrium  are  taken  into 
account.  This  may  result  in  altitude  (density)  and  velocity 
dependant  values  of  the  constants. 


■ 

■ 

range 

km/s 

Venus 

&  Mars 

19513 

0.5 

-0.5 

3.04 

Oto  16 

Earth  & 
Titan 

20668 

0.5 

-0.5 

3.15 

0  to  8 

Table  3.3  Stagnation  Convective  flux  Correlation 
Constants 


k  (q  in 
W/cm^) 

a 

b 

c 

range 

km/s 

Venus 

7.7e5 

0.52 

0.48 

9.0 

~ii 

Earth 

6.54e6 

1.6 

1.0 

8.5 

0  to  8 

Mars 

3.84 

1.16 

0.56 

21.5 

Oto  7 

Titan 

8.83e8 

1.65 

1.0 

5.6 

4  to  7 

Table  3.4  Stagnation  Radiative  flux  Correlation  Constants 

To  illustrate  the  effectiveness  of  such  correlations,  it  is 
interesting  to  look  an  example.  Table  3.5  shows  the 
convective  and  radiative  fluxes  at  the  stagnation  point  for 
entry  to  Venus  and  Mars. 

The  velocity  at  peak  convective  flux  is  close  to  85%  of  the 
entry  velocity  as  expected.  The  convective  correlation 
developed  for  Mars  entry  agrees  well  with  Navier  Stokes 
and  boundary  layer  codes  throughout  the  range  but  falls 
below  the  boundary  layer  code  at  high  speed  due  to  the 
influence  of  ionisation  taken  into  account  in  the  boundary 
layer  code  transport  properties.  This  is  as  expected.  The 
increased  effect  of  blowing  on  the  convective  fluxes  can  be 
seen,  such  that  for  the  high  speed  entry  the  convective  flux 
can  be  ignored  and  the  material  ablation  is  radiation 
driven. 
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32 
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28 

2771 
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qc  W/cm^ 
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34 
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VSL) 
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qc  W/cm^ 
correlation 
(cooled) 
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22170 
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(cooled) 
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(Moss) 

Figure  3.14  Stagnation  point  heat  flux  comparison  for 
Entry  into  CO2  atmospheres  of  Mars  and  Venus 
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The  radiative  fluxes  agree  reasonably  well  at  llkm/s 
where  the  correlation  was  developed  from  ID  slab 
equilibrium  radiation  solutions.  The  radiative  cooling  of 
the  flowfield  at  14km/s  lowers  the  radiative  flux  by  a 
factor  of  about  3  to  the  value  shown. 


4-1 


ENTRY  AND  VEHICLE  DESIGN  CONSIDERATIONS 
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SUMMARY 

In  session  4  we  shall  look  at  basic  equations  of  motion  of  a 
capsule  during  its  approach  and  entry  and  note  some 
relationships  between  trajectory,  vehicle  parameters  and 
structural  and  thermal  loads  in  order  to  investigate  which 
vehicle  characteristics  are  important  in  capsule 
aerothennodynamic  design. 

Typical  entry  scenarios  are  explained  including  orbital 
transfer,  aerobraking  and  aerocapture. 

Design  considerations  for  a  ballistic  capsules  are  explored 
with  reference  to  Mars,  Titan  and  Earth  return,  while  a 
lifting  capsule  trade-off  is  considered  for  Earth  return. 

4.1  ENTRY  SCENARIOS 

4.1.1  Exo-  Atmospheric  Trajectory 

A  spacecraft  in  the  solar  system  has  an  absolute  velocity 
V<x.  relative  to  its  launch  site  dependent  on  the  sum  of  all 
the  impulses  and  gravitational  effects  it  has  received  since 
launch.  When  the  spacecraft  nears  a  planetary  mass,  the 
gravitational  field  begins  to  influence  the  spacecraft,  and 
the  spacecraft  is  accelerated  towards  the  planet.  For  a 
simple  two  body  system  where  velocity  is  now  relative  to 

.2 

the  new  planetary  mass  the  specific  total  energy  is  Yoo  12 
while  the  local  gravity  is 

g  =  GMp/(r,+hf 

This  is  the  differential  of  the  specific  gravitational 
potential  function  -MpG/(h+rp).  Thus  the  specific  energy 
equation  for  the  spacecraft  has  both  kinetic  and 
gravitational  potential  components; 

vj  =  V/  -  2MpG/(h+rp) 

where: 

is  the  inertial  velocity; 

V,  is  the  entry  velocity; 

Mp  is  the  planet  mass; 

G  is  the  universal  gravitational  constant; 
h  is  the  altitude  above  the  surface; 
fp  is  the  planet  radius. 

Applying  this  relationship  to  the  launch  situation  gives  the 
escape  velocity  ; 

V,,,  =  (2MpG/rpf^  =  (2gorpf^ 


where  g»  is  the  gravity  at  the  planet  surface. 

Clearly  an  interplanetary  return  entry  velocity  must  be 
equal  or  greater  than  the  escape  velocity.  The  velocity  for 
a  circular  orbit  is  given  directly  by  centrifugal  balance  as 

Vcirc  =  (MpG/(rp+h)f^ 

Which  for  low  orbit  rp»h 
V,irc  =  (gorpf^ 

Which  represents  70%  of  the  escape  energy. 

The  amount  of  energy  to  be  lost  in  a  braking  manoeuvre  is 
very  large  and  this  must  be  dissipated  by  heat.  Some  of 
this  heat  passes  into  the  capsule,  but  most  is  given  to  the 
atmosphere  and  this  is  a  necessity  given  the  total  specific 
energy.  The  total  specific  energy  for  several  planetary 
missions  is  given  in  table  4.1. 


Planet/ 

Typical  entry 

Entry 

Specific 

moon 

velocity  range 

altitude 

energy 

Vc  km/s 

he  km 

MJ/kg 

Venus 

Pioneer  1 1 .5 

120 

66 

Mercury  orbiter 

16 

128 

Earth 

suborbital:  6 

120 

18 

orbital:  8 

Lunar  return 

32 

Apollo:  11 
Mars/Comet 

61 

return: 

13  to  16.5 

85  tol36 

Mars 

Viking;  4.5 

120 

10 

Marsnet:  6 

18 

Mesur:  to  8 

32 

Jupiter 

Gallileo:  48 

1152 

■Saturn 

25 

313 

Titan 

Huygens:  6 

1000 

18 

Aerocapture:  8 

32 

Uranus 

25  to  26 

500 

313  to  338 

Neptune 

24  to  27 

450 

288  to  365 

Table  4.1  Initial  specific  energy  for  some  atmospheric 
entry  missions 


The  general  form  of  the  energy  equation  is  known  as  the 
vis-viva  equation  : 

=  MpG(2/(h+rp)  -  1/a} 

where  a  is  the  semi  major  axis  of  the  trajectory  conic. 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  “Capsule  Aerothennodynamics”,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 


4-2 


4.1.2  Aerobraking 

To  directly  sample  the  atmosphere  of  a  planet  or  to  land  on 
its  surface  requires  the  capsule  to  decelerate  from  the  entry 
velocity  at  arrival  to  a  low  descent  speed.  All  capsule  and 
probe  missions  flown  to  date  except  the  Vikings  (lifting 
entry  from  orbit)  and  Apollo  Lunar  returns  (aerocapture  to 
ground)  have  been  of  this  type. 

There  are  two  types  of  capsule  designs,  those  which  are 
purely  ballistic  with  no  means  to  control  the  course  of  the 
trajectory  save  changes  in  drag  and  those  which  have  a 
lifting  capability  where  an  on-board  control  system  is 
required  to  shape  the  trajectory. 

The  decision  as  to  whether  a  ballistic  or  lifting  entry  is 
chosen  rests  on  a  trade-off  of  the  requirements: 

•  deceleration  limits  (payload  sensitivity  i.e. 
instruments,  humans  or  samples); 

•  atmospheric  uncertainties; 

•  targeting  or  recovery; 

•  mass  and  cost  limitations; 

•  lower  ballistic  coefficient  limit. 

It  is  possible  to  make  a  direct  aerobraking  entry  into  all  of 
the  atmospheres  considered  subject  to  the  above 
constraints.  For  Mars  in  particular  the  ballistic  coefficient 
must  be  low  enough  to  allow  a  deceleration  to  the  required 
descent  velocity  prior  to  impact.  In  practice  the  minimum 
achievable  ballistic  coefficient  is  about  20kg/m2  due  to 
material  and  complexity  constraints. 

Thus  for  the  first  entries  to  Mars,  Viking  had  a  modest 
lifting  capability  to  ensure  deceleration  to  parachute 
deployment  velocity  at  sufficiently  high  altitude.  The 
Mars  atmosphere  model  had  large  uncertainties  at  that 
time. 

For  early  manned  Earth  orbital  missions  a  ballistic  entry 
(Mercury,  Vostok  Voshkod)  was  used  since  deceleration 
levels  were  endurable  (8g)  and  landing  dispersion 
acceptable  for  recovery  at  that  time.  It  should  be  noted 
that  even  Mercury  had  a  control  system  to  initiate  spin  and 
maintain  zero  pitch  and  yaw  to  control  dispersion  and 
lateral  loads.  For  later  missions  (Gemini,  Apollo)  a  Lifting 
capsule  with  roll  control  was  necessary  to  lower  entry 
deceleration  from  Lunar  return  and  also  provided  a  means 
to  reduce  dispersion  and  subsequent  recovery  times  due  to 
atmospheric  and  vehicle  performance  uncertainties. 

4.1.3  Ballistic  Entry 

We  shall  now  follow  the  classic  approach  of  Allen  and 
Eggars  to  examine  some  of  the  ballistic  entry  parameters. 

The  simple  planar  equations  of  motion  of  a  ballistic 
vehicle  are: 


^hld^  =  -g  +0.5pV^ACj/m  Siny 
^xld(‘=  0.5pV^ACilm  Cosy 

where: 

jtr  is  the  downrange  direction 
A  is  the  vehicle  reference  area; 

Crf  is  the  drag  coefficient; 
m  is  the  vehicle  mass; 
y  is  the  entry  angle  below  the  local 
horizontal. 

The  ballistic  coefficient  ml(CjA)  occurs  generally  in  the 
equations  of  motion  and  is  shown  to  be  the  primary  entry 
vehicle  parameter  for  ballistic  entry. 

It  can  be  shown  that  for  most  ballistic  entries  the 
deceleration  is  much  larger  than  Ig  and  so  to  a  first 
approximation  the  deceleration  due  to  gravity  can  be 
ignored.  This  reduces  the  equations  of  motion  to  a  single 
equation  along  a  straight  line  trajectory: 

-dV/dt=  0.5pV^ACj/m 

noting  that  dV/dt  =  -VdVI(dh/Siny)  and  that  for  the 
straight  line  trajectory  y  =  y.  then  the  equation  of  motion 
becomes: 

dV/V  =  0.5pACj/(mSiny,)  dh 
assume  an  exponential  atmosphere: 
p  =  p„  exp(-^h) 

where  B  is  the  inverse  of  the  scale  height  H 
then: 

dVIV  =  0.5p(iACa!(mSiny,)  exp(-Bh)  dh 

Integrating  and  noting  that  at  high  altitude 
V  =Ve  the  general  equation  for  velocity  is  determined: 

V  =  V,exp(-0.5poACj/(Bm  Siny,)  exp(-Bh)) 

the  deceleration  is  then 

-l/g„  dV/dt  =  0.5poACdV//( mgo)  exp(-Bh) 
exp(-poACd/(Bm  Siny,)  exp(-Bh)) 

the  altitude  at  maximum  deceleration  is  therefore: 

hm  =  HB  ln(p(iACdl(Bm  Siny,)  ) 

and  the  velocity  at  maximum  deceleration  is 

=  V,  exp(-l/2)  =  -0.6 1  V, 

with  maximum  deceleration 

(1/g,  dVdt),na.  =  0.5BV,^  Siny, l(goe) 
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It  is  clear  that  the  maximum  deceleration  is  independent  of 
the  physical  characteristics  of  the  entry  vehicle  and 
depends  only  on  entry  speed  and  flight  path  angle.  The 
vehicle  speed  at  maximum  deceleration  bears  a  fixed 
relationship  to  the  entry  speed  (-61%),  while  the 
arrresponding  altitude  depends  on  the  physical 
characteristics  and  flight  path  angle  but  not  on  the  entry 
speed. 

In  practice  the  above  equations  are  limited  to  entry  angles 
greater  than  five  degrees,  since  these  equations  predict 
zero  deceleration  for  a  zero  degree  entry  angle  when  in  fact 
the  minimum  achievable  is  about  8g  for  an  Earth  entry. 
More  detailed  analysis  should  be  undertaken  with  a  three 
degrees  of  freedom  simulation  of  the  full  equations  rather 
than  pursuing  higher  order  closed  form  solutions  since 
with  modern  computers  numerical  simulation  is  very  fast. 

Turning  attention  to  heating  of  the  body  then  if  we  make 
the  following  assumptions  for  the  entry  vehicle: 

Convective  heating  only; 

Calorifically  perfect  gas; 

Unity  Prandtl  Number; 

Reynolds  Analogy, 

then  the  heat  transfer  coefficient  at  position  x  on  the 
vehicle  can  be  determined  in  relation  to  the  friction 
coefficient  from  simple  Reynolds  analogy. 

hex  =  o-spxyxCfxCp 

if  we  assume  that  Tr-Tw  is  constant  over  the  whole  vehicle 
and  Tw  «  Tr  then 

qex  =  ~  hex  V^/(2Cp),  dh/dt  =  VSinye 
and 

dQ/dh  =  -0.5VI(2CpSinye)  PxVxC/xCp  dS 

where  Q  is  the  heat  transferred  to  the  whole  vehicle  and  S 
is  the  vehicle  wetted  surface  area 

rewrite  this  as 

dQ/dh  =  -0.5pV^SC//(2Sinye) 

If  we  assume  that  C/  is  constant  then  : 

dQ/dh  =  -0.5poV/SC//(2  Sinye)  exp(-Bh) 
exp(-poACd/(Bm  Siny,)  exp(-Bh)) 

this  equation  is  directly  comparable  to  the  deceleration 
equation. 

Total  Heat  Load 

Integrating  from  entry  until  impact  gives  the  total  heat  load 
to  the  vehicle: 

Q  =  0.5ntVe^Cf’S/(2CdA) 

(l-exp(-poACd/(Bm  Siny,))) 


From  the  velocity  equation  the  velocity  at  impact  (h  =  0)  is 

V,  =  V,  exp(-0.5poACd/(Bm  Siny,)) 

and  so  the  total  heat  input  may  be  expressed  as: 

Q  =  0.5m(V/  -Vi‘)C/S/(2CdA) 

however  V,  is  effectively  zero  for  scientific  and  manned 
entries  and  so 

Q  =  0.5mV,^  C/S/(2CA) 

,Since  many  simplifying  assumptions  are  made  then  only 
comparative  remarks  can  be  made  for  the  heating 
relationships. 

To  obtain  the  least  heating  the  factor 
B=poACd/ (BmSiny,)  is  relevant 
For  a  heavy  vehicle  B«1  and 
Q  =  ~  0.5poV/  SC//(2BSiny,) 

then  the  entry  vehicle  passes  through  the  atmosphere  with 
little  retardation  (ie  a  slender  vehicle),  and  thus  the  skin 
friction  is  the  main  contributor  and  should  be  minimised. 

For  a  light  vehicle  B»1  and 

Q  =-  0.5mV/Cf’S/(2CA), 

In  this  case  the  total  heating  is  reduced  by  increasing  the 
drag  provided  that  the  skin  friction  does  not  increase  in  the 
same  proportion,  (i.e.  small  wetted  area  S).  This 
physically  means  that  the  fraction  of  kinetic  energy  given 
to  the  missile  is  C/S/(2CA),  the  remainder  is  transferred 
to  the  atmosphere.  These  are  the  essential  design  criteria 
for  the  light  blunt  body  entry  vehicle. 

Heat  Transfer  Rate 

The  heat  transfer  rate  to  the  whole  vehicle  surface  is  given 
by 

qe  =  1/s  dQ/dh  dh/dt 
where  dQ/dh  =  -0.5pV^SC//(2Siny,) 
therefore 

qe  =  I/4pV^C/ 

or  in  terms  of  the  entry  quantities 

qc  =  -poVeCf’/d  exp(-Bh) 

exp(-3poACd/(2Bm  Siny,)  exp(-Bh)) 

The  velocity  for  maximum  heat  transfer  rate  to  the  whole 
body  occurs  at 
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h  =  I/B  ln(3poACj/(Bfn  Sinyc)  ) 

The  relationships  for  stagnation  heating  have  been 
discussed  in  vSection  3  and  can  be  used  with  the  above 
conditions  to  give  reasonably  accurate  results. 

It  is  clear  that  the  vehicle  speed  at  maximum  heat  flux 
bears  a  fixed  relationship  to  the  entry  speed  (-72  to  85%), 
while  the  corresponding  altitude  depends  on  the  physical 
characteristics  and  flight  path  angle  but  not  on  the  entry 
speed. 

Entry  Corridor 

If  the  entry  angle  is  too  shallow  then  the  entry  vehicle  may 
not  lose  enough  energy  and  the  vehicle  wUl  pass  through 
the  atmosphere  and  escape  to  orbit  (as  in  orbital  transfer) 
or  escape  completely.  This  critical  angle  is  termed  the 
skipout  angle  or  overshoot  boundary.  If  the  vehicle  enters 
too  steeply  then  large  deceleration  and  peak  thermal  flux 
may  cause  failure.  This  is  called  the  undershoot  boundary. 
The  difference  between  the  two  can  be  thought  of  as  the 
entry  corridor  for  ballistic  vehicles. 

For  a  high  energy  entry  the  undershoot  boundary  to  limit 
the  deceleration  (on  a  human  crew  for  example)  may  be 
above  the  overshoot  boundary  thus  the  entry  is  not  viable 
with  a  ballistic  vehicle.  In  this  case  some  means  to  raise 
the  overshot  boundary  needs  to  be  found.  Clearly  reducing 
the  velocity  by  chemical  propulsion  may  make  the  corridor 
width  real.  However  the  use  of  vehicle  lift  has  the  same 
effect  since  the  undershoot  boundary  may  be  lowered  by 
employing  upwards  lift  and  the  overshoot  boundary  raised 
by  employing  downwards  lift  (i.e.  inverted  flight). 

For  the  ballistic  vehicle  it  can  be  shown  that  once  the 
flight  path  angle  changes  sign,  the  vehicle  will  skip  out. 

T,,Yf  Map 

For  ballistic  entry  it  is  common  to  express  the  performance 
envelope  in  the  form  of  a  V,  ,jt  map  onto  which  various 
vehicle  design  limits  can  be  placed.  As  an  example  we 
shall  look  at  the  map  developed  for  an  ESA  study  of  a 
cometary  encounter  and  sample  return  vehicle  ‘Caesar’ 
shown  in  figure  4.1,. 


Figure  4.1  Caesar  Earth  Return  Capsule 

The  initial  concern  was  to  limit  entry  deceleration  to  50g 
to  avoid  sample  crushing.  The  map  of  deceleration  is 
shown  in  figure  4.2  for  the  range  of  return  velocities  being 
considered.  The  left  hand  boundary  is  the  skip  out 
boundary,  and  the  right  hand  the  maximum  deceleration. 
The  complete  map  to  -90  degrees  is  shown  in  figure  4.3. 
The  entry  maximum  entry  load  was  increased  during  the 
study  to  200g. 


-Qamna^  Degrees 

Figure  4.2  Initial  Caesar  V,  ,y.  Map 

The  final  design  map  is  shown  in  figure  4.4.  The  right 
hand  limit  is  still  the  maximum  deceleration  (now  200g) 
but  considerations  of  heat  soak  into  the  heatshield  and 
consequent  TPS  and  insulation  thickness  led  to  the 
deletion  of  the  shallow  entry  angles  including  skip  entries. 
Thus  the  left  hand  limit  is  now  a  heatsoak  limit 

For  a  given  velocity  the  heat  soaked  into  the  vehicle 
surface  is  dependant  primarily  on  the  re-entry  time  and 
thus  the  shallowest  lowest  velocities  impose  this  design 
limit,  designated  lower  left.  (LL  in  figure  4.4).  As  the 
entry  velocity  is  increased  then  the  total  heat  load 
increases  and  the  maximum  occurs  for  the  fastest 
shallowest  entries  designated  upper  left  (UL).  Finally  the 
maximum  heat  transfer  rate  occurs  for  the  fastest  steepest 
entry  designated  upper  right  (UR).  These  are  the  main 
aerothermal  design  cases  to  be  considered  for  a  ballistic 
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entry  vehicle  and  will  determine  TPS  type  and  mass,  as 
well  as  primary  structural  strength. 


Figure  4.3  Complete  Caesar  V,  ,7,  Map 


Figure  4.4  Final  Caesar  Design  V,  ,y.  Map 

4.1.4  Lifting  Entry, 

Again  follow  the  classic  approach  of  Allen  and  Eggars  to 
examine  some  of  the  lifting  vehicle  entry  parameters. 

The  simple  equations  of  motion  of  a  simple  lifting  vehicle 
are  those  of  the  ballistic  vehicle  with  additional  terms  for 
the  lift.  If  we  assume  that  the  vehicle  has  a  ratio  of  Lift  to 
Drag  LID  the  equations  of  motion  for  the  lifting  vehicle 
with  spherical  Earth  are: 

(^hld^  =  -g+V^I(rp+h) 

+  0.5pV^ACj(Siny+LIDCosy)lm 

and 

d^xld^  =  0.5pV^ACj(Cosy-  LIDSiny)/m 

these  may  alternatively  be  cast  as: 

d(V^/(g(rp+h))/dp  = 

V^ACj/(mg(r,,+h)BSiny)  +  2/p(rp+h)B 


d(cosy)  Idp  =L/DACd/(2Bm) 

-  (g(r,+h)/V^  ■  l)Cosy /(pB( rp+h)) 

Simplifying  the  flight  equations  for  a  lifting  vehicle  by 
assuming  a  shallow  entry  (siny  =  y  and  Cosy  =  I  and 
d(cosy )=~0  give: 

V^l(g(rp+h))  = 

l/[l+0.5(rp+h)poACj/m  LID  exp(-By)] 

This  is  the  equilibrium  glide  result  where  the  gravitational 
force  cancels  the  sum  of  the  centrifugal  and  lift  forces. 
The  flight  path  angle  becomes 

y=-2l{B(rp+h)(L/D)(V^lg(rp+h))I 

and  is  typically  -1  degrees.  The  tangential  deceleration 
during  equilibrium  glide  is: 

a/g  =  (V^/g(rp+h)-l)l(L/D) 

Note  that  equilibrium  glide  is  appropriate  to  entry  from 
orbit  since : 

V\irc  =  g(rp+h) 

Therefore  superorbital  entry  implies  negative  lift  i.e. 
inverted  flight. 

It  is  seen  that  the  deceleration  increases  as  velocity  is 
reduced  and  that  even  moderate  L/D  can  reduce  the 
deceleration  significantly.  For  example  the  Gemini 
capsule  with  L/D  about  0.2  enabled  the  peak  load  to  be 
reduced  to  about  5g  compared  to  the  8g  of  the  Mercury 
ballistic  entry  along  the  same  initial  flight  path.  For 
Shuttle  with  LID  about  1.1,  the  deceleration  is  reduced  to 

Ig- 

The  range  of  the  equilibrium  glide  phase  is  determined  as: 
s  =  0.5rp(L/D)ln(l/(I-  V^Jgrp)) 

and  maximum  range  is  achieved  with  maximum  LID.  A 
cross  range  capability  is  available  if  the  vehicle  is  rolled 
through  an  angle  a  and  using  an  equilibrium  glide 
assumption  then 

(])  =  (■IC‘I48)(LID)  Sin2o 

where  i|)  is  the  change  in  latitude  relative  to  the  initial 
great  circle  entry  plane.  A  bank  angle  of  45  degrees  gives 
the  optimal  cross  range  since  half  of  the  LID  is  given  to 
cross  range  and  half  to  keep  the  vehicle  in  the  air.  Again 
maximum  cross  range  is  gained  with  maximum  LID,  and 
this  equation  is  reasonably  accurate  for  L/D  up  to  1.5. 

The  equilibrium  glide  is  not  the  only  lifting  entry  of 
interest  since  at  superorbital  speed  skip  trajectories  may  be 
used  where  sufficient  energy  is  lost  prior  to  an  exit  from 
the  atmosphere  at  suborbital  velocity  followed  by  a  second 
suborbital  entry.  This  is  a  form  of  aerocapture  and  was 
studied  for  Apollo. 


and 
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Alternatively  the  vehicle  lift  can  be  used  to  keep  the 
vehicle  in  the  atmosphere  until  velocity  is  suhorbital  when 
the  vehicle  may  be  rolled  180  degrees.  This  was  adopted 
for  Apollo  and  was  used  in  ESA  studies  for  the  Rosetta 
lifting  capsule. 

Heating  relations  for  the  lifting  entry  can  be  derived  in  a 
similar  manner  for  ballistic  entry  and  for  the  equilibrium 
glide  vehicle  the  maximum  average  heating  rate  to  the 
whole  vehicle  occurs  at 

V  =  (gr^3f^ 

which  if  we  assume  that  entry  occurs  from  a  circular  orbit 

(V\  =  ~gr,) 

V  =  0.55 

This  occurs  at  altitude: 

h  =  1/B  In(Lll)  rpPoACd/(4m)  ) 

The  velocity  at  maximum  heat  flux  is  a  fixed  ratio  of  the 
(glide)  entiy  velocity,  while  the  altitude  depends  on  the 
ratio  of  L/D  to  ballistic  coefficient 

4.1.5  Orbital  Transfer 

Studies  of  orbital  transfer  techniques  to  lower  energy 
orbits  have  been  made  using  atmospheric  braking. 

In  1990  the  spacecraft  Magellan  used  the  atmosphere  of 
Venus  to  circularise  its  orbit  due  to  a  lack  of  onboard  fuel. 
This  was  achieved  in  840  passes  losing  only  1.5m/s  per 
pass.  Magellan  was  not  designed  for  this  purposed  but  has 
demonstrated  the  feasibility  of  such  manoeuvres  to  save 
fuel. 

The  low  velocity  decrement  on  each  pass  makes  the 
navigation  and  control  of  such  manoeuvres  relatively 
straight-forward  since  errors  can  be  corrected  in  successive 
passes.  Such  manoeuvres  require  only  vehicle  drag  (i.e.  a 
ballistic  vehicle)  since  orbit  is  assured  and  a  deep  entry  is 
avoided  in  any  case.  Maximum  deceleration  using  a 
deployable  brake  is  likely  to  be  in  the  order  of  O.lg  for 
future  aerobraking  spacecraft  designs. 

An  interplanetary  spacecraft  would  use  chemical 
propulsion  to  insert  itself  into  a  highly  elliptic  orbit  and 
then  use  a  small  apoapsis  burn  to  lower  periapsis  into  the 
atmosphere  after  radio  occultation  data  had  revealed  the 
atmo.spheric  profile.  A  chemical  propulsion  periapsis  raise 
manoeuvre  halts  aerobraking  when  the  orbit  is  slightly 
elliptic  (say  5:1).  Control  becomes  more  difficult  with 
longer  time  spent  in  the  atmosphere  as  the  errors  due  to 
unknown  atmosphere  variability  mount,  and  of  course 
complete  circularisation  within  the  atmosphere  would  lead 
to  entry. 

The  accuracy  of  prediction  of  the  drag  in  the  rarefied  flow 
regime  is  sufficient  to  predict  successive  periapsis 
altitudes  to  within  about  1  km  for  about  five  orbits  ahead. 
Tlie  limits  imposed  for  excess  heating  at  too  low  a 


periapsis  probably  require  predictions  to  within  about  3 
km  altitude.  However  the  analysis  can  be  calibrated 
accurately  by  onboard  accelerometers. 

The  disadvantages  of  orbital  transfer  by  aerobraking  are 
the  long  time  required  for  multiple  passes,  and  of  course 
an  orbital  velocity  must  already  have  been  achieved.  Thus 
the  technology  is  suitable  for  missions  where  only  a  small 
performance  margin  over  the  initial  propulsive  manoeuvre 
to  orbit  is  required. 

The  analysis  of  orbital  transfers  with  aerobraking  is  very 
similar  to  the  analysis  using  chemical  propulsion  with  the 
addition  of  a  time  varying  drag  force  dependent  on  velocity 
and  altitude.  .Such  schemes  are  outside  the  scope  of  the 
present  course. 

The  US  AFE  was  a  vehicle  design  to  explore  the  single 
pass  orbital  transfer  or  low  performance  aerocapture  and 
had  a  lifting  capability  to  control  the  energy  lost.  For  a 
high  margin  over  propulsive  systems  and  short  time  scale 
of  operations  and  indeed  for  hyperbolic  arrival  the  single 
pass  orbital  transfer  or  aerocapture  may  save  propulsive 
mass  up  to  twice  the  payload  in  orbit. 

4.1.6  Aerocapture 

On  arrival  at  a  planetary  destination,  the  spacecraft  may  be 
required  to  manoeuvre  into  an  orbit  in  order  to  make 
scientific  measurements,  drop  probes  or  relay  information. 
In  all  missions  to  date  this  has  been  carried  out  using 
chemical  propulsion  systems  in  a  periapsis  retro-bum  to 
slow  the  spacecraft  down  to  orbital  velocity.  This  may  be 
followed  by  minor  orbital  transfer  manoeuvres  again  using 
chemical  propulsion. 

The  transport  of  the  required  propulsion  system  and  more 
importantly  the  propellant  is  a  mass  expensive  solution. 
Many  studies  have  been  carried  out  into  the  use  of  the 
planetary  atmosphere  to  provide  the  means  to  lose  the 
required  amount  of  energy. 

Aerocapture  is  achievable  with  low  LID  provided  the  entry 
corridor  is  large  enough.  In  general  a  large  (compared  to 
capsules  )  LID  is  required  to  achieve  an  aerocapture  to 
orbit  with  large  superorbital  arrival  velocity.  Since  all  the 
excess  energy  is  taken  out  in  one  pass,  this  requires 
precise  control  during  the  atmospheric  pass  and  a  higher 
level  of  technology  compared  to  direct  aerobraking  or 
orbital  lowering. 

The  vehicle  uses  its  lifting  capability  to  maintain  a 
constant  drag  in  the  continuum  flow  regime  until  the 
desired  velocity  is  reached.  The  vehicle  then  pulls  up 
above  the  atmosphere  and  at  apoapsis  uses  a  small 
chemical  propulsion  burn  to  raise  periapsis  above  the 
atmosphere.  Alternatively  the  vehicle  may  remain  in  the 
atmosphere  and  decelerate  to  descent  speed.  Apollo’s 
Lunar  return  was  an  aerocapture  to  ground  from  llkm/s 
and  achieved  this  with  LID  ~  0.3  and  within  12g 
deceleration.  Aerocapture  to  Earth  of  high  speed  comet  or 
planetary  return  capsules  has  also  been  studied  at  speeds 
up  to  17km/s  and  is  also  possible  with  modest  0.3  LID. 
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The  modulation  of  the  lift  is  achieved  by  either  pitch 
control  or  by  rolling  a  fixed  LID  vehicle.  The  latter 
method  simplifies  vehicle  design  but  requires  greater 
attitude  changes  because  bank  reversals  must  be  used  to 
equalise  the  effects  of  the  out  of  plane  lift  on  the  cross 
range. 

The  rationale  for  following  a  constant  drag  profile  as 
opposed  to  a  position,  velocity  or  entry  angle  profile  (i.e.  a 
constant  flight  path  angle  also  assures  entry)  is  because  on¬ 
board  accelerometers  can  easily  measure  drag  directly 
whereas  estimates  of  position  require  more  sophisticated 
techniques  and  integrations  which  may  compound  errors. 
Also  variations  in  the  atmosphere  can  be  accounted  for 
directly.  For  aerocapture  to  orbit  then  prediction  of  the 
time  to  pull  up  is  also  simplified  and  use  of  full  pull  up  is 
desirable  to  shorten  the  exit  phase  in  an  essentially 
uncontrolled  final  manoeuvre. 

Aerocapture  to  orbit  in  this  manner  applies  to  almost  all 
atmospheres  but  performance  advantages  diminish  for 
planets  with  masses  larger  than  Uranus  due  to  the  large 
TPS  mass  requirements.  However  this  could  be  overcome 
to  a  certain  extent  at  least  for  Saturn  by  using  an 
atmosphere  bearing  moon  such  as  Titan  to  perform  the 
capture  to  Saturn  orbit. 

Three  factors  determine  the  aerocapture  aerodynamic 
shape  and  performance  characteristics 

•  volumetric  efficiency 

•  accuracy 

•  vehicle  mass 

The  accuracy  requirement  essentially  sets  the  LID.  During 
the  initial  entry  the  vehicle  must  have  sufficient  LID  for 
control  to  keep  the  drag  constant  and  avoid  under  or 
overshoot,  either  of  which  would  be  disastrous.  LID 
defines  the  width  of  the  corridor,  and  increasing  LID 
widens  the  corridor  to  a  certain  extent.  Aerocapture 
accuracy  increases  with  increasing  LID  until  it  reaches  a 
maximum  at  about  1.5. 

Low  ballistic  coefficient  {MI(CiA))  vehicles  generally 
have  low  LID.  For  example  the  US  manned  capsules 
(sphere  segment  with  offset  eg)  with  LID  0.18  to  0.3 
(Gemini  Apollo),  raked  cones  and  cones  with  offset  eg 
0.14  to  0.28  (AFE  and  Viking). 

High  LID  (>1.)  vehicles  generally  have  high  ballistic 
coefficients  such  as  Shuttle,  Buran.  Lifting  bodies  such  as 
Hermes,  Bor  HLlO/20  etc.  are  in  between. 

The  vehicles  most  often  proposed  for  aerocapture  missions 
are  bent  biconics  and  assume  the  geometric  ratios  of  2:1 
for  forward/aft  cone  angle  and  aft  length  over  forward 
length  for  a  maximum  LID  of  1  to  1.5. 


In  the  remainder  of  the  course  we  shall  consider  capsules 
i.e.  either  ballistic  for  joint  science  missions  or  low  LID 
for  manned  entry  such  as  ACRV,  MSTP  Mars  return  etc. 

Tfie  entry  corridor  achieved  is  the  result  of  exo- 
atmospheric  manoeuvres  in  response  to  the  onboard 
guidance,  navigation  and  control  system.  In  general  the 
entry  corridor  is  measured  as  an  altitude  band  normal  to 
the  hyperbolic  approach  velocity  vector  asymptote.  This  is 
then  related  to  the  entry  angle  y,  by  : 

Cos  y,  =  Bl(rp+h)  {l+2GMfl((rp+h)V,^)f^ 

where  B  is  the  altitude  in  the  B  plane  to  the  intersection  of 
the  asymptote  of  the  hyperbolic  trajectory.  The  B  plane  is 
a  plane  containing  the  planet  centre  and  normal  to  the 
asymptote  of  the  hyperbolic  trajectory. 

Thus  the  navigation,  guidance  and  control  system  must  be 
capable  of  delivering  the  entry  vehicle  into  the  corridor  for 
which  it  is  designed.  Tfie  achievable  direct  entry  corridors 
range  from  about  a  degree  for  Earth,  Mars  and  Venus  to 
about  10  degrees  at  Uranus  where  the  scale  height  of  the 
atmosphere  is  large  due  to  the  low  molecular  weight. 

It  is  clear  that  the  vehicle  maximum  LID  will  be  required 
to  perform  at  and  recover  from  the  extremes  of  the  entry 
corridor. 

4.1.6  Manoeuvre  During  Entry 

Manoeuvring  systems  can  be  grouped  into  two  main  types. 
Firstly,  there  are  the  bank-to-tum  concepts,  which  roll  the 
vehicle  and  use  pitch  plane  generated  lift  to  provide  the 
manoeuvring  capability.  Such  systems  require  separate 
roll  control  and  pitch  control  devices,  an  example  being 
the  single  windward  flap  designs.  In  these  designs,  the 
roll  control  can  be  provided  by  roll  thruster,  control 
surfaces  or  internal  moving  mass,  and  the  windward  flap 
itself  can  be  split  to  generate  a  roll  torque.  The  second 
main  type  of  manoeuvring  system  is  the  skid-to-turn 
concept,  which  use  full  roll,  pitch  and  yaw  control. 
Examples  of  this  type  of  system  are  missiles  with 
cruciform  control  surfaces.  Such  systems  provide  full  6D 
control  of  the  vehicle  attitude  in  flight,  but  are  usually 
more  complex  have  aerodynamic  heating  problems  and 
may  be  heavier  compared  to  the  bank-to-tum  concepts. 
The  concepts  used  for  capsules  have  all  been  bank  to  turn 

Aerodynamics  Of  The  Manoeuvre 

A  capsule  will  generally  be  designed  to  fly  at  maximum 
L/D,  and  so  the  roll  control  system  provides  the  primary 
control  mechanism  for  entry. 

To  achieve  the  required  static  incidence  two  moments 
must  come  into  balance.  These  are  the  control  moment 
and  the  vehicle  restoring  moment.  The  former  is 
generated  by  the  control  force  comprising  normal  lateral 
and  axial  components,  all  of  which  act  about  the  vehicle 
centre  of  gravity.  Clearly  the  relative  magnitude  of  the 
moments  at  a  given  attitude  depends  on  both  the 
magnitude  of  the  forces  and  the  length  of  moment  arm. 


4-8 


Control  System  Characteristics 

Here  some  common  systems  are  described  and  their 
limiting  characteristics  identified. 

•  Windward  Flap.  The  windward  flap  is 
conventionally  located  at  the  rear  of  the  vehicle 
usually  on  a  body  slice.  It  is  deployed  as  a  reverse 
acting  mechanism  in  that  it  is  deployed  into  the  flow 
to  achieve  zero  trim  and  retracted  to  achieve  a  given 
trim.  By  splitting  the  flap  roll  moments  can  be 
induced  thus  combing  pitch  and  roll  control.  Hinge 
moments  and  aerothermal  response  are  the  main 
design  driver  interests  here.  In  the  case  of 
aerothermal  response,  this  includes  non-equilibrium 
effects,  separation  and  attachment  heating  (and  for  an 
ablator  shape  change). 

•  Bent  Nose.  The  bent  nose  vehicle  achieves  its 
control  by  inducing  vehicle  camber.  The  nose  may  be 
bent  by  conventional  hinge  which  involves  a  complex 
joint  or  by  a  simpler  rotational  mechanism. 

•  Jet  Interaction.  Here  a  transverse  jet  is  used  to 
provide  the  control  moment.  An  augmentation  of  the 
control  moment  is  afforded  by  the  interaction  of  the 
jet  and  hypersonic  shock/boundary  layer.  The  system 
has  the  advantage  of  also  being  used  for  exo- 
atmospheric  attitude  control.  Accurate  analysis  of  the 
augmented  control  force  is  difficult  to  estimate  but 
generally  a  factor  of  2  is  used. 

•  Moving  Mass.  By  moving  the  centre  of  gravity  out  of 
the  pitch  plane,  then  a  roll  torque  is  induced  due  to 
the  offset  lift.  This  system  of  course  requires  a 
moving  internal  mass  say  along  a  track  near  the 
vehicle  maximum  diameter  and  accrues  no 
aerothermodynamic  penalty. 

4.2  BALLISTIC  ENTRY  VEHICLE  DESIGN 
CONSIDERATIONS 

In  this  section  some  of  the  background  to  the  early 
configuration  issues  for  the  Huygens,  Marsnet  and  Rosetta 
Earth  return  entry  vehicles  is  given  as  a  guideline  to  the 
design  considerations  for  ballistic  capsule  entry.  So  far  of 
course  only  the  Huygens  Probe  is  destined  to  fly. 

The  forward  aeroshell  of  some  ballistic  Probes  is  shown  in 
figure  4.5.  Significant  differences  in  geometric  features 
are  apparent  due  to  differing  design  criteria  and 
philosophy. 

4.2.1  Vehicle  Design  Philosophy 

The  design  of  the  entry  vehicle  needs  to  fulfil  the 
demanding  requirements  of  the  mission.  The  mission 
environment  consist  of  the  following  phases: 


•  Launch 

•  Inter-planetary  Cruise 

•  Hypersonic  Entry 

•  Supersonic/Subsonic  Descent 

•  Landing/Impact 

•  On-surface  performance 

The  environment  effectively  imposes  engineering 
constraints  on  the  overall  design,  and  possibly  of  greatest 
interest  is  the  hypersonic  entry  which  lasts  only  a  few 
minutes  but  can  dictate  most  of  the  aeroshell  configuration 
and  a  large  proportion  of  the  mass  budget. 

As  well  as  the  environment  the  remaining  engineering 
constraints  are  provided  by  time-scales,  both  launch 
opportunity  and  mission  lengths,  and  most  importantly  in 
these  times,  costs. 

The  cost  driver  has  become  predominant  for  these  tightly 
budgeted  missions  and  has  had  a  great  influence  on  the 
designs. 

This  influence  has  been  subjective  at  early  stages  of  the 
projects  and  has  resulted  in  the  adoption  of  the  following 
philosophy  which  should  allow  the  maximum  confidence 
in  performance  at  the  earliest  possible  time.  This  is 
particularly  important  at  pre-feasibility  stage. 

•  Adoption  of  ballistic  entry  where  possible  (no 
guidance) 

•  Simple  generic  shape  to  take  maximum  advantage  of 
existing  aerodynamic  data,  and  to  simplify  analysis. 

•  Interpolation  within  the  existing  data  where  possible 
rather  than  extrapolation.  This  may  lead  to  sub- 
optimal  design,  but  higher  confidence. 

•  Maximum  commonalty  in  geometry  between 
missions,  such  that  the  confidence  in  performance  is 
built  up  and  common  problems  are  more  likely  to  be 
discovered. 

4.2.2  Entry  Dynamics 

Before  considering  the  aerothermodynamic  problems,  it  is 
instructive  to  look  at  the  simple  rules  which  contribute  to 
the  commonalty  in  entry  design. 

Consider  the  ballistic  entry  vehicles  so  far  defined  for  the 
three  missions.  All  are  separated  on  direct  approach  to  the 
planet,  and  to  preserve  their  attitude  for  entry  are  spun 
slowly  at  separation. 

.Since  the  separation  can  occur  several  days  prior  to  entry, 
nutation  of  the  motion  is  to  be  avoided,  and  as  such  the 
principal  inertial  axis  should  be  arranged  to  be  the  spin 
axis. 


Assembly  and  Test 
Transport  and  Integration 
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ESA  Venus  45  degree  sphere-cone  (=  Pioneer  &  Galileo) 


Earth  return  60  degree  sphere-cone  (55g) 


Huygens  60  degree  sphere-cone 


Viking  70  degree  sphere-cone 


Figure  4.5  Forward  Aeroshell  of  Some  Ballistic  Vehicle  Designs  (Note  Viking  is  lifting  but  similar  geometries  are  studied  for 

ballistic  entity) 
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The  vehicle  enters  the  atmosphere  at  an  angle  of  attack 
which  is  a  combination  of  exo-atmospheric  coning  motion 
and  the  inclination  of  the  coning  axis  to  the  trajectory 
velocity  vector.  The  coning  motion  is  caused  by  the 
separation  tip-off  errors  from  the  spacecraft  at  spin  eject 
time,  combined  with  the  mass  characteristics  of  the  body, 
principally  the  dynamic  imbalance.  During  entry  as  the 
body  experiences  atmospheric  forces,  an  aerodynamic 
moment  is  generated  which  acts  to  decrease  the  angle  of 
attack.  The  motion  becomes  gradually  more  dominated  by 
the  aerodynamic  forces  and  less  by  gyroscopic  effects.  The 
entry  vehicle  begins  to  respond  in  a  pitching  motion.  As 
the  aerodynamic  stiffness  increases,  the  angle  of  attack 
envelope  is  reduced.  This  motion  is  damped  by  the 
dynamically  induced  aerodynamic  force  generated  called 
the  pitch  damping  force.  After  peak  dynamic  pressure  the 
angle  of  attack  envelope  would  again  increase,  however 
due  to  the  damping  of  the  pitching  motion,  the  angle  of 
attack  continues  to  reduce  and  becomes  asymptotic  to  the 
static  trim  angle  of  attack. 

Blunt  aines  exhibit  a  pitching  reinforcing  (positive) 
damping  force  in  the  transonic  to  low  supersonic  regime 
and  while  this  does  not  effect  the  hypersonic  entry  phase, 
it  is  important  to  note  that  the  destabilising  coefficients  are 
maximum  for  the  blunter  configurations,  and  the  effect 
must  be  considered  for  the  supersonic-transonic  motion 
which  may  include  parachute  deployment  or 
aeroshell/decelerator  jettison  sequences.  Also  of  note  is 
that  the  destabilising  coefficients  reduce  with  increasing 
angle  of  attack,  such  that  by  20  degrees  incidence  the 
damping  coefficients  again  act  to  reduce  the  pitching 
motion. 

Structural  modes  should  be  well  clear  of  the  pitch  or  spin 
frequency  to  prevent  any  aeroelastic  coupling.  For  the 
high  atmosphere  deceleration,  low  spin  rate  entries,  the 
frequencies  are  of  order  a  few  Hz,  and  major  structural 
modes  are  well  above  these,  for  the  current  designs. 

On  entering  the  atmo.sphere,  it  can  be  arranged  that  the 
spin  axis  is  aligned  with  the  velocity  vector,  however  a 
small  angle  of  attack  is  allowable,  15  degrees  maximum 
has  been  u.sed  for  all  three  missions.  This  is  chosen  for 
several  reasons  : 

•  The  vehicle  aerodynamics  are  not  well  characterised 
above  30  degrees  incidence. 

•  Allowance  has  been  included  for  exo-atmospheric 
coning  motion. 

•  Large  lateral  forces  are  not  desirable. 

•  Cyclic  heat  flux  variations  are  not  desirable. 

•  Large  pitch  angles  are  not  desirable  for  atmosphere 
analysis  from  trajectory  data. 


Effect  Of  Asymmetries  On  Vehicle  Motion 

a)  Centre  Of  Gravity  Lateral  Offset 

A  centre  of  gravity  (eg)  lateral  offset  from  the  geometric 
central  (spin)  axis  is  normally  due  to  the  accuracy  of  the 
static  balance  and  leads  to  both  the  offset  of  the  principle 
rotation  axis  from  the  geometric  centreline  and  to  the 
generation  of  a  trim  angle  of  attack  during  atmospheric 
enUy.  With  the  very  statically  stable  entry  vehicles 
considered,  (the  static  margin  is  about  50-60%  of  the  base 
diameter)  the  consequences  of  eg  offset  on  the  trajectory 
are  small  and  any  initial  angle  of  attack  is  quickly  damped 
to  the  trim  angle  of  attack.  The  main  consequence  of  eg 
offset  alone  is  lateral  accelerations  which  have  been  shown 
to  be  very  small,  and  as  a  small  roll  damping  effect  which 
always  acts  to  reduce  the  spin  rate.  The  resultant  static 
trim  angle  of  attack  for  the  Huygens  Probe  for  example  is 
under  four  degrees  for  every  centimetre  lateral  eg  offset, 
such  that  a  very  small  trim  should  be  achievable  with  a 
balance  within  5mm. 

A  much  larger  maximum  eg  offset  was  used  in  Monte- 
Carlo  six  degree-of-freedom  trajectory  stability  studies  of 
this  vehicle,  such  that  the  probe  is  shown  to  be  statically 
and  dynamically  stable  during  entry. 

For  Rosetta,  sample  density  and  load  asymmetry  were 
shown  to  have  a  small  overall  effect  on  trim. 

b)  Aeroshell  Asymmetry 

During  manufacture,  assembly  and  flight  the  aeroshell  or 
decelerator  will  gain  some  degree  of  distortion.  The 
distortion  may  be  in  both  hoop  and  axial  modes. 

Axial  symmetric  distortions  and  even  harmonic  hoop 
distortions  of  even  large  magnitude  will  have  very  little 
effect  on  the  trajectory  or  entry  vehicle  (apart  from  roll 
moments)  and  will  be  well  within  the  predicted  accuracy 
of  the  ballistic  coefficient.  However  first  harmonic  hoop 
distortions  and  axial  body  trending  modes  could  produce 
significant  trim  moments.  These  again  in  isolation 
produce  a  trim  angle  of  attack  which  will  act  the  same  as  a 
centre  of  gravity  offset  discussed  above. 

The  first  harmonic  hoop  mode  on  the  aeroshell  or 
decelerator  (equivalent  in  effect  to  first  body  bending 
'shuttlecock'  mode)  produces  the  largest  trim  moment  for  a 
given  deviation  from  the  nominal  shape  as  may  be 
expected  since  the  higher  harmonics  are  cyclically 
symmetric.  Figure  4.6  shows  the  static  trim  angle  of 
attack  resultant  from  first  harmonic  radial  distortion  of  the 
decelerator  on  the  Huygens  Probe.  The  distortion  is 
assumed  to  be  zero  at  the  decelerator/probe  joint  station 
and  linearly  increasing  to  the  maximum  at  the  decelerator 
rear.  Also  shown  in  Figure  4.6  are  the  eg  offset  effects  on 
trim.  The  figures  for  Rosetta  are  shown  for  comparison. 
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Figure  4.6  Static  Trim  from  Asymmetrie.s 


In  addition  where  there  is  a  large  amount  of  surface 
recession  due  to  ablation,  similar  asymmetries  may  cx:cur. 
For  the  Rosetta  entry  vehicle  the  effect  was  estimated  by 
allowing  the  carbon  phenolic  char  layer  to  'strip'  from  one 
side  of  the  vehicle  only,  although  in  practice  this  is 
unlikely  with  the  shear  forces  predicted.  The  resultant 
trim  was  very  small  (less  than  one  degree). 

c)  Combined  Asymmetries-  Spin  Rate  Limitation. 

Mass  and  geometric  asymmetries  in  combination  and 
depending  on  their  angular  relationship  can  produce 
significant  roll  torque's  which  may  either  spin  the  entry 
vehicle  up  or  down  (and  through  zero  roll  rate).  The 
angular  relationship  is  critical  but  for  low  spin  rates  an  out 
of  plane  (90  degree)  relationship  is  close  to  the  worst  case. 
Six  degree-of-freedom  entry  simulations  with  varying 
asymmetries  are  used  to  produce  spin  rate  histories. 
Figure  4.7  shows  contours  of  spin  rate  excursions  from  the 
spin  rate  at  the  start  of  the  entry  phase  to  Mach  1  for  a 
typical  Huygens  enmy.  While  these  will  vary  with 
trajectory,  this  type  of  figure  serves  as  a  design  guide-line 
for  geometric  and  mass  tolerancing.  The  heatshield  roll 
damping  due  to  skin  friction  has  not  been  included.  The 
effect  is  likely  to  be  small  for  these  classes  of  entry  but 
always  acts  to  reduce  the  spin  rate. 

The  choice  of  an  adequately  low  initial  spin  rate  (initially 
60  deg/s)  ensures  that  the  spin  rate  at  the  start  of  the 
descent  phase  is  in  the  desired  range  for  Huygens  (i.e.  the 
limiting  spin  up  case),  and  may  be  a  consideration  for 
Rosetta  and  Mars  entry  for  parachute  deployment. 

Only  sufficient  spin  to  ensure  low  exo-atmospheric 
'wobble'  is  necessary.  These  entry  vehicles  do  not  require 
spin  for  entry  stability,  and  even  spin  excursions  through 
zero  roll  rate  do  not  contribute  significantly  to  'ground' 
dispersions  when  compared  with  initial  trajectory 
alignment  errors  and  atmosphere  density  variations. 


Figure  4.7  Change  in  Huygens  Probe  Spin 
to  Mach  1 


d)  Moments  Of  Inertia 

To  avoid  nutation  and  consequent  tumble  during  coast, 
pitching/spin  resonance  problems  during  entry,  and  to 
relax  the  tip  off  error  rotation  rates  budget,  the  spin  or 
polar  moment  of  inertia  Ixx  should  be  larger  than  the 
lateral  moments  of  inertia  lyy  and  Izz.  This  should  also  be 
observed  for  the  Huygens  Probe  without  decelerator  as  the 
Probe  pitching  frequency  is  quite  low  after  decelerator 
jettison  and  should  the  probe  spin  rate  have  increased 
during  entry  then  a  resonance  could  occur. 

The  possibility  of  a  resonance  is  removed  (and  the  need  for 
analysis)  if  Ixx  remains  greater  than  lyy  &  Izz.  The 
Huygens  Probe  for  example  has  acceptable  inertia  ratios  of 
about  1.4 :  1. 

Asymmetry  of  lyy  and  Izz  is  of  little  consequence  during 
entry,  resulting  only  in  sine  squared  variation  in  the  spin 
rate  during  'coning'  motion.  For  the  missions  considered  it 
is  desirable  to  measure  roll  acceleration  to  examine  the 
aerodynamic  performance  a'nd  therefore  lyy  and  Izz  should 
be  close. 

Non  zero  products  of  inertia  Ixz  and  Ixy  cause  the  principal 
polar  axis  to  be  at  an  inclination  to  the  geometric  axis. 
During  exo-atmospheric  flight  this  leads  to  a  coning 
motion  even  in  the  absence  of  pitch  and  yaw  impulses 
during  spin  up  and  separation  from  the  spacecraft.  During 
the  entry  phase  so  long  as  the  entry  vehicle  spins  then  an 
additional  'trim'  angle  of  attack  is  induced  which  is 
dependent  both  on  the  spin  rate  and  the  aerodynamic 
pitching  frequency.  This  effect  together  with  c.g  offset  and 
trim  asymmetries  may  increase  or  reduce  the  roll  rate 
depending  again  on  the  phasing,  however  the  effect  is 
small  as  when  the  entry  vehicle  is  close  to  peak  dynamic 
pressure  the  aerodynamic  pitching  frequency  is  highest  and 
the  roll  rate  low  even  for  large  asymmetries.  Therefore 
products  of  inertia  are  only  limited  by  the  initial  angle  of 
attack  generated  by  the  exo-atmospheric  coning  motion. 
The  coning  motion  angle  must  be  added  to  the  inclination 
of  the  coning  axis  to  the  trajectory  to  form  the  total  angle 
of  attack.  The  practical  limit  of  products  of  inertia  are 
recommended  to  be  less  than  2%  of  the  difference  between 
the  polar  and  lateral  moments  of  inertia.  This  may  be 
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relaxed  considerably  once  the  mission  trajectories  become 
more  firmly  established  in  post  feasibility  stages  of  the 
project. 

Dynamic  Instability 

There  are  several  possible  causes  of  dynamic  instability: 

•  Roll  Resonance's.  If  the  spin  frequency  becomes 
equal  to  the  aerodynamic  pitch  frequency  then  a 
resonant  lock-in  can  occur.  This  may  case  large  pitch 
angle  increases  and  large  lateral  loads  and  perhaps 
failure.  Lock  in  can  occur  twice,  initially  as  the 
pitching  frequency  increases  prior  to  peak  dynamic 
pressure  and  passes  the  spin  frequency,  and  then  as 
the  pitching  frequency  decreases  after  peak  dynamic 
pressure  or  as  the  vehicle  spin  rate  increases  due  to 
asymmetries.  Usually  first  resonance  occurs  at  high 
altitude  where  aerodynamic  forces  are  low,  and 
usually  no  problem  occurs,  however  at  lower  altitude 
especially  if  the  vehicle  has  an  increasing  roll  rate 
due  to  asymmetry,  a  problem  can  occur.  The  resonant 
phenomena  is  entirely  avoided  if  the  vehicle  spin  axis 
is  the  major  inertial  axis.  This  has  been  the  design 
goal  for  all  three  vehicles. 

•  Pitch  Damping.  Instability  can  occur  if  there  is 
positive  pitch  damping.  This  commonly  occurs  with 
bluff  vehicles  at  low  supersonic  and  transonic  speeds. 
Axi-symmetric  vehicles  have  this  characteristic  at 
zero  or  small  angle  of  attack,  and  the  bluffer  the 
vehicle  the  worse  the  problem.  It  is  therefore  avoided 
by  one  of  3  methods: 

1.  Avoid  flying  through  this  flight  domain. 
Supersonic  parachute  deployment  is  a  possibility 
but  can  impose  additional  problems  for  the 
parachute  design. 

2.  Adapt  the  geometry  to  a  less  bluff  shape. 
This  is  the  common  route  and  is  a  performance 
trade-off 

3.  Fly  at  angle  of  attack  where  the  effect  is 
minimised.  A  lifting  entry  requires  a  guidance 
system  and  can  increase  complexity  and  costs 
significantly.  This  is  therefore  to  be  rejected  if 
adequate  performance  in  terms  of 
deceleration/altitude  can  be  achieved  with  an 
aerobraking  ballistic  entry. 

'Unsteady'  Aerodynamic  Effects.  For  example 
unsteady  flows  in  separated  regions  can  lock  in  with 
the  vehicle  motion.  Similarly  re-attachment  points 
can  move  with  the  vehicle  motion,  again  resonance 
can  occur.  Base  flows  for  the  vehicles  presented  here 
are  of  concern,  and  re-attachment  is  avoided  by 
ensuring  that  the  base  aeroshell  is  within  the  shear 
layer  up  to  maximum  expected  angle  of  attack. 
Blowing  from  ablation  is  an  example  where  forebody 
aerodynamics  can  be  effected  adversely.  The  lag  in 
ablation  product  formation  is  caused  by  the  heat  soak 
time  constant  of  the  material  to  react  and  produce 


pyrolysis  gases.  This  can  cx;cur  if  there  is  a 
significant  coning  motion  where  the  windward 
meridian  is  rotating  in  body  co-ordinates.  This  is 
avoided  by  ensuring  a  low  initial  angle  of  attack  and 
low  coning  motion. 

•  Aeroelastic  effects.  Although  not  strictly  dynamic 
instabilities,  a  structure  -  flowfield  coupling  can 
occur,  for  example  panel  flutter.  No  aeroelastic 
analysis  has  been  carried  out  in  the  early  stages,  but 
natural  structural  modes  have  been  checked  against 
aerodynamic  frequencies. 

For  example  the  decelerator  natural  frequencies  are 
well  above  the  Probe  pitch  and  spin  frequencies,  base 
flow  pressure  oscillations  have  been  assessed  as  very 
low,  and  forebcxly  acoustic  excitation  is  avoided  with 
a  laminar  boundary  layer,  step  size  minima  and 
roughness  criteria  being  set. 

Conclusions  From  Entry  Dynamics  Discussion. 

The  entry  vehicle  should  ideally  have  the  following 
features  : 

•  Geometric  axi-symmetry. 

•  Inertial  axi-symmetry  about  the  geometric  symmetry 
axis  (statically  and  dynamically  balanced). 

•  Spin  axis  as  the  major  inertial  axis. 

•  Arrange  major  structural  modes  away  from 
Aerodynamic  modes. 

•  Small  initial  angle  of  attack. 

4.2.3  Aerodynamic  Configuration 

The  primary  mission  requirement  which  drives  the 
aeroshell  geometry  is  for  deceleration  at  the  highest 
altitude.  For  Huygens  this  is  so  that  atmosphere 
experiments  can  begin  at  the  highest  possible  altitude,  170 
km  is  the  targetj  whilst  for  Mars  the  atmosphere  density  is 
so  low  that  maximum  deceleration  is  required  to  provide 
sufficient  altitude  for  parachute  deployment  at  some  of  the 
chosen  higher  altitude  sites.  For  Rosetta  the  requirement 
is  to  provide  minimum  mass,  at  a  sufficiently  steep  entry 
angle  to  provide  acceptable  downrange  dispersion  for 
recovery,  thus  the  trade-off  is  between  heat  flux  and  TPS 
thickness  and  area. 

The  aerobraking  scenario  uses  a  low  ballistic  coefficient 
vehicle  for  a  'direct'  entry  and  aims  to  lose  sufficient 
energy  in  the  upper  atmosphere  to  achieve  the  desired 
velocity  and  altitude  conditions  for  the  later  mission 
phases.  For  a  non  lifting  ballistic  entry  no  guidance  or 
control  is  necessary  provided  that  dispersions  are 
acceptable.  The  aerobraking  concept  is  therefore  less 
costly  than  its  aerocapture  equivalent  but  places  emphasis 
on  the  design  of  an  acceptably  low  ballistic  coefficient 
stable  aeroshell. 
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To  achieve  a  low  ballistic  coefficient,  a  large  area,  high 
drag  coefficient,  low  mass  vehicle  is  required.  For  all  of 
the  missions  considered,  the  mass  is  critical  and  the  scope 
for  mass  reductions  below  the  provisional  budget 
allowable  was  small.  Therefore  the  design  drivers  are  for 
a  large  area  and  high  drag  coefficient  entry  vehicles. 

Large  drag  coefficients  are  achieved  usually  at  the  expense 
of  stability,  and  since  the  mass  and  cost  budgets  can  not 
provide  an  onboard  stability  and  control  system,  the 
geometric  configuration  must  be  sufficiently  stable  in  free 
flight. 

TTie  philosophy  of  the  studies  undertaken  was  to  provide  a 
minimum  cost  solution  and  the  adoption  of  a  simple  sphere 
cone  with  large  half  cone  angle  and  sufficient  stability  can 
make  use  of  a  large  amount  of  existing  aerodynamic  data 
and  is  therefore  the  natural  choice. 

Cone  Angle 

Studies  have  covered  the  range  of  half  cone  angles,  30 
degrees  45  degrees  and  between  56  and  75  degrees.  A 
cone  angle  of  70  degrees  as  used  on  Viking  produced  a 
near  maximum  drag  coefficient,  further  increasing  the  cone 
angle  has  little  effect  on  drag  coefficient.  Stability  of  the 
large  angle  cones  however  is  lower  and  therefore  to 
achieve  a  nominal  zero  angle  of  attack  through  peak  heat 
flux  and  peak  dynamic  pressure  during  entry,  60  degrees 
was  chosen  for  Huygens.  This  configuration  has  an 
acceptably  large  drag  coefficient  (only  4%  less  than  the  70 
degree  cone)  but  a  higher  static  stability.  Low 
supersonic/transonic  dynamic  stability  is  also  greatly 
improved. 

Figure  4.8  Typical  Drag  and  Moment 
Coefficients  Varying  Cone  Angle 

(Experimental  Results  at  Mach  9.5) 

- CD  -  -  -  -  Cm  alpha 


Figure  4.8  shows  experimental  pitching  moment 
coefficient  about  the  stagnation  point  and  the  drag 
coefficient  for  a  range  of  cone  angles  together  with  the  flat 
disk  limit. 


Base  Diameter 

The  maximum  base  diameter  vehicle  is  utilised  with  Mars 
entry  for  three  landers  and  for  the  single  Huygens  probe, 
consistent  with  the  space  envelope  available  on  the 
Spacecraft.  Deployable  decelerators  were  rejected  in 
initial  studies  on  grounds  of  complexity.  The  base 
diameter  is  the  single  largest  contributor  to  a  low  ballistic 
coefficient  for  these  missions.  The  lowest  ballistic 
coefficient  also  provides  the  lowest  heat  flux. 

For  Rosetta  the  choice  was  complicated  by  the  high  heat 
fluxes  which  required  a  dense  charring  ablator.  With  a 
heavy  heatshield  which  is  the  most  massive  part  of  the 
vehicle,  increasing  the  area  increases  the  mass 
proportionally  since  the  ablator  thickness  is  only 
marginally  reduced,  and  thus  the  performance  driver  is 
minimising  the  mass.  A  changeover  point  in  TPS  material 
to  a  lower  density  may  alleviate  the  situation  as  the  fluxes 
reduce  with  decreasing  ballistic  coefficient.  However  even 
increasing  the  base  diameter  to  the  maximum  allowable 
(3m)  in  the  space  envelope  did  not  produce  a  lower  mass 
even  with  a  TPS  material  change.  Therefore  given  the 
high  drag  shape  to  give  lowest  fluxes,  the  total  mass  may 
be  minimised  by  reducing  the  volume  to  the  minimum 
required  for  the  payload  by  reducing  the  diameter,  this  of 
course  increases  the  ballistic  coefficient  but  reduces  the 
total  heatload.  Further  optimisation  involving  the  rear 
TPS  was  not  carried  out. 

Nose  Radius 

The  nose  radius  has  been  chosen  as  a  near  optimum  for 
minimum  heatshield  mass,  ease  of  fitment  in  the 
spacecraft  and  launch  envelope,  and  for  maximum  drag 
coefficient. 

Although  the  effect  of  nose  radius  on  drag  coefficient  is 
small  a  large  radius  gives  a  slightly  larger  drag  coefficient 
and  less  mass  per  unit  base -area. 

Huygens.  For  Huygens  phase  A  with  a  Carbon  TPS,  the 
decelerator  and  forward  heatshield  have  adequate  thermal 
margins,  and  thus  the  mass  is  governed  by  the  structural 
loading  and  by  the  thermal  insulation  requirement, 
therefore  the  smallest  area  will  give  the  lowest  mass,  as 
the  insulation  mass  is  secondary.  An  instrument  cover 
nose  cap  had  a  mass  fixed  by  the  ballistic  separation 
requirement,  and  was  independent  of  the  nose  radius  to  a 
first  order. 

Therefore  the  largest  nose  radius  consistent  with 
aerodynamic  stability  and  existing  data  availability  (i.e. 
certainty  in  aerodynamic  coefficients)  should  provide 
minimum  insulation  thickness  for  a  radiative  heatshield 
concept  given  the  low  radiative  heating  environment  (at 
phase  A  configuration).  The  maximum  geometric  value 
was  L5m  allowing  the  decelerator  to  be  conical. 

A  Beryllium  forward  TPS  was  rejected  for  lack  of  thermal 
margin,  while  a  low  density  ablative  design  was  also 
rejected  due  to  excess  mass. 
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Boundary'  layer  heat  transfer  analysis  shows  that  the  total 
convective  heat  load  to  the  Probe  forebody  (i.e,  less 
decelerator)  reduces  with  increasing  nose  radius,  this  is  a 
combination  of  reducing  stagnation  heat  transfer  and 
reducing  total  area.  This  is  achieved  despite  the  fact  that 
the  conical  section  has  lower  heat  transfer  rates  than  the 
spherical  section. 

The  1.25m  radius  chosen  was  consistent  with  the  limit  of 
bluntness  ratio  where  transonic  aerodynamic  data  is 
readily  available  for  the  Probe  less  decelerator.  This 
ensures  good  confidence  in  the  design  by  using 
computational  methods  to  interpolate  between 
experimental  data  rather  than  relying  on  extrapolation 
beyond  the  available  range  of  data. 

Marsnet.  No  optimisation  was  carried  out  in  the  early 
studies,  the  initial  geometry  was  chosen  as  identical  to 
Huygens  in  order  to  utilise  the  same  aerodynamics 
(factored  as  necessary  for  atmosphere  differences). 
Reductions  in  base  diameter  have  been  made  for 
Spacecraft  envelope  fitment  purposes  with  three  landers 
each  with  reduced  mass.  However  the  maximum  nose 
radius  produces  the  lowest  convective  coefficient  and 
highest  drag  and  the  nose  radius  remains  large  at  1.25m. 
Radiative  fluxes  were  found  to  be  negligible  with  the  low 
entry  velocity  and  relatively  low  shock  layer  temperatures. 
The  current  ratio  of  nose  radius  to  base  radius  is  still 
within  the  existing  aerodynamic  databases  for  bluntness 
ratio,  and  therefore  there  is  room  for  optimisation  in  later 
studies. 

Rosetta.  For  Rosetta  since  the  radiative  fluxes  are 
significant,  the  nose  radius  was  optimised  for  minimum 
total  radiative  plus  convective  heat  load.  Two  distinct 
designs  evolved,  'Iteration  1'  is  a  steep  entry  providing 
close  to  the  maximum  deceleration  load  allowable  for  the 
payload  of  lOOg.  'Iteration  2'  is  a  shallower  entry  designed 
to  give  the  payload  an  easier  ride  at  45-5  5g  and  is  the 
shallowest  entry  with  acceptable  downrange  dispersion. 
The  steep  entry  has  a  shorter  duration  heat  pulse  and  even 
though  the  heat  fluxes  are  higher  this  leads  to  a  thinner 
heatshield.  The  nose  radius  is  0.5m  for  this  case.  The 
shallower  entry  was  preferred  by  the  project  team  since  all 
structural  and  payload  loadings  are  the  smallest 
practicable.  The  nose  radius  for  this  case  is  increased  to 
1.0m.  Nose  radius  was  chosen  to  give  the  combined 
minimum  convective  plus  radiative  heat  flux  since 
convective  flux  is  proportional  to  the  inverse  square  root  of 
nose  radius  while  radiative  flux  is  directly  proportional  to 
nose  radius.  .  In  these  selections  of  nose  radius  there  is 
uncertainty  in  the  magnitudes  of  the  fluxes  particularly  for 
radiation,  due  to  non-equilibrium  effects.  Although  no 
blockage  effects  were  taken  into  account  recent  analysis 
still  supports  the  initial  design.  Figure  4.9  shows  the 
effects  of  convective  flux  blockage  by  ablation  products 
and  radiative  cooling  of  the  shock  layer. 
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Figure  4.9  Rosetta  entry  at  70km,  15.7  km/s 

Aeroshell  or  Decelerator  Corner  Radius 

The  final  geometric  feature  is  a  radius  to  limit  heating  in 
the  expansion  corner  region  of  the  decelerator  due  to  flow 
acceleration.  For  Huygens  and  Marsnet,  the  provisional 
Carbon-Carbon  (C-C)  and  Ceramic  (C-SiC)  decelerators  of 
the  entry  vehicles  had  a  large  thermal  margin,  however  the 
corner  heating,  similar  to  the  nose  convective  heating, 
increases  as  the  corner  radius  decreases. 

For  a  sharp  corner  the  calculated  heat  transfer  at  the  corner 
is  very  large  value.  At  angle  of  attack,  test  data  show  that 
the  corner  heating  is  further  increased,  and  even  the  high 
temperature  ability  of  the  Carbon  and  SiC  may  be 
exceeded  locally. 

Introducing  a  progressively  larger  corner  radius  to  the  rear 
of  the  decelerator  produces  a  lowering  heat  flux  at  the 
corner  which  at  zero  angle  of  attack  becomes  less  than  the 
stagnation  heating.  This  is  the  criteria  used  and  a  5  cm 
corner  radius  has  been  selected  representing  a  corner  to 
base  radius  ratio  of  0.03  for  Huygens.  Analysis  shows  that 
even  at  large  angle  of  attack  (20*^)  the  heat  flux  should  be 
limited  to  less  than  twice  the  zero  angle  of  attack 
stagnation  value.  This  increase  in  heat  flux  only  increases 
the  surface  equilibrium  temperature  by  about  20%  and 
therefore  is  easily  within  the  TPS  capability. 

6dof  trajectory  studies  show  that  angle  of  attack  excursions 
near  peak  heating  are  small,  consequently  the  design 
assumptions  are  adequate.  A  secondary  effect  of  a  corner 
radius  is  a  contribution  to  hoop  stiffness  where  it  is  most 
required,  and  therefore  mass  penalties  should  not  accrue 
from  this  feature. 

Introducing  a  corner  radius  reduces  the  drag  coefficient 
while  the  centre  of  pressure  is  moved  forward,  static 
stability  is  increased  by  the  compensating  increase  in 
normal  force  producing  an  increase  in  the  moment 
coefficient.  The  5  cm  corner  radius  selection  reduces  the 
drag  coefficient  by  about  2.5%  over  a  sharp  comer,  again 
the  wind  tunnel  data  is  scaled  by  Newtonian 
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aerodynamics.  The  corner  radius  should  be  reduced  to  the 
minimum  in  to  allow  the  maximum  drag  coefficient.  The 
adoption  of  an  elliptic  corner  profile  may  prove  to  be  more 
efficient  but  Ls  outside  existing  databases.  The  same 
comer  radius  is  provisionally  selected  for  Marsnet. 

For  Rosetta  the  situation  is  similar  even  with  a  different 
TPS,  here  the  TPS  is  ablating  and  whilst  the  reduction  in 
drag  coefficient  is  important  with  increasing  corner  radius, 
it  was  judged  more  important  to  preserve  a  nearly  constant 
thickness  of  forward  TPS  in  order  to  lessen  manufacturing 
complexity.  A  smaller  radius  thicker  TPS  may  be  lower  in 
mass  however,  but  shape  change  and  consequent 
aerodynamic  effects  would  be  larger.  The  corner  radius  is 
thus  sized  to  give  a  total  heat  flux  equal  to  the  stagnation 
value  at  zero  angle  of  attack.  Radiative  flux  uncertainties 
are  also  taken  into  account  for  this  computation.  The 
resulting  corner  radii  are  larger  than  for  the  radiative  TPS 
of  Huygens  and  Marsnet  at  8  cm  for  the  Iteration  2 
geometry  and  16  cm  for  the  Iteration  1  geometry. 

Conclusions  from  the  Aero  shell  Geometry  Discussion 

The  entry  vehicle  geometric  features  are  determined  by: 

•  Minimum  ballistic  coefficient 

•  Availability  of  existing  aerodynamic  databases 

•  High  drag  shapes  consistent  with  stability  constraints 
and  existing  databases.  This  leads  to  the  choice  of 
large  angle  sphere  cones. 

•  Nose  radii  based  on  minimum  mass,  maximum  drag. 
This  leads  to  maximum  radius  for  large  margin  C-C 
and  C-SiC  TPS  limited  only  by  Bluntness  ratios  in 
aerodynamic  databases.  The  minimum  heat  load  is 
the  criteria  for  ablators,  with  equal  radiative  and 
convective  components. 

•  Corner  radii  minimum  for  maximum  drag  based  on 
thermo-structural  limit  for  C-C  and  C-SiC  radiator 
and  constant  thickness  for  an  ablator. 

•  Base  diameter  maximum  for  minimum  ballistic 
coefficient  for  maximum  altitude  missions.  Non- 
deployable  decelerators  chosen  for  low  cost  and  low 
complexity. 

Boundary  Layer  Transition. 

Boundary  layer  transition  for  all  the  bluff  vehicles  is  based 
on  the  Viking  assessments  of  a  boundary  layer  momentum 
thickness  Reynolds  number  of  140  as  being  pessimistic. 
Using  this  value,  Huygens  and  Marsnet  maintain  a  laminar 
boundary  layer  throughout  the  entry,  whilst  on  Rosetta  the 
boundary  layer  becomes  turbulent  after  peak  convective 
flux,  such  that  the  total  heat  load  is  not  greatly  affected. 
This  is  fortunate  for  all  vehicles  since  transition 
uncertainty  prior  or  close  to  peak  heat  flux  significantly 
effects  the  TPS  sizing. 


No  attempt  was  made  to  utilise  a  more  sophisticated 
transition  'law'  developed  for  other  vehicles  or  flow  types 
since  extrapolation  to  this  type  of  vehicle  would  be 
dubious  considering  the  small  database  available. 

Conclusions  from  the  Transition  Discussion 

•  Lack  of  suitable  transition  data  specific  to  this  class 
of  vehicle  leads  to  pessimistic  assumptions. 

Base  Flow 

Base  flow  effects  on  these  class  of  vehicle  need  analysis 
for  two  main  areas  ; 

•  .Shear  layer  impingement  on  the  rear  cover  can  cause 
local  heat  flux  increases,  plus  re-attached  flow  can 
cause  stability  problems  if  the  attachment  point  'locks 
in'  with  the  dynamic  motion. 

•  The  base  convective  heat  fluxes  determine  the  rear 
TPS  design  and  mass. 

For  Huygens  the  rear  cover  is  well  clear  of  any 
impingement  and  therefore  only  recirculation  region 
heating  is  of  interest.  Using  a  thin  C-C  decelerator  TPS 
also  produces  a  radiant  heat  flux  to  the  rear.  For  Rosetta 
the  rear  conical  heatshield  was  designed  to  be  inside  the 
shear  layer  based  on  flat  base  computations  and  a  k-£ 
turbulent  model  with  perfect  gas  (frozen)  flow.  The 
forebody  boundary  layer  input  to  the  shear  layer  was 
included,  but  the  large  base  radius  to  boundary  layer 
thickness  means  that  the  boundary  layer  state  has  little 
effect  on  the  base  flow. 

For  Marsnet  the  rear  cover  is  also  expected  to  be  within 
the  shear  layer.  The  base  convective  fluxes  are  generaUy 
estimated  from  flight  correlations  in  the  early  concept 
stage.  Those  from  Viking  being  used  for  Marsnet  giving 
about  4%  of  stagnation.  For  Rosetta  with  its  conical  rear 
TP.S,  Apollo  correlations  for  the  separated  regions  were 
used  at  about  1%  of  stagnation,  and  for  Huygens  2%  of 
stagnation  was  used  as  an  estimate  from  other  bluff  body 
correlations. 

Conclusions  from  the  Discussion  of  Base  Flow  : 

•  Differing  base  flow  heat  flux  correlations  seem 
appropriate  in  differing  regions  and  atmospheres  for 
very  bluff  vehicles.  Further  analysis  is  still  required. 

•  Base  impingement  and  reattachment  needs  to  be 
assessed  with  Navier  .Stokes  codes. 

•  Accurate  predictions  of  the  base  convective  fluxes  are 
elusive. 

Catalytic  Wall  Effects 

Catalytic  wall  effects  are  expected  for  both  Huygens  and 
Marsnet  where  non-equilibrium  flows  are  encountered. 
Fully  catalytic  walls  were  assumed  in  the  early  analysis, 
but  boundary  layer  solutions  for  Huygens  and  Navier 
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Stokes  Solutions  for  Marsnet  show  that  significant 
reductions  in  convective  fluxes  can  occur  for  non-catalytic 
TPS  surfaces.  However  before  advantage  can  be  taken  of 
this,  the  catalytic  behaviour  of  the  atmosphere  gases  on  the 
TPS  wail  must  be  known  with  some  certainty,  especially  if 
the  TPS  has  been  exposed  to  space  environments  for 
example  radiation,  debris  impact,  thruster  plume 
impingement  and  thermal  cycling.  The  reactions  for  O2 
and  N2  recombination  have  been  studied  for  some  Earth 
entry  TF’S,  but  the  data  still  exhibit  large  scatter.  For 
Mars  the  CO2  recombination  is  very  important  to  assess. 
Similarly  for  Huygens  N2  and  CHx  recombination  appear 
important. 

Conclusions  from  the  Discussion  of  Catalytic  Effects  : 

•  Catalytic  wall  reactions  are  important  for  Marsnet  and 
Huygens 

•  TPS  lifetime  effects  need  assessment. 

Ablation  Effects 

Ablation  is  significant  for  the  Rosetta  entry  where  heat 
fluxes  are  high  and  dictate  the  use  of  a  high  density 
charring  ablator  such  as  carbon  phenolic.  Tbe  relatively 
shallow  entiy  to  protect  the  sample  payload  leads  to  a  long 
heat  pulse  and  therefore  a  thick  single  layer  heatshield  to 
keep  the  sub-structure  cool.  A  new  technology  hot 
structure  /  hot  bond  concept  is  being  developed  for  these 
type  of  TPS  to  reduce  the  heatshield  mass. 

Since  the  shock  layer  is  close  to  thermochemical 
equilibrium  during  the  heat  pulse,  existing  chemical 
equilibrium  ablation  codes  are  used  to  predict  the  in-depth 
response.  The  ablation  code  also  provides  the  blowing 
boundary  condition  for  the  Navier  Stokes  and  boundary 
layer  codes.  This  is  important  since  the  blowing  reduces 
the  wall  gradients  and  therefore  reduces  the  convective 
flux.  The  cool  carbon  laden  blowing  gases  can  also  absorb 
some  of  the  radiative  flux  to  the  wall,  the  resulting  heated 
boundary  layer  gases  increasing  the  convective  flux  again. 
Convective  and  radiation  blockage  are  estimated  from 
engineering  correlations  in  the  early  stages  and  later 
assessed  using  full  Navier  .Stokes  ccxles.  Figure  4.2.5 
shows  that  the  effect  of  blockage  can  be  very  large. 

•  Ablator  response  is  fully  coupled  to  the  flowfield  and 
thus  TPS  sizing. 

Contamination 

TPS  contamination  can  occur  when  atmospheric  gases 
dissociate  to  fonn  potential  condensates  or  absorbents. 
Such  is  the  case  for  Huygens  where  carbon  is  fonned  from 
the  cracking  of  CH4.  Analysis  and  experiment  have 
shown  that  the  carbon  is  driven  towards  the  cool  wall  by 
diffusion,  and  condenses  on  the  wall.  Since  the  wall 
temperature  is  low  compared  to  the  carbon  sublimation 
temperature,  it  is  supposed  that  the  carbon  is  supercooled 
and  gives  up  its  latent  heat  on  touching  the  surface.  A 
significant  build  up  of  carbon  deposits  is  expected  from 
analysis  and  experiment  for  Huygens  amounting  to  0.3 


mg/cm'^.  Other  hydrocarbons  may  be  absorbed  or  fonned 
in  the  deposit  or  TPS  surface. 

Absorbents  may  outgas  during  descent,  and  particulates 
may  shear  off  if  the  TPS  is  present.  To  date  it  has  not 
been  possible  to  distinguish  between  particulate  and 
gaseous  material  removed,  but  it  has  been  shown  that 
circumstances  could  exist  where  the  contaminant  removed 
from  the  heatshield  could  enter  the  instruments  if  the  TPS 
is  present.  While  this  is  a  worst-on-worst  analysis,  total 
TPS  removal  was  selected  for  the  Phase  B  baseline. 

•  Contamination  remained  an  open  issue  for  Huygens  A 

•  TPS  contaminant  absorption  models  no  not  exist. 

•  Outgassing  models  need  specific  experimental 
investigation. 

4.3  LIFTING  ENTRY  VEHICLE  DESIGN 
4.3.1  Lifting  Mechanism. 

In  order  to  generate  lift  the  vehicle  must  generate  some 
asymmetry  and  thus  circulation  in  the  flowfield.  That  is 
the  pressure  and  friction  forces  on  the  vehicle  have  a  non¬ 
zero  integrand  in  a  plane  normal  to  the  velocity  vector. 

This  may  be  achieved  by  a  flying  a  symmetric  vehicle  at 
angle  of  attack  or  by  generating  an  asymmetric  vehicle 
geometry  or  both. 

For  the  symmetric  geometry  the  means  of  maintaining  an 
angle  of  attack  is  the  offset  of  the  centre  of  gravity.  This 
mechanism  was  used  by  the  US  on  Gemini,  Apollo  and 
Viking. 

Typical  asymmetric  geometries  are  perturbations  of  the 
symmetric  geomtries,  for  example  a  sliced  cone  such  as  the 
AFE  or  a  bent  biconic.  In  each  of  these  cases  pressure 
bearing  surfaces  are  effectively  removed  from  one  side  of 
the  vehicle  thus  inducing  a  moment  which  is  trimmed  out 
at  angle  of  attack. 

For  a  symmetric  lifting  vehicle  the  pitch  moment  equation 
about  the  centre  of  gravity  is: 

M  =  O.SpV^AlCa  Xcgo  ■  C„  (Xcp-Xcg)  +  Cml 

where : 

Xcg  is  the  centre  of  gravity  location 

Xcp  is  the  centre  of  pressure  location 

Xcgo  is  the  centre  of  gravity  offset  from  the 

aerosheO  centreline 

Ca  is  the  axial  force  coefficient 

C„  is  the  normal  force  coefficient 

C„  is  the  moment  coefficient  due  to 

aerodynamic  controls  or  perturbations. 

defining  (Xcp-Xcg)  as  the  static  stability  margin  k,  and  the 
vehicle  in  a  trimmed  condition  then 
M  =  0  with  C„  =  0  and; 
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t-a  Xcgo  —  '--n  iCs 

re-arranging  in  terms  of  Ci/Cj  or  L/D 

Xcgjks  =  (LID  Cosa  -  sina  )/(cosa  -LID  sina  ) 

for  a  typical  bluff  vehicle  LID  =  -0.3  at  20  degrees 
incidence  and  is  about  the  vehicle  radius  Rt  and  so  Xcgo 
=  -  7%  Rb  ■  The  capsule  will  thus  be  able  to  achieve  a 
mass  induced  trim  at  maximum  LID  with  reasonable 
tolerance. 

For  a  slender  vehicle  LID  =  -1.0  and  Xcgo  =  ~  ks 
and  since  ks  is  about  half  the  base  radius  Rb  then  mass 
trim  at  maximum  LID  may  be  difficult  to  achieve  and 
other  devices  will  also  have  to  be  used  such  as  body  bend 
or  body  shaping. 

TTie  choice  of  vehicle  configuration  is  first  made  on  the 
LID  requirements  which  are  determine  by  cross  range, 
entry  corridor  and  if  required  aerocapture  accuracy  (to 
orbit). 

Large  cross  range,  high  speed  or  thin  atmosphere  (low 
deceleration)  and  high  accuracy  all  call  for  high  LID. 

Our  simple  trajectory  analysis  has  shown  that  heating  is 
minimised  for  low  ballistic  coefficient  which  is  achieved 
with  a  bluff  vehicle  and  so  a  small  LID  is  suitable  to 
provide  modest  cross  range  control  for  recovery  purposes, 
provide  reasonable  entry  load  alleviation  whilst  at  the 
same  time  providing  a  low  heating. 


Table  4.2  gives  the  L/D  of  some  capsule  configurations 
some  of  which  are  shown  in  figure  4.10. 


Capsule 

L/D 

Geometry 

Gemini 

0.2 

Sphere  seg-clyl 

Apollo 

0.3 

Sphere-seg 

Viking 

0.18 

Sphere  cone 

AFE 

0.28 

Ellipse/raked  cone 

‘Fat’  biconic 

0.5 

optimal  bi-conic 

Shuttle 

1.1 

Wing-body 

‘slender’  biconic’ 

1.5. 

optimal  bi-conic 

Table  4.2  Some  Lifting  Vehicle  Characteristics 


TTie  slender  biconic  gives  optimal  aerocapture  to  orbit 
accuracy,  while  the  shuttle  is  a  compromise  vehicle  for  low 
speed  handling  but  presents  a  maximum  radius  swept 
cylindrical  lower  heatshield  during  entry  at  high  incidence 
(low  ballistic  coefficient  attitude)  for  minimum  heat  load. 

Fat  biconics  have  been  considered  for  many  planetary 
entry  missions  and  their  medium  L/D  give  good  load 
reduction  and  good  cross  range  for  accurate  landing  point 
selection.  This  type  of  biconic  was  also  considered  for  the 
Rosetta  mission  at  one  stage,  prior  to  the  trade-off  between 
low  L/D  and  ballistic  capsules. 


Of  interest  when  considering  the  lifting  capsule  is  the 
direction  of  lift.  For  a  slender  vehicle  pitching  nose  up 
causes  a  lift  force  in  the  upwards  direction.  For  a  bluff 
vehicle  pitching  nose  up  causes  a  lift  force  in  the 
downwards  direction. 

The  reason  for  this  change  is  obvious  from  the  lift 
equation: 

L  =  CnCosa  -  Casina 

Lift  changes  sign  when  CaSintt  becomes  greater  than 
CnCosa  .  The  bluff  capsules  have  large  Ca  and  small  C„ 
and  the  opposite  is  the  case  for  slender  vehicles.  For 
Newtonian  flow  over  a  conic  this  occurs  at  a  cone  angle  of 
45  degrees  where  the  net  lift  is  zero  at  all  angles  of  attack. 
Thus  a  45  degree  sphere  cone  such  as  Pioneer  Venus  and 
Galileo  will  experience  little  lateral  acceleration  but  is  stUl 
stable,  thus  the  internal  design  may  be  simplified  where 
very  large  axial  loads  are  expected. 

For  the  low  L/D  capsule,  geometric  design  features  are 
similar  to  the  ballistic  vehicles,  since  the  ballistic  vehicles 
must  allow  for  incidence  excursions  during  entry,  and 
given  the  L/D  requirement  the  ballistic  coefficient  must 
still  be  minimised  with  little  surface  area  as  before. 
However  the  corner  radius  heating  must  be  considered 
more  carefully  as  for  high  incidence  the  stagnation  region 
can  move  to  the  corner  making  the  corner  radius  the 
dominant  geometric  feature  for  the  convective  heating  i.e. 
small  radii  lead  to  large  convective  heating  rates. 

Pitch  damping  for  bluff  vehicles  is  positive  transonically  at 
small  incidence  but  changes  to  negative  at  incidence.  This 
is  an  advantage  to  the  lifting  vehicle. 

Flow  attachment  to  the  rear  heatshield  is  also  an  issue 
since  this  increases  the  wetted  area  and  thus  total  heat  load 
and  may  lead  to  motion-separation  coupling. 

The  decision  between  asymmetric  and  symmetric 
geometries  is  made  initially  based  on  the  L/D.  For  high 
L/D  we  will  need  vehicle  asymmetry  and  as  previously 
mentioned  the  generic  design  rule  for  biconics  is  the  2:1 
ratio.  Nose  radius  is  then  optimised  against  TPS 
capability.  For  low  L/D  capsules  we  can  achieve  the 
required  L/D  by  moving  the  centre  of  gravity.  Thus  the 
need  for  asymmetry  is  removed.  Asymmetry  in  the  rear 
structure  is  desirable  to  alleviate  attached  flow  heating  and 
is  part  of  the  discussion  below. 
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Apollo  Sphere-segment  Slender  Bent  Bi-conic 


Figure  4. 10  Some  Lifting  Capsule  Geometries 


Example  Comparison  Study  for  High  Speed  Earth 
Return 

The  discussion  of  lifting  vehicles  is  now  confined  to 
capsule  candidates,  i.e.  those  which  are  essentially  simple 
geometries  with  low  to  medium  L/D. 

In  the  following  trade-off,  for  a  high  speed  Earth  return 
from  a  comet  CNSR-Rosetta.  two  lifting  capsule  generic 
types  were  selected  for  analysis.  These  are  the  Apollo  type 
and  a  modest  L/D  raked  cone  of  the  type  proposed  for  the 
US  Aero-assisted  Orbital  Transfer  Vehicle  (AOTV)  and 
related  AOTV  flight  experiment  (AFE). 


Only  a  low  L/D  is  required  to  limit  the  downrange 
dispersion  to  acceptable  limits,  higher  L/D  giving 
increased  cross  range  capability.  Trajectory  studies 
identified  the  desire  to  increase  the  corridor  width  and 
reduce  dispersions  by  both  increasing  the  L/D  and 
reducing  the  Ballistic  Coefficient. 

It  was  possible  to  consider  a  higher  L/D  vehicle  such  as  a 
biconic  for  this  mission,  as  the  rear  sample  loading  option 
and  low  entry  loads  made  this  attractive  and  a  precursory 
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study  produced  the  vehicle  shown  in  Figure  4.11. 
However  this  was  dropped  on  the  grounds  of  lack  of 
supporting  design  data  and  thus  low  confidence.  Therefore 
for  this  study  where  aerobraking  to  ground  was  the  goal, 
only  low  L/D  capsules  were  studied.  In  particular 
advantage  was  taken  of  extensive  US  experience  with  the 
Apollo  programme,  and  more  recently  with  the  AOTV 
flight  experiment  programme  which  planned  to  use  a  raked 
cone  configuration,  the  generic  type  of  which  has  been 
proposed  for  planetary  entry  for  many  years. 


Figure  4.11  CNSR  Bent  Biconic  Early  Trade-off 
Configuration 

4.3.2  Apollo  Type  Capsule 

Configuration 

The  Apollo-like  capsule  is  a  sphere  segment  vehicle 
having  a  spherical  forward  heatshield  and  conical  rear 
heatshield.  The  large  radius  forward  heatshield  gives  the 
lowest  convective  heating,  and  was  retained  at  the  largest 
value  for  maximum  axial  length  of  the  vehicle  when 
placed  nose  out  in  the  side  mounted  position  of  the 
spacecraft.  This  largest  nose  radius  amounts  to  the  same 
value  as  the  launch  fairing  radius.  For  shadow  entries  the 
radiative  heating  is  less  as  a  proportion  of  the  total  than  for 
steeper  entries  and  so  for  the  shallowest  possible  entries, 
the  largest  possible  nose  radius  is  retained  (see 
aerothermal  discussion).  The  nose  radius  is  thus  2.2m.  A 
body  diameter  of  1.85m  is  used  for  consistency  with  earlier 
studies  with  the  intention  of  scaling  the  final  geometry  to 
give  the  minimum  capsule  volume  and  thus  mass  for  the 
final  container  design. 

The  capsule  geometry  was  scaled  from  Apollo  to  make  use 
of  the  available  databases  thus  increasing  the  confidence  in 
the  capsule  design  with  its  demonstrated  Earth  entry 
capability. 

In  order  to  accommodate  the  capsule  within  the  spacecraft 
envelope  either  nose-in  or  nose  out  the  after  cone  is 
truncated.  These  changes  have  a  very  small  computed 
effect  on  the  capsule  aerodynamic  coefficients,  allowing 
direct  use  of  the  Apollo  aerodynamic  database. 


Aerodynamics 
Continuum  Coefficients 

The  Apollo  continuum  aerodynamic  coefficients  have  been 
taken  directly  from  the  Apollo  wind  tunnel  data.  Flight 
data  examination  gives  an  excellent  validation  of  the 
database 

Free  Molecule  Coefficients 

The  free  molecular  drag  coefficients  are  calculated  using 
the  standard  method  with  full  specular  reflection  and  equal 
freestream  and  wall  temperatures.  The  free-molecular  L/D 
is  small  due  to  the  relatively  large  shear  forces  and  for  the 
this  study  can  be  assumed  to  be  zero. 

Damping  Coefficients 

The  damping  coefficients  are  also  taken  from  Apollo  wind 
tunnel  data.  The  damping  coefficients  are  similar  in 
magnitude  to  the  bluff  cone  values  of  the  ballistic  capsule 
as  might  be  expected,  but  with  some  pitch  and  yaw 
reinforcing  damping  at  transonic  and  subsonic  velocities 
which  may  be  of  some  concern.  However  this  was 
managed  adequately  by  the  Apollo  GNC. 

Aerothermodynamics 

Earth  Atmosphere  Aerothermochemistry 
It  is  appropriate  to  mention  the  aerochemistry 
environments  to  be  encountered  by  the  Rosetta  capsule. 
These  can  be  divided  into  the  shock  layer  and  its 
chemistry,  and  the  boundary  layer/heatshield  chemistry. 

The  entry  velocities  are  high  enough  that  in  the  shock  layer 
one  can  expect  very  high  temperatures  and  appreciable 
ionisation  of  the  gases.  The  high  altitude  (and  thus  low 
density)  heating  peak  due  to  the  shallow  entries  leads  to 
the  chemical  and  thermodynamic  processes  not  achieving 
equilibrium  in  small  distances  behind  any  shock  . 
However  this  is  offset  to  a  certain  extent  by  the  relatively 
large  size  of  the  capsule  geometries  such  that  gases  at  the 
boundary  layer  edge  are  close  to  equilibrium.  Comparison 
of  equilibrium  chemistry  boundary  layer  solutions  for 
convective  heating  show  acceptable  agreement  with  non¬ 
equilibrium  flowfield/convective  heating  results  in  the 
stagnation  region  and  therefore  for  this  stage  of  the  study 
equilibrium  convective  heating  results  were  used.  The 
radiant  heating  is  more  sensitive  to  the  shock  layer 
property  profile  and  it  was  necessary  to  develop  a  non¬ 
equilibrium  radiant  heat  transfer  model. 

The  stagnation  heat  transfer  rates  are  large  and  a  dense 
charring  ablator  is  necessary  for  all  but  the  shaOowest 
entries,  however  an  empirical  blockage  correction  has  been 
computed  which  reduce  fluxes.  The  surface  temperatures 
are  high  and  allow  the  assumption  of  surface  equilibrium 
chemistry.  However  at  the  high  altitudes  at  which  peak 
heat  transfer  occurs,  it  was  recommended  that  non¬ 
equilibrium  reaction  of  the  boundary  layer  and  heatshield 
products  should  be  undertaken. 

Continuum  Convective  Heat  Transfer 

The  laminar  convective  heat  transfer  distribution  is  based 

on  Apollo  data  from  wind  tunnel  tests  and  flight  data. 
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Nine  heat  transfer  locations  were  chosen  on  the  body 
windward-leeward  plane  for  TPS  assessment. 

For  the  present  analysis  the  stagnation  heat  transfer  was 
calculated  using  a  correlation  based  on  the  theory  of  Fay 
and  Riddell  which  is  strictly  valid  only  to  about  8kni/s, 
However  to  use  the  results  at  higher  entry  velocity, 
equilibrium  air  chemistry  Niundary  layer  calculations  were 
undertaken  in  order  to  gain  confidence  in  the  correlation  at 
velocities  up  to  17km/s.  The  agreement  between  boundary 
layer  calculations  and  the  correlations  is  within  about 
10%. 

For  bluff  vehicles  the  sonic  line  lies  on  the  corner  torroidal 
regions  which  are  present  to  reduce  the  convective  heating 
from  the  sharp  edge  value.  The  acceleration  to  the  sonic 
line  on  the  decreased  radius  of  curvature  increases  the 
velocity  gradient  close  to  the  stagnation  point  equivalent  to 
the  effect  of  reducing  the  radius  of  curvature  or  nose  radius 
and  thus  increasing  the  convective  heat  transfer.  The  effect 
increases  with  incidence  as  the  stagnation  point 
approaches  the  torriodal  section.  The  stagnation  heat 
transfer  correlations  are  thus  adjusted  for  the  equivalent 
stagnation  velocity  gradient  from  the  usual  spherical 
geometry  values,  again  this  agrees  well  with  boundary 
layer  calculations. 

Free  Molecular  Heat  Transfer 

Free  molecular  heat  transfer  has  been  calculated  along 
each  trajectory  for  each  CNSR  capsule  using  established 
methods,  with  accommodation  coefficients  set  to  unity  and 
with  a  cold  (300K)  wall  temperature. 

In  order  to  bridge  between  free  molecular  and  continuum 
heat  transfer  in  the  transitional  and  slip  regimes  a 
combination  of  bridging  functions  have  been  used.  On 
windward  facing  surfaces  a  minimum  of  either  free 
molecular  or  continuum  heat  transfer  is  taken.  On  leeward 
surfaces  a  Knudsen  number  based  bridging  function  is 
used  as  with  the  pressure  coefficient.  The  latter  is 
necessary  as  free  molecular  heat  transfer  to  shaded  areas  is 
zero  for  high  vehicle  speed  to  molecule  speed  ratios. 
Bridging  is  discontinued  in  the  shaded  regions  after  peak 
heat  transfer  for  Rosetta. 

The  use  of  the  bridging  functions  adequately  compensates 
for  high  continuum  heat  transfer  in  the  transition  and  slip 
regimes,  but  as  with  the  aerodynamic  coefficients  the 
effect  on  the  total  heat  transfer  is  small  and  so  no  further 
refinement  of  the  bridging  methodology  is  justified  for  this 
phase  of  the  study. 

Boundary  Layer  Transition 

Transition  to  turbulent  flow  has  been  predicted  using  a 
suitable  bluff  body  correlation  to  the  boundary  layer 
momentum  thickness  Reynolds  number  which  is 
applicable  to  the  attached  flow  areas.  A  similar  correlation 
was  assumed  to  apply  in  the  regions  of  separated  flow. 
This  type  of  procedure  was  used  successfully  on  Apollo 
but  based  on  local  flow  conditions  which  are  considered 
less  reliable  when  changing  scale  or  geometries. 


Radiant  Heat  Transfer 

Radiant  heating  to  the  Rosetta  capsule  forms  a  significant 
fraction  of  the  total,  particularly  for  the  steeper  entries. 
The  radiant  heat  transfer  distribution  was  based  on  that 
used  for  Apollo  but  amended  for  differing  angles  of  attack 
by  an  engineering  correlation.  The  stagnation  point  radiant 
heating  is  taken  from  an  air  correlation  strictly  valid  only 
to  8km/.s  but  previously  checked  against  Apollo  flight  data 
with  good  agreement.  However  Rosetta  entry  velocities 
are  significantly  higher  than  those  for  Apollo(llkm/s)  and 
comparison  with  non-equilibrium  chemistry  predictions 
showed  a  potential  under  prediction  using  this  correlation. 
On  the  superorbital  Apollo  test  flightfspacecraft  017)  the 
non-equilibrium  radiant  heating  at  about  lOkm/s  was  not 
dominant  and  equilibrium  chemistry  theory  and  flight  data 
agreed  well.  A  new  correlation  was  developed  which 
extends  the  range  of  application  to  16km/s  to  cover  the 
non-equilibrium  effects  and  was  expected  to  be  accurate  to 
within  a  factor  of  2  for  the  Rosetta  application. 

Trajectory 

The  ApoUo  type  and  AFE  type  trajectory  utilised  for  this 
study  were  selected  initially  as  a  20g  peak  and  a  50g  peak 
reference,  this  assumed  a  15km/s  entry  in  the  local  frame. 
A  minimum  flight  path  angle  of  1  degree  was  set  to  ensure 
entry  and  the  guidance  algorithm  maintained  this  with 
alternate  left-right  roll  manoeuvres. 

Mass  Characteristics  And  Stability 

In  order  to  achieve  the  desired  trim,  the  centre  of  gravity 
must  be  offset.  The  ApoOo  relative  centre  of  gravity 
position  is  therefore  to  be  used  to  give  the  design  nominal 
trim  of  20  degrees.  (L/D  0.3).  Variations  in  sample  mass 
and  position  and  ablation  asymmetry/mass  loss  will  affect 
the  trim  by  a  few  degrees  at  most  and  this  is  expected  to 
be  managed  by  the  GNC  system. 

The  static  margin  is  about  1  m  for  the  ApoUo  type  capsule 
with  a  centre  of  gravity  0.5m  aft  of  the  forward  heatshield, 
thus  the  vehicle  is  acceptably  stable  in  the  continuum 
regime. 

Heatshield  Considerations 

Maximum  heat  fluxes  for  the  shaUow  20g  entry  are  small 
enough  on  the  forward  heatshield  (1000W/cm2)  to 
consider  a  fighter  heatshield  material,  however  the 
material  choice  in  this  range  (Nylon  Phenolic)  suffers  from 
a  low  density  Char  which  is  stripped  under  boundary  layer 
shear  forces.  Rear  cone  heat  transfer  is  quite  low  and 
although  transition  is  predicted,  a  lightweight  ablator 
(ESM)  will  be  adequate  in  varying  thickness  at  all 
locations. 

.Simulations  of  entries  close  to  the  skipout  limit  at  about  9- 
1  Ig  show  heat  fluxes  less  than  500W/cm2  which  are  in  the 
range  of  the  ApoUo  ablator  and  some  of  the  mid  density 
ESM's.  Thus  a  very  shallow  entry  could  produce  a  step 
reduction  in  heatshield  mass,  although  the  heatsoak  time  is 
increased  requiring  greater  insulation  thickness. 
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It  should  he  noticed  that  the  convective  and  radiant  heat 
fluxes  are  nearly  equal  for  the  20g  15kjn/s  entry,  with 
convective  dominating  at  shallower  angles  while  at  higher 
entry  velocity  (for  the  same  g  load)  the  radiative 
component  begins  to  dominate,  illustrating  the  choice  of 
the  largest  possible  nose  radius  (Apollo  type  capsule)  for 
the  shallow  entries. 

4.3.3  Raked  Cone  Capsule 

In  order  to  achieve  a  modest  L/D  and  low  ballistic 
coefficient  a  large  angle  sphere  cone  can  be  utilised. 
Indeed  for  the  Viking  missions  to  Mars  this  was  the 
geometry  chosen  (70  degree  cone  at  1 1  degrees  incidence 
and  L/D  0.18)  for  maximum  drag  with  modest  control. 
During  the  period  leading  up  to  Viking,  there  was  much 
testing  of  simple  aerodynamic  configurations  for  planetary 
entry  including  raked  cones. 

In  the  early  1980’s  attention  was  focused  on  planetary 
missions  where  aerobraking  is  used  for  descent  to  ground, 
whereas  aerocapture  with  a  large  L/D  gives  most 
flexibility  for  capture  to  orbit. 

Later  attention  was  turned  to  aero  -  assisted  orbital 
transfer  to  save  fuel  when  returning  from  high  to  low 
energy  orbits.  This  effort  was  re-  focused  on  the  raked 
cone  for  high  drag  coefficient  and  good  stability 
characteristics.  TTie  US  planned  to  flight  test  such  a 
vehicle  and  this  of  necessity  generated  much  wind  tunnel 
and  computational  data  which  was  of  use  to  the  Rosetta 
entry  evaluation. 

At  first  glance  the  requirements  seem  too  dissimilar  as  the 
entry  energies  and  mission  requirements  are  quite 
different,  however  closer  inspection  reveals  the  similarity 
in  design  objectives  for  the  aerodynamic  configuration. 
These  are; 

Low  ballistic  coefficient 
Low  L/D 

Well  understood  aerodynamic  performance. 

Although  the  size  and  materials  will  be  quite  different  the 
basic  geometry  serves  as  a  design  point  from  which  we 
may  extrapolate  if  necessary. 

Configuration 

In  order  to  compare  performance  with  the  Apxrllo  capsule 
the  same  maximum  diameter  is  chosen  which  may  be 
scaled  to  contain  the  final  sample  container.  The  rear 
heatshield  is  intended  to  be  in  separated  flow  and  an 
initial  45  degree  dividing  streamline  is  taken  as  the 
maximum  rear  heatshield  envelope  at  this  stage.  Tlie  cone 
half  angle  is  60  degrees  with  a  rake  angle  of  73  degrees 
(90  degrees  being  symmetric).  An  expansion  corner  radius 
of  10%  of  the  base  diameter  is  used  for  the  AFE  vehicle. 
The  nose  rather  than  being  spherical  is  in  fact  elliptic  with 
a  2:1  major  to  minor  axis  ratio.  This  feature  increases  the 
nose  radius  of  curvature  over  the  equivalent  sphere  and 
thus  reduces  the  convective  heat  transfer  at  zero  angle  of 


attack.  A  slight  increase  in  drag  coefficient  is  also 
achieved. 

Aerodynamics 

Continuum  And  Free  Molecule  Coefficients 
The  continuum  aerodynamics  have  been  taken  from  wind 
tunnel  data  for  60  degree  sphere  cones,  and  a  raked  cone 
and  factored  by  Newtonian  ratios  to  the  AFE  configuration. 
Data  are  also  obtained  from  computations  in  the  literature. 
Only  drag  coefficient  and  L/D  were  developed  for  this 
study. 

The  AFE  vehicle  is  very  similar  in  performance  to  the 
Apollo  type  capsule,  but  with  slightly  lower  L/D  (0.28)  at 
its  design  angle  of  attack  (17  degrees).  However  the  drag 
coefficient  is  higher  by  about  8%  giving  a  lower  ballistic 
coefficient  for  equivalent  mass.  The  comparison  of  basic 
characteristics  is  given  in.  Figure  4.12  which  also  shows 
the  guided  and  ballistic  capsules  to  approximately  the 
same  scale. 


'Apollo' 

'Apollo' 

Ballistic 

type  capsule 

type  capsule 

Capsule 

Mass  kg 

300 

300 

250 

Diameter  m 

1.85 

1.85 

1.S3 

Cd  (alpha  trim) 

1.30 

1.36 

1.54 

L/0  (alpha  trim) 

0.3 

0.28 

0 

Nose  Radius  m 

2.2 

-1.5  equiv.  (elliptic) 

1.0 

Selected  Entries  10-20 
(Earth  g) 

20-50 

50-100 

Figure  4.12  Comparison  of  Trade-off  Vehicles 
Damping  Coefficients 

The  damping  coefficients  have  been  taken  as  those  for  an 
equivalent  sphere  cone  initially  and  are  thus  the  same  as 
the  ballistic  capsule.  This  is  adequate  for  initial  trajectory 
studies  and  give  the  capsule  good  damping  characteristics 
in  most  of  the  Mach  number.  These  initial  damping 
coefficients  are  superior  to  those  of  the  Apollo  type 
capsule. 

Aerothermodynamics 

As  with  the  Apollo  like  capsule  the  reference  stagnation 
heat  transfer  is  based  on  the  results  of  Fay  &  Riddell  for 
equilibrium  air,  corrected  for  the  local  curvature  effects. 
The  same  radiative  and  distribution  correlations  have  been 
used  as  for  the  Apollo  type  capsule  but  applied  to  the  AFE 
shape.  Seven  locations  were  chosen  to  represent  the  heat 
transfer  distribution  about  the  AFE  type  vehicle  for  TPS 
assessment 
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Trajectory 

The  same  trajectory  entry  conditions  and  control  law  were 
used  as  for  the  Apollo  type  capsule. 

Heatshield  Considerations 

The  AFE  vehicle  has  only  slightly  higher  convective  heat 
flux  and  lower  radiative  heat  flux  than  the  Apollo  vehicle 
on  the  forward  heatshield.  The  convective  component  is 
dominant  at  both  entry  velocities  indicating  the  desire  for  a 
larger  nose  radius,  or  the  use  of  this  type  of  vehicle  at  still 
higher  entry  velocities  or  steeper  (than  20g)  entries  .  The 
rear  heatshield  is  all  in  separated  flow  aUowing  an  even 
thickness  of  low  density  ablator.  This  is  achieved  at  the 
expense  of  reduced  capsule  volume  for  the  same  capsule 
diameter. 

Mass  Properties  And  Stability 

For  the  AFE  vehicle  a  nominal  trim  angle  of  attack  of  17 
degrees  is  required  but  unlike  the  other  capsules 
considered  the  AFE  is  truly  asymmetric  in  geometry,  but 
the  c.g  position  is  again  located  to  give  the  desired  trim. 
The  static  margin  is  similar  to  the  Apollo  like  capsule  at 
Im  assuming  a  centre  of  gravity  position  0.5m  aft  of  the 
forward  heatshield.  However  the  pitching  moment 
coefficients  appear  larger  than  for  the  Apollo  type  capsule 
indicating  a  greater  tolerance  to  sample  mass/position  and 
ablation  asymmetries.  The  AFE  type  capsule  is  thus 
acceptably  stable  . 

4.3.4  Guided  Capsule  Choice 

There  is  little  difference  in  the  performance  of  the  two 
configurations  aerodynamically  speaking,  however  there 
are  advantages  and  disadvantages  to  both  configurations. 

The  Apollo  shape  vehicle  has  the  major  advantage  of 
having  been  proven  for  Earth  entry  already,  and 
consequently  there  is  a  large  volume  of  aerodynamic  and 
aerothermodynamic  data  available  which  will  give  a  high 
confidence  to  the  capsule  design  at  an  early  stage  and 
potentially  lead  to  lower  costs.  The  large  forward 
heatshield  radius  is  ideal  for  the  shallow  entries  where  the 
radiative  component  of  the  heat  transfer  is  proportionately 
lower.  However  the  design  of  the  ApoUo  rear  heatshield 
does  allow  attached  flow  on  the  windward  side  at  angle  of 
attack  leading  to  a  larger  rear  heatshield  mass  than  for  a 
separated  flow  design.  This  may  lead  to  a  lighter  capsule 
however  if  the  overall  body  radius  can  be  reduced. 

The  Are  design  has  the  potential  to  achieve  similar  L/D 
values  given  slight  modifications  to  the  geometry,  i.e. 
increased  rake  angle  and  reduced  corner  radius,  but  this 
would  be  diverging  from  the  AFE  geometry  for  which 
there  was  expected  to  be  much  data.  Therefore  design 
confidence  will  be  lower  initially  and  costs  potentially 
higher  with  a  larger  test  programme  particularly  in  the  low 
supersonic,  transonic  and  subsonic  range  where  no  AFE 
data  will  be  available  in  any  case. 

The  real  choice  may  well  be  made  on  heatshield  mass 
which  forms  a  large  fraction  of  the  total  capsule  mass.  For 


very  shallow  entries  close  to  skipout  (around  10-15g)  heat 
transfer  rates  are  reduced  to  an  extent  where  a  change  to  a 
light  charring  ablator  may  be  considered.  For  this  scenario 
the  largest  radius  of  curvature  is  required  in  order  to 
minimise  convective  heating  (radiative  heating  being 
proportionately  lower  for  the  shallow  entries).  Therefore 
the  Apollo  style  capsule  seems  attractive  at  shaUow  entries 
less  than  20g. 

For  the  steeper  guided  entries  20g  to  about  40g  the  smaUer 
radius  of  curvature  of  the  AFE  vehicle  may  make  it 
attractive  from  the  heatshield  mass  point  of  view. 
AdditionaOy  a  trade-off  on  increased  rear  heatshield  mass 
by  allowing  flow  attachment,  against  reduced  body 
diameter  (and  thus  reduced  forward  heatshield  mass)  is 
possible.  Greater  than  about  40g  the  ballistic  capsule 
becomes  attractive  as  dispersions  reduce. 

4.4  ‘COMPUTATIONAL  TOOL  SET' 
REQUIREMENTS 

So  far  the  shape  of  the  entry  vehicles  has  generally  been 
defined  by  simple  laws  and  can  be  accomplished  with 
relatively  simple  tool  set  which  is  adequate  in  the  very 
early  project  stages.  This  may  be  designated  the  level  one' 
analysis,  using : 

•  3dof  and  6dof  trajectory  codes  with  planetary 
atmosphere  models 

•  Newtonian  aerodynamic  code  to  interpolate  existing 
aerodynamic  databases 

•  Free-molecule  aerodynamic  code  and  suitable 
empirical  drag  and  flux  bridging  functions 

•  Heat  flux  correlation's  for  convective  and  radiative 
fluxes. 

•  Heatshield  sizing  algorithms. 

However  in  all  but  the  trajectory  codes,  detailed 
knowledge  is  required  to  develop  or  confirm  the  basis  of 
the  engineering  solutions. 

The  determination  of  accurate  aerodynamic  coefficients  is 
very  important  since  the  atmosphere  composition  can  be 
determined  from  the  vehicle  performance,  while  stability 
is  always  a  consideration  whatever  the  mission. 

Tlie  heat  flux  distribution  and  history  determine  the  choice 
of  TPS  and  geometric  ratios. 

The  first  essential  analysis  is  to  determine  the 
aerodynamic  and  aerothermal  flight  regimes  through  which 
the  vehicle  will  pass.  This  will  give  the  engineer  a  clear 
perception  of  where  in  the  entry  particular  analysis 
methods  should  be  used.  In  the  preliminary  stages  the 
classical  regimes  will  have  become  evident  from  the 
trajectory  analysis  which  should  use  both  free  molecule 
and  continuum  drag  coefficients  with  a  suitable  bridging 
function.  A  simple  Knudsen  based  bridge  is  most  common 
for  drag  coefficient. 
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The  formal  analysis  should  consolidate  the  classical 
regimes  and  should  investigate  the  thermal  and  chemical 
regimes.  Most  commonly  the  latter  are  expressed  in  terms 
of  the  Damkohler  number. 

To  carry  out  this  investigation  a  chemically  reacting  shock 
layer  simulation  is  most  useful,  and  since  the  whole  entry 
parameter  space  needs  to  be  investigated  the  method 
should  be  fast. 

In  this  respect  a  loosely  coupled  suite  consisting  of  an 
inverse  Euler  code  for  the  shock  layer,  followed  by 
streamtube  tracing  and  chemistry  computation  along  the 
streamtube  may  be  employed.  Chemical  source  terms  are 
then  fed  back  to  the  Euler  energy  equation.  The  Euler 
iterations  take  a  few  seconds  and  the  chemistry  a  few 
minutes  for  each  trajectory  point.  Shock  stand-off  may  be 
used  as  the  convergence  criteria. 

Boundary  layer  edge  conditions  are  taken  as  a  post  process 
of  the  Euler  solutions  for  convective  heat  flux  analysis 
using  usually  an  integral  code  with  frozen  or  equilibrium 
chemistry  assumptions.  Radiation  calculations  are  also 
performed  from  the  shock  layer  results  as  a  post  process. 
Both  the  boundary  layer  and  radiation  codes  takes  a  few 
minutes  to  compute  the  solutions  for  the  whole  trajectory. 

The  radiation  source  terms  can  also  be  fed  back  to  the 
Euler  solution,  as  can  boundary  layer  thickness.  However 
for  regime  scoping  studies  an  uncoupled  procedure  is 
usually  sufficient. 

Wall  conditions  can  be  accommodated  in  the  boundary 
layer  solution  in  a  simple  manner,  blowing  is 
accommodated  with  a  correlation  within  the  integral 
boundary  layer  code,  whilst  for  the  frozen  boundary  layer 
solution,  a  'catalytic'  wall  can  be  introduced  by  substituting 
the  wall  enthalpy  for  equilibrium  wall  enthalpy  at  the 
same  temperature. 

Parametric  investigations  using  these  methods  have  been 
carried  out  to  varying  degrees  in  the  early  stages  of  all 
three  missions  discussed.  In  general  the  results  are 
acceptably  accurate  excepting  radiation  in  highly  non¬ 
equilibrium  flow  at  present. 

Such  a  suite  also  allows  rapid  comparison  of  the  sensitivity 
of  differing  thermochemical  mechanisms,  and  allows  rapid 
construction  of  a  viable  set  prior  to  more  complex 
computations.  These  'level  two'  results  can  be  used  to 
calibrate  the  engineering  correlations  in  the  level  one 
analysis.  The  level  two  codes  are  therefore  ; 

•  Fast  inviscid  shock  layer  solution. 

•  Loosely  coupled  chemistry  solution 

•  Boundary  layer  codes. 

•  Uncoupled  or  loosely  coupled  slab  radiative  solution. 

•  Charring  material  ablation  code 


Once  the  thermochemical  data  has  been  assembled  and 
tested  with  the  level  two  codes,  and  the  results  validated 
as  far  as  practicable  a  more  sophisticated  analysis  again 
must  be  carried  out  to  verify  the  simpler  results  in  areas 
beyond  the  validation,  (here  verification  is  defined  as 
being  correct  numerical  implementation  of  the  physics  and 
chemistry,  whUe  validation  is  the  comparison  of  the 
models  with  the  real  world).  For  continuum  regimes  this 
verification  is  by  a  full  or  thin  layer  thermo-chemical  non¬ 
equilibrium  Navier  Stokes  solution.  Due  to  the  lack  of 
other  suitable  methodologies  the  Navier  Stokes  codes  are 
used  well  into  the  transitional  regime,  and  account  can  be 
taken  of  slip  effects.  Direct  Simulation  Monte-Carlo 
should  be  used  to  confirm  bridging  functions  between 
continuum  and  free-molecular. 

The  level  three  codes  are  : 

•  Thermo-chemical  non-equilibrium  Navier  Stokes. 

•  Direct  Simulation  Monte  Carlo  with  suitable 
chemistry  and  radiation  models. 

•  Full  2D  Non-equilibrium  radiation  code^ 

Full  thermo-chemical  non-equilibrium  Navier  Stokes  code 
solutions  for  Rosetta,  Marsnet  and  Huygens  have  been 
computed  and  presented  in  the  literature.  The  level  three 
codes  are  used  sparingly  in  the  early  stages  due  to  the  costs 
involved,  but  must  be  used  in  development  phases  to 
confirm  design  viability,  whilst  experiments  provide 
validation  data  for  these  codes.  These  codes  are  often  the 
only  way  to  investigate  the  entry  phenomena  where  no 
flight  data  is  available,  and  ground  tests  are  impractical. 

4.4.1  Conclusions  From  The  Methods  Discussion. 


•  A  three  level  set  of  codes  is  time  and  cost  efficient  for 
vehicle  design  studies. 

•  Level  one  codes  are  readily  available  but  require 
careful  calibration. 

•  Level  two  codes  have  been  widely  developed  in  the 
past,  and  are  stiU  very  useful. 

•  Level  three  codes  can  simulate  many  situations,  but 
the  required  level  of  expertise  and  time  required  for 
use  must  not  be  underestimated. 

4.5  AEROTHERMAL  DATABASE 

From  the  level  2  parametric  studies,  the  extent  of  the 
required  aerothermal  database  is  determined.  This  data 
must  be  adequate  for  the  entry  being  considered  and  often 
the  data  require  some  extension  to  higher  temperatures, 
and  in  some  cases  the  data  are  sparse  or  non-existent. 

The  development  of  high  enthalpy  facilities  is  essential  for 
the  understanding  of,  and  database  generation  for 
aerothermodynamic  problems  for  planetary  entry. 
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The  trend  towards  increasing  cfd  analysis  to  support 
design  is  only  sustainable  if  the  databases  are  made 
available,  which  means  development  of  the  necessary 
facilities  and  databases  prior  to  critical  design  decisions. 
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SUMMARY 

The  impact  of  rarefaction  on  entry  capsules  and  spacecraft 
aerothermodynamics  is  emphasized  for  various  aeroassist 
missions.  The  capability  of  the  direct  simulation  Monte 
Carlo  (DSMC)  method  to  simulate  such  flows  is 
demonstrated  through  examples  of  validation  studies  and 
applications.  Several  space  flight  projects  and  ground- 
based  experiments  are  reviewed  for  which  rarefaction 
effects  have  significant  effect  on  spacecraft  performance  or 
experimental  measurements.  This  review  clearly 
demonstrates  the  significant  role  that  the  DSMC  method 
plays  in  characterizing  such  flows. 

SYMBOLS 

a  speed  of  sound 

Ajef  reference  area 

Cd  drag  coefficient,  2Fx/pocV^Ajef 
Ch  heat  transfer  coefficient,  2q/p„viA,.ef 
Cj  mass  fraction  of  species  i,  pj  /p 
Cl  lift  coefficient,  2Fy/pooV^Aj(,f 
Cp  pressure  coefficient,  2p/p,oV^ 
d  diameter 

D  drag  force 

F  force 

k  Boltzmann  constant 

Ki  Knudsen  number,  'klh 

L  lift  force  or  reference  length 

m  molecular  mass 

M  Mach  number 

n  number  density,  m"^ 

h  fractional  density  rise  across  shock 

n^.  electron  number  density,  m"^ 
p  pressure 

q  surface  heat  flux 


Re  Reynolds  number 

Rn  stagnation  radius  of  curvature 

s  coordinate  along  body  surface 

T  temperature 

Tqv  overall  kinetic  temperature 

Voo  freestream  velocity 

u  velocity  component  tangent  to  body  surface 

V  velocity  component  normal  to  body  surface 

JQ  mole  fraction  of  species  i 

X  coordinate  measured  along  body  centerline  or 
coordinate  for  3-D  AFE  configuration 

y  coordinate  measured  normal  to  body  centerline  or 

coordinate  for  3-D  AFE  configuration 

a  incidence  angle 

Y  specific  heat  ratio 

7  j  recombination  probabilities  for  species  i 

r)  coordinate  normal  to  body  surface 

p  density 

X  shear  stress 

Subscripts 
A  axial 

1  ith  species 

N  normal 

w  wall  value 

00  freestream  value 

1.  INTRODUCTION 

Hypersonic  flows  where  rarefaction  effects  are  important 
occur  over  a  wide  spectrum  of  conditions  ranging  from  low 
density  (high  altitudes)  situations  to  relatively  high  density 
flows  where  the  characteristic  dimension  is  small. 
Examples  are  the  overall  aerothermodynamics  of  space 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  “Capsule  Aerothermodynamics”,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 


5-2 


vehicles  at  high  altitude  (re-entry  flows,  satellite 
contamination,  and  plume  interactions),  the  heating  along 
the  leading  edges  and  wake  flows  at  lower  altitudes,  and 
very  localized  aerothermal  loads  occurring  at  even  lower 
altitudes  such  as  that  resulting  from  a  shock  on  cowl  lip 
interaction.  The  aerothermodynamics  of  entry  capsules 
encompasses  the  complete  flow  spectrum  in  terms  of 
rarefaction;  that  is,  from  free  molecular  to  continuum  flows. 
During  the  higher  altitude  portion  of  entry  where  the  flow  is 
free  molecular,  only  the  nature  of  the  gas-surface 
interactions  influence  the  capsule  aerothermodynamics. 

For  the  transitional  flow  regime,  bounded  by  free  molecular 
and  continuum  regimes,  both  gas-surface  and 
intermolecular  collisions  are  important  in  establishing 
capsule  aerothermodynamics. 

For  the  transitional  flow  regime,  the  molecular  mean-free 
path  in  the  gas  is  significant  when  compared  with  either  a 
characteristic  distance  over  which  important  flow-property 
changes  take  place  or  when  compared  with  the  size  of  the 
object  creating  the  flow  disturbance.  Since  the  flow  is 
hypersonic,  the  flow  disturbance  that  envelopes  a  capsule 
will  be  nonequilibrium;  that  is,  one  in  which 
nonequilibrium  exists  among  the  various  energy  modes 
(translational  and  internal),  the  chemistry,  and  radiation  for 
the  more  energetic  flows.  For  such  flows,  the  shock-wave 
thickness  can  range  from  a  significant  portion  of  the  shock 
standoff  distance  to  no  evidence  of  a  shock  wave. 
Furthermore,  the  flowfield  disturbance  created  by  the 
vehicle  is  very  much  larger  than  that  experienced  under 
continuum  flow  conditions.  At  the  surface  of  the  vehicle, 
the  gas-surface  interactions  are  very  important  as  they 
significantly  influence  the  aerodynamic  forces  and  heating 
that  the  vehicle  experiences.  Evidence  of  this  is  the  rather 
spectacular  change  in  aerodynamic  and  heating 
coefficients  that  occur  in  the  transitional  regime. 

Furthermore,  expansion  of  the  forebody  flow  into  the  wake 
extends  to  lower  altitudes  the  conditions  for  which 
rarefaction  effects  are  important  in  establishing  the  near 
wake  closure  and  the  level  of  heating  experienced  on 
capsule  afterbody  or  payload.  This  is  particularly  true  of 
aeroassisted  space  transfer  vehicles  (ASTV's)  where 
determination  of  wake  closure  is  a  critical  issue  for 
aerobrakes  because  the  low  lift-to-drag  ratio  aeroshell 
designs  impose  constraints  on  payload  configuration/ 
spacecraft  design.  The  issue  is  that  the  payload  should  fit 
into  the  wake  in  such  a  manner  as  to  avoid  the  shear  layer 
impingement  to  minimize  heating. 

Transitional  flows  present  unique  difficulties  for  numerical 
simulations  since  the  model  equations  used  to  describe 
continuum  flows  (Navier-Stokes)  become  deficient  as  the 
flow  becomes  more  rarefied.  A  condition  for  the  validity  of 
the  continuum  approach  is  that  the  Knudsen  number  (ratio 
of  the  mean  free  path  to  a  characteristic  dimension)  be 
small  compared  with  unity.  For  low  density  flows,  the 
particulate  or  molecular  structure  of  the  gas  must  be 
recognized.  The  mathematical  model  of  such  flows  is  the 
Boltzmann  equation  which  presents  overwhelming 
difficulties  to  computational  methods  for  realistic  flows. 
Consequently,  the  mathematical  models  that  are  readily 
applicable  to  both  continuum  and  free  molecular 


(collisionless)  flows  experience  serious  limitations  when 
applied  to  transitional  flows.  Fortunately,  direct  simulation 
methods  have  evolved  over  the  past  35  years  that  readily 
lend  themselves  to  the  description  of  rarefied  flows.  These 
developments  have  generally  been  concerned  with  the 
direct  simulation  Monte  Carlo  (DSMC)  method.  The 
DSMC  method  of  Bird^"^  along  with  many  variants  is  the 
most  used  method  today  for  simulating  rarefied  flows  in  an 
engineering  context.  The  DSMC  method  takes  advantage 
of  the  discrete  structure  of  the  gas  and  provides  a  direct 
physical  simulation  as  opposed  to  a  numerical  solution  of  a 
set  of  model  equations.  This  is  accomplished  by 
developing  phenomenological  models  of  the  relevant 
physical  events.  Phenomenological  models  have  been 
developed  and  implemented  in  the  DSMC  procedure  to 
account  for  translational,  thermal,  chemical,  and  radiative 
nonequilibrium  effects.  The  present  discussion  will  review 
the  general  features  of  the  DSMC  method,  the  numerical 
requirements  for  obtaining  meaningful  results,  and 
applications  of  the  method  to  calculate  the  flow  about 
various  configurations  with  emphasis  on  blunt  body  flows. 

An  extensive  amount  of  literature  is  currently  available 
that  provides  results  of  comparison  of  DSMC  solutions  with 
experimental  data.  Results  of  these  comparisons  have  in 
general  been  very  favorable.  Four  examples  of  validation 
studies  are  reviewed  herein  that  include  one  dimensional 
shock  wave  structure  and  flow  about  both  blunt  and  slender 
configurations. 

Some  of  the  earlier  DSMC  solutions  for  blunt  bodies  at 
entry  conditions  are  reviewed  to  emphasize  the  effects  of 
rarefaction  on  both  flowfield  and  surface  quantities.  The 
applications  reviewed  are  the  axisymmetric  approximation 
for  the  Shuttle  Orbiter  nose  region,  blunted  slender  bodies, 
and  the  aeroassist  flight  experiment  (AFE)  vehicle  where 
both  reacting  and  rarefied  flow  effects  are  present. 

Attention  is  then  directed  to  a  combined  experimental  and 
computational  study  under  the  aegis  of  AGARD  Fluid 
Dynamic  Panel  Working  Group  18.  This  Working  Group  is 
addressing  two  problems  that  include  rarefaction  effects: 
corner  flow/jet  interactions  and  blunt-body/wake  flows. 

The  corner  flow/jet  interaction  problem  focuses  on  the 
issues  of  reaction  control  system  flow  interactions  that 
occur  at  high  altitude.  It  is  important  to  develop  prediction 
methods  that  can  augment  wind-tunnel  measurements  and 
to  validate  these  prediction  methods  against  selected 
experiments.  The  emphasis  of  the  blunt  body/wake  studies 
is  the  significance  of  rarefaction  and  real  gas  effects  on  the 
near  wake  as  it  influences  the  afterbody  heating  and 
pressure  distributions.  Experiments  are  being  conducted  in 
both  low  density  wind  tunnels  and  impulse  tunnels. 
Computations  are  being  made  with  DSMC  and  Navier 
Stokes  methods  for  selected  experimental  cases  and 
generic  flight  conditions. 

The  final  area  reviewed  is  that  of  recent  and  ongoing  flight 
experiments  or  projects  for  which  rarefied  flows  are  critical 
to  spacecraft  performance  and  experimental  measurements. 
A  very  successful  application  of  multipass  aerobraking  was 
demonstrated  in  1993  by  lowering  and  circularizing 
Magellan's  orbit  in  Venus'  upper  atmosphere.  During 


5-3 


February  of  1994,  the  Japanese  Orbital  Reentry  Experiment 
(OREX)  was  successfully  executed  and  results  are 
becoming  available.  Near  term  projects  include  the 
Skipper  mission  to  obtain  bow  shock  radiation  emission 
measurements  while  traversing  the  transitional  to  low 
Reynolds  number  continuum  regimes  in  the  Earth's 
atmosphere.  Also,  the  Galileo  probe  will  enter  Jupiter's 
atmosphere  this  December  and  the  results  of  DSMC 
calculations  supporting  the  aerothermodynamic  definition 
of  the  probe  during  its  initial  atmospheric  encounter  are 
presented. 

2.  AEROASSIST  MISSIONS  FOR  CAPSULES  AND 
SPACECRAFTS 

Almost  any  mission  that  involves  changes  in  orbital 
altitude  and/or  inclination  in  the  vicinity  of  an 
atmospheric-bearing  planet  is  a  candidate  for  aeroassist.  In 
Walberg's^®  survey  of  aeroassisted  space  missions  in  1985, 
he  categorized  the  possible  mission  applications  as  1) 
synergetic  plane  change,  2)  planetary  mission  applications, 
and  3)  orbital  transfer  vehicle  applications.  Figures  1 
through  3  illustrate  several  possible  planetary  missions  and 
orbital  transfer  vehicle  (OTV)  maneuvers  between  High 
Earth  Orbit  (HEO)  and  Low  Earth  Orbit  (LEO). 

Of  the  many  aeroassist  options,  most  have  relevance  to 
either  capsule  or  spacecraft  aerothermodynamics.  These 
include  the  orbital  transfer  vehicle  (OTV)  maneuvers 
between  High  Earth  Orbit  (HEO)  and  Low  Earth  Orbit 
(LEO)  (Fig.  1)  as  well  as  lunar  return  missions,  multipass 
aerobraking  (Fig.  2),  planetary  aerocapture  (Fig.  3),  and 
direct  atmospheric  entry  (aerobraked)  missions  (not 
shown).  Studies  in  the  early  80's  showed  Aeroassisted 
Orbital  Transfer  Vehicles  (AOTV's)  to  have  a  much 
enhanced  payload  delivery  capability  compared  to  all- 
propulsive  OTV's.  Also,  these  vehicles  would  encounter 
significant  rarefied  effects, extending  potentially  to  perigee 
conditions.  The  central  issues  are  nonequilibrium  heating 
and  the  nature  of  the  wake  closure. 

Multipass  aerobraking  is  normally  carried  out  at  such  high 
altitudes  that  highly  rarefied  flow  conditions  are 
encountered.  An  example^  ^  of  a  recent  application  of  such 
an  aeroassist  maneuver  was  the  use  of  multipass 
aerobraking  (730  orbits)  to  achieve  a  lowering  and 
circulization  of  the  Magellan  spacecraft  in  Venus'  upper 
atmosphere.  Also,  the  plan  for  the  Mars  Global  Surveyor 
spacecraft  is  to  launch  in  late  1996,  insert  into  an  elliptical 
capture  orbit  at  Mars,  and  then  use  multipass  aerobraking 
to  achieve  a  nearly  circular,  polar  mapping  orbit  with  a  two 
hour  period. 

Planetary  aerocapture^^  is  an  aeroassist  mission  where  the 
velocity  decrement  is  achieved  in  a  single  deep 
atmospheric  pass  to  transfer  the  vehicle  from  its  hyperbolic 
approach  trajectory  to  a  target  orbit  about  the  planet.  For 
single  pass  aerocapture,  the  atmospheric  penetration  is 
normally  deep  in  order  to  deplete  the  excess  velocity. 
Consequently,  the  critical  loads  occur  in  the  continuum 
flow  regime. 


The  most  frequently  used  aeroassist  maneuver  is  where  the 
capsule  or  probe  is  aerobraked  by  direct  atmospheric  entry. 
Examples  of  aerobraked  missions  are  the  Apollo  entry 
capsule,  the  Galileo  Probe  scheduled  for  entry  into  Jupiter's 
atmosphere  this  December,  and  the  Mars  Pathfinder 
mission  scheduled  for  launch  in  1996.  Again,  as  for  single 
pass  aerocapture,  the  primary  aerodynamic  loads  and 
heating  occurs  under  continuum  conditions.  Consequently, 
rarefaction  effects  are  of  paramount  importance  when  the 
aeroassist  maneuver  is  designed  to  produce  the  desired 
drag  decrement  at  high  altitudes  to  avoid  excessive 
aerodynamic  heating.  For  aeroassist  missions  where  the 
deceleration  occurs  much  deeper  into  the  atmosphere, 
rarefaction  plays  a  secondary  role  on  capsule  performance, 
but  would  be  critical  in  defining  and  interpreting 
expreiments  conducted  during  the  transitional  portion  of 
entry. 

3.  RAREFACTION 

The  degree  of  rarefaction  is  generally  expressed  through 
the  Knudsen  number,  Kn,  which  is  the  ratio  of  the  mean 
free  path  X  to  a  characteristic  dimension  L,  i.e. 

Kn  =  VL-  Eq.  (1) 

Two  very  different  approaches  may  be  used  to  define  X 
and  L:  an  overall  Kn  where  k  might  be  the  freestream 
mean  free  path  and  L  an  overall  body  dimension  (nose 
radius  or  body  diameter  for  blunt  bodies),  or  a  local  Kn 
where  the  value  of  X  is  the  local  mean  free  path  and  L  is 
the  scale  length  of  a  macroscopic  gradient  such  as 


8 


dx 


where  8  is  a  macroscopic  flow  variable  such  as  density, 
velocity,  or  temperature.  The  value  of  Kn  that  provides  an 
indication  of  the  boundary  between  continuum  and 
transitional  flows  is  approximate  at  best  and  differs 
appreciably  depending  on  which  of  the  two  approaches  is 
used  for  defining  Kn  (overall  or  local). 

An  overall  Kn  is  deficient  in  terms  of  characterizing  the 
complexities  of  the  flow  enveloping  a  body  due  to  factors 
such  as  local  flow  conditions  (large  density  variations  for 
hypersonic  flight),  body  configuration  (axisymmetric  or  2-D 
for  example),  and  surface  conditions.  Since  an  overall  Kn 
is  more  frequently  used  to  present  experimental  and 
computational  results,  a  few  additional  comments  are 
appropriate.  For  purpose  of  discussion,  we  will  consider 
three  flow  regimes:  continuum,  transitional,  and  free 
molecular.  An  inclusive  definition  of  the  transitional 
regime  would  be  0.001<Kn<50. 

A  number  of  variations  on  the  overall  Kn  are  also  used, 
particularly  for  wind  tunnel  conditions  where  the  mean  free 
path  is  evaluated  at  total  temperature  conditions  (see  Ref. 
13).  Also,  the  Kn  can  be  expressed  in  terms  of  Mach  and 
Reynolds  numbers,  since  Moo  =  Voo/a  and 
Rcoo  =  VaoPoc  where  a  is  the  speed  of  sound  and  p,  is 
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the  coefficient  of  viscosity.  The  equilibrium  mean  free 
path  for  a  simple  hard  sphere  gas  is  given^  as 


>.= 


^|27^d^n 


Eq.  (3) 


16/  m 

sUjtkT/  p 


Eq.  (4) 


Since  the  most  probable  molecular  thermal  speed  is 
given  as 


C  = 


2kT 


and  related  to  the  speed  of  sound  as 

C'  -a  ^ 
'-m  -3 

then  Eq.  (4)  can  be  written  as 

i^r 

5  V  2n;  pa 


with  the  Kn  given  as 


Kn=1.276.,y7 


M, 


Re„ 


Eq.  (5) 


Eq.  (6) 


Eq.  (7) 


Eq.  (8) 


If  one  uses  the  boundary  layer  thickness,  6,  as  a 
characteristic  length,  then  Kn  ~  since 

8/L  ~  .  This  relation  has  been  used  extensively 

in  the  classical  literature^^,  even  though  there  are 
conceptual  and  practical  limitations  as  discussed  in 
Ref.  15.  For  )0.1  ,  wall  slip  effects  become 

important  (Ref.  16). 


In  terms  of  the  local  Kn  as  defined  in  Eq.  (2),  Bird^  makes 
the  case  that  the  number  should  be  less  than  0.1  for  the 
Navier-Stokes  equations  to  be  valid.  Figure  4  (Ref.  9) 
presents  the  Kn  limits  for  the  mathematical  models  at  both 
the  microscopic  and  macroscopic  levels.  The  limitation  of 
the  macroscopic  or  continuum  description  as  expressed  by 
the  Navier  Stokes  equations  arises  from  the  fact  that  the 
conservation  equations  do  not  form  a  determinate  set 
unless  the  shear  stress  and  heat  flux  can  be  expressed  in 
terms  of  lower  order  macroscopic  quantities.  Expressions 
for  the  transport  terms  in  the  Navier-Stokes  equations  fail 
when  gradients  of  the  macroscopic  variables  become  so 
steep  that  their  length  scale  is  of  the  same  order  as  the 
average  distance  traveled  by  molecules  between  collisions, 
or  mean  free  paths.  The  Chapman-Enskog  theory  which 
provides  expressions  for  the  coefficients  of  viscosity,  heat 
conduction,  and  diffusion  also  provides  the  limits  of 
validity  of  the  expressions  since  it  assumes  that  the 
velocity  distribution  function  f  is  a  small  perturbation  of  the 
equilibrium  or  Maxwellian  function  fg.  As  discussed  in 
Ref.  9,  for  the  special  case  of  a  flow  in  the  x-direction  with 
gradients  only  in  the  y-direction,  the  Chapman-Enskog 
distribution  can  be  written 


f  =  fo 


dT  du 

- - a2-— 

T  dy  u  dy 


Eq.  (9) 


where  the  specific  expressions  for  Qj  and  a2  are  given  in 
Ref.  9  (page  3).  The  local  Knudsen  numbers  appear 
explicitly  in  the  terms  attributable  to  the  shear  stress  and 
heat  flux,  respectively.  Since  the  Chapman-Enskog  results 
is  the  first  term  expansion  about  the  local  Knudsen 
numbers,  the  theory  is  valid  only  when  they  are  small  in 
comparison  with  unity. 


Results  shown  in  Fig.  5  demonstrate  the  importance  of  the 
transport  properties  in  the  shock  wave  and  the  conditions 
adjacent  to  the  surface  along  the  stagnation  streamline  for 
the  Shuttle  Orbiter  at  93  km.  The  overall  Kn  based  on  an 
effective  nose  radius  of  1.296  m  is  0.028.  Figure  5 
compares  the  density  profile  calculated  with  the  viscous 
shock  layer  (VSL)  method^^  with  that  calculated  by  the 
DSMC  method.  Evident  is  the  inadequacy  of  the 
continuum  assumption  to  describe  the  overall  flowfield  for 
this  case. 


The  shock  thickness  is  greater  than  the  stand-off  distance 
and  the  shock  wave  structure  merges  with  that  of  the 
thermal  boundary  layer.  At  the  same  time,  the  surface 
pressure  and  heat  transfer  rates  given  by  the  continuum 
method  are  in  good  agreement  with  those  from  the  DSMC 
method. 


Also  shown  in  Fig.  5  is  the  variation  of  the  local  Kn  based 
on  density  scale  length.  As  discussed  in  Ref.  3,  the 
behavior  of  the  local  Kn  parameter  within  the  shock  is  no 
surprise  because  it  is  well  known  that  continuum  methods 
cannot  be  applied  to  the  structure  of  strong  shock  waves. 
The  local  Kn  near  the  surface  is  rather  large,  being  an 
order  of  magnitude  larger  than  the  overall  Kn  and  larger 
than  the  limiting  value  for  the  validity  of  the  continuum 
transport  equations.  The  surface  temperature  is 
approximately  1043  K  while  the  gas  temperature  adjacent 
to  the  surface  is  approximately  1400  K,  The  fractional 
temperature  jump  is  of  the  same  order  as  the  local  Kn. 


This  example  indicates  that  continuum  theories  can  give 
useful  results  for  hypersonic  flow  about  the  forebody  of 
blunt  bodies  with  cold  surfaces  when  the  overall  Kn  is 
about  0.05  or  less  (Ref.  3). 


3.1  Requirement  for  a  Discrete  Particle  Model 

As  previously  discussed,  the  continuum  model  as 
represented  by  the  Navier-Stokes  equations  becomes 
deficient  when  the  local  Kn  exceeds  0.1.  For  this  level  of 
rarefaction  and  higher,  a  particulate  model  which 
recognizes  the  gas  as  a  collection  of  discrete  particles  is 
required. 


The  classical  formulation  for  a  gas  as  a  set  of  individual 
particles  is  the  Boltzmann  equation.^  The  left-hand  side  of 
this  equation  can  be  regarded  as  a  conservation  equation 
for  the  velocity  distribution  function  f,  with  convective  and 
nonstationary  terms.  The  velocity  distribution  function 
essentially  describes  the  way  in  which  the  particles  are 
arranged  in  velocity  space.  The  right-hand  side  of  the 
Boltzmann  equation  is  called  the  collision  term  and 
describes  the  manner  in  which  molecules  can  jump  from 
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one  point  to  another  in  velocity  space  as  a  result  of 
collisions.  Conventional  finite  element  and  finite 
difference  methods  can  be  applied  to  the  left-hand  side  of 
the  Boltzmann  equation,  but  while  the  number  of 
dependent  variables  is  reduced  to  one  (the  velocity 
distribution  function),  the  number  of  independent  variables 
increases  from  those  of  physical  space  to  those  of  phase 
space.  This  leads  to  almost  overwhelming  difficulties.  For 
example,  a  steady,  one-dimensional  flow  involves  an 
axially-symmetric  distribution  function  in  velocity  space  so 
that  the  solution  of  the  Boltzmann  equation  is  a  three- 
dimensional  problem.  Almost  all  of  the  space-related 
applications  involve  flows  with  at  least  two  spatial 
dimensions  and  a  three-dimensional  distribution  function  in 
velocity  space.  This  leads  to  a  five-dimensional  grid,  and 
direct  numerical  solutions  can  hardly  be  contemplated. 
Unsteady  boundary  conditions  with  internal  degrees  of 
freedom  all  add  to  the  severity  of  the  problem.  The 
addition  of  chemical  reactions  would  mean  that  the 
Boltzmann  equation  would  be  difficult  to  formulate,  let 
alone  solve!  The  alternative  to  a  formal  numerical  solution 
is  to  take  advantage  of  the  discrete  structure  of  the  gas  and 
conduct  a  direct  physical  simulation  of  the  flow  in  the 
computer.  As  a  consequence  of  the  need  for  an  alternative 
approach,  Monte  Carlo  procedures  (any  method  that 
employs  random  numbers)  have  been  developed.  Of  the 
various  techniques  for  the  Monte  Carlo  simulation  of  gas 
flows,  the  direct  simulation  Monte  Carlo  (DSMC)  method 
is  the  one  that  is  most  readily  applied  to  complex 
problems.  The  DSMC  method  has  evolved  over  the  past  35 
years,  during  which  time  the  applications  of  the  method 
have  advanced  from  idealized  or  generally  artificial  test 
cases  to  problems  of  specific  engineering  applications. 

The  application  of  the  DSMC  simulation  method  has  been 
aimed  primarily  at  the  transition  regime  that  is 
characterized  by  Knudsen  numbers  that  are  above  the 
upper  limit  for  the  validity  of  the  Navier-Stokes  equations 
but  below  the  level  at  which  the  flow  falls  into  the 
collisionless  flow  or  free-molecule  regime  (see  Fig.  4). 

The  current  paper  focuses  on  the  transitional  regime,  with 
special  emphasis  on  calculations  at  or  near  conditions  for 
which  continuum  solutions  remain  valid. 

4.  DSMC  METHOD 

The  DSMC  method^'^,  is  a  technique  for  the  computer 
modeling  of  a  real  gas  by  thousands  to  millions  of 
simulated  molecules.  The  velocity  components  and 
position  coordinates  of  these  molecules  are  concurrently 
followed  through  representative  collisions  and  boundary 
interactions  in  simulated  physical  space. 

The  principal  computational  tasks  associated  with  the 
DSMC  method  are  movement  of  the  molecules,  indexing 
molecules  into  cells,  molecular  collisions,  and  sampling  of 
flowfield  and  surface  quantities.  The  molecules  used  in  the 
analyses  are  simulated  molecules,  each  of  which 
represents  a  very  large  number  (on  the  order  of  10^®  to 
10^^)  of  physical  molecules.  Thus,  scaling  the  density  by 
a  very  large  factor  has  the  effect  of  substantially  reducing 
the  number  of  molecular  trajectories  and  molecular 


collisions  that  must  be  calculated.  Remember,  however, 
that  the  physical  velocities,  molecular  size  (diameter  of 
cross  section),  and  internal  energies  are  preserved  in  the 
simulation. 

Another  major  aspect  of  the  DSMC  method  is  the 
uncoupling  of  the  molecular  motion  and  molecular 
collisions.  The  validity  of  this  dichotomy  is  assured  by 
requiring  that  the  computational  time  step  be  small  when 
compared  with  the  real  physical  collision  time 

[At<(naCfj  ].  In  addition  to  the  time  discretization,  a 

cell  structure  is  required  for  two  purposes:  first,  the 
selection  of  potential  collision  pairs  and  second,  the 
sampling  of  flow  properties.  The  simulation  becomes  more 
exact  as  the  cell  size  and  time  step  tend  to  approach  zero. 

The  cell  dimensions  must  be  small  in  comparison  with  the 
scale  length  of  the  macroscopic  flow  gradients.  The 
simulated  molecules  in  the  cell  are  then  regarded  as 
representative  of  the  real  molecules  at  the  location  of  the 
cell,  and  the  relative  location  of  the  molecules  within  the 
cell  is  disregarded  in  the  selection  of  collision  partners.  As 
shown  previously,^^  the  cell  size  must  be  small  in 
comparison  with  the  local  mean  free  path  in  regions  of 
large  gradients.  For  problems  with  large  density  variations, 
the  use  of  variable  cell  sizes  assists  in  resolving  the  flow 
gradients  and  also  minimizing  the  computational 
requirements  provided  that  the  flow  is  steady.  Since  the 
flow  is  always  calculated  as  an  unsteady  flow  starting  from 
some  initial  specified  state  (usually  a  uniform  freestream 
or  vacuum),  any  steady  flow  becomes  the  large  time  state 
of  the  unsteady  flow.  For  boundary  conditions  where  the 
flow  is  steady,  the  overall  computational  effort  can  be 
substantially  reduced  by  subdividing  the  flowfield  into  an 
arbitrary  number  of  units  (regions)  where  the  time  step  At 
and  the  scaling  factor  Ffv[  (the  number  of  physical 
molecules  represented  by  each  simulated  molecule) 
remain  constant  within  a  region,  but  can  vary  from  region 
to  region.  Of  course,  such  simulations  are  not  time 
consistent  solutions,  but  they  provide  steady  state  solutions 
with  a  substantial  reduction  in  computational  requirements. 
The  combination  of  subdividing  the  flowfield  into  regions 
along  with  the  use  of  variable  cell  sizes  provides  the 
flexibility  to  substantially  reduce  the  total  number  of 
molecules  used  in  the  simulation  and  also  resolve  the  flow 
gradients.  Recall  that  in  the  DSMC  method  of  Bird,  the 
procedures  are  specified  such  that  the  computational  time 
is  linearly  dependent  on  the  number  of  molecules. 

There  is  some  lower  limit  on  the  number  of  simulated 
molecules  per  cell  because  the  cell-sampled  density  is 
used  in  the  procedures  for  establishing  the  collision  rate. 
The  number  of  molecules  per  cell  should  be  as  large  as  the 
order  of  ten.  The  other  function  of  the  cell  besides 
sampling  is  the  selection  of  collision  pairs.  During  this 
process,  the  mean  separation  distance  of  the  collision  pairs 
(pairs  are  selected  without  regard  to  position  within  the 
cell)  should  be  reduced  to  minimize  the  smearing  of 
gradients.  This  requirement  is  normally  addressed  by 
subdividing  the  sampling  cell  into  an  arbitrary  number  of 
sub-cells  for  the  selection  of  collision  pairs.  The  sub-cells 
are  chosen  to  contain  on  average  two  or  three  molecules, 
so  that  all  collisions  approach  the  "nearest-neighbor"  ideal. 
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Should  there  be  only  one  molecule  in  a  sub-cell,  the 
potential  collision  partner  is  selected  from  an  adjacent  sub¬ 
cell  within  the  cell.  With  this  procedure,  the  molecular 
sampling  is  still  done  on  a  cell  basis,  while  the  collision 
pairs  are  selected  within  the  sub-cells. 

The  basis  for  much  of  the  comments  on  the  DSMC  method 
has  centered  on  the  way  in  which  a  representative  set  of 
collisions  are  selected  for  each  cell  at  each  discrete  flow 
time  step  At  so  that  the  appropriate  collision  frequency  is 
maintained.  Prior  to  1988,  the  collision  sampling 
technique  that  had  been  recommended  by  Bird^  was  the 
"time-counter"  method  where  advantage  is  taken  of  the  fact 
that  the  computational  time  is  linearly  proportional  to  the 
number  of  molecules.  The  collision  pairs  are  accepted 
with  probability  proportional  to  the  product  of  the 
magnitude  of  the  relative  velocity  and  the  total 
collision  cross  section  a  .  [This  is  accomplished  by 
normalizing  the  c^o  product  by  the  maximum  value  that 
has  ever  occurred  within  the  particular  cell  and  then  using 
an  acceptance-rejection  procedure  (see  Appendix  C,  Ref. 

9)  to  accept  or  reject  the  collision  pair  that  was  selected  at 
random.]  For  each  collision  pair  selected,  a  "cell  time"  is 
advanced  by 

2/(N(n)oc,)  Eq.(lO) 

for  a  simple  gas  (see  page  121  of  Ref.  1  for  the 
corresponding  expression  for  inverse  power  law  molecules), 
where  N  is  the  number  of  simulated  molecules  in  the  cell, 
and  <n>  is  the  time-averaged  (steady  flow)  or  ensemble- 
averaged  (unsteady  flow)  number  density  in  the  physical 
flow.  Sufficient  collisions  are  calculated  to  keep  the  cell 
collision  time  concurrent  with  the  flow  time. 

In  Ref.  7,  Bird  introduced  a  replacement  for  the  time- 
counter  method  calling  it  the  no-time-counter  (NTC) 
method.  The  NTC  method  is  obtained  by  modifying  the 
"direct"  or  Kac  method.  In  the  direct  method,  all  possible 
pairs  in  each  cell  are  considered,  and  the  probability  of 
collision  within  the  time  step  is  equal  to  the  ratio  of  the 
volume  swept  out  by  the  cross  section  (moving  with  the 
relative  velocity)  to  the  cell  volume  V^.  The  disadvantage 
is  that  the  computation  time  is  very  nearly  proportional  to 
the  square  of  the  number  of  molecules.  The  direct  method 
can  be  modified  by  reducing  the  number  of  sampled  pairs 
by  some  factor  and  increasing  the  collision  probabilities  by 
the  same  factor.  If  the  factor  is  such  that  the  maximum 
collision  probability  of  any  pair  is  unity,  the  number  of 
pairs  to  be  sampled  is 

0.5N  <N>  Fn  (aci-)max  AtA^c  Eq.  (11) 

and  the  collision  probability  for  each  selection  is 

(oC[-)  /  (oci-)fnax  Eq.  (12) 

The  selection  criterion  of  equation  (12)  is  identical  to  that 
used  in  the  time-counter  method.  The  only  change  with 
this  method  is  that  the  number  of  collision  pair  selections 
is  given  deterministically  [Equation  (11)]  rather  than 
probabilistically  through  the  operation  of  the  time  counter. 


4.1  Molecular  Models 

During  the  development  and  extension  of  the  DSMC 
method,  there  has  been  a  remarkable  increase  in  the  gas 
complexity  for  which  numerical  simulations  are  possible. 
The  modeling  has  advanced  from  a  simple  hard  sphere 
model  to  models  that  include  inelastic  effects  such  as 
rotation,  vibration,  chemical  reactions,  electronic 
excitation,  and  radiation.  The  routines  used  to  compute  the 
molecular  interactions  may  be  exercised  millions  of  times 
during  the  course  of  a  simulation,  and  it  is  essential  for 
them  to  be  brief.  In  developing  a  model  and  its  numerical 
algorithm,  a  careful  balance  has  to  be  struck  between  the 
realism  of  the  physical  representation  and  the 
computational  efficiency.  Reference  9  discusses  many  of 
the  current  models  available  for  simulating  molecular 
collisions,  internal  degree  of  freedom  (rotational  and 
vibrational),  chemical  reactions,  electronic  excitation, 
radiation,  and  gas-surface  interactions. 

4.2  Validation  with  Experiments 

When  the  DSMC  calculations  are  performed  carefully 
(particular  attention  is  given  to  the  numerical  requirements 
of  cell  size  and  time  step  and  to  the  interaction  modeling 
of  the  viscosity  coefficient  of  the  real  molecules),  the 
method  appears  to  yield  results  that  agree  very  precisely 
with  experiments.  For  example,  Harvey  and 
associates^^’21  have  made  numerous  comparisons  between 
experiments  and  DSMC  results  primarily  for  hypersonic 
nitrogen  flows  where  internal  translational  energy  exchange 
is  a  feature  of  importance.  Results  of  comparisons  for 
surface  forces,  heat  transfer,  and  flowfield  profiles  (density 
and  rotational  temperature)  have  been  reported  for  flow 
about  sharp  as  well  as  blunt  configurations.  Four  examples 
of  efforts  to  validate  the  DSMC  technique  with 
experimental  results  are  presented  in  this  section  that 
includes  fundamental  data  concerning  shock  wave 
structure,  overall  aerothermodynamic  coefficients  for 
slender  and  blunt  configurations,  and  separated  flows  as 
induced  by  a  compression  surface.  Section  7  will  include 
results  of  current  studies  of  comparisons  of  experimental 
and  computational  results  for  blunt  cone  configurations. 

4.2.1  One-Dimensional  Shock-Wave  Structure 

In  Ref.  22,  Fiscko  and  Chapman  calculated  the  one¬ 
dimensional  shock-wave  structure  for  argon  and  showed 
that  the  calculated  shock  density  thickness  was  in  good 
agreement  with  the  measured  values  of  Alsmeyer.^^  More 
recent  studies^'^"^^  also  investigated  the  shock  wave 
structure  of  argon  (Mach  7)  and  helium  (Mach  1.59,  20, 
and  25)  flows  using  the  DSMC  method.  In  these  studies, 
the  comparisons  between  calculation  and  experiment  are 
done  at  a  very  fundamental  level  in  that  the  comparisons 
are  made  for  the  molecular-velocity  distribution  function  in 
the  shock  wave.  The  measurements  (Fig.  6)  of  the 
molecular  velocities  inside  a  hypersonic  normal  shock 
wave,  where  the  gas  experiences  rapid  changes  in 
macroscopic  properties,  show  a  highly  nonequilibrium 
molecular  motion  (translational  nonequilibrium)  and  a 
bimodal  velocity  distribution  in  the  direction  parallel  to  the 
flow.  For  the  experimental  conditions,  the  DSMC  method 
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of  Bird  provided  accurate  quantitative  prediction  of  the 
molecular  motion.  These  calculations  and  comparisons 
with  measurements  represent  an  important,  detailed  test  of 
the  DSMC  method  for  elastic  interatomic  collisions. 


Figure  6  presents  a  comparison  of  the  calculated  and 
experimental  velocity  distributions  at  one  location  (n 
denotes  the  fraction  of  the  density  rise  across  the  shock 
wave)  within  the  normal  shock  wave.  (See  Ref.  25  for 
additional  data.)  Shown  are  the  velocity  distributions  both 
parallel  and  normal  to  the  flow  for  Mach  25  helium.  Since 
the  flow  was  produced  in  a  free-jet  expansion,  the 
freestream  was  not  in  equilibrium  (temperature 
perpendicular  to  the  flow  was  about  1.1  K  while  that 
parallel  to  the  flow  was  2.2  K),  and  this  fact  was  accounted 
for  in  the  simulation.  The  calculated  results  shown  in  Fig. 

6  used  the  Maitland-Smith  intermolecular  potential  with  a 
distance  parameter  of  2.976  A  and  a  well  depth  of  10.9  K. 
Similar  results  using  the  variable  hard  sphere  (VHS)  model 
for  Mach  20  helium  are  presented  in  Ref.  24. 


4.2.2  Hypersonic  Flow  About  a  Delta  Wing 

In  the  study  of  Ref.  27,  a  general  three-dimensional  (3-D) 
DSMC  code  using  a  body  fitted  grid  is  used  to  simulate 
rarefied  flows  about  a  delta  wing  (Fig.  7).  As  shown  in  this 
figure,  the  top  of  the  wing  is  flat,  the  bottom  is  v-shaped, 
and  the  edges  are  rounded  with  a  constant  radius,  R  = 
0.0632  mm.  The  shape  of  the  nose  from  the  side  view  is 
elliptical  although  it  appears  sharp  from  the  top  view.  The 
origin  of  the  coordinate  system  is  located  at  the  tip  of  the 
nose,  and  the  x  axis  is  parallel  to  the  top  surface  and  is 
normal  to  the  base  plane.  The  angle  of  incidence  is 
measured  with  respect  to  the  top  surface  of  the  model. 


nominal  altitudes  ranging  from  170  to  100  km.  The 
computational  grid  is  both  Cartesian  and  unstructured  in 
that  the  unstructured  cells  consist  of  one  or  more  cubic 
elements  defined  on  a  uniform  background  Cartesian  mesh. 
The  VHS  intermolecular  collision  model  is  used  while 
accounting  for  internal  energy  transfer  and  chemistry 
among  colliding  molecules.  The  gas-surface  interactions 
are  modeled  as  diffuse  with  complete  thermal 
accommodation. 


Micro-g  accelerometers  have  been  used^*^'^^  to  measure 
the  axial  and  normal  forces  during  entry  in  the  altitude 
range  of  160  to  60  km.  The  ratio  of  these  two  forces  is  of 
special  interest  in  that  it  is  independent  of  dynamic 
pressure.  When  the  computed  and  flight  results  are 
compared  (Fig.  11,  Ref.  29)  good  agreement  is  observed 
over  the  entire  range  of  the  calculations.  Figure  10 
presents  the  data  of  Ref.  29  in  terms  of  the  lift-to-drag  ratio 
as  a  function  of  altitude.  The  L/D  ratio  can  be  derived 
from  the  normal  and  axial  forces  since  the  incidence  angle 
a  is  known: 


L/D  = 


Fn /Fa  -  tan  a 

1  +  Fn/Fa 


Eq.  (13) 


The  band  of  flight  data  shown  in  Fig.  10  corresponds  to  a 
series  of  shuttle  flights  occurring  under  varying  atmospheric 
conditions.  Agreement  between  computed  and  flight  data 
are  good.  The  modified  Newtonian  limit,  corresponding  to 
a  hypersonic  inviscid  flow,  is  shown  to  be  L/D  =  1.10, 
which  is  very  close  to  the  value  of  L/D  =  1.06  computed^^ 
using  a  Navier-Stokes  code.  Also  shown  in  Fig.  10  are  the 
results  obtained  with  the  DSMC  code  run  in  a  collisionless 
mode. 


The  flow  simulated  is  for  a  wind-tunnel  experiment^^  using 
nitrogen  in  which  the  flowfield  freestream  conditions  are 
Too  =  17.4  K,  Voo  =  756  m/s.  Moo  =  8.89,  and  varied 
from  0.172  x  10"^  to  38.033  x  10‘^  kg/m^.  According  to 
the  VHS  collision  model  (with  Tj-gf  =  300  K,  dj-gf  =  4.07  x 
10'^  m,  and  the  temperature  exponent  of  the  viscosity 
coefficient  of  0.75),  the  calculated  overall  freestream 
Knudsen  number  ranged  from  3.5  to  0.016.  The  body 
surface  is  specified  to  be  at  a  uniform  temperature  of 
293  K.  Full  thermal  accommodation  and  diffuse  reflection 
are  assumed  for  the  gas-surface  interaction. 

The  flow  is  quite  rarefied  for  the  range  of  conditions 
considered,  and  no  evidence  of  separation  is  observed  at 
30°  incidence  or  for  Knoo  =  0.389  and  incidence  angles 
ranging  from  15°  to  60°.  As  shown  in  Figs.  8  and  9  for  the 
drag  and  overall  heat  transfer  coefficients 

(Cd  =  Drag/  yp^V^A  and  Ch  =  QZ-jP^V^A  where  A  = 

is  the  plane  view  area  of  the  wing  with  a  value  of  8.6  mm^ 
and  Q  is  the  total  heat  transfer  rate),  the  calculated  data 
are  in  good  agreement  with  the  measurements  and  within 
the  estimated^^  experimental  uncertainty. 

4.2.3  Shuttle  Orbiter  Aerodynamics 

In  the  study  of  Ref.  29  an  evolved  version  of  Bird's  F3 
code^  is  used  to  compute  the  aerodynamics  of  the  Shuttle 
Orbiter  during  entry.  Computations  are  made  for  five 


4.2.4  Open  Hollow  Cylinder-Flare  Results 

An  experimental  test  program  has  been  completed^^  by  the 
Office  National  d'Etudes  et  de  Recherches  Aerospatials 
(ONERA)  to  investigate  shock  boundary  layer  interactions 
induced  by  a  hollow  cylinder-flare  configuration  (Fig.  11). 
An  objective  of  the  experiment  was  to  obtain  data  where 
separation  and  reattachment  occurs  under  fully  laminar 
conditions  with  a  flare  angle  of  30°.  Two  aspects  of  this 
experiment  make  it  very  attractive  for  code  validation 
studies.  First,  the  flow  is  axisymmetric,  thereby  reducing 
the  computational  burden  of  a  three-dimensional 
simulation.  Second,  the  surface  measurements  include 
heat  transfer,  pressure  and  oil-flow  data.  Shown  in  Fig.  11 
is  a  cross  section,  when  rotated  about  the  centerline  axis 
generates  the  model.  As  shown,  the  leading  edge  is  sharp 
with  a  bevel  angle  of  15°  and  a  thickness  of  10  mm.  The 
compression  surface  is  inclined  30°  to  the  oncoming  flow. 
The  experiments  were  conducted  in  the  ONERA  R5  wind 
tunnel  at  the  following  conditions:  Mach  9.9  air  with 
Voo  =  1430  m/s,  p„  =  4.226  x  lO'^  kg/m^,  Too  =  51.9  K, 
and  the  wall  temperature  was  295  K.  The  flow  conditions 
along  the  model  are  primarily  in  the  strong  interaction 
region  where  the  effect  of  viscous  interactions  on  surface 
quantities  is  significant  (Knoo  =  0.001  where  the  length 
scale  is  the  distance  from  the  model  leading  edge  to  the 
compression  surface). 

DSMC  calculations^^"^^  were  made  using  the  general  two- 
dimensional/  axisymmetric  code  of  Bird^ ' .  A  two  species 
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nonreacting  gas  model  was  employed.  Full  thermal 
accommodation  and  diffuse  reflection  are  assumed  for  the 
gas-surface  interactions.  The  calculations^^  made  prior  to 
the  experiments  yielded  results  that  was  in  good  qualitative 
agreement  with  previous  experimental  findings  for 
hypersonic  laminar  flows.  Good  agreement  between 
experimental  and  calculated  values  is  evident  in  Figs.  12 
and  13  for  heat  transfer  distributions  and  the  extent  of  the 
flow  separation  region,  respectively. 

5.  RAREFIED  HYPERSONIC  BLUNT  BODY  FLOWS 

Several  applications  of  the  DSMC  method  will  now  be 
discussed  to  highlight  some  of  the  physical  aspects  of 
hypersonic  blunt  body  flows  under  low-density  conditions. 
The  first  is  the  flow  about  the  nose  region  of  the  Shuttle 
Orbiter;  the  second  is  the  flow  about  blunt  slender  cones 
and  wedges;  and  the  third  is  the  flow  about  an  Aeroassist 
Flight  Experiment  (AFE)  vehicle  that  was  to  be  flown  in 
the  mid  1990's  to  simulate  the  atmospheric  encounter  of  an 
aeroassisted  orbital  transfer  vehicle  (AOTV).  Even  though 
the  AFE  was  cancelled  in  1991,  the  AFE  served  as  a  focal 
point  for  blunt-body  experimental  and  computational 
studies  during  the  late  80's  and  early  90's.  For  the  first  two 
applications,  the  entry  velocity  is  7.5  km/s,  while  that  for 
the  AFE  is  10  km/s.  Figure  14  includes  the  altitude  and 
velocity  conditions  that  are  the  focus  of  these  applications. 
Details  of  the  flowfield  stmcture  and  surface  conditions  as 
calculated  with  the  DSMC  method  are  presented  and 
comparisons  are  made  for  some  applications  between  the 
DSMC  results  and  that  obtained  using  Navier-Stokes  (NS) 
and  viscous  shock-layer  (VSL)  methods. 

5.1  Shuttle  Orbiter  Calculations 

5.1.1  Flowfield  Structure 

An  example  of  the  flowfield  structure  in  the  nose  region  of 
a  blunt  reentry  vehicle  is  discussed  in  Refs.  18  and  38 
where  axisymmetric  calculations  were  made  using  the 
DSMC  method  to  simulate  the  reentry  conditions 
encountered  by  the  nose  region  of  the  Space  Shuttle 
Orbiter.  An  "equivalent  axisymmetric  body"  concept  was 
used  in  this  study  to  model  the  windard  centerline  of  the 
Shuttle  at  a  given  angle  of  attack  with  an  appropriate 
axisymmetric  body  at  zero  angle  of  attack.  The 
axisymmetric  body  was  a  hyperboloid  with  a  nose  radii  of 
approximately  1.36  m  and  asymptotic  body  half  angle  of 
approximately  42.5°  (see  Ref.  18).  The  altitude  range 
considered  was  150  to  92  km  where  the  freestream 
Knudsen  number  range  was  23  to  0.03.  The  DSMC 
calculations  accounted  for  translational,  rotational, 
vibrational,  and  chemical  nonequilibrium  effects  for  a 
5-species  reacting  air  model.  Even  for  the  lowest  altitude 
case  considered,  the  DSMC  results  show  that  the  shock 
wave  is  merged  with  the  shock  layer  and  that  the  shock 
thickness  is  of  the  same  order  as  the  shock  layer.  Figures 
15  (a)  through  15  (f)  show  details  of  the  calculated 
flowfield  structure  and  provide  a  comparison  of  the  DSMC 
and  continuum  results  as  obtained  with  a  VSL  analysis.^'^ 
The  results  show  that  the  maximum  temperatures  for  the 
VSL  and  DSMC  solutions  differ  only  by  about  6  percent. 
[Note  that  two  different  temperatures  are  being  compared 
in  Fig.  15  (a).  For  the  VSL  calculations,  local  thermal 
equilibrium  is  assumed,  and  therefore,  only  one 


temperature  describes  the  translational  and  internal  energy 
states.  This  is  not  necessarily  the  case  for  the  DSMC 
calculation  where  nonequilibrium  effects  are  modeled.  The 
temperature  shown  for  the  DSMC  solution  is  an  overall 
kinetic  temperature,  Tqv,  defined  as  the  weighted  mean  of 
the  translational  and  internal  temperature.  (See  Ref.  9)]. 
The  overall  temperature  begins  to  rise  appreciably  at  a 
distance  of  about  0.4  m  from  the  body,  while  the  VSL 
calculation,  using  a  discontinuous  shock,  has  a  total  shock 
layer  thickness  of  0.1  m.  When  the  individual  temperature 
components  are  examined  for  the  DSMC  solution 
[Fig.  15  (b)],  the  rotational  and  vibrational  temperatures 
are  seen  to  lag  far  behind  the  translational  temperatures. 
The  differences  between  the  translational  and  internal 
temperature  modes  increase  with  altitude,  since  the 
collision  rate  decreases.  In  the  region  adjacent  to  the 
surface,  the  slope  of  the  temperature  profile  resulting  from 
the  two  computational  methods  [Fig.  15  (c)]  is  slightly 
different,  and  the  temperature  jump  predicted  is  350  K. 

The  density  rise  will  always  lag  behind  the  temperature 
rise  as  evidenced  by  the  results  in  Figs.  15  (a)  and  15  (d). 
In  fact,  if  one  assumes  that  the  center  of  the  shock  for  the 
DSMC  calculation  is  at  the  location  where  the  density 
equals  the  mean  of  the  freestream  and  postshock 
continuum  values,  then  the  continuum  and  DSMC  shock 
locations  are  in  good  agreement. 

The  chemical  composition  profiles  along  the  stagnation 
streamline  resulting  from  the  DSMC  and  VSL  solutions  are 
presented  in  Figs.  15  (e)  and  15  (f)  for  O2  and  N2,  and  N, 
respectively.  The  profile  resulting  from  the  two  solutions 
has  the  same  general  shape;  however,  the  DSMC  results 
show  a  significant  influence  of  the  thick  shock  wave  on  the 
chemical  composition  within  the  shock  layer.  A  significant 
number  of  chemical  reactions  occur  in  the  shock  wave, 
producing  atomic  mass  fraction  in  excess  of  20  percent  at 
the  shock  location,  as  given  by  the  continuum  solution.  By 
including  shock  slip  boundary  conditions  in  the  VSL 
solution,  the  chemical  composition  profile  would  compare 
more  favorably  with  the  DSMC  results  within  the  shock 
layer,  as  is  demonstrated  by  the  study  of  Shinn  and 
Simmonds.^^ 

The  effect  of  increasing  the  altitude  is  to  create  a  more 
rarefied  situation  in  which  the  shock  layer  and  shock  wave 
merge  [Figs.  16  (a)  and  16  (b)].  As  the  altitude  increases, 
the  extent  of  the  flowfield  disturbance  continues  to 
increase,  as  evidenced  by  the  results  shown  in  Fig.  16  (c). 
Shown  are  the  stagnation  locations  for  the  maximum  value 
of  overall  temperature  and  the  location  where  the  density  is 
six  times  the  freestream  density  (perfect  gas  condition)  as 
a  function  of  freestream  density.  Since  the  collision  rate  is 
proportional  to  the  square  of  the  density,  the  rate  of 
chemical  reactions  decreases  with  increasing  altitude,  and 
the  present  calculations  show  little  chemical  activity 
occurring  above  105  km. 

To  make  calculations  well  into  the  continuum  flow  regime 
using  the  DSMC  method  is  computationally  demanding  for 
multidimensional  problems.  For  example,  if  the  altitude  is 
decreased  from  92  to  75  km  for  the  previous  axisymmetric 
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calculation,  then  the  freestream  density  increases  by  an 
order  of  magnitude  and  the  freestream  mean-free  path 
decreases  by  an  order  of  magnitude.  As  a  minimum,  if  one 
were  to  decrease  the  cell  size  only  in  the  direction  normal 
to  the  body  to  maintain  a  cell  thickness  that  is  less  than 
the  local  mean-free  path,  then  the  number  of  computational 
cells  would  have  to  be  increased  by  an  order  of  magnitude 
(the  number  of  particles  in  the  simulation  would  also 
increase  by  an  order  of  magnitude)  and  the  time  step 
reduced  by  an  order  of  magnitude.  At  the  higher  density 
condition,  the  collision  frequency  increases.  This  results  in 
increased  computing  time  since  the  time  required  to 
calculate  the  collisions  appropriate  for  a  time  step  is  more 
demanding  than  the  time  to  move  the  particles.  The 
combined  effects  of  an  increase  in  the  number  of  particles, 
a  decrease  in  the  time  step,  and  an  increase  in  the 
collision  frequency  would  increase  the  time  requirement 
more  than  two  orders  of  magnitude  and  the  storage 
requirements  by  an  order  of  magnitude. 

Currently,  two-dimensional  and  axisymmetric  versions  of 
the  DSMC  method  can  be  used  to  simulate  flow  conditions 
well  into  the  continuum  regime.  Prior  to  the  current 
computational  capabilities,  a  quasi-one-dimensional  code 
was  developed  to  simulate  stagnation  streamline  flows 
about  blunt  bodies  well  into  the  continuum  regime.  Details 
of  the  method  are  described  in  Ref.  40  and  applications  of 
the  method  to  Shuttle  entry  conditions  are  given  in  Refs.  41 
and  42.  Figure  17,  taken  from  Ref.  41,  shows  a  comparison 
of  the  DSMC  and  VSL  calculations  for  density  and  overall 
temperature  profiles  for  Shuttle  entry  at  75  km  altitude. 

For  this  simulation,  the  freestream  Knudsen  number  based 
on  nose  radius  was  approximately  0.002  and  the  freestream 
velocity  was  7.2  km/s.  The  VSL  calculation  is  based  on  a 
discontinuous  shock-wave  assumption,  whereas  the  DSMC 
calculation  accounts  for  a  finite  shock-wave  thickness,  and 
the  location  of  the  center  of  the  shock  wave,  which  was 
specified  (as  is  necessary  for  the  quasi-one-dimensional 
DSMC  method)  to  be  the  location  where  the  density  is 
equal  to  6  poo,  was  the  same  as  the  VSL  shock  stand-off 
distance.  The  profiles  at  75  km  show  an  entirely  different 
behavior  from  those  at  92  km  in  that  there  is  a  distinct 
shock  layer  preceded  by  a  shock  wave  that  comprises  a 
much  smaller  portion  of  the  body-induced  flowfield 
disturbance. 

The  previous  comparisons  with  VSL  calculations  have 
been  for  discontinuous  shock  crossing  with  no-slip  wall 
boundary  conditions.  The  effect  of  integrating  through  the 
shock  wave  and  including  surface  slip  boundary  conditions 
has  been  reported  in  Refs.  43  and  44.  Figures  18  (a)  and 
18  (b)  show  the  impact  of  these  modifications  on  the 
density  profiles  at  92  km  along  with  results  at  115  km.  For 
the  92-km  case,  the  previously  discussed  VSL  and  DSMC 
results  are  shown  along  with  the  stagnation  streamline 
results  obtained  by  solving  the  NS  equations.  When  shock 
wave  structure  is  accounted  for  in  the  continuum 
formulation,  improved  agreement  in  flowfield  properties  is 
observed;  yet,  the  NS  calculation  underpredicts  the  extent 
of  the  flowfield  disturbance.  This  is  no  surprise  because  it 
is  well  known  that  continuum  methods  cannot  be  applied  to 
the  structure  of  strong  shock  waves  as  evidenced  in  Ref.  22. 
For  a  more  rarefied  condition  [Fig.  18  (b)]  which  occurs  at 
115  km  altitude,  the  discrepancy  between  the  NS  and 


DSMC  results  is  large  away  from  the  surface  where  the  NS 
model  is  not  expected  to  be  valid.  A  fairly  good  agreement 
between  the  NS  and  DSMC  results  is  obtained  near  the 
surface  if  the  NS-profiles  with  surface  slip  are  displaced 
away  form  the  surface  a  distance  equal  to  a  local  mean- 
free  path. 

5.1.2  Surface  quantities 

Quantities  of  particular  interest  in  the  transitional  flow 
regime  are  the  heating  and  aerodynamic  forces 
experienced  by  the  vehicle.  Reference  18  provides  details 
concerning  the  effect  of  rarefaction  on  heating  and  drag  for 
the  hyperboloid  used  to  model  the  nose  region  of  the 
Shuttle  Orbiter.  Comparisons  (Fig.  19,  from  Refs.  43,  44) 
between  the  DSMC  and  VSL  calculations  showed  good 
agreement  in  the  stagnation  surface  heat  transfer  at  an 
altitude  of  92  km.  Both  solutions  were  also  in  good 
agreement  with  the  Orbiter  flight-measured  value. 

However,  as  the  altitude  increased,  the  VSL  results, 
without  slip  boundary  conditions,  began  to  depart  rapidly 
from  the  DSMC  results  for  A^^/Rn  values  greater  than 
0.03.  Results  of  continuum  calculations^'^  using  the  NS 
equations  for  the  stagnation  streamline  are  also  compared 
with  the  DSMC  data  for  altitudes  of  92  to  115  km.  The  NS 
and  VSL  results  presented  are  for  altitudes  as  low  as  74.98 
km.  The  NS  results  agree  better  with  DSMC  values  for 
more  rarefied  conditions  than  the  VSL  results.  When  the 
NS  calculations  are  made  with  surface  slip  boundary 
conditions,  the  agreement  with  the  DSMC  values  is 
substantially  improved,  and  the  agreement  is  good  for  the 
range  of  conditions  for  which  the  comparisons  are  made. 
Even  though  all  three  numerical  methods  are  in  good 
agreement  with  respect  to  stagnation-point  heat  transfer  at 
an  altitude  of  92  km,  there  are  substantial  differences  in 
the  flowfield  structure  as  previously  discussed  and  these 
differences  increase  with  increasing  rarefaction. 

If  the  hypersonic  flow  conditions  are  such  that  dissociation 
occurs,  then  the  surface  convective  heating  rate  can  be 
significantly  affected  by  the  extent  to  which  the  surface 
promotes  atom  recombination.  This  effect  is  demonstrated 
in  Fig.  20  where  the  calculated  stagnation-point  heating 
rate  is  presented  as  a  function  of  the  surface  recombination 
probability  Yi-  I"  the  calculation,  the  recombination 
probability  was  assumed  to  be  the  same  for  both  atomic 
oxygen  and  nitrogen  even  though  different  values  could  be 
specified  for  the  respective  species.  For  the  noncatalytic 
surface  (yj  =  0,  the  heating  rate  is  65  percent  of  the  fully 
catalytic  value  (y;  =  1),  which  indicates  the  advantage  of 
having  a  surface  that  is  basically  noncatalytic. 

Another  important  factor  in  rarefied  flows  that  directly 
impacts  the  surface  forces  and  heating  is  the  nature  of  the 
gas-surface  interactions.  For  most  low  enthalpy  flows  over 
technical  surfaces  the  diffuse  scattering  model  for  wall 
interactions  seems  quite  adequate.^^  However,  there  are 
indications  that  the  model  of  full  thermal  accommodation 
and  diffuse  scattering  is  not  correct  at  orbital  velocities.  In 
Ref.  18,  the  DSMC  method  was  used  to  study  the 
sensitivity  of  rarefied  gas  flows  over  a  surface  to  changes 
in  the  wall  interaction  model.  An  example  of  the 
sensitivity  of  the  surface  heating  and  temperature  jump  was 
considered  in  the  calculations  simulating  Shuttle  entry. 

For  an  altitude  of  110  km,  a  calculation  was  made 
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assuming  that  half  of  the  particles  that  interact  with  the 
surface  do  so  in  a  diffuse  manner  with  full  thermal 
accommodation,  and  half  interact  in  a  specular  manner 
(elastic  collisions)  with  no  thermal  accommodation.  The 
net  result  is  a  thermal  accommodation  of  0.5.  The  results 
of  this  calculation  were  compared  with  those  from  the 
diffuse  calculation.  The  stagnation  point  heating  is  60 
percent  of  that  for  full  accommodation.  Similar  reductions 
in  heating  were  evident  at  other  locations  downstream  of 
the  stagnation  point. 

Altering  the  gas-surface  interaction  model  produces  a 
substantial  change^®  in  the  state  of  the  gas  adjacent  to  the 
surface.  The  impact  on  the  overall  temperature  adjacent  to 
the  surface  is  to  produce  a  temperature  jump  that  is  about 
4.5  times  that  for  the  diffuse  surface  with  full 
accommodation.  However,  the  slope  of  the  temperature 
profiles  adjacent  to  the  surface  is  very  similar  for  both 
calculations. 

5.2  Blunt  Slender  Body  Calculations 
5.2.1  Flowfield  Structure 

References  46  and  47  reported  on  studies  of  the  hypersonic 
low-density  flow  about  slender  wedges  and  cones,  where 
the  body  half-angles  were  either  0°,  5°,  or  10°.  The  focus 
was  on  the  5°  half-angle  bodies  in  the  altitude  ranges  of 
110  to  70  km,  velocity  of  7.5  km/s,  and  body  nose  radius  of 
0.0254  m.  Since  the  nose  radius  was  much  smaller  than 
that  for  the  Shuttle  Orbiter  calculations  (Rfvj  <=1.3  m),  the 
rarefaction  effects  are  evident  at  much  lower  altitudes.  For 
example,  at  70  km  the  shock  wave  and  shock  layer  are 
merged  (Fig.  21)  along  the  stagnation  streamline  (spherical 
nose).  The  DSMC  calculation  for  density  shows  that  the 
upstream  influence  of  the  body  is  more  than  three  times 
that  predicted  by  the  VSL  calculation.  This  is  expected 
since  the  VSL  shock  stand-off  distance  is  only  about  two 
freestream  mean-free  paths. 

Figure  22  provides  information  concerning  the  chemical 
activity  along  the  stagnation  streamline  as  a  function  of 
altitude  for  the  two-dimensional  and  axisymmetric 
configurations.  The  extent  of  the  flowfield  disturbance  is 
significantly  greater  for  the  two-dimensional  configuration, 
and  this  directly  impacts  the  flowfield  chemistry.  An 
indication  of  this  effect  is  presented  in 
Fig.  22  where  the  maximum  value  of  the  atomic  mass 
fractions  along  the  stagnation  streamline  is  shown  as  a 
function  of  altitude  for  both  the  cone  and  wedge.  The  onset 
(atomic  mass  fraction  exceeds  1  percent)  of  oxygen 
dissociation  occurs  at  about  96  km  for  the  wedge  and  at 
about  90  km  for  the  cone.  Therefore,  below  96  km,  there  is 
significant  difference  in  the  level  of  dissociation  for  the 
two  configurations. 

As  the  flow  expands  about  the  nose  region  on  to  the  slender 
afterbody,  the  density  decreases  substantially.  For 
example,  the  5°  cone  at  80  km  has  a  stagnation  point 
density  that  is  70  times  the  freestream  value  (constant  wall 
temperature  of  1000  K)  but  decreases  very  rapidly 
downstream  of  the  stagnation  point  (Fig.  23).  Figure  23 
shows  the  density  profiles  along  the  body  normal  (r^)  at 


three  locations  along  the  conical  flank:  s/Rn  =  2.3,  4.1, 
and  6.3.  Large  differences  are  obvious  in  two  flow  regions: 
at  the  wall  and  at  the  shock.  The  wall  temperature  is 
specified  as  1000  K  in  both  calculations,  yet  the 
temperature  predicted  by  the  DSMC  method  for  the  gas 
adjacent  to  the  wall  is  2850,  2942,  and  2994  K, 
respectively,  for  the  three  body  stations.  The  large 
temperature  jump  calculated  by  the  DSMC  method 
produced  a  much  smaller  value  of  wall  density. 

As  for  the  shock  wave  structure,  major  differences  are 
observed  in  the  density  profile  comparisons.  Both 
calculations  show  that  the  extent  of  the  flowfield 
disturbance  increases  with  increasing  downstream  distance. 
Yet,  the  outward  extent  of  the  flowfield  disturbance  and  the 
magnitude  of  the  compression  within  the  sock  wave  are 
substantially  different.  The  DSMC  results  show  that  the 
shock  wave  is  very  thick  (the  initial  density  rise  occurs 
over  a  significant  spacial  extent  as  opposed  to  the 
discontinuous  jump  used  in  the  VSL  calculations)  with 
maximum  p/px  values  of  1.8  to  1.5,  whereas  the  VSL 
predicts  corresponding  values  of  6.9  to  5.8.  These  results 
have  important  implications  as  to  possible  flight 
measurements  concerning  shock  layer  properties  and  shock 
wave  location. 

The  differences  between  the  DSMC  and  VSL  calculations 
are  further  amplified  in  Fig.  24  where  temperature  profile 
comparisons  are  presented.  For  the  DSMC  calculations,  an 
absence  of  equilibrium  between  the  internal  and 
translational  modes  exists  as  the  wall  is  approached  (not 
shown).  The  same  was  true  of  the  stagnation  results  where 
the  differences  between  the  translational  and  internal 
kinetic  temperature  were  small;  however,  at  s/Rn  =  4.1, 
large  differences  exist  where  the  internal  kinetic 
temperature  is  about  one  half  the  translational  kinetic 
temperature.  Consequently,  the  overall  kinetic  temperature 
shown  in  Fig.  24  is  not  to  be  interpreted  as  a 
thermodynamic  temperature,  which  is  the  quantity  shown 
for  the  VSL  calculation. 

5.2.2  DSMC  Calculations  for  binary  scaling 
assumption 

Birkhoff^^  has  pointed  out  a  similitude  which  applies  when 
the  chemical  kinetics  are  governed  by  two-body  collisions. 
This  binary  scaling  requires  that  the  characteristic  length 
remain  inversely  proportional  to  the  freestream  density. 
Favorable  conditions  for  binary  scaling  exist  at  high 
altitudes  where  three-body  collisions,  required  for 
recombination,  are  rare.  Consequently,  attention  can  be 
restricted  to  the  two-body  dissociation  or  exchange 
processes  under  rarefied  conditions.  At  these  conditions, 
scaling  to  another  body  size  at  the  same  velocity  may  be 
accomplished  by  holding  the  product  of  ambient  density 
and  body  size  constant,  so  that  the  ratio  of  a  characteristic 
body  size  is  unchanged.  The  calculations  concerning 
binary  scaling  were  made  with  the  DSMC  method  for 
transitional  flow  conditions  (Knoo  =  0.07),  and  the  results 
are  presented  in  Figs.  25  (a)  and  25  (b)  for  surface  heating. 
(See  Ref.  47  for  pressure  results.)  The  conditions  for  the 
calculations  were  Vqo  =  7.5  km/s,  T^  1000  K,  finite 
catalytic  surface,  and  the  product  of  the  nose  radius  and 
freestream  density  equal  to  a  constant  value  of  1.01  x  10’^ 
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kg/m^  for  an  altitude  range  of  70  to  90  km.  For  75  km 
altitude,  the  nose  radius  was  0.0254  m.  [Other  values  of 
nose  radii  are  tabulated  in  Fig.  25  (b).]  The  results  of  the 
numerical  simulation  are  in  agreement  with  the  binary 
scaling  assumption  as  evidenced  by  the  results  presented 
for  surface  heating.  The  dimensional  surface  heating  rate 
distributions  for  hemispherically  blunt  bodies  are  presented 
in  Fig.  25  (a).  The  corresponding  values  in  coefficient 
form  are  presented  in  Fig.  25  (b).  Both  the  heat-transfer 
and  pressure  (not  shown)  coefficient  distributions  are 
invariant  with  altitude.  The  temperature  jump  at  the 
stagnation  point  remained  constant  with  altitude  at  a  value 
of  0.75,  and  the  maximum  level  of  dissociation  along  the 
stagnation  streamline  was  approximately  constant  with 
altitude  (Cq  =  .11  and  Cn  <=  .045). 

6.  AFE  CALCULATIONS 

In  the  1980's,  extensions^®’^^  were  made  to  the  DSMC 
method  to  include  ionized  species  and  thermal  radiation  for 
the  more  energetic  flows  such  as  can  be  encountered  by 
ASTVs.  Several  applications  of  the  DSMC  method  were 
made  using  axiwmmetric,  ^^,51  three- 
dimensional^^’”  codes.  The  three-dimensional 
calculations  have  been  made  only  for  the  more  rarefied 
portion  of  the  entry  trajectory  where  ionization  and 
radiation  effects  would  be  negligible;  that  is,  in  the  altitude 
range  of  200  to  100  km. 

6.1  Three  Dimensional  Calculations 

A  side  view  of  the  AFE  vehicle  is  shown  in  Fig.  26.  The 
aerobrake  is  an  elliptically  blunted  elliptic  cone  raked  off 
at  the  base  and  fitted  with  a  skirt-type  afterbody.  The 
three-dimensional  configuration  has  a  base  length  of 
4.25  m. 

Figure  26  shows  the  computational  grid  used  for  the  120- 
km-altitude  case.  In  this  figure,  both  cells  and  subcells  are 
shown  on  the  outer  freestream  boundary.  (For  the  three- 
dimensional  applications,  the  cells  are  deformed 
hexahedral,  and  each  cell  is  further  divided  into  six 
tetrahedral  subcells.)  However,  on  the  plane  of  symmetry, 
only  the  cell  structure  is  drawn  for  clarity.  Only  the 
forebody  and  the  experimental  carrier  are  included  in  the 
calculation  since  the  solid  rocket  motor  was  to  be  ejected 
during  entry  near  130  km. 

Reference  52  describes  in  some  detail  the  highly 
nonequilibrium  flow  that  surrounds  the  AFE  vehicle  at 
these  high  altitude  conditions  and  the  resulting  surface 
pressure  and  heat  transfer  distributions.  The  results  of  this 
study  show  that  dissociation  is  important  at  110-km  altitude 
and  below  (a  5-species  gas  model  was  used)  and  that  the 
flow  approaches  the  free-molecular  limit  very  gradually  at 
higher  altitudes.  Even  at  200  km,  the  flow  is  not 
completely  collisionless.  This  is  clearly  evident  in  Fig.  28 
where  the  aerodynamic  coefficients  (Cj)  =  drag 
coefficient,  Cl  =  lift  coefficient,  L/D  =  lift-to-drag  ration) 
are  presented  at  selected  altitudes  for  an  angle  of 
incidence  of  0°  (using  the  present  coordinate  system  shown 
in  Fig.  26).  The  forces  are  normalized  with  respect  to  1/2 
Poo  VooAref  where  poo  and  Voo  are  the  freestream  density 
and  velocity,  respectively,  and  Aj-gf,  the  reference  area. 


equals  14.1  m^.  Figure  28  also  shows  the  calculated  free- 
molecule  and  modified  Newtonian  results,  along  with 
experimental  wind-tunnel  data.  The  experiments  were 
conducted  in  the  NASA  Langley  Research  Center  Mach  10 
air  and  Mach  6  CF4  (freon)  wind  tunnels  using  high- 
fidelity  models.^^  The  wind-tunnel  values  presented  in 
Fig.  28  are  recommended  values  for  zero  incidence  based 
on  the  Mach  10  air  and  Mach  6  CF4  results.  Clearly,  the 
DSMC  results  approach  the  free-molecule  limit  very  slowly 
at  higher  altitudes,  and  even  at  an  altitude  of  200  km,  the 
flow  is  not  completely  collisionless.  Prior  to  these  studies 
using  DSMC,  it  was  generally  acknowledged  that  free- 
molecule  flow  existed  for  the  AFE  vehicle  for  altitudes 
near  150  km,  but  these  studies  show  that  the  transitional 
effects  are  significant  at  these  altitudes  and  influence  the 
overall  aerodynamic  coefficients.  These  results  have 
important  implications  for  the  interpretation  of 
aerodynamic  coefficients  extracted  from  flight 
measurements  under  rarefied  conditions.  It  has  been 
recognized^^  that  transitional  effects  rather  than  specular 
reflection  might  be  influencing  the  interpretation  of  flight 
measurements;  however,  no  calculations  were  available  to 
establish  the  fact.  The  conventional  procedure^^  had  been 
to  interpret  the  flight  measurements  using  the  free 
molecule  flow  calculations.  Such  procedures  are  used  to 
establish  what  fraction  of  the  gas-surface  interaction  is 
specular.  But  it  can  be  seen  from  these  calculations  that 
the  transitional  effects  persist  even  at  very  high  altitudes 
(150  km  and  above). 

Figure  28  also  contains  the  results  of  the  Lockheed 
bridging  formula  which  empirically  connects  the  axial  and 
normal  aerodynamic  force  coefficients  between  the 
continuum  and  free-molecule  limits.  This  is  accomplished 
with  a  sine-square  function  by  assuming  continuum  flow  at 
a  Knudsen  number  Kiioo  =  0.01  and  free-molecule  flow  at 
Knoo  =  10,  which  correspond  to  altitudes  of  90  and  150  km, 
respectively.  The  bridging  formula  results  are  plotted  to 
show  the  general  trend  even  though  they  are  in  error  for  the 
conditions  considered  in  the  present  study.  Figures  28(a) 
and  28(b)  also  show  effects  of  the  pressure  and  shear  forces 
on  the  total  drag  and  lift  coefficients.  Clearly,  the  pressure 
contributions  are  fairly  constant  for  the  altitudes  considered 
and  are  approximately  equal  to  the  measured  continuum 
wind-tunnel  values.  However,  the  shear  contribution 
increases  with  altitude,  and  in  effect,  increases  the  drag 
and  reduces  the  lift.  Reference  52  provides  a  tabulated  list 
of  calculated  values  for  stagnation  point  heating  rate  and 
surface  pressure. 

6.2  Stagnation-Streamline  Results 

References  50  and  57  describe  results  of  flowfield  structure 
and  surface  quantities  obtained  using  the  quasi-one- 
dimensional  and  axisymmetric  simulations  for  altitudes 
between  130  and  78  km.  Comparison  of  the  stagnation 
flowfield  quantities  at  90  km  (Fig.  29)  and  78  km  (Fig.  30) 
provides  an  indication  of  the  nature  of  the  flow  for  AFE 
entry  conditions.  These  results-’ '  were  calculated  with  the 
one-dimensional  code  where  the  surface  was  noncatalytic 
to  atom  recombination.  At  90  km,  the  normal  velocity  and 
density  [Fig.  29  (a)],  temperature  [Fig.  29(b)],  species 
mole  fraction  [Fig.  29(c)],  and  electron  number  density 
[Fig.  29(d)]  profiles  show  no  evidence  of  a  distinct  shock 
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wave,  only  a  gradual  merging  of  the  shock  wave  and  shock 
layer.  This  behavior  is  expected  at  90  km  since  the  extent 
of  the  profiles  shown  in  Fig.  29  is  only  13  distance  from 
the  surface,  which  is  only  slightly  greater  than  the 
expected  thickness  of  a  free-standing  shock  wave.  The 
corresponding  profiles  at  78  km  (Fig.  30)  show  an  entirely 
different  behavior  in  that  there  is  a  distinct  shock  layer 
preceded  by  a  shock  wave  that  comprises  a  much  smaller 
portion  of  the  body-induced  flowfield  disturbance.  At  90 
km,  the  extent  of  thermal  nonequilibrium  is  large 
[Fig.  29(b)],  and  it  is  only  near  the  surface  that  thermal 
nonequilibrium  is  achieved.  At  78  km,  [Fig.  30(b)]  most  of 
the  shock  layer  is  in  thermal  equilibrium,  and  the 
translational,  rotational,  and  vibrational  temperatures  are  of 
the  order  of  10,000  K  for  much  of  the  shock  layer, 
noticeably  lower  than  the  value  at  90  km.  The  peak 
temperatures  within  the  shock  wave  are  somewhat  lower 
than  the  corresponding  values  at  90  km,  and  the 
temperatures  drop  very  rapidly  behind  the  specified  center 
of  the  shock  wave  (0.11  m). 

For  both  altitudes,  much  of  the  chemical  activity  occurs 
within  the  shock  wave  [Figs.  29(c)  and  30(c)]:  all  of  the 
oxygen  dissociation  and  an  appreciable  amount  of  nitrogen 
dissociation.  The  atomic  nitrogen  concentration  continues 
to  increase  until  it  reaches  a  maximum  value  near  the 
surface.  The  maximum  concentration  of  atomic  nitrogen  is 
greater  for  the  lower  altitude  case  (Xjq  =  0.71  versus  0.60). 
The  maximum  electron  concentrations  were  1.6  and  1.3 
percent  at  90  and  78  km,  respectively.  Figures  29(d)  and 
30(d)  present  the  electron  number  density  profiles  for  both 
altitudes  where  the  number  densities  are  of  the  order  of 
10^^  and  10^0  j^-3  {j,g  gg.  78-km  conditions, 
respectively.  The  fact  that  the  mole  fraction  of  electrons  is 
of  the  order  of  two  percent  or  less  for  these  calculations 
means  that  the  number  of  simulated  electrons  and  ions  is 
very  small  in  the  computation,  and  there  is  considerable 
scatter  in  the  data  associated  with  the  ions  and  electrons. 
[The  curves  in  Figs.  29(c)  and  30(c)  are  smoothed  values.] 
Furthermore,  the  surface  boundary  condition  of  complete 
recombination  of  ions  and  electrons  had  no  impact  on  the 
respective  profiles  because  no  ions  or  electrons  ever  struck 
the  surface  in  the  simulation.  That  is,  the  gas  phase 
reactions  are  responsible  for  the  depletion  of  electrons  and 
ions  as  the  relatively  cool  surface  is  approached. 

6.3  Axisymmetric  Calculation  with  Thermal  Radiation 

An  axisymmetric  representation  of  the  AFE  vehicle  was 
used  in  Ref.  51  to  calculate  the  surface  convective  and 
radiative  heating.  The  upper  rather  than  the  lower  portion 
of  the  AFE  vehicle  was  considered  so  that  the  most  severe 
heating  would  be  calculated  for  the  carrier  panel  which  is 
shadowed  by  the  aerobrake.  Details  of  results  are  given  in 
Ref.  51.  Only  a  limited  number  of  solutions  were  obtained 
for  the  AFE  type  of  flow  environment.  However,  recent 
attention  has  been  refocused  on  radiation  for  air  shock 
layers  modeled  with  DSMC,  and  Ref.  58  provides  an 
indication  of  current  interest  and  capabilities  of  the 
research  at  Imperial  College. 


7.  CURRENT  GROUND-BASED  EXPERIMENTAL 
AND  COMPUTATIONAL  STUDIES 

The  AGARD  Fluid  Dynamics  Panel  WG  18  began  in  late 
1991  to  focus  on  several  problem  areas  associated  with 
hypersonic  fllows.  A  number  of  test  cases  were  identified 
for  which  experimental  and  computational  studies  would  be 
organized.  Two  test  cases  for  which  rarefaction  is 
important  and  relevant  to  entry  and  aeroassist  vehicles 
were  selected.  The  first  problem  is  concerned  with  the 
forces  generated  on  surfaces  as  a  result  of  the  interaction 
between  a  reaction  control  jet  and  the  flow  field 
surrounding  a  vehicle  while  the  second  problem  is 
concerned  with  the  near  wake  structure  of  blunt  bodies  and 
how  its  closure  is  influenced  by  rarefaction.  A  brief  review 
of  the  comer-flow/jet  interaction  is  provided  by  describing 
the  nature  of  the  problem  and  recent  experimental  and 
computational  contribution.  This  will  then  be  followed  by 
a  discussion  of  the  blunt  body/wake  closure  studies. 

7.1  Corner-Fiow/Jet  Interaction 

Most  space  vehicles  are  controlled  with  reaction  thrusters 
during  atmospheric  entry.  These  reaction  control  system 
(RCS)  jets  can  be  used  independently  or  in  conjunction 
with  moveable  aerodynamic  surfaces  depending  on  the 
specific  vehicle  configuration  and  flight  conditions.  The 
exhaust  plumes  of  these  control  jets  act  as  barriers  to  the 
external  flow  creating  an  effect  that  can  change  the 
pressure  distribution  along  the  vehicle  surface  containing 
the  jet,  as  well  as  on  surfaces  surrounding  the  exhaust 
plume.  These  surface  pressure  perturbations  lead  to 
interaction  forces  which  must  be  accurately  predicted  in 
order  to  obtain  the  desired  vehicle  performance.  The  use  of 
RCS  jets  becomes  vital  at  higher  altitudes  where  the 
density  is  low  enough  to  render  the  control  surfaces 
ineffective.  As  the  altitude  increases  and  the  freestream 
flow  becomes  more  rarefield,  the  level  of  interaction 
between  the  control  jet  and  the  freestream  diminishes  and 
is  practically  nonexistent  when  the  freestream  mean  free 
path  is  very  large.  Therefore,  it  is  crucial  to  accurately 
model  RCS  firings  at  intermediate  altitudes  where  reaction 
controls  are  needed  and  significant  control  jet  interactions 
are  expected. 

In  an  effort  to  gain  further  insight  into  the  control  jet 
interaction  problem,  an  experimental  study^^“^*^  was 
conducted  by  the  European  Space  Agency  (ESA)  at  the 
SR3  low-density  wind  tunnel  of  CNRS  in  Meudon,  France. 
As  shown  in  Fig.  31,  the  comer- flow  model  is  made  of  two 
perpendicular  flat  plates  with  sharp  leading  edges.  A 
transverse  jet  is  issued  from  a  hypersonic  nozzle  located  in 
the  horizontal  plate.  This  under  expanded  jet  interacts  with 
the  external  flow  and  with  the  surrounding  surfaces. 

The  data  base  resulting  from  the  experiments  are  serving  as 
a  basis  for  testing  elements  of  the  numerical  simulation 
tools.  The  problem  addressed  is  fundamental  and  complex 
in  that  the  problem  has  both  rarefield  and  continuum 
components — the  rarefied  external  flow  interacting  with  a 
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jet  whose  central  core  is  at  continuum  conditions.  The 
ultimate  objective  of  the  numerical  studies  is  to  provide  a 
methodology  for  accurately  simulating  control  jet 
interactions  for  hypersonic  low  density  flows.  Results  of 
recent  numerical  studies  for  the  SR3  test  conditions  (see 
Table  1  for  freestream  conditions)  are  presented  in  Refs. 
61-66.  In  general,  the  DSMC  simulations  show  good 
agreement  with  experimental  results  for  the  cases  without 
the  jet  and  show  qualitative  agreement  with  the  cases  with 
the  jet.  However,  as  discussed  in  Ref.  66  for  the  most 
rarefied  test  case,  the  calculated  surface  pressures  were 
greater  than  the  measured  values  in  the  region  where  the 
jet-induced  pressures  are  greatest.  Possible  reasons  for  the 
discrepancies  have  been  suggested,  but  not  validated. 

7.2  Blunt  Body/Wake  Closure 

The  second  problem  concerns  the  wake  closure  which  is 
important  for  entry  probes  and  aerobrakes.  A  number  of 
fundamental  issues  exists  concerning  such  flows:  how  does 
the  wake  structure  change  as  a  function  of  rarefaction, 
what  role  does  thermochemical  nonequilibrium  play  in  the 
near  wake  structure,  and  to  what  limits  are  continuum 
models  realistic  as  rarefaction  in  the  wake  is  progressively 
increased.  Cornputations  are  being  conducted  for  both 
wind  tunnel^^“"  and  flight^^^®  conditions  for  the  same 
forebody  configuration:  a  70°  blunted  cone  with  a  nose 
radius  equal  to  one-half  the  base  radius  (Fig.  32).  Details 
concerning  model  configurations  and  the  experimental  and 
computational  program  are  discussed  in  Chapter  3  of 
Ref.  81. 

7.2.1  Wind  Tunnel  and  Computational  Comparisons 

The  nominal  test  conditions  for  the  low  density  wind 
tunnels  participating  in  the  AGARD  WG  18  study  are  listed 
in  Table  1.  Also  included  are  the  test  conditions  for  one 
test  that  has  been  run  in  the  Large  Energy  National  Shock 
Tunnel  (LENS)  facility^^"®^  at  a  low  pressure  condition  to 
produce  Mach  15.6  nitrogen  flow.  Figure  33  displays  the 
test  conditions  in  terms  of  rarefaction  as  indicated  by 
constant  lines  of  Moc/-^Rx  ■ 

7.2.1. 1  SR3  Conditions 

The  CNRS  test  for  the  three  freestream  conditions  listed  in 
Table  1  have  been  completed.^^’^^  Measurements 
included  aerodynamic  forces  and  moments,  surface  heat 
transfer,  and  flow  field  density  with  models  having  base 
diameters  of  5.0  cm.  An  extensive  number  of  computations 
have  been  made  for  test  condition  2  (Table  1)  since  it  was 
a  test  case  of  the  4^^  European  High-Velocity  Database 
Workshop,  ESTEC,  Noordwijik,  The  Netherlands,  Nov. 

1994.  Results  shown  in  figure  34  are  indicative  of  the  type 
of  agreement  achieved  between  the  DSMC  simulations  and 
measurements  for  the  surface  heat  transfer  distribution. 

The  DSMC  results  are  the  3-D  solutions  of  Pallegoix^^  for 
incidence  angles  of  0°,  10°  and  20°.  Heat  transfer 
measurements  were  made  only  along  the  windward  ray. 

The  present  author  has  made  calculations  for  the  three  SR3 
test  conditions  at  zero  incidence,  and  a  comparison  of  the 
DSMC  and  experimental  results  are  presented  in  Fig.  35. 
The  agreement  along  the  sting  (s/R^  s  3.82)  is  very  good. 
Along  the  cone  forebody,  the  agreement  is  not  as  good  and 
deteriorate  with  decreasing  rarefaction.  This  is  particularly 
evident  for  test  condition  3,  when  even  the  qualitative 


agreement  is  poor.  Along  the  forebody,  the  experimental 
heating  rate  values  decreases  more  with  distance  from  the 
stagnation  point  than  does  the  computed  results,  showing 
little  evidence  of  the  comer  expansion  on  the  last  heat 
transfer  measurement  (s/R„  =  1.56).  For  test  condition  3, 
the  experimental  value  at  this  location  is  55  percent  of  the 
DSMS  value.  When  the  DSMC  results  along  the  forebody 
are  compared  with  a  NS  calculation  (Ref.  68),  the 
agreement  is  10  percent  or  better  along  the  forebody. 

In  the  study  of  Ref.  68,  the  Navier-Stokes  solutions  were 
obtained  with  and  without  slip  boundary  conditions.  In 
general,  the  inclusion  of  slip  boundary  conditions  provided 
improved  agreement  with  the  DSMC  results.  This  study 
showed  substantial  differences  between  the  NS  and  DSMC 
computations  for  the  near  wake  flow  field  structure  and 
surface  results  at  a  Knudsen  number  of  0.03.  As  the  density 
of  the  freestream  flow  was  increased  (decreasing  Knudsen 
number),  the  agreement  between  the  two  methodologies 
improved.  For  the  smallest  Knudsen  number  case  (0.001), 
the  overall  agreement  between  the  two  methodologies  was 
good  with  the  exception  of  the  heating  rate  to  the  sting 
where  differences  as  large  as  a  factor  of  two  are  observed. 
As  shown  in  Fig.  35,  the  DSMC  simulations  are  in 
excellent  agreement  with  the  experimental  data. 

7.2.1.2  V3G  Conditions 

An  experimental  test  program^^  has  also  been  conducted 
for  the  70-deg  blunted  cone  with  the  V3G  free-jet  facility  of 
the  DLR,  Gottingen.  Drag,  lift,  global  heat  transfer,  and 
recovery  temperature  were  measured  in  a  Mach  9  nitrogen 
free-jet  flow.  These  measurements  were  made  for  various 
degrees  of  rarefaction  by  including  most  of  the  transitional 
regime  (0.03  <  Kn,,  <  6)  for  stagnation  temperatures  of  300 
K  and  500  K.  The  wall-to-stagnation  temperature  ratio  was 
varied  between  0.8  and  1.5.  The  copper  model  with  a  base 
diameter  of  5  mm  was  suspended  with  a  thermocouple  at 
angles  of  attack  of  ct  =  0 ,  20,  40  deg.  Details  concerning 
the  experiments,  data  reduction,  data  accuracy,  and  results 
are  included  in  Ref.  13. 

Results  for  T,,  =300K,  T^/Tq  =1.0  and  zero  incidence 
are  presented  in  Figs  36(a)  and  36(b)  for  the  drag  and 
overall  heat  transfer  coefficient  (Ch=2Q/p5oV^  A), 
respectively.  The  overall  accuracy  of  the  experiments  was 
estimated^^  to  be  ±  8  percent  for  these  conditions.  The 
DSMC  solutions  of  Refs.  72  and  73  are  in  very  good 
agreement  with  the  experimental  results. 

7.2.1.3  LENS  Conditions 

A  series  of  experiments  have  been  conducted  at  Calspan 
with  a  blunted  cone  model  having  a  base  diameter  of  15.24 
cm.  Tests  were  made  with  the  LENS  facility®^  using  both 
nitrogen  and  air  as  test  gases.  Test  at  both  the  5  and  10 
MJ/kg  conditions  have  been  completed.  Measurements 
consist  of  surface  pressure  and  heating  rates  along  the 
forebody,  base,  and  sting.  Most  of  the  instrumentation  is 
concentrated  along  the  sting.  The  focus  of  these  tests  are 
at  continuum  conditions;  however,  one  test  has  been  made 
at  low  pressure  conditions  where  rarefaction  effects  should 
be  evident  in  the  wake.  The  specifics  of  this  test  condition 
are  listed  in  Table  1.  Results  of  the  experimental 
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measurements  for  the  low  pressure  test  were  presented  in 
Ref.  84  and  DSMC  results  for  this  test  condition  have  been 
reported  in  Refs.  71  and  72.  Figures  37(a)  and  37(b)  show 
comparisons  of  measured  and  calculated  values  for  heat 
transfer  and  pressure  coefficient  ^Cp  =  2p^v/pooVk  j 
distributions,  respectively.  As  evident  in  Fig.  37,  there  is 
good  agreement  between  the  calculations  and  experiments, 
both  in  the  separated  region  and  toward  the  end  of  the 
recompression  process,  indicating^^  that  the  size  of  the 
base  flow  region  is  well  predicted.  The  measured  forebody 
pressure  coefficients  appear  excessively  high  (Cp  =3.0  at 
the  stagnation  point)  for  the  present  flow  conditions. 

The  DSMC  results^^  presented  in  Fig.  37  are  time 
averaged  results  between  time  steps  59,520  and  81,546 
where  the  computational  domain  contained  22,808  cells 
and  489,146  molecules.  For  this  calculation,  the  rotational 
relaxation  collision  number  was  set  to  a  constant  value  of  5 
while  the  vibrational  collision  number  was  treated  as  a 
variable  [Eq.  (A6)  and  using  the  constants  for  nitrogen 
given  in  Table  A6  of  Ref.  91  that  models  the  Millikan  and 

on 

White”'  expression  for  vibrational  collision  number.  For 
this  calculation,  a  high  degree  of  thermal  nonequilibrium 
exists  for  both  the  forebody  and  wake  flow  as  is  discussed 
in  Ref.  71. 

7.2,2  Flight  Conditions 

The  flight  test  cases  consists  of  four  individual  cases  to 
provide  code-to-code  comparisons.  No  experimental  results 
are  available  for  these  test  cases.  The  test  cases  are  for 
both  Earth  and  Mars  entry  using  both  reacting  and  non 
reacting  gas  models.  The  freestream  and  surface  boundary 
conditions  are  specified  in  Ref.  81.  Only  results  for  Earth 
entry  conditions  have  been  reported  (Refs.  78-80). 
Reference  78  presents  results  for  both  reacting  and  non 
reacting  air  using  the  DSMC  model  and  results  for  reacting 
air  using  an  axisymmetric  3-temperature,  5-species  implicit 
Navier-Stokes  code.^®  In  addition,  DSMC  solutions  for  a 
reacting  5-species  air  model  have  been  obtained  by 
Celenligil.^^ 

The  DSMC  and  Navier-Stokes  results  (Ref.  78)  were  in 
close  agreement  for  the  wake  flow  field  quantities.  Also, 
the  size  of  the  vortex  as  measured  from  the  base  of  the 
blunted  cone  to  the  wake  stagnation  point  is  identical  for 
the  two  solutions  (Ref.  78).  However,  there  are  some 
noticeable  differences  in  the  chemical  composition  within 
the  wake.  The  most  significant  difference  between  the  two 
solution  methodologies  is  in  the  surface  heating 
calculations  along  the  base  plane  (Fig.  38).  The  Navier- 
Stokes  results  are  25  to  200  percent  greater  than  the 
DSMC  results,  while  good  agreement  exists  along  the 
forebody.  Also,  the  two  DSMC  calculations  using  5- 
species  reacting  air  gas  models  (Refs.  78  and  80)  are  in 
good  agreement  for  the  surface  heating  rates.  When  the 
calculation  is  made  with  a  non  reacting  gas  model  as  was 
done  in  Ref.  78,  the  results  when  compared  with  the 
reacting  air  solution  shows:  much  higher  surface  heating 
rates,  particularly  along  the  base  plane  (240  percent 
higher);  a  smaller  vortex;  similar  values  for  the  wake 
density  contours  and  essentially  the  same  value  for  drag. 


Two  conclusions  are  readily  evident  from  the  recent  studies 
concerning  the  blunt  body/wake  flows.  First  is  the 
demonstrated  capability  of  the  DSMC  method  to  calculate 
the  near  wake  flow  feature  and  the  base  and  afterbody 
(sting)  heating  values  to  good  accuracy  when  compared  to 
experimental  measurements.  The  second  point  is  that  the 
NS  computations  agree  with  the  DSMC  results  for  quite 
large  overall  Knudson  numbers  along  the  forebody,  but 
yield  significant  differences  for  the  base  and  afterbody 
when  compared  with  either  DSMC  or  experiment. 

8.  RECENT  AND  NEAR-TERM  AEROBRAKING 
MISSIONS 

This  section  highlights  several  flight  projects  for  which 
rarefied  gas  dynamics  is  critical  to  spacecraft  performance 
and  experimental  measurements.  The  primary  tool  used  to 
support  these  projects  and  experiments  has  been  the  DSMC 
method. 

8.1  Multipass  Aerobraking 

Spacecraft  that  employ  aerobraking  to  perform  efficient 
orbit  modifications  has  been  recently  demonstrated  by  both 
the  HITEN^^’^®  and  Magellan^ ^  spacecraft.  Both 
activities  involved  multipass  atmospheric  encounters  at 
highly  rarefied  conditions  in  the  Earth’s  and  Venus' 
atmospheres,  respectively.  Skipper  is  a  scientific  satellite 
that  will  be  placed  into  a  highly  elliptical  orbit  and  make 
multiple  passes  in  the  Earth’s  upper  atmosphere.  As  the 
satellite  is  progressively  lowered  from  free  molecular 
conditions  to  altitudes  as  low  as  130  km,  instruments 
onboard  the  satellite  will  measure  the  blow  shock 
ultraviolet  radiation.  Following  this  phase  of  the  mission,  a 
controlled  re-entry  will  be  executed  and  bow  shock 
measurements  will  be  conducted  from  about  150  km  down 
to  an  altitude  where  the  aerodynamic  heating  will 
terminate  the  measurements. 

8.1.1  HITEN 

The  HITEN^^’^®  experiment  was  successfully  conducted 
during  2  Earth  atmospheric  encounters  (perigee  altitudes  of 
125  and  120  km)  at  about  11  km/s  during  March  1991. 
HITEN  was  cylindrical  in  shape  with  a  flat  faced  forebody 
having  a  diameter  of  1.4  m  and  a  length  of  0.7  m.  A 
thermal  blanket  developed  to  withstand  heating  rates  of 
about  2  W/cm^  or  an  equilibrium  temperature  of  about  900 
K  covered  the  flat  surface  exposed  to  stagnation  conditions. 
At  perigee,  this  surface  was  normal  to  the  velocity  vector. 
The  freestream  Knudsen  numbers  for  the  two  perigee 
altitudes  (based  on  cylinder  diameter)  were  3.9  and  2.1, 
indicating  that  the  flow  was  transitional.  The  initial 
discrepancy  reported  for  measured  and  predicted  heat  flux 
values  has  been  resolved^®  by  accounting  for  lateral  heat 
flux  to  the  two  onboard  calorimeters. 

8.1.2  Magellan 

Between  May  25  and  August  3  of  1993,  aerobraking  was 
successfully  used  to  modify  the  orbit  of  the  Magellan 
spacedraft  in  the  upper  atmosphere  of  Venus  without  the 
need  for  large  propulsive  burns.  These  maneuvers  required 
730  orbits  to  halve  the  orbit  period  and  to  modify  the  orbit 
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from  a  highly  elliptic  (eccentricity  of  0.39)  to  a  near¬ 
circular  orbit  that  multiplies  Magellan's  science  return.^  ^ 
Since  Magellan  was  not  designed  for  atmospheric  flight, 
the  multiple-pass  method  was  required  to  ensure  low 
temperatures  and  small  aerodynamic  forces.  Major 
aerodynamic  concerns  were  overheating  of  the  high  gain 
antenna  (HGA)  and  melting  the  solder  connecting  the  solar 
cells.  Periapsis  altitude  was  controlled  throughout 
aerobraking  to  keep  the  solar  panels  below  433  K,  where 
damage  would  start  to  occur. 

Magellan  consisted  of  a  central  body  (Fig.  39)  which 
supported  two  large  solar  panels  (each  2.50  m  high  by  2.53 
m  wide)  on  struts  aligned  along  an  axis  transverse  to  the 
central  axis  of  the  vehicle.  The  flow  was  directed  along 
the  central  body  axis  such  that  the  high  gain  antenna  was 
aft.  The  solar  panels  in  this  configuration  were  normal  to 
the  flow,  but  could  have  been  canted  at  any  angle  (about 
the  stmt  axes)  to  form  an  effective  "windmill." 

The  initial  DSMC  simulations  of  Ref.  91  examined  the 
heating  and  forces  that  Magellan  would  encounter  for  an 
altitude  range  of  125  to  140  km  at  a  perigee  velocity  of  8.6 
km/s.  Results  of  this  study  revealed  that  allowable  surface 
temperatures  occur  at  the  higher  altitudes.  The  subsequent 
studies  of  Refs.  (92,  93)  provided  pre-aerobraking 
aerodynamic  forces,  moments,  and  heating  for  altitudes 
near  140  km  at  a  speed  of  8.6  km/s.  The  analysis  of 
Ref.  92  included  altitudes  of  136  to  140  km  where  the 
freestream  Knudsen  number  (based  on  the  HGA  diameter 
of  3.7  m)  ranged  from  2.8  to  6.3.  At  altitudes  near  140  km, 
molecular  collisions  tended  to  reduce  the  aerodynamic 
forces,  moments,  and  heating  below  the  free  molecular 
value  by  7-10  percent.^'^  Results  of  these  simulations 
were  key  inputs  to  establishing  the  feasibility  of 
aerobraking  Magellan. 

With  the  success  achieved  in  aerobraking  Magellan,  other 
planetary  missions  are  expected  to  make  use  of  this 
technology  and  provide  opportunities  for  measurements  and 
experiments  that  are  of  interest  to  the  RGD  community. 
Such  is  the  plan  for  the  Mars  Global  Surveyor  (MGS) 
which  will  be  a  polar  orbiting  spacecraft  at  Mars  with  a 
mission  to  fulfill  the  major  objectives  of  the  failed  Mars 
Observer  Missions.  Subject  to  funding  approval,  the  MGS 
will  be  launched  with  a  Delta  II  vehicle  in  November  1996, 
inserted  into  an  elliptical  capture  orbit  at  Mars,  and  then 
aerobraked  to  reach  a  nearly  circular,  polar  mapping  orbit 
with  a  two  hour  period.  The  MGS  is  the  first  mission  of  a 
new,  decade  long  program  of  robotic  exploration  of  Mars — 
the  Mars  Surveyor  Program. 

8.1.3  Skipper 

Skipper  is  a  Ballistic  Missile  Defense  Organization 
sponsored  mission  to  characterize  the  aerothermal 
chemistry  of  a  low  orbiting/reentering  spacecraft.  Skipper 
is  the  third  flight  in  a  series  of  bow  shock  experiments 
aimed  at  making  spectrally  resolved  measurements  of 
shock  layer  emission.  The  first  two  experiments  were 
launched  on  sub-orbital  launch  vehicles  and  made 
measurements  of  aerothermal  chemistry  at  speeds  up  to  5.5 
km/s.  The  Skipper  mission  (Fig.  40)  will  extend  the 


measurements  to  higher  altitudes  and  higher  velocities  (8 
km/s).  This  is  accomplished  in  two  phases:  first,  with 
multiple  elliptical  orbits  (perigee  of  about  150-130  km) 
from  which  spacecraft  glow  measurements  can  be  made 
followed  by  a  controlled  reentry.  The  flexibility  of  Skipper 
provides  an  opportunity  to  progressively  map  a  broad  region 
of  rarefied  aerothermodynamics  as  well  as  to  provide  an 
overlap  with  data  obtained  from  the  two  previous  sounding 
rocket  experiments.  The  primary  goal  is  to  obtain  data  in 
the  high  altitude  rarefied  flow  regime  where  the  modeling 
uncertainties  are  high.  Multiple  passes  through  part  of  the 
altitude  region  of  interest  provides  a  better  ability  to 
measure  weak  signals.  The  second  goal  is  to  penetrate 
sufficiently  low  on  reentry  to  overlap  with  data  from  the 
second  Bow  Shock  Ultraviolet  flight  (65  to  100  km). 

The  Utah  State  University  Space  Dynamics  Laboratory  is 
the  prime  contractor  on  Skipper  and  the  Moscow  Aviation 
Institute  and  NPO  Liavotchkin  serve  as  sub-contractors  for 
the  spacecraft  propulsion  system,  power  system,  and 
launch.  Skipper  is  a  cylindrical  spacecraft  having  a  length 
of  1.1  m  and  a  diameter  of  0.772  m.  The  end  of  the 
cylinder  exposed  to  stagnation  conditions  has  a  1-meter 
nose  radius  dome.  More  details  concerning  the  spacecraft 
and  experiments  are  given  in  Ref.  94.  The  1-meter  nose 
radius  spacecraft  dome  provides  a  large  number  of  viewing 
opportunities  in  the  stagnation  region.  The  Skipper  payload 
will  carry  a  large  set  of  instruments  (Ref.  94):  20 
photometers,  4  VUV  photometric  instruments  (2  used  as 
ionization  cells  and  2  as  photon  counting  detectors),  and  2 
scanning  spectrometers. 

Quantification  of  spacecraft  heating  remains  an  ongoing 
activity  as  does  the  pre-flight  radiance  predictions.  Since 
the  potential  flight  regime  of  interest  ranges  from  160  to  80 
km,  both  DSMC^^  and  continuum^^  methods  are  being 
utilized.  With  flow  field  solutions  from  these  two  models, 
the  NEQAIR  model^^  is  used  to  calculate  the  spectral 
radiance.  Predicted  radiance  as  a  function  of  freestream 
density  for  a  photometer  centered  at  230  ±  25  nm  suggest 
that  the  continuum  methods  breaks  down  at  about  100  km 
(Fig.  41). 

Axisymmetric  and  3-D  DSMC  solutions  have  been 
obtained  by  the  present  author  using  a  5-species  reacting 
air  gas  model  to  assess  the  aerodynamic  and  heating  rates 
experienced  by  Skipper  during  both  the  elliptic  and  reentry 
phases. 

8.2  Aerobraking  during  entry 
8.2.1  OREX 

On  February  4,  1994,  the  Orbital  Reentry  Experiment 
(OREX)  was  successfully  launched  into  Earth  orbit  by  the 
H-II  rocket  and  its  reentry  was  essentially  as  planned.  This 
was  the  first  Japanese  entry  experiment  from  orbit  and  an 
initial  report^^  indicates  that  the  data  is  of  good  quality. 
Extensive  aerothermodynamic  measurements  were  made 
with  the  objective  of  providing  a  data  base  that  can  be 
used  to  establish  the  reliability  of  computational  design 
tools  for  Earth-Space  transportation  systems.  OREX  was  a 
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50-  spherically  blunted  cone  with  a  1.35  m  nose  radius  of 
curvature  and  a  base  diameter  of  3.4  m  (Fig.  42). 
Measurements  made  in  the  120  to  80  km  altitude  range 
cover  much  of  the  transitional  flow  regime.  Measurements 
at  these  altitudes  include  body  surface  temperature  and 
pressure,  temperature  for  recombination  heating 
measurements,  micro-G  acceleration,  and  electron  number 
density. 

DSMC  capability  developed^^  at  the  National  Aerospace 
Laboratory,  Tokyo,  is  being  used  to  simulate  the  higher 
altitude  portion  of  entry.  Figure  43  presents  results  of 
accelerometer  output  and  the  DSMC  simulation  of 
Koura.^^  The  accelerometer  outputs  for  the  fine-range 
provide  data  in  the  140  to  100  km  altitude  range  while  that 
for  the  coarse  range  extends  the  measurements  to  lower 
altitudes  of  about  80  km.  Additional  results  have  been 
reported^^  for  drag  coefficient  and  surface  pressure.  The 
surface  temperature  and  inferred  heat  transfer  rates  to  the 
different  thermal  protection  materials  will  be  of  particular 
interest  in  the  transitional  flow  regime. 

8.2.2  Galileo 

Galileo  is  a  NASA  spacecraft  mission  to  Jupiter,  designed 
to  study  the  planet's  atmosphere,  satellites,  and  surrounding 
magnetosphere.  The  mission  consists  of  both  an  orbiter  and 
a  probe.  In  late  1995  after  more  than  a  6  year  flight  time, 
the  orbiter  and  probe  will  separate  150  days  prior  to  Jupiter 
encounter  and  both  will  continue  along  independent 
trajectories  toward  the  encounter.  When  the  probe  enters 
the  hydrogen-helium  atmosphere,  it  will  be  traveling  at  a 
relative  velocity  of  about  48  km/s.  Most  of  the  kinetic 
energy  at  entry  will  be  dissipated  within  30  s  (Ref.  100). 
After  a  very  harsh  aerothermal  encounter,  the  probe  will 
eject  what  remains  of  its  heat  shield  and  deploy  a 
parachute.  During  descent,  the  probe  will  make  several  in- 
situ  measurements  of  atmospheric  properties  and  transmit 
that  data  to  the  orbiting  spacecraft.  The  Atmospheric 
Structure  Experiment,  one  of  six  experiments  flown  on  the 
probe,  will  measure  deceleration  during  the  high-altitude 
entry  phase.  This  experiment  can  deduce  atmospheric 
density,  pressure,  and  temperature  from  deceleration 
measurements  so  long  as  the  vehicle  drag  coefficient  is 
known.  The  instrument  is  sufficiently  sensitive  to  detect 
deceleration  exceeding  10’^  m/s^.  Consequently, 
meaningful  properties  can  be  assessed^®^  for  the  Jovian 
upper  atmosphere  where  the  probe  encounters  highly 
rarefied  flow  during  entry  prior  to  peak  heating  and  ablation 
of  the  heat  shield. 

Accuracy  of  the  experiment  depends  upon  the  accuracy 
with  which  the  probe  drag  coefficient  is  determined. 
Haas^®^  recently  used  DSMC  to  assess  the  drag 
coefficient  for  the  Galileo  probe  during  entry  from  750  km 
down  to  350  km  altitude  in  the  Jovian  atmosphere  (most  of 
the  transitional  regime).  A  unique  aspect  of  this  study  was 
the  coupling  of  the  flow  field  simulation  with  a  modeled 
response  of  the  carbon  phenolic  heat  shield.  Simulations 
initially  employed  a  simple  radiative-equilibrium  model  for 
gas-surface  interactions.  Since  the  surface  heating  rates 
can  be  substantial  for  such  an  entry  even  under  rarefied 
conditions,  the  heat  shield  can  potentially  pyrolyze, 
ejecting  gas  into  the  flow  from  the  surface.  To  capture  this 


behavior,  simulations  were  also  made  by  coupling  the 
material  response  directly  into  its  surface  model  by  using 
routines  from  the  Charring  Material  Thermal  Response  and 
Ablation  (CMA)  program. The  CMA  model  accounts 
for  transient  convective  heating,  radiation,  in-depth 
conduction,  heat  capacity,  and  the  flow  of  pyrolysis  gases 
through  the  porous  material.  For  the  altitude  range  and 
entry  velocity  (47.45  km/s)  considered  by  Haas,  the 
freestream  Reynolds  number  based  on  the  probe  diameter 
of  1.265  m  ranged  from  0.1  to  1000.  The  forebody  of  the 
probe  is  a  45-deg  blunted  cone  with  a  nose  radius  of 
0.222  m.  The  impact  of  pyrolysis  on  drag  coefficient 
(Fig.  44)  was  evident  for  Reoo  >  34.  While  the  transport  of 
momentum  due  to  the  emitting  pyrolysis  particles  from  the 
front  of  the  vehicle  tends  to  increase  drag,  the  influence  of 
these  particles  on  the  incoming  flow  tends  to  reduce  the 
incident  momentum  imparted  to  the  surface.  Whether 
these  competing  effects  would  lead  to  a  net  increase  or 
decrease  in  overall  vehicle  drag  would  be  difficult  to 
predict  without  performing  simulations.  For  Reoo  >  103, 
the  simulation  indicates  that  the  flow  is  sufficiently 
rarefied  that  the  pyrolysis  gas  has  very  little  influence  on 
the  incident  flow,  and  the  drag  coefficient  is  greater  than 
when  neglecting  pyrolysis.  However,  as  the  low  density 
and  pyrolysis  emission  increased,  molecular  collisions  in 
front  of  the  probe  caused  a  marked  decrease  in  the 
convective  heat  transfer  and  the  incident  momentum  flux, 
resulting  in  a  lower  drag  coefficient  for  higher  Reynolds 
number  cases. 

9.  SUMMARY 

The  computational  and  experimental  studies  reviewed 
demonstrate  the  rather  spectacular  change  in  aerodynamic 
and  heating  coefficients  that  can  occur  for  an  entry  capsule 
as  it  makes  the  transition  from  a  free  molecular  flow 
environment  to  that  of  continuum  flow.  Results  presented 
demonstrate  convincingly  the  ability  of  the  Direct 
Simulation  Monte  Carlo  (DSMC)  method  to  simulate 
transitional  flows  for  both  nonreacting  and  reacting 
(dissociating)  gases.  Examples  cited  of  ongoing  projects 
and  programs  demonstrate  the  important  role  that  the 
DSMC  tool  plays  in  aerospace  applications  where  rarefied 
gas  dynamics  is  an  issue.  This  capability  can  be  used  to 
establish  the  feasibility  of  conducting  a  mission  or  the 
development  of  a  data  base  that  can  be  used  to  address 
operational  implications,  material  requirements,  and 
strategies  to  realize  mission  objectives.  Experiments  that 
provide  insight  to  the  physics  of  complex  flows  including 
fundamental  data  on  gas-gas  and  gas-surface  interactions 
are  essential  for  continued  improvement  and  validation  of 
the  physical  models  used. 
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Fig.  1  Aeroassisted  maneuvers  for  synergetic  plane 
change,  orbital  transfer  vehicle,  and  planetary 
aerocapture  missions.^® 
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Fig.  4  The  Knudsen  number  limits  on  the  mathematical 
models. 


Fig.  2  Multipass  aeroassisted  maneuvers  for  planetary 
aerobraking  and  orbital  transfer  vehicle 
mission. 


Fig.  5  Density  distribution  along  the  stagnation 

streamline  of  the  re-entering  Shuttle  Orbiter  at 
93  km  altitude.^ 


Fig.  3 


Planetary  aerocapture  maneuver. 


12 


Fig.  6  Comparison  of  molecular  velocity  distributions 
(normal  shock,  Mach  25  helium,  fi  =  0.565).^^ 


5-24 


Fig.  7  Schematic  of  the  delta  wing  (dimensions  in 
millimeters.)  27,28 


eo 


Fig.  8  Delta  wing  drag  coefficient  for  a  =  30  deg. 22 


Fig.  9  Delta  wing  overall  heat  transfer  coefficient  for 
a  =  30  deg.  22 


Fig.  10  Shuttle  Orbiter  lift-to-drag  ratio.2^ 


Fig.  11  Hollow  cylinder-flare  model  (dimensions 
in  mm).^ 


Fig.  12  Calculated  and  measured  heating  rate 

distributions  for  hollow  cylinder-flare  model.26 


Fig.  13  Calculated  shear  stress  and  calculated  and 

measured  extent  of  separation  for  hollow  cylinder- 
flare  model.  2^ 
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Altitude 

km 


Fig.  14  Entry  trajectories. 


(c)  Comparison  of  temperature  profile  adjacent 
to  surface. 


(a)  Comparison  of  temperature.  (d)  Compari.son  of  density  profiles. 


(e)  Comparison  of  species  mass  fraction  profiles 
for02  and  N2. 


(b)  Extent  of  thermal  nonequilibrium  (DSMC).  Fig.  15  Flowfield  structure  along  stagnation  streamline  of 

Shuttle  Orbiter  at  92.3  km.^^ 
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(f)  Comparison  of  species  mass  fraction  profiles 
for  atomic  nitrogen. 

Fig.  15  Flowfield  structure  along  stagnation  streamline  of 
Shuttle  Orbiter  at  92.3  km. 


(c)  Location  of  stagnation  streamline  quantities. 


(a)  Overall  kinetic  temperature. 


Fig.  16  Effect  of  rarefaction  on  flowfield  structure 
(stagnation  streamline  for  Shuttle  Orbiter). 
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(a)  Density. 


(b)  Density  profiles. 


Fig.  17 


Comparison  of  calculated  stagnation  streamline 
flow  structure  (Shuttle  Orbiter  at  74.98  km, 


ris  =  0.083m).41 
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(a)  Altitude  =  92.35  km. 


n*.  m 


(b)  Altitude  =  1 15  km. 

Fig.  18  Comparison  of  stagnation  streamline  density 
profiles  (Shuttle  entry  conditions).^"^ 


Fig.  19  Comparison  of  calculated  heat  transfer  coefficient 
for  Shuttle  entry  conditions.^^ 


Fig.  20  Effects  of  surface  catalysis  on  heating  (Shuttle 
entry  at  92.35  km,  stagnation  point). 


V, 


Fig.  21  Comparison  of  calculated  density  profiles  along 
stagnation  streamline  (R^  =  0.0254  m, 

Voo  =  7.5  km/s,  Alt  =  70  km).'’^ 


Alt,  km 

Fig.  22  Maximum  atomic  mass  fraction  values  along 
stagnation  streamline  (Rn=  0.0254  m, 

Voo=  7.5  km/s).'^ 
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Fig.  23  Compari.sons  of  calculated  density  profiles 
(Alt  =  80  km,  Voo  =  7.5  km/s,  5"  cone).'’^ 
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(b)  Heat  transfer  coefficient. 


Fig.  25  Distributions  along  hemispherical  nose 

(Voo  =  7.5  km/s,  pcoRn  =  1.01  x  10'^  kg/m2).47 


,05 

.04 

.03 

n,  m 

.02 

.01 

0 

0  2  4  6  8x10^ 

Temperature,  K 


Fig.  24  Comparison  of  calculated  temperature  profiles  Fig.  26  AFE  Configuration, 

for  5°  blunted  cone  at  s/Rp  =  4.1  (Alt  =  80  km, 

Voo  =  7.5  km/s).  46 


(a)  Heat  transfer. 
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Altitude,  km 


(a)  Drag. 


(a)  Density  and  velocity  profiles. 


Altitude,  km 


(b)  Lift. 
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(b)  Extent  of  thermal  nonequilibrium. 


Altitude,  km 


(c)  Lift/Drag. 


(c)  Species  mole  fraction  profiles  for  neutrals 
and  electrons  (ions  not  shown). 


Fig.  28  Aerodynamic  coefficient  variations  with  Fig.  29  Calculated  flowfield  structure  along  stagnation 

altitude  (AFE  vehicle,  FM  denotes  free-  streamline  of  AFE  for  Alt  =  90  km  and 

molecule  value).  ^  Vqo  =  9.9  km/s.^^ 


(d)  Electron  number  density  profiles. 

Fig.  29  Calculated  flowfield  structure  along  stagnation 
streamline  of  AFE  for  Alt  =  90  km  and 
Voo  =  9.9  km/s.5'^ 


(c)  Species  mole  fraction  profiles  for  neutrals 
and  electrons  (ions  not  shown). 
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(b)  Incidence  =  10". 


Fig.  33 


Low-density  test  conditions  in  terms  of  the 


rarefaction  parameter  M  oo 


(c)  Incidence  =  20-. 

Fig.  34  Heat  transfer  coefficient  distributions  for  CNRS 
test  condition  2.  (R^  =  2.5  cm).^^ 


(a)  Incidence  =  0".  Fig.  35  Comparison  of  SR3  experimental®  and  DSMC^ 

heating  rate  results  (Rj,  =  1-25  cm  and  a  =  0°). 


O  Experiment 
□  DSMC 


(b)  Pressure. 


(a)  Drag  coefficient. 


Fig.  37  Comparison  of  experimental®^  and  DSMC^ 
results  for  LENS  test  (Rn  =  3.81  cm). 
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Fig.  38  Computed  surface  heating  rate  distribution 
for  a  70°  blunted  cone  in  air  (Alt  =  85  km, 
Va,  =  7.0  km/s,  Rn  =  0.5  m).^ 
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Fig.  39  Magellan  spacecraft  configuration. 


Fig.  40  Skipper  orbital  and  reentry  mission. 
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Free  stream  density,  kg/m^ 

Fig.  41  Calculated  radiance  levels  in  the  230  ±  25  nm 
photometer  passband.'^' 


Dimensions  in  mm 


Fig.  42  OREX  configuration. 
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Elapsed  time  after  launch,  s 
(a)  Fine  range. 

Fig.  43  OREX  axial  acceleration  at  high  altitude.^® 


Acceleration, 
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Elapsed  time  after  launch,  s 
(b)  Coarse  range. 


I/Kn^ 


Fig.  43  OREX  axial  acceleration  at  high  altitude.^^ 


Fig.  44  Effect  of  pyrolysis  injection  on  Galileo  probe  drag 
coefficient.^®^ 
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Real  Gas:  CFD  Prediction  Methodology 
Flow  Physics  for  Entry  Capsule  Mission  Scenarios 

by 


George  S.  Deiwert 
Space  Technology  Division 

NASA  Ames  Research  Center,  Moffett  Field,  California  94035 
United  States 


SUMMARY 

Mission  and  concept  studies  for  space  exploration  are 
described  for  the  purpose  of  identifying  flow  physics  for  entry 
capsule  mission  scenarios.  These  studies  are  a  necessary 
precursor  to  the  development  and  application  of  CFD 
prediction  methodology  for  capsule  aerothermodynamics.  The 
scope  of  missions  considered  includes  manned  and  unmanned 
cislunar  missions,  missions  to  the  minor  planets,  and  missions 
to  the  major  planets  and  other  celestial  objects  in  the  solar 
system. 


VEHICLE  CONCEPTS  FOR  SPACE  EXPLORATION 
MISSIONS 

To  develop  and  apply  CFD  prediction  methodology  for  capsule 
aerothermodynamics  it  is  necessary  to  have  some  a  priori 
knowledge  of  the  expected  aerothermodynamic  flow 
environment.  This  will  permit  the  proper  choice  of  the  most 
appropriate  form  of  the  conservation  equations  to  be  solved  and 
the  proper  choice  of  phenomenological  models  and  gas 
properties  necessary  to  capture  the  critical  flow  environment 
features.  To  guide  detailed  CFD  studies  of  capsule 
aerothermodynamics  it  is  useful  to  first  perform  mission  and 
concept  studies  to  scope  the  important  flow  phenomena.  Such 
mission  and  concept  studies  can  be  performed  with  the  use  of 
simple  engineering  computational  techniques  and  empirical 
correlations. 

Space  exploration  mission  requirements  will  dictate  the  generic 
vehicle  configuration.  Illustrated  in  Fig.  1,  slender,  winged 
vehicles  with  high  L/D  will  be  required  when  the  maximum 
aeromaneuverability  is  required.  High  drag  bluff  vehicles  with 
low  L/D  will  be  required  when  maximum  deceleration  is 
required  such  as  for  direct  entry  aerobraking  or  aerocapture 
maneuvers.  Such  low  L/D  configurations  are  the  capsules 
which  are  the  subject  of  study  in  this  special  course.  By  the 
very  nature  of  their  use  they  will  generate  significant 
aerothermal  loads  as  they  are  used  to  convert  the  kinetic  energy 
of  the  capsule  in  to  thermal  energy  in  the  surrounding  medium. 
In  a  later  section  the  flow  features  of  this  thermally  excited 
environment  about  a  re-entry  capsule  will  be  discussed. 

For  the  present,  however,  it  is  useful  to  understand  some  of  the 
mission  drivers  for  space  exploration  which  require  entry 
capsules,  and  to  look  at  some  typical  mission  scenarios. 

Some  of  the  first  order  considerations  in  defining  an  entry 
capsule  are  determined  by  its  intended  use.  Summarized  in 
Table  I  are  just  some  of  the  more  obvious  major  considerations. 
First  is  the  decision  of  whether  the  capsule  is  to  be  manned  or 


just  a  cargo  carrier.  Design  for  manned  flight  requires  stringent 
constraints  on  deceleration  (g)  loads,  missions  of  minimal 
duration  and  hence,  higher  speeds,  higher  factors  of  safety  to 
assure  adequate  design  tolerance  for  manned  missions,  etc. 
Another  major  consideration  is  reusability.  Expendable,  single 
use  vehicles,  such  as  the  Apollo  capsules,  can  be  designed  with 
ablative  heat  shields  and  will  experience  a  considerably 
different  aerothermal  environment  than  a  vehicle  that  is 
designed  for  multiple  use  and  long  life  cycle.  Such  reusable 
capsules  will  have  non-ablative,  reflective  heat  shields.  Another 
consideration  is  vehicle  size  and  associated  in-space 
construction  constraints.  Small  capsules  can  be  launched  in 
tact,  but  large  cargo  carrying  vehicles  will  require  some  in¬ 
space  construction. 

Table  I  Re-entry  Capsule  Design  Considerations 

Manned  or  Unmanned 
Reusable  or  Disposable 
Large  or  Small  Payload 
Atmospheric  Environmant 
GN&C  Maneuverability  (L/D) 

Entry  Speed  Range 

Guidance,  navigation  and  control  (GN&C)  considerations  will 
set  the  L/D  requirements  for  a  vehicle.  The  L/D,  in  turn, 
determines  the  flight  angle  of  incidence  which,  in  turn, 
determines  wake  impingement  angle.  The  vehicle  ballistic 
coefficient  determines  the  maximum  heating  and  dynamic 
pressure  loads,  and  the  heating  load  sizes  the  thermal  protection 
system  and  capsule  size  and  structure. 

Direct  entry  capsules  utilizing  ballistic  entry  trajectories  require 
very  little  GN&C  control  and  hence  can  be  designed  to 
maximize  drag  characteristics.  Aerobraking  or  aerocapture,  on 
the  other  hand,  will  require  somewhat  more  control  and  a 
variety  of  considerations  must  be  balanced  to  define  an  optimal 
configuration.  Shown  in  Fig.  2  is  a  schematic  illustrating  the 
concept  of  aerobrake  entry  corridor.  If  the  vehicle  flies  outside 
this  corridor,  or  if  its  lift  is  either  too  small  or  too  large,  the 
vehicle  will  either  crash  to  the  surface  or  skip  out  of  the  desired 
orbit.  As  the  vehicle  L/D  is  increased,  controllability,  and 
hence,  corridor  width  is  increased.  Increase  in  allowable  g-load 
and  in  allowable  maximum  temperature  also  lead  to  increased 
allowable  corridor  width.  Increased  entry  speed,  increased 
capture  orbit  energy,  and  uncertainties  in  atmospheric  density, 
however,  reduce  corridor  width. 

Perhaps  the  most  important  consideration  in  determining 
aerothermal  environment  is  the  mission  itself.  Missions 
involving  cislunar  space  will  differ  greatly  from  missions  to  the 
minor  planets,  missions  to  the  major  planets,  and  missions  to 
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other  solar  system  features  such  as  the  sun  and  comets.  Several 
typical  examples  of  mission  scenarios  are  given  below  to 
illustrate  the  influence  of  mission  requirements  on 
determination  of  aerothermal  environment: 


Cislunar  missions 

One  example  of  a  cislunar  mission  is  typified  by  the  direct  entry 
Apollo  missions  from  either  Earth  (entry  speed  about  10.5 
km/sec)  or  lunar  (entry  speed  about  1 1.5  km/sec)  orbits.  Here, 
a  relatively  small  expendable  capsule  is  flown  a  ballistic 
trajectory  directly  to  the  Earth’s  surface.  Because  it  is  manned, 
human  g-loads  were  a  constraint  on  the  maximum  deceleration. 
A  high  drag  (low  L/D)  configuration  was  utilized  to  maximize 
the  dissipation  of  kinetic  energy,  and  single-use  ablative  heat 
shields  were  utilized  to  dissipate  the  aerothermally  induced  heat 
loads  during  entry.  The  Apollo  capsules  themselves  were 
designed  with  large  safety  margins  due  to  lack  of  refined  design 
tools  and  the  overriding  concern  for  human  safety. 

Another  example  of  a  cislunar  mission,  which  will  require 
highly  refined  design  tools,  is  reusable  AeroSpace  Transfer 
Vehicles  (ASTVs).  ASTVs  would  be  space  freighters  for 
transporting  large  payloads  when  time  is  not  a  constraint  in  the 
mission  requirement.  ASTVs  would  use  aerobraking  to  perform 
orbit  change  maneuvers,  utilizing  aerodynamic  drag  in  the  far- 
outer  extent  of  the  atmosphere  to  alleviate  surface  heat  fluxes 
and  pressure  forces,  therefore  minimizing  weight  penalties  for 
the  aero-assist  apparatus.  Extensive  design  and  mission- 
performance  analyses  for  operations  encompassing  cislunar 
space  have  been  performed  in  recent  years  for  ASTV  designs  in 
this  category.  A  typical  near-Earth  orbital  transfer  mission 
would  be  between  a  geosynchronous  Earth  orbit  (GEO,  35,841 
km  altitude)  and  an  equatorial  LEO.  The  location  of  a  space 
station  at  GEO  is  a  future  probability,  and  low-cost  orbital- 
change  maneuvers  between  GEO  and  LEO  (or  Space  Shuttle 
orbits)  for  personnel  and  material  will  be  a  requirement.  The 
advantages  of  aerobraking  provide  substantial  savings  in 
propulsion  fuel  mass  for  this  mission.  This  is  illushated  in  Fig. 

3  by  a  typical  mission  profile  for  a  single-pass  ASTV 
maneuvering  between  GEO  and  equatorial  LEO.  Multiple 
passes  are  possible  and  appropriate  for  unmanned  missions. 

The  constraints  on  the  mission  are  a  re-entry  mass  of  12  tons  (to 
conform  with  other  studies)  and  the  use  of  a  liquid  rocket 
engine  with  a  specific  impulse  of  420  sec  to  make  the  ASTV 
reusable  and  refuelable.  The  mission  scenario  is  as  follows:  1) 
the  ASTV  with  initial  mass  of  30  tons  (the  approximate  capacity 
of  the  Space  Shuttle  cargo  bay)  is  inserted  into  LEO;  2)  a 
propulsive  thrust  of  2395  m/sec  is  required  to  transfer  from 
circular  LEO  to  and  elliptical  orbit  with  apogee  at  GEO  and 
perigee  at  LEO;  3)  this  consumes  a  propulsion  fuel  mass  of 
about  45%  of  the  initial  ASTV  total  mass;  4)  a  propulsive  thrust 
of  1456  m/sec  is  required  to  achieve  the  circular  GEO  from  the 
elliptic  transfer  orbit;  5)  this  maneuver  consumes  an  additional 
30%  of  the  initial  ASTV  mass;  6)  a  payload  of  5.5  tons  is 
picked  up  for  tr  ansfer  to  LEO  so  that  a  re-entry  mass  of  12  tons 
will  be  obtained  subsequently;  7)  a  retropropulsive  thrust  of 
1490  m/sec  is  required  for  transfer  to  an  elliptical  orbit  with 
perigee  in  Earth's  atmosphere  to  take  advantage  of  aerodynamic 
braking;  8)  this  maneuver  expends  30%  of  the  remaining  ASTV 
mass  in  fuel  and  provides  the  desired  re-enh-y  mass  of  12  tons; 

9)  aerodynamic  braking  occurs  with  the  ASTV,  achieving  a  new 
elliptical  orbit  with  apogee  at  LEO;  and  10)  a  final  small 
propulsive  thi'ust  of  90  m/sec  is  required  for  insertion  into  LEO, 
which  burns  a  fuel  mass  of  2.5%.  Thus,  aerobraking  conserves 
essentially  all  of  the  fuel  mass  that  would  be  required  for  return 
to  LEO  using  all-propulsive  maneuvers,  which  is  about  45%  of 
the  ASTV  mass  (the  difference  between  steps  2  and  10). 


Manned  Mars  Missions 

Recent  studies  of  manned  exploration  missions  to  Mars  have 
considered  four  different  scenarios.  These  include  a  short,  330 
day,  "sprint"  mission,  a  medium  length,  nominal  500  day 
mission,  a  long,  nominal  1000  day  mission,  and  a  cycler 
mission.  Each  of  these  missions  demands  multiple  vehicles  and 
will  involve  entry  and  aerocapture  maneuvers  both  at  Mars  and 
at  Earth  on  the  return.  Entry  velocities  both  at  Mars  and  at 
Earth  can  vary  greatly  depending  on  the  mission  duration  and 
whether  the  aerocapture  vehicle  is  manned  or  unmanned. 

Shown  in  Fig.  4  are  Mars  and  Earth  entry  velocity  envelopes  for 
various  missions.  For  Mars  aerocapture  the  highest  entry 
velocities  will  be  experienced  by  the  cycling  missions  followed 
by  the  sprint  down  to  the  1000  day  mission  having  the  lowest 
approach  speeds,  which  increases  as  transit  time  decreases.  For 
the  Earth  return,  all  the  approach  speeds  are  greater  than  those 
for  cislunar  missions. 

A  sprint  mission  scenario  is  illustrated  in  Fig.  5.  Here  an 
advanced  unmanned  vehicle  with  an  initial  mass  of  2040  tons  is 
sent  on  a  low  energy  trajectory  with  an  initial  thrust  from  Earth 
orbit  of  4.4  km/sec,  requiring  the  expenditure  of  1317  tons  of 
fuel.  This  723  ton  vehicle  would  arrive  at  Mars  in  259  days 
with  an  approach  velocity  of  5.7  km/sec  for  aerocapture  into  an 
orbit  around  Mars.  The  atmosphere  of  Mars  consists  essentially 
of  carbon  dioxide  with  small  amount  of  nitrogen  and  trace 
amounts  of  argon.  This  vehicle  would  be  followed  by  a  smaller, 
manned  vehicle  with  an  initial  mass  of  1240  tons  thrust  from 
Earth  orbit  at  10.2  km/sec.  This  would  require  1117  tons  of  fuel 
leaving  a  123  ton  vehicle  approaching  Mars  150  days  later  at  a 
speed  of  14.6  km/sec.  This  vehicle  will  be  aerocaptured  and 
docked  with  the  larger  unmanned  vehicle  already  in  Mars  orbit. 
From  this  docking  orbit,  a  smaller,  manned  entry  vehicle  will  be 
sent  to  land  on  the  Martian  surface.  After  30  days  the  Mars 
lander  would  return  to  the  docking  orbit  in  preparation  for  the 
return  of  the  crew  to  Earth.  The  manned  Earth  return  vehicle 
will  leave  the  Mar  tian  orbit  with  an  initial  mass  of  485  tons  and 
a  thrust  of  8.3  km/sec,  requiring  442  ton  of  fuel.  The  43  ton 
return  vehicle  will  reach  the  vicinity  of  Earth  150  days  later,  at 
which  time  a  5  ton  manned  capsule  will  be  jettisoned  for  Earth 
aerocapture  with  an  entry  speed  of  13.8  km/sec.  The  remaining 
unmanned,  expendable  38  ton  return  vehicle  would  continue  on 
in  space. 


Giant  Planet  Missions 

Mission  scenarios  to  the  giant  planets  include  1)  the  Galileo 
probe  which  will  be  on  a  direct  entry  ballistic  trajectory  through 
the  atmosphere  of  Jupiter  (primarily  hydrogen  and  helium)  with 
an  entry  speed  of  about  48  km/sec  and  a  mass  of  338  kg  as 
illustrated  in  Fig.  6.  This  capsule  probe  has  an  ablative  heat 
shield  (which  comprises  43%  of  the  probe's  total  mass),  has 
been  launched,  and  is  scheduled  to  arrive  at  Jupiter  on  Dec.  7, 
1996.  2)  The  Cassini  mission  to  Saturn  includes  the  Huygens 
probe  which  will  directly  enter  the  atmosphere  of  Saturn's  moon 
(composed  of  nitr  ogen,  methane  and  argon).  Titan,  at  a  speed  of 
about  5.75  to  6.5  km/sec.  as  illustrated  in  Figs.  7  and  8.  3)  A 
probe  to  the  planet  Neptune  has  been  proposed  that  would  enter 
the  atmosphere  (comprised  primarily  of  hydrogen  (81%)  and 
helium  (19%))  directly  at  a  speed  of  24.5  km/sec.,  illustrated  in 
Fig.  9.  At  these  conditions  the  flow  will  be  turbulent  and,  in  the 
light-gas  atmosphere,  radiation  will  not  be  a  consideration.  A 
similar  study  has  been  performed  for  the  planet  Uranus,  also 
illustrated  in  Fig.  9. 

Other  Mi.ssions 
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Other  missions  would  include  visits  to  other  solar  systen 
members  and  return  to  Earth.  For  example,  the  proposed  comet 
nucleus  sample  return  mission,  illustrated  in  Fig.  10,  would 
return  to  Earth  with  an  entry  speed  of  15.5  km/sec.  Here  the 
heating  rates  would  be  radiation  dominated  and  quite  high,  the 
order  of  3  kw/cm^. 

FLOW  PHYSICS 

The  purpose  of  outlining  the  above  example  mission  scenarios 
is  to  provide  the  basis  for  illustrating  the  vast  differences  in 
flow  physics,  and  hence  aerothermal  environment,  that  must  be 
considered  in  developing  and  applying  CFD  analysis  methods  to 
analyze  and  describe  the  aerothermodynamics  for  the  respective 
capsules.  While  it  may  be  possible  to  attempt  to  devise  a 
universal  prediction  methodology  that  could  be  used  for  all 
possible  mission  scenarios,  it  is  more  practical  to  first  identify 
the  important  physical  processes  and  to  apply  simpler  CFD 
methods  and  models  that  are  tailored  to  describe  the  essential 
processes  for  a  particular  application. 

Major  differences  exist  between  the  atmospheres  of  celestial 
objects  in  our  solar  system.  The  atmospheric  composition  of 
Earth  is  fairly  well  known.  The  atmosphere  of  Mars,  which 
consists  primarily  of  carbon  dioxide  at  a  relatively  low 
barometric  pressure,  is  also  fairly  well  defined,  although  there 
are  observed  seasonal  variations.  Carbon  dioxide  is  a  tii-atomic 
gas  and  exhibits  substantially  different  radiative  characteristics 
than  observed  in  air.  Also,  the  Martian  atmosphere  is  subject  to 
major  dust  storms  that  can  significantly  affect  the  aerothermal 
environment  about  a  vehicle.  The  atmospheres  of  the  major 
planets  are  comprised  primarily  of  helium  and  hydrogen  which 
are  not  strong  radiators. 

Considering  only  Earth  entry  missions,  a  variety  of  flight 
environments  can  be  identified.  Shown  in  Fig.  1 1  is  a 
comparison  of  vehicle  flight  regimes  in  Earth's  atmosphere. 

The  direct  entry  Apollo  trajectory  is  seen  to  pass  rapidly 
through  the  high  altitude  regime  where  ionization  effects  may 
be  important.  The  space  craft  experiences  the  bulk  of  its 
deceleration,  and  hence  aerothermal  heating,  in  the  lower 
atmosphere  (about  40  km  altitude)  where  the  flow  is  continuum 
and  radiation  from  the  bow-shock  layer  is  in  equilibrium.  A 
reusable  ASTV  undergoing  an  aeropass  maneuver,  however, 
has  its  trajectory  in  the  upper  atmosphere  where  the  gas  is  less 
dense  and  nonequilibrium  processes,  including  radiation,  are 
important.  A  vehicle  returning  from  Mars,  or  the  far  solar 
system,  on  the  other  hand,  flies  a  significant  part  of  its  trajectory 
in  the  lower  altitude  (about  50-65  km)  where  the  shock  layer 
gas,  while  in  equilibrium,  is  highly  ionized.  Peak  heating  is 
expected  to  occur  in  this  regime  as  the  high  kinetic  energy  of 
the  vehicle  is  being  converted  to  thermal  energy. 

A  schematic  which  illustrates  the  difference  in  shock  layer 
physics  between  an  ASTV  cislunar  mission  and  a  Mars  return 
mission  is  shown  in  Fig.  12.  Here,  a  typical  ASTV  entry  speed 
is  about  10  km/sec  at  an  altitude  of  80  km.  The  gas  is  heated  as 
it  passes  through  the  bow  shock,  and  at  that  altitude  the  density 
is  low  enough  that  the  shock  layer  is  essentially  in 
thermochemical  nonequilibrium  and  the  boundary  layer  is 
laminar.  Ionization  levels  will  be  small,  <  1%)  and  the  radiation 
from  the  shock  heated  gas  cap  will  be  nonequilibrium  and  will 
provide  a  heat  flux  to  the  surface  comparable  to  the  convective 
heat  load. 

A  capsule  on  return  from  Mars,  however,  will  be  characterized 
by  a  speed  greater  than  12  km/sec.  at  an  altitude  of  about  65  km. 
Here  the  gas  behind  the  bow  shock  will  be  essentially  in 
equilibrium  as  will  the  gas  cap  radiation.  At  the  high  kinetic 
energy  associated  with  the  higher  speed  entry,  however,  there 


will  be  substantial  levels  of  ionization  (up  to  30%).  Radiative 
heating  will  be  quite  high  and  will  dominate  the  total  heating  to 
the  space  craft.  Ablative  heat  shields  will  be  required  to 
accommodate  the  high  radiative  heat  loads  and  will,  in  turn, 
create  a  highly  turbulent  flow  near  a  rough  ablating  surface. 

The  ablation  products  will  affect  the  gas  composition  near  the 
capsule  surface  and  in  the  wake. 

A  table  has  been  assembled.  Table  H,  which,  in  a  qualitative 
sense,  characterized  some  of  the  important  capsule  aerobraking 
parameters  and  essential  flow  physics  for  typical  cislunar  and 
Mars  missions.  Included  is  a  recently  considered  ASTV  flight 
experiment,  AFE  (Aero-assist  Flight  Experiment),  direct  entry 
lunar  return,  unmanned  Mars  return  (reusable),  manned  Mars 
return  (expendable  capsule),  unmanned  Mars  aerocapture,  and 
manned  Mars  aerocapture.  Listed  aerobraking  parameters  and 
flow  features  include  entry  speed,  altitude  at  maximum 
deceleration  which  corresponds  closely  with  peak  heating, 
stagnation  pressure,  convective  and  radiative  peak  heating, 
required  TPS,  shock  layer  ionization  level,  fraction  of  shock 
layer  thickness  in  nonequilibrium  state,  and  boundary  layer 
character.  Also  identified  are  important  physical  issues  such  as 
radiation/ablation  interaction,  wall  catalysis,  and  boundary  layer 
transition.  It  can  be  seen  from  this  table  that  the  gamut  of 
physical  phenomena  associated  with  capsule 
aerothermodynamics  is  quite  large  and  that  the  only  viable 
means  to  reduce  analysis  requirements  and  optimize  designs 
using  the  most  refined  CFD  tools  is  to  consider  problems  on  a 
mission  by  mission  basis. 

CFD  CONSIDERATIONS 

To  treat  all  pos.sible  mission  scenarios,  CFD  tools  must  be 
developed  that  account  for  flow  reghnes  that  range  from  free 
molecular  through  transitional  to  continuum.  Turbulent  flows, 
including  transitional  flows  and  flows  with  massive  wall 
turbulence  can  be  encountered,  as  well  as  unsteady  phenomena. 
Real  gas  phenomena  will  encompass  thermal  and  chemical 
equilibrium  and  nonequilibrium  processes  and  ionization. 
Aerodynamic  heating  will  be  due  both  to  convective  and 
radiative  (equilibrium  and  nonequilibrium)  processes,  and 
material  responses  will  include  catalycity,  gas/surface 
accommodation,  ablation  and  transpiration.  Complex  flow 
features,  such  as  shock/shock,  shock/surface,  vortex,  and  shear 
layer  interactions  may  also  be  encountered.  And  finally,  gas 
properties  (thermodynamic,  transport,  reaction  rates  and  cross 
sections,  and  energy  exchange  mechanisms)  for  the  various 
atmospheric  compositions  and  shock  heated  states. 

CFD  methods,  themselves  can  range  in  complexity  from  fairly 
simple  one-dimensional  engineering  analysis  methods  and 
correlations,  to  viscous  shock  layer  methods,  to  Euler  plus 
boundary  layer  methods,  to  parabolized  Navier-Stokes  and 
Reynolds-averaged  Navier-Stokes  methods.  Multiple  species 
and  multiple  energy  modes  (temperatures)  will  require  their 
own  conservation  equations,  and  phenomenological  models 
describing  species  production  and  depletion  and  energy 
exchange  processes  will  be  required  in  addition  to  transport 
models  for  mass  momentum  and  energy  require  definition. 

Once  the  equation  set  and  phenomenological  models  have  been 
selected  to  analyze  a  given  vehicle  class  for  a  given  mission 
scenario,  a  numerical  scheme  (algorithm)  must  be  employed  to 
solve  the  equations.  Validation  of  these  models  and  simulations 
must  rely  on  critical  experiments.  The  development  of  full 
flow-field  equations,  a  solution  algorithm,  illustrative  examples, 
and  validation  expeiiments  and  processes  are  the  subject  of 
subsequent  sections  of  this  course. 
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Fig.  1  Typical  re-entry  configurations:  L/D  vs.  Ballistic  Coefficient  for  5000  kg  mass 
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Fig.  3.  Mission  schematic  for  ASTV  in  coplanar  maneuver 
between  LEO  and  GEO.  (Masses  computed  for  isp  =  420  sec) 
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Fig.  7  Cassini  mission  spacecraft  maneuvers  from  Saturn  orbit  insertion  to  Titan  encounter 
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Fig.  8.  Cassini  mission  Titan  probe  entry  and  descent  scenario 


MAIN  CHUTE 
DEPLOYED 


IMPACT  ON  SURFACE 


-  SURFACE  PHASE  - 
DURATION:  >  2  MIN 


STAG.  PT.  HEATING  RATE  (kW/cm2) 


-  Stag,  pt 

- Tangency  pt. 


Fig.  10,  Comet  sample  return  vehicle  "cold  wall"  heating  rates 


6-8 


km/sec 


Fig.  1 1  Comparison  of  vehicle  flight  regimes  in  Earth's  atmosphere 
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Table  11.  Aerobraking  Parameters  for  Space  Exploration  Missions 


IVliSSION 

AFE 

LUNAR 

RETURN 

MARS 

RETURN 

REUSABLE 

MARS 

RETURN 

CAPSULE 

MARS 

ENTRY 

UNMANNED 

MARS 

ENTRY 

MANNED 

ENTRY  SPEED  (kni/sec) 

1  0 

1  1 

1  3 

1  4 

6  to  8 

7  to  9 

DECELERATION  ALTITUDE  (km) 

75 

75 

GO 

65 

40 

40 

STAGNATION  PRESSURE  (atm) 

0.03 

0.05 

0.20 

0.30 

0.1  to  0.15 

0.1  to  0.2 

PEAK  HEATING  (Conv/Rad)  (w/cm2) 

/lO  /  7 

50  /  30 

150  /  500 

500  /  900 

100  /  10 

100/10  (UD=1) 
30/50  (L/D=.3) 

THERMAL  PROTECTION  SYSTEM 

Reflective 

Reflective 

or  Ablating 

Ablating 

Ablating 

Reflective 

or  Ablating 

Reflective 

or  Ablating 

%  IONIZATION 

0.5  to  1 

5  to  10 

1  5 

25 

0  to  1 

0  to  2 

NONEQUILIBRIUM  STANDOFE  % 

0.-1 

0.2 

0.2 

0.1 

Large 

Large 

BOUNDARY  LAYER  CHARACTER 

Laminar 

Laminar 

Turbulent 

Lam  /  Turb 

Turbulent 

Turbulent 

IMPORTANT  PHYSICS 

RADIATION/ADLATION  INTERACTION 

None 

Small 

Large 

Large 

Small 

Small 

WALL  CATALYSIS 

Yes 

Yes 

No 

No 

Yes 

Yes 

BOUNDARY  LAYER  TRANSITION 

No 

No 

Yes 

Yes 

Yes 

Yes 
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INTRODUCTION 

The  flow  behind  the  shock  wave  formed  around  objects  which 
fly  at  hypervelocity  behaves  differently  from  that  of  a  perfect 
gas.  Molecules  become  vibrationally  excited,  dissociated,  and 
ionized.  The  hot  gas  may  emit  or  absorb  radiation.  When  the 
atoms  produced  by  dissociation  reach  the  wall  surface, 
chemical  reactions,  including  recombination,  may  occur.  The 
thermochemical  phenomena  of  vibration,  dissociation, 
ionization,  surface  chemical  reaction,  and  radiation  are  referred 
to  commonly  as  high-temperature  real-gas  phenomena.  The 
phenomena  cause  changes  in  the  dynamic  behavior  of  the  flow 
and  the  surface  pressure  and  heat  transfer  distribution  around  the 
object. 

The  character  of  a  real  gas  is  described  by  the  internal  degrees 
of  freedom  and  state  of  constituent  molecules;  nitrogen  and 
oxygen  for  air.  The  internal  energy  states,  rotation,  vibration 
and  electronic,  of  the  molecules  are  excited  and,  in  the  limit,  the 
molecular  bonds  are  exceeded  and  the  gas  dissociated  into 
atomic  and,  possibly,  ionic  constituents.  The  process  of  energy 
transfer  causing  excitation,  dissociation  and  recombination  is  a 
rate  process  controlled  by  particle  collisions.  Binary,  two-body, 
collisions  are  sufficient  to  cause  internal  excitation,  dissociation 
and  ionization  while  three-body  collisions  are  required  to 
recombine  the  particles  into  molecular  constituents.  If  the  rates 
of  energy  transfer  are  fast  with  respect  to  the  local  fluid  dynamic 
time  scale  the  gas  is  in,  or  nearly  in,  equilibrium.  If  the  energy 
transfer  rates  are  very  slow  the  gas  can  be  described  as  frozen. 
In  all  other  instances,  wherein  any  of  the  energy  exchange  rates 
are  comparable  to  the  local  fluid  time  scale,  the  gas  will  be 
thermally  or  chemically  reacting  and  out  of  equilibrium. 

Each  of  the  definitive  states  of  a  real  gas,  equilibrium,  frozen, 
reacting,  can  be  applied  to  a  gas  undergoing  compression  and 
heating,  such  as  the  gas  flowing  through  a  strong  shock  ahead  of 
a  bluff  body,  or  to  an  expanding  and  cooling  gas,  such  as  a  gas 
flowing  away  from  a  stagnation  region  of  a  bluff  body  or  a  gas 
expanding  into  a  base  region.  In  the  first  case  the  gas  will  be 
thermally  excited  and  dissociate  and  ionize;  in  the  second,  the 
atomic  constituents  will  recombine  and  internal  energy  states 
will  relax  to  lower  energy  levels. 

A  real  gas  implies  the  existence  of  any,  or  all,  of  the  above 
states.  This  includes  the  possibility  that  a  real  gas  can  look 
identical  to  a  perfect  gas  or  a  chemically  frozen  gas.  In  a  real 
gas  flow  the  model  scale  is  a  primary  parameter.  The  possibility 
exists  to  generate  a  spectrum  of  "real  gas"  test  conditions  at  a 
single  geometrically  similar  test  point.  These  flows  can  vary 
from  frozen  to  equilibrium  flow. 

In  the  limit  of  chemically  frozen  flow  there  is  little  value  to  "real 
gas"  experimentation  on  the  nose  region;  if  the  flow  is  frozen  at 
the  stagnation  point  it  will  remain  frozen  as  it  expands  about  the 
blunt  nose  and  over  the  afterbody  where  it  may  equilibrate. 
Nose  region  information  for  such  a  flow  will  be  identical  to 


perfect  gas  wind  tunnel  results  and  can  be  predicted  reliably 
within  the  limits  of  our  knowledge  of  thermodynamic  and 
transport  properties.  Afterbody  data,  however,  may  be  of 
somewhat  greater  interest,  particularly  data  describing  flow  over 
secondary  surfaces  which  may  induce  further  chemical  activity. 

Similarly  for  chemical  equilibrium  flow,  "real  gas"  experiments 
are  not  required.  In  this  case,  the  extrapolation  from  a  perfect 
gas  to  a  real  gas  is  straightforward,  involving  appropriate 
thermodynamic  and  transport  properties  for  the  reacting  gas 
species. 

Between  the  two  limits,  in  the  region  of  reacting  gas  flows,  is 
the  greatest  uncertainty  and  the  greatest  need  for  test  data. 
Facilities  required  for  CFD  validation  of  high  enthalpy  flows, 
and  for  developing  and  verifying  phenomenological  models,  are 
devices  capable  of  generating  a  reacting  gas  flow  over 
configurations  of  interest  and  must  have  sufficient  diagnostics  to 
describe  the  character  and  behavior  of  the  flow. 

Ground  facilities  which,  although  they  have  serious  limitations 
in  simulating  full  scale  flight  conditions,  are  capable  of 
examining  selected  aspects  which  are  expected  to  be  vital  to 
success  in  the  full-scale  flights.  Theoretical  analyses  of  the  real- 
gas  phenomena,  based  on  quantum  and  statistical  mechanics, 
require  experimental  verification  in  order  to  assure  that  the 
analyses  correctly  account  for  all  vital  phenomena.  The  ground- 
test  facilities  offer  the  advantage  of  observations,  such  as  optical 
flow  visualization,  which  are  impractical  in  actual  flight.  For 
these  reasons  impulse  tunnels,  which  include  shock  tubes, 
shock-tube  wind  tunnels  (shock  tunnels),  and  hot-shot  wind 
tunnels  (hot-shot  tunnels),  ballistic  ranges,  and  arc-jet  wind 
tunnels,  have  been  built  and  operated  since  the  1960s.  The 
experiments  made  therein  have  been  effective  in  verifying  to  a 
first-order  the  results  of  some  of  the  theoretical  works.  But 
neither  analysis  nor  test  has  approached  the  level  of  maturity 
achieved  by  those  for  the  lower  flight  speed  ranges. 

REAL  GAS  FLOW  PHYSICS 
Forebody  Heating/Heat  Transfer 

Real  gas  thermochemical  nonequilibrium  processes  are 
important  in  the  determination  of  aerodynamic  heating;  both 
convective  (including  wall  catalytic  effects)  and  radiative 
heating.  To  illustrate  this  we  consider  the  hypervelocity  flow 
over  a  bluff  body  typical  of  an  atmospheric  entry  vehicle  or  an 
aerospace  transfer  vehicle  (ASTV.) 

The  qualitative  aspects  of  a  hypersonic  flow  field  over  a  bluff 
body  are  discussed  in  two  parts,  forebody  and  afterbody,  with 
attention  to  which  particular  physical  effects  must  be  included  in 
an  analysis.  This  will  indicate  what  type  of  numerical  modeling 
will  be  adequate  in  each  region  of  the  flow. 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  "Capsule  Aerothermodynamics” ,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 


7-2 


A  bluff  forebody  flow  field,  illustrated  schematically  in  Fig.  1., 
is  dominated  by  the  presence  of  the  strong  bow  shock  wave  and 
the  consequent  heating,  and  chemical  reaction  of  the  gas.  At 
high  altitude  hypersonic  flight  conditions  the  thermal  excitation 
and  chemical  reaction  of  the  gas  occur  slowly  enough  that  a 
significant  portion  of  the  flow  field  is  in  a  state  of  thermo - 
chemical  nonequilibrium.  A  second  important  effect  is  the 
presence  of  the  thick  boundary  layer  along  the  forebody  surface. 
In  this  region  there  are  large  thermal  and  chemical  species 
gradients  due  to  the  interaction  of  the  gas  with  the  wall.  Also  at 
high  altitudes  the  shock  wave  and  the  boundary  layer  may 
become  so  thick  that  they  merge;  in  this  case  the  entire  shock 
layer  is  dominated  by  viscous  effects. 

A  gas  is  in  thermal  nonequilibrium  if,  for  a  given  density  and 
internal  energy,  it  is  in  a  thermodynamic  state  where  the  internal 
energy  modes  cannot  be  characterized  by  a  unique  temperature, 
and  is  in  chemical  nonequilibrium  if  its  chemical  state  does  not 
satisfy  chemical  equilibrium  conditions.  As  was  asserted  above, 
a  portion  of  the  forebody  flow  field  is  in  thermo-chemical 
nonequilibrium.  This  can  be  seen  by  considering  the  trajectory 
of  a  control  volume  of  air  that  enters  the  shock  layer.  The 
translational  modes  of  this  volume  of  gas  are  heated  strongly  as 
it  passes  through  the  bow  shock  wave.  The  translational  modes 
transfer  their  energy  to  the  other  internal  energy  modes  of  the 
molecules  through  inter-molecular  collisions.  Also  chemical 
reaction  of  the  gas  species  occur  such  as  dissociation  and 
ionization.  These  processes  require  a  series  of  intermolecular 
collisions  for  equilibrium  to  be  reached.  Thus  as  the  volume 
element  of  gas  is  convected  through  the  shock  layer,  these 
energy  exchanges  and  chemical  reactions  occur  at  a  finite  rate 
until,  at  some  point  on  the  streamline,  equilibrium  is  achieved. 
Therefore,  there  will  be  significant  thermo-chemical 
nonequilibrium  near  the  bow  shock  wave  and  equilibrium  will 
be  approached  a  large  distance  along  the  fluid  element's 
pathline.  The  rate  at  which  equilibration  is  realized  is  dependent 
on  the  free-stream  density  and  speed,  or  altitude  and  Mach 
number.  A  parameter  that  quantifies  the  degree  of  chemical 
nonequilibrium  for  a  particular  condition  is  the  Damkohler 
number,  the  ratio  of  the  fluid  time  scale  to  the  chemical  time 
scale;  a  similar  parameter  may  be  derived  for  the  relaxation  of 
energy  modes. 

The  second  important  effect  in  the  forebody  region  is  the 
interaction  of  the  wall  with  the  thermally  excited  and  reacted  gas 
in  the  boundary  layer.  At  the  high  altitudes  the  Reynolds 
number  is  relatively  small  (typically  on  the  order  of  10'^  based 
on  free-stream  conditions  and  nose  radius).  Thus  the  boundary 
layer  will  be  thick  and  viscous  effects  will  dominate  much  of  the 
flow  field.  Also,  as  the  boundary  layer  is  influenced  by  the  cool 
wall,  chemical  reactions  can  be  slowed  or  halted  in  the  vicinity 
of  the  wall.  The  wall  can  also  interact  chemically  with  the  flow 
field  due  to  catalytic  effects  that  promote  the  recombination  of 
reacted  species  at  the  wall.  Thus  the  inclusion  of  viscous  effects 
for  hypersonic  bluff  forebody  flow  field  analyses  is  mandatory. 
At  high  altitudes,  the  usual  assumption  of  perfect  thermal 
accommodation  and  no-slip  at  the  wall  breaks  down.  Therefore, 
for  some  conditions,  temperature  and  velocity  slip  effects  must 
also  be  included. 

Lee  and  Base  Flow 

The  flow  about  an  afterbody,  illustrated  in  Fig.  2.,  is  dominated 
by  two  phenomena;  the  presence  of  the  rapid  expansion  as  the 
highly  compressed  gas  flows  around  the  shoulder  of  the  vehicle 
and  the  related  initiation  of  separation  of  the  gas  near  the  vehicle 
corner.  These  two  effects  require  specific  modeling  approaches 
and  capabilities. 


The  expansion,  which  is  dominated  by  inviscid  effects,  has  the 
effect  of  rapidly  lowering  the  translational  temperature,  density 
and  pressure  of  the  gas.  However,  the  chemical  state  of  the  gas 
and  the  temperatures  that  characterize  the  energy  in  the  internal 
modes  will  tend  to  remain  constant,  or  frozen.  This  results  in  a 
flow  where  the  vibrational  and  electronic  temperatures  of  the 
gas  are  far  higher  than  the  translational  temperature  and  where 
the  gas  is  more  dissociated  and  excited  than  predicted  by 
equilibrium  conditions.  As  the  gas  flows  downstream, 
recombination  occurs  slowly  and  the  vibrational  temperature 
rises  still  higher;  a  result  of  a  portion  of  the  chemical  energy  of 
recombination  being  put  into  the  higher  vibrational  modes  of  the 
gas.  This  can  cause  the  gas  to  radiate  significantly  in  the 
afterbody  region.  Another  important  effect  present  in  the 
inviscid,  expanded  region  is  the  presence  of  species  gradients 
across  the  wake.  This  is  caused  by  some  portion  of  the  gas 
having  passed  through  a  relatively  weak  oblique  shock  wave 
where  reactions  are  weak,  and  another  part  of  the  gas  having 
passed  through  the  strong  forebody  shock  where  reactions  are 
strong.  Thus  the  gas  near  the  center  of  the  wake  tends  to  be 
more  dissociated  than  that  in  its  extremities  and  consequently  g, 
the  ratio  of  specific  heats,  var  ies  across  the  wake. 

A  second  inviscid  effect  associated  with  the  wake  structure  is 
the  presence  of  a  wake  shock.  As  the  flow  expands  around  the 
shoulder  of  the  vehicle,  some  of  it  is  directed  toward  the 
centerline  of  the  body.  However,  this  supersonic  flow  must 
change  direction  and  a  reflecting  shock  and  an  oblique  shock 
wave  is  formed.  The  gas  becomes  compressed  in  this  region, 
yet  the  vibrational  and  electronic  temperatures  remain  high  due 
to  freezing,  and  the  gas  may  radiate  significantly. 

The  location  of  the  separation  on  the  back  face  of  the  bluff  body 
is  affected  by:  the  state  of  the  boundary  layer  on  the  shoulder, 
the  Reynolds  number,  whether  the  flow  is  turbulent  or  laminar, 
the  ratio  of  specific  heats,  and  the  body  geometry.  For  many 
cases  of  interest,  particularly  at  high  altitude,  the  flow  can 
remain  attached  over  a  significant  portion  of  the  vehicle's 
afterbody.  The  location  of  separation  influences  the  dimension 
of  the  recirculation  zone  and  the  strength  of  the  shear-layer  that 
forms  between  the  recirculating  gas  and  the  external,  rapidly 
expanding,  supersonic  flow.  The  recirculation  zone  entrains  gas 
that  was  in  the  forebody  boundary  layer  which  was  cooled 
during  expansion  into  the  base  region,  but  remains  highly 
dissociated.  This  recirculation  zone  will  be  unsteady,  the 
magnitude  of  which  depends  on  how  the  shear-layer  behaves 
and  the  feedback  between  the  body  motion  and  the  state  of  the 
gas  in  the  separated  region. 

The  modeling  of  the  free  shear-layer  must  account  for  large 
gradients  of  velocity,  temperature,  density  and  species 
concentration  across  it,  and  for  the  possibility  that  the  flow  may 
be  turbulent  and  unsteady.  The  numerical  treatment  of  the 
problem  is  particularly  difficult  because  of  these  effects  and  also 
due  to  the  uncertain  location  of  this  structure. 

The  afterbody  flow  field  is  characterized  by  the  presence  of 
thermo-chemical  nonequilibrium,  large  gradients  in 
thermodynamic  quantities  and  chemical  state,  and  a  large 
separated  region.  The  combination  of  these  factors  stretches 
computational  fluid  dynamics  beyond  it  current  capabilities, 

GROUND  TEST  FACILITY  REQUIREMENTS 

Ground  Test  facilities  are  required  to  provide  meaningful  data 
for  the  real  gas  issues  previously  identified  are  discussed  with 
particular  emphasis  on  the  particular  merits  of  different  types  of 
facilities  and  their  capability  to  best  simulate  the  various 
aerothennodynamic  problems. 
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In  principle,  there  are  two  ways  to  create  relative  motion 
between  the  test  article  and  the  air;  accelerate  the  air  as  in  a 
shock  or  wind  tunnel  or  accelerate  the  model  as  in  a  ballistic 
range.  Both  techniques  are  being  employed  at  present  and  both 
are  needed  to  give  insight  into  real  gas  phenomena.  The  two 
concepts  can  be  combined  to  create  even  higher  relative  speeds 
whereby  a  large  shock  tunnel  can  be  utilized  to  provide 
counterflow  to  an  aeroballistic  range. 

Ballistic  ranges  represent  a  unique  capability  for  real  gas  testing 
of  configurations.  They  present  the  only  experimental  technique 
by  which  real  gas  viscous  interaction  effects  can  be  observed. 
Shock  tunnels,  because  of  the  nature  of  their  expansion  process, 
do  not  generate  sufficiently  high  test  Mach  numbers  where 
viscous  interaction  phenomena  would  be  important. 

To  date,  most  data  presented  from  ballistic  range  facilities  have 
been  integrated  aerodynamic  data  on  simple  geometric 
configurations.  Early  efforts  by  Welch ^  demonstrated  a 
significant  real  gas  effect  on  the  center-of-pressure  and  moment 
data.  More  recent  data  by  Strawa^"'*  continue  these  studies. 
Aerodynamic  coefficient  data  are  determined  through  the 
motions  of  the  model  down  the  length  of  the  tube.  Drag  and 
static  moment  can  be  determined  in  about  half  a  period  of 
motion,  lift  coefficient  requires  1.5  to  2  cycles,  and  damping 
coefficients  require  even  more.  Recent  advances  (Yates^)  in 
automated  data  taking  and  data  reduction  techniques  have 
resulted  in  significant  improvements  in  the  accuracy  of 
aerodynamics  coefficients  and  in  the  efficiency  through  which 
they  are  determined.  Validation  requires  not  only  such  overall 
aerodynamic  data  but  also  distributions  of  local  flow  field 
quantities  within  the  shock  and  boundary  layer  of  the  tested 
configuration. 

In-stream  flow  field  data  can  be  determined  from  in-flight 
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shadowgraphs  and  laser  holographic  interferometry”’ ' .  These 
data  provide  quantitative  information  on  shock  shape  and 
position,  turbulence  onset,  and  instream  density  variation  and 
provide  complementary  data  to  the  integrated  aerodynamics 
coefficients  to  provide  data  for  CFD  validation  purposes.  An 
obvious  advantage  of  ballistic  range  testing  is  that  the  free 
stream  is  accurately  characterized  and  can  precisely  simulate  the 
flight  environment. 

Shock  tunnels,  including  expansion  tube/tunnels,  currently  offer 
the  only  means  of  producing  both  the  total  enthalpy  and  pressure 
levels  representative  of  flight  beyond  Mach  10.  Shock  tubes 
and  shock  tunnels  do  not  precisely  simulate  flight  environment, 
however,  and  flow  accelerated  test  facilities  require  the  free 
stream  to  be  defined.  In  supersonic  test  facilities  this  has  been 
accomplished  through  the  use  of  isentropic  flow  expansion 
models.  However,  real  gas  accelerations  are  not  isentropic. 
Realistic  CFD  models  of  the  expansion  process  must  be  used  in 
conjunction  with  critical  (but  not  exhaustive)  instrumentation  to 
fully  define  the  free  stream.  The  fluid-dynamic  and 
thermodynamic  state  of  chemically  reacting  air  (including  the 
species  N,  O,  N2,  O2,  and  NO)  should  be  characterized 
accounting  for  viscous  effects  in  the  nozzle.  Complete 
calibration  of  a  real  gas  nozzle  expansion  process  can  only  be 
achieved  through  this  collaboration  between  insightful,  limited 
measurements  and  increasingly  accurate  CFD  models  of  the 
expansion  process.  Complex  real  gas  flows  require  the  use  of 
full  test  section  calibrations  with  the  key  measurements  being 
the  free  stream  density  and  static  temperature.  CFD  validation 
must  include  facility  simulation;  we  must  not  pretend  to 
simulate  flight  with  flow  accelerated  ground  tests. 

Measurement  of  Aerodynamic  Parameters 


There  are  two  approaches  to  experimentally  determining  the 
aerodynamic  parameters  such  as  lift  and  drag  coefficients  and 
pitching,  yawing,  and  rolling  moment  coefficients.  In  the  first, 
the  pressure  distribution  over  a  test  model  can  be  measured.  The 
aerodynamic  parameters  are  obtained  by  integrating  the 
measured  pressures  over  the  surface  area.  If  only  the  raw 
experimental  data  are  used  in  the  integration,  the  procedure  is 
liable  to  lead  to  a  fairly  large  numerical  error.  However,  a  fairly 
accurate  result  could  be  obtained,  at  least  for  simple  shapes,  if 
computational  tools  are  used  appropriately.  In  such  an  approach, 
the  aerodynamic  parameters  are  calculated  from  the 
computational-fluid-dynamic  (CFD)  solution  of  the  flow  field 
studied,  and  the  experimental  data  on  the  flow  properties,  such 
as  pressure  or  density,  are  used  to  provide  anchor  points  for  the 
calculated  values.  In  this  approach,  the  imperfection  of  the  test 
facility,  such  as  spatial  nonuniformity  of  the  test  flow  or 
presence  of  dissociated  species,  can  be  accounted  for. 

In  the  second  approach,  lift,  drag,  and  moments  of  a  model  can 
be  measured  as  integrated  quantities.  Shock  tunnels,  hot-shot 
tunnels,  and  expansion  tubes  are  usually  inappropriate  in 
measuring  forces  and  moments.  Shock  tunnels  and  expansion 
tubes  cannot  produce  test  flows  of  sufficiently  long  duration  to 
enable  accurate  force  measurements  for  complex  models.  Hot- 
shot  tunnels  produce  test  times  sufficiently  long  for  force 
measurements,  but  the  flow  produced  is  generally  unsteady. 
Even  so,  progress  in  measurement  techniques  is  being  made  that 
appears  now  to  permit  such  direct  measurements.  The  hot  shot 
tunnel,  F4,  provides  such  direct  measurement  capability.  Also, 
the  development  of  such  techniques  are  currently  being  explored 
in  the  United  States  and  in  Australia  in  facilities  like  the  Calspan 
96  inch  shock  tunnel,  the  Ames  16-Inch  shock  tunnel,  and  the 
University  of  Queensland  T4  tunnel.  At  the  present  time, 
however,  there  is  not  a  standard  procedure  for  direct 
measurement  of  these  forces  in  an  impulse  facility. 

In  order  to  determine  the  real-gas  effects  in  an  experiment,  it  is 
imperative  first  that  the  facility  produces  a  flow  of  an  enthalpy 
sufficiently  high  to  produce  the  real-gas  effects.  Preferably,  the 
results  obtained  in  such  a  facility  should  be  compared  with  those 
obtained  in  a  perfect-gas  facility  in  order  to  isolate  the  real-gas 
effects.  Secondly,  the  test  stream  should  be  in  a  chemical  state 
close  to  equilibrium.  As  is  well  known,  the  flow  in  the 
expanding  nozzle  of  a  high  enthalpy,  high  Mach  number  shock 
tunnel  or  arc-jet  wind  tunnel  undergoes  freezing  of  chemical 
reactions.  Therefore,  the  appropriateness  of  a  facility  for  the 
aerodynamic  testing  depends  on  the  extent  and  influence  of  the 
chemical  freezing  in  the  nozzle  on  the  measured  quantities. 

Theoretical  calculations  can  be  performed  to  estimate,  for  a 
given  set  of  thermodynamic  conditions  in  the  reservoir  and  the 
given  nozzle  geometry,  the  thermodynamic  state  of  the  test  gas 
flow  and  the  density  ratio  across  a  shock  wave  in  this  flow.  The 
density  ratio  value  can  then  be  compared  with  that  expected  in 
flight,  to  assess  how  closely  the  facility  simulates  the  flight 
condition.  Two  extreme  cases  can  be  used  to  illustrate  this:  the 
normal  shock  which  occurs  over  the  blunt  nose,  and  an  oblique 
shock  wave  of  modestly  small  angle  that  will  occur  over  the 
wings  or  other  components.  An  oblique  shock  angle  of  30”  or 
smaller  may  be  used.  If  the  flow  produced  in  a  laboratory 
reproduces  density  ratios  in  flight  for  these  two  extreme  cases, 
then  one  can  assume  that  the  pressure  field  is  simulated 
reasonably  well  in  the  experiment. 

Freezing  of  chemical  reactions  in  the  nozzle  produces  generally 
smaller  density  ratios  than  in  flight,  which  leads  to  thicker  shock 
layers  than  in  flight,  as  long  as  the  flow  behind  the  shock  wave 
is  in  equilibrium.  In  most  experimental  conditions,  the  flow 
behind  the  shock  is  probably  not  in  equilibrium.  The  presence 
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of  atomic  species,  and  possible  elevated  vibrational  temperature, 
in  the  shock  tunnel  flow  induces  faster  equilibration  (due  to  a 
decrease  in  induction  time  required  for  excitation  and 
dissociation)  of  chemical  reactions  than  when  the  free  stream  is 
in  equilibrium.  This  leads  to  a  thinner  shock  layer  than  when 
the  free  stream  is  in  equilibrium.  Thus,  the  nonequilibrium 
effect  mitigates  the  discrepancy  in  density  ratios  seen  between 
the  laboratory  and  the  flight  cases. 

Freezing  occurs  mostly  at  Mach  numbers  greater  than  3.  As  the 
reservoir  pressure  is  decreased,  freezing  occurs  at  smaller  Mach 
numbers.  To  minimize  the  extent  of  dissociation  in  the  test 
section  stream,  one  might  consider  adopting  the  non  reflecting 
shock  tunnel  scheme  in  which  the  initial  levels  of  dissociation  in 
the  driven  tube  reservoir  are  considerably  lower  than  those  for  a 
reflected  shock  tunnel  where  the  gas  has  stagnated..  However, 
since  the  Mach  number  of  the  flow  behind  the  driven  tube 
primary  shock  is  always  less  than  3,  the  flow  at  the  entrance  of 
the  expansion  region  in  a  non  reflecting  shock  tunnel  has  a 
greater  degree  of  dissociation  than  the  flow  in  a  regular  shock 
tunnel  at  the  freezing  point.  Thus,  the  flow  produced  in  the 
nozzle  of  a  non  reflecting  shock  tunnel  undergoes  a  same 
freezing  process  as  in  a  shock  tunnel.  The  resulting  degree  of 
dissociation  in  the  test  section  of  a  non  reflecting  shock  tunnel  is 
nearly  identical  to  that  produced  in  a  regular  shock  tunnel,  and, 
therefore,  the  scheme  has  no  advantage  over  the  regular  shock 
tunnel  in  this  regard. 

A  similar  argument  is  applicable  to  the  expansion  tube.  Since 
the  flow  at  the  beginning  of  the  expansion  is  at  a  Mach  number 
below  3,  the  freezing  occurs  in  an  expansion  tube  in  the  same 
fashion  as  that  in  the  regular  or  non  reflecting  shock  tunnel.  This 
would  lead  to  the  same  degree  of  dissociation  at  the  test  section 
of  an  expansion  tube  as  in  the  shock  tunnels,  if  it  were  not  for 
the  fact  that  the  expansion  tube  has  a  long  acceleration  section. 
Because  of  the  large  length  of  the  expansion  section,  the  facility 
provides  a  large  flow  residence  time  for  chemical  reactions  to 
proceed,  and  therefore  the  extent  of  free  stream  dissociation  in 
the  test  section  is  usually  less  than  in  either  shock  tunnels. 
Thus,  an  expansion  tube  can  produce  density  ratios  across  shock 
waves  closer  to  the  flight  values  than  the  shock  tunnels.  In 
addition,  the  expansion  tube  attains  an  enthalpy  higher  than  the 
shock  tunnels,  because  the  acceleration  process  in  the 
acceleration  section  increases  enthalpy. 

The  most  appropriate  method  of  measuring  forces  and  moments 
is  by  a  flight  experiment  conducted  in  a  ballistic  range.  In  such  a 
test,  the  model  flies  freely  through  a  quiescent  atmosphere,  and 
the  aerodynamic  parameters  are  deduced  by  analyzing  the  time 
history  of  the  flight  path  and  the  attitude  of  the  model^  Models 
of  relatively  simple  geometry  can  be  tested  in  a  ballistic  range 
for  this  purpose.^ 

In  aeroballistic  range  studies  of  the  aerodynamic  properties  of 
hypervelocity  vehicles,  it  is  a  common  practice  to  duplicate  the 
flight  speed  and  Reynolds  number  of  full-scale  vehicle.  This  is 
done  by  setting  speed  and  the  range  pressure  to  match  the 
Reynolds  number  Re=  pVL/|i  in  the  test  as  close  as  feasible  to 
those  of  full  scale  flight.  This  matching  of  both  speed  and 
Reynolds  number  results  in  matching  the  density-length  product, 
pL,  because  viscosity  is  inherently  closely  matched.  Since  the 
flow  residence  time  in  the  flow  field  around  a  model  varies 
directly  with  scale  and  the  time  required  for  a  chemical  change 
resulting  from  binary  collisions  varies  inversely  with  density, 
the  characteristic  Damkdhler  number  is  automatically  preserved 
in  such  a  domain.  Depending  on  test  goals,  the  test  pressure  and 
speed  may  be  adjusted  slightly  to  offset  the  moderate  effects  of 
density  on  the  extent  of  equilibrium  dissociation  and  ionization 
or  for  the  small  effect  of  free  stream  temperature  on  viscosity. 


Measurement  of  Forebody  Heating/Heat  Transfer 

With  a  certain  degree  of  compromise,  heat  transfer 
measurements  over  complex  geometries  in  the  real-gas  enthalpy 
regime  can  be  made  also  in  an  impulse  tunnel.  A  model  made  of 
the  materials  of  known  surface  catalytic  characteristics  can  be 
tested  in  such  a  facility  much  easier  than  in  a  ballistic  range. 
Since  the  test  flow  stream  produced  by  an  impulse  tunnel 
contains  certain  amounts  of  dissociated  species,  the  aerothermal 
simulation  in  the  facilities  is  not  as  good  as  that  in  a  ballistic 
range.  However,  as  long  as  the  relative  concentrations  of  the 
dissociated  species  are  small,  such  tests  provide  meaningful 
results  that  can  be  compared  against  CFD  calculations. 

The  thermochemical  state  of  the  free  stream  is  known  most 
accurately  in  a  ballistic  range.  Therefore,  it  becomes  attractive 
to  conduct  tests  in  a  ballistic  range.  Models  can  be  made  with 
materials  of  known  surface  catalytic  properties,  though  they 
may  not  be  the  same  as  in  the  flight  vehicle,  and  be 
instrumented  with  heat  transfer  gages.  The  heat  transfer  rate 
values  measured  in  flight  can  either  be  telemetered  or,  if  the 
model  can  be  recovered,  be  recorded  on  an  on-board  recorder. 
Since  the  time  history  of  heating  of  the  model  in  a  ballistic  range 
test  is  so  different  from  that  in  full-scale  flight,  the  thermo¬ 
mechanical  behavior  of  the  material  cannot  be  correctly 
replicated.  However,  the  heat  transfer  rate  distribution  measured 
over  the  surface  of  known  catalytic  efficiency  should  be  useful. 
At  the  present  time  the  ballistic  range/instrumentation  capability 
to  perform  such  testing  is  extremely  limited. 

Measurement  of  Lee  and  Base  Flows 

The  flows  in  the  leeward  side  of  a  slender  body  at  an  angle  of 
attack  or  base  region  of  a  blunt  body  are  affected  mostly  by 
Mach  number,  Reynolds  number,  enthalpy,  turbulence,  and 
temporal  instability  of  the  flow.  The  influence  of  the  Mach 
number  and  Reynolds  number  are  easily  understandable. 

Enthalpy  of  the  flow  affects  the  effective  ^ ,  which  in  turn 
affects  the  turning  angles  in  the  expansion  area.  Turbulence 
affects  the  momentum  and  energy  transfer  in  the  shear  layer, 
which  in  turn  influences  the  pressure  in  the  region.  These  flows 
are  known  to  be  intrinsically  unsteady.^  Simulation  of 
unsteadiness  requires  a  quietness  of  the  free  stream  flow  over  a 
substantial  length  of  time.  For  meaningful  experimentation  of 
these  phenomena,  therefore,  free-flight  type  ballistic  ranges  are 
the  most  desirable.  For  bluff  body  base/wake  flows  large  scale 
shock  tunnels  can  be  used  for  real  gas  flow  simulations. 
Difficulties  here  include  instream  instrumentation  for  the  low 
density  wake  region  and  quantification  of  the  unsteady  nature  of 
the  flow.  Such  a  test  campaign  will  be  described  later. 

In  the  lee  or  base  region  of  a  vehicle,  the  dominant  chemical 
reactions  are  recombinations.  The  time  required  for  such 
processes  is  inversely  proportional  to  the  square  of  density.  If 
pL  is  properly  simulated  in  a  test,  p^L  becomes  larger  than  in 
flight,  resulting  in  a  lee-side/base  flow  closer  to  equilibrium  than 
in  flight.  This  will  probably  produce  a  substantial  error  in  the 
flow  properties  in  the  region.  This  point  will  be  elaborated  on 
later. 

TEST  CASES  FOR  CFD  VALIDATION 

The  development  of  validated  analysis  tools  for  hypersonic 
flows  involves  a  process  in  which  real-gas  CFD  development 
and  application  and  experimental  testing  are  performed  hand-in- 
hand,  synergistically,  until  the  validation  is  complete. 
Hypersonic  flows  inherently  involve  real  gas  phenomena.  The 
validation  of  CFD  tools  requires  considerations  associated  with 
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perfect  gas  CFD  validation  plus  consideration  of  additional 
complexities  associated  with  real  gas  phenomena.  These 
complexities  include  thermal  and  chemical  time  scales,  multiple 
gas  species,  internal  energy  flow  variables  and  properties,  and 
coupled  fluid/chemical  processes. 

It  is  equally  important  to  identify  the  important  issues  to  be 
studied  and  to  identify  the  best  procedure  to  use  to  perform  such 
studies.  This  is,  in  part,  the  purpose  of  this  discussion,  and  has 
been  treated  in  some  detail  by  Sharma  and  Park^*^  and 
Neumann^ 

That  it  is  not  possible  to  fully  simulate  real  gas  hypersonic  flight 
conditions  in  ground  test  facilities  is  axiomatic.  Ground  test 
experiments  must  be  carefully  selected  to  validate  basic 
principles  and  concepts  in  CFD  codes.  It  is  necessary  to  use 
CFD  in  the  design  of  experiments,  in  the  definition  of  the  test 
environment,  in  the  development,  application  and  interpretation 
of  diagnostics,  and  in  the  analysis  of  the  test  results  as  a  whole. 
The  resulting  test  data  will  then  form  a  basis  for  validating  the 
process  and  the  CFD  tools.  The  CFD  codes  can  be  used  to 
extrapolate  to  flight  conditions.  And,  finally,  flight  experiments 
are  required  to  confirm  the  process  as  a  whole. 

As  previously  mentioned,  to  acquire  data  necessary  to  validate 
and/or  calibrate  real  gas  code  capability  to  predict  aerodynamic 
performance,  the  aeroballistic  range  is  appropriate.  Ballistic 
range  data  will  include  visual  flow  field  data  indicating  shock 
shape  and  location  relative  to  the  body  (i.e.  by  way  of 
shadowgraphs)  and  density  distribution  (i.e.  by  holographic 
interferograms)  as  well  as  quantitative  information  in  the  form 
of  aerodynamic  coefficients  including  lift,  drag  and  pitching 
moment.  The  use  of  a  combination  of  CFD  with  experiment  has 
proven  most  effective  in  the  interpretation  of  free-flight  data. 
For  example,  in  a  recent  study  on  trim  angle  for  the  NASA 
Aeroassist  Flight  Experiment  (AFE)  vehicle^,  there  was 
insufficient  free-flight  data  for  determining  high  order  terms  for 
series  expansion  representation  of  aerodynamic  coefficients  .  In 
order  to  extract  information  from  the  experimental  data,  the 
curvature  of  the  function  describing  the  moment  coefficient  was 
required.  This  curvature  was  developed  using  CFD.  For  the 
analysis  of  data  from  the  aeroballistic  range  the  higher  order 
terms  in  the  aerodynamic  coefficient  expansion  were  determined 
from  CFD  simulations;  only  the  lower  order  terms  were  found 
using  a  six-degree-of-freedom,  weighted,  least  squares 
procedure.  The  resulting  experimental  aerodynamic  coefficients 
and  trim  angles  agree  with  those  computed  by  CFD.  The 
effective  specific  heat  ratio  was  determined  by  matching  the 
bow  shock  shape  and  stand-off  distance  with  CFD  perfect  gas, 
constant  effective  y,  flow  field  simulations  at  the  test  conditions. 
Results  of  these  comparisons  are  shown  in  Fig.  3.  in  which  the 
CFD  simulation  bow  shock  is  identified  by  a  coalescence  of 
isobars. 

Moment  coefficient  ballistic  range  (HFFAF)  data  for  an  AFE 
model  are  compared  with  data  from  two  NASA  Langley 
hypersonic  cold  flow  facilities,  the  31-inch  Mach  10  tunnel  and 
the  CF4  tunnel,  in  Fig.  4.  Results  of  two  test  entries  each  are 
shown  for  the  Langley  tunnels.  Each  of  the  three  facilities  can 
be  represented  by  an  effective  y:  1.2  for  HFFAF,  1.34  for  the 
Mach  10  tunnel,  and  1.11  for  the  CF4  tunnel.  The  measured 
trim  angles  are  14.7,  17  and  12  degrees,  respectively. 

By  minimizing  the  uncertainty  in  trim  angle,  design  tolerances 
can  be  tightened  and  vehicle  configurations  can  be  optimized  for 
specific  mission  requirements.  By  using  a  combination  of  CFD 
analysis  and  ground-based  experiments,  the  real-gas  effects  can 
be  simulated,  analysis  tools  validated,  and  flight  conditions  can 


be  estimated  with  some  confidence.  In  many  cases  the 
aeroballistic  range  can  be  used  to  simulate  actual  flight 
conditions  and  reasonable  estimates  of  aerodynamic  trim  angle 
and  pitching  moment  for  flight  can  be  determined  directly.  The 
agreement  shown  herein  between  experimental  and  computed 
results  for  the  blunt  AFE  configuration  at  the  ground  test 
conditions  indicate  that,  at  these  test  conditions,  the  moment 
coefficients  and  trim  angles  can  be  computed  using  efficient 
ideal  gas  solvers  with  an  appropriate  choice  for  y;  the 
appropriate  value  of  this  parameter  can  be  determined  by  shock 
shape  comparison.  This  is  not  necessarily  the  case,  however,  for 
slender  or  high  lift  vehicles.  In  cases  where  actual  flight 
conditions  cannot  be  replicated  in  ground  test  facilities,  real  gas 
solvers  must  be  used  to  determine  if  constant  effective  y 
approximations  are  appropriate.  As  mentioned  previously,  the 
variations  in  y  at  flight  conditions  can  have  a  sizable  influence 
on  aerodynamic  moment  coefficient  and  trim  angle. 

Existing  test  data  for  validation  of  instream  flow  quantities 
include  (1)  flow  past  a  cylinder  where  shock  shape,  shock  stand¬ 
off  distance,  and  density  fringe  patterns  are  measured  in  a  shock 
tunnel  (2)  ballistic  range  flow  field  shadowgraphs  of  a 
blunted  slender  cone  with  shock  generators'’^. 

Ballistic  Range  Tests 

Ballistic  ranges  can  be  used  to  achieve  flight  velocities  where 
real  gas  effects  are  important.  They  offer  an  advantage  over 
other  hypersonic  facilities  in  that  the  free  stream  conditions  are 
known  and  there  are  no  model  supports  to  cause  interference, 
particularly  in  the  base  region.  This  simplifies  boundary  and 
initial  conditions  and  eliminates  one  source  of  ambiguity 
between  computational  and  experimental  results. 

Tests  in  such  facilities  can  be  conducted  in  ambient  pressures 
greater  than  atmospheric  (in  pressurized  ranges)  to  pressures  as 
low  as  about  0.02  Torr,  and  in  gases  including  air,  CO2,  H2,  He, 
Kr,  Ar,  and  Xe.  In  addition  to  providing  information  about 
aerodynamic  coefficients,  detailed  flow  quantities  (such  as 
density,  temperature,  and  species  concentration)  are  feasible 
using  modern  diagnostic  methods.Laser  holographic  techniques 
can  be  used  to  provide  interferogram  fringe  patterns  from  which 
the  density  field  can  be  deduced.  Model  wall  temperature  can 
be  estimated  using  temperature  sensitive  paint  and  infrared 
photography.  Telemetry  can  be  used  to  transmit  data  from 
surface  instrumentation.  Instream  species  information  can  be 
developed  from  resonant  laser  iterferometric  methods. 

Galileo  Tests: 

Ballistic  ranges  have  been  used  to  support  all  of  the  United 
States'  probe  missions  to  other  planets,  lliese  include  the  1976 
Viking  mission  to  Mars,  the  1978  Pioneer  Venus  mission,  and 
the  current  Galileo  probe  launched  last  year,  which  will  arrive  at 
Jupiter  next  year.  The  Galileo  probe  will  make  in  situ 
measurements  as  it  decends  through  the  Jovian  atmosphere  prior 
to  its  eventual  destruction  caused  by  the  extreme  external 
pressures. 

Although  the  probe  aerodynamics  were  needed  only  for  initial 
design  purposes,  more  accurate  aerodynamics  were  needed  in 
support  of  the  Atmospheric  Structure  Experiment  carried  on 
board  the  probe.  This  experiment  is  designed  to  determine  the 
state  properties  (i.e.,  density,  pressure,  and  temperature)  of  an 
unknown  planetary  atmosphere  as  a  function  of  altitude  from 
measurements  made  during  the  entry  and  descent  of  the  probe. 
The  experiment  consists  of  a  three-axis  accelerometer,  plus 
pressure  and  temperature  sensors.  During  the  high  speed 
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portion  of  the  trajectory,  from  an  entry  velocity  above  47  km/sec 
to  sonic  speed,  direct  measurements  are  impractical  and 
accelerometers  are  used  to  determine  state  properties.  This 
requires  a  precise  knowledge  of  the  probe  aerodynamics,  in 
particular  the  vehicle  lift  and  drag  coefficients  as  functions  of 
Mach  number  and  Reynolds  number.  The  aerodynamic 
characteristics  plus  the  measured  decelerations  allow  the  probe 
attitude  to  be  determined  and  the  atmospheric  density  to  be 
deduced.  Integration  of  the  density  gives  pressure,  and  the 
temperature  is  deduced  from  the  equation  of  state  (given  the 
molecular  weight,  which  is  measured  by  another  on-board 
experiment).  Ballistic  range  facilities  are  well  suited  to 
providing  the  accurate  aerodynamic  data  over  a  wide  range  of 
conditions. 

A  typical  shadowgraph  of  a  Galileo  model  in  flight  obtained  in 
the  NASA  Ames  Hypersonic  Aerodynamic  Free  Flight  Facility 
(HFFAF)  is  shown  in  Fig.  5.  The  screw  on  the  model  base  is  for 
attachment  to  its  sabot  prior  to  launch  The  verical  wires  are 
plumb  lines  for  reference,  and  the  irregular  markings  are 
imperfections  in  the  facility  windows  caused  by  past  debris 
impacts.  These  tests  were  performed  in  air  at  a  flight  Mach 
number  of  14. 

Low  Reynolds-Number  Tests  Tests  were  also  conducted  to 
precisely  define  the  drag  characteristics  of  the  Galileo  probe  at 
Reynolds  numbers,  based  on  model  diameter,  of  about  500  to 
250.  Obtaining  drag  at  these  low  Reynolds  numbers  is 
important  because  the  drag  is  expected  to  increase  markedly  as 
the  slip-flow  and  free-molecule  flow  regimes  are  approached. 
This  dramatic  increase  in  drag  occures  below  a  Reynolds 
number  of  about  1000. 

The  importance  of  obtaining  drag  at  various  Reynolds  numbers 
is  shown  in  Fig.  6.  Shown  are  Pioneer  Venus  data^^  down  to  a 
Reynolds  number  of  about  250.  The  drag  coefficient  increases 
continuously  below  a  Reynolds  number  of  1  million,  but  the 
decrease  becomes  most  dramatic  below  1000. 

ASTV  Tests 

Ballistic  range  tests  have  been  conducted  for  two  ASTV 
configurations:  a  symmetric  and  a  raked-elliptic-cone 
configuration.  These  tests  were  conducted  to:  1)  provide 
experimental  data  and  good  flow-field  definition  against  which 
computational  aerodynamicists  could  validate  their  computer 
codes,  2)  define  bow  shock  wave  shape  and  shock  standoff 
distance,  3)  investigate  flow  impingement  on  the  afterbody,  4) 
compare  the  aerodynamics  of  several  configurations,  5) 
investigate  how  minor  changes  in  comer  geometry  affect  the 
flow  field,  and  6)  determine  the  him  angle  of  attack  of  the 
trimmed  vehicle, 

A  shadowgraph  for  thesymmetric  configuration^^  is  shown  in 
Fig.  7  and  for  the  raked  elliptic  cone^^  in  Fig.  8.  These  flow 
visualizations  along  with  drag  data  from  these  tests  are  used  cor 
computer  code  calibration.  With  the  newer  holographic 
techniques,  density  data  can  also  be  used  for  code  validation. 

Other  Tests 

Simple  shapes  (such  as  sharp  and  blunt  cones,  bi-cones,  and 
blunt  bodies)  are  used  in  the  ballistic  ranges  and  sting  mounted 
in  shock  tubes  and  tunnels  to  study  the  effect  of  real  gas 
properties.  Real  gas  thermodynamic  and  transport  properties 
and  finite  rate  chemical  reactions  have  a  pronounced  effect  on 
shock  and  Mach  wave  positions  and  shapes,  emitted  radiation, 
and  aerodynamic  drag.  A  detailed  survey  of  simulation  and 


diagnostic  techniques  used  for  these  studies  was  presented  by 
Sharma  and  Park^®. 

Fundamental  Processes 

Basic  Phenomenon  -  Compressive  &  Expanding  Flows 

To  study  the  nonequilibrium  processes  in  a  compressive  flow 
typical  of  the  stagnation  region  of  a  bluff  forebody,  the  detail  of 
a  gas  relaxing  after  being  heated  by  an  incident  shock  wave  is 
studied.  By  acquiring  a  normal  shock  in  a  spectrally  clean 
facility,  the  thermo-chemical  state  of  the  gas  can  be  quantified 
as  a  function  of  time  and  position.  By  this  means  such 
processes  as  vibration-dissociation  coupling,  vibration- 
translation  exchange,  vibration-rotation  coupling,  etc.,  are 
studied^^'^^ 

The  dominant  real  gas  phenomena  is  the  relaxation  process 
occurring  in  the  flow  around  hypersonic  vehicles.  Considerable 
effort  has  been  expended  in  recent  years  to  model  and 
numerically  compute  this  behavior  (e.g.  refs.  16-19).  The 
accuracy  of  such  calculations  needs  further  improvement  and 
there  are  still  many  physical  parameters  that  are  unknown  for 
high  temperature  real  gases.  Three  types  of  experimental  data 
are  needed  in  this  model  development  process:  1)  data  which 
will  enhance  our  phenomenological  understanding  of  the 
relaxation  process,  2)  data  on  rates  for  the  relevant  reactions, 
and  3)  data  on  bulk  properties,  such  as  spectral  radiation  emitted 
by  the  gas,  for  a  given  set  of  aerodynamic  conditions.  Such  data 
has  been  acquired  by  simulating  the  required 
aerothermochemical  conditions  in  an  electric  arc  driven  shock 
tube'^""'^*^.  The  NASA  Ames'  electric  arc  driven  shock  tube 
facility  (EAST)  is  powered  by  a  0.6  MJ,  40  kV  capacitor  bank 
and  is  capable  of  producing  shock  velocities  in  the  range  of  2-50 
km/sec.  The  radiation  diagnostic  system  available  at  the  facility, 
consists  of  1)  a  linear  intensified  700  element  diode  array  and  a 
2-D  intensified  CCD  array  with  576  x  384  active  elements,  both 
gateable  within  a  time  range  of  30  ns  -  2.5  ms  and  both  with  a 
2000-8000  A  spectral  response.  A  photomultiplier  tube  (PMT) 
is  used  to  record  the  total  radiation  from  the  test  gas  as  well  as 
from  the  driver  gas  as  they  pass  through  the  test  section.  The 
signal  from  the  PMT  is  used  to  estimate  the  test  time  and  to 
trigger  the  diode  array  system  at  a  given  moment  during  the  test 
history.  A  Nd:YAG  laser  based,  double  exposure,  single  plate 
interferometer  is  also  available  at  the  facility.  A  schematic  of  the 
experimental  test  setup  is  shown  in  Fig.  9. 

A  one-dimensional  real-gas  flow  code  for  thermo -chemical 
nonequilibrium  (Park^^)  is  used  to  predict  the  thermochemical 
state  of  the  shock  heated  gas  behind  the  incident  shock.  This 
code  uses  a  multiple  temperature  description  to  model  the 
nonequilibrium  behavior  of  the  internal  state  of  the  gas  and  to 
describe  the  rate  processes.  From  the  predicted  thermochemical 
state  of  the  gas  synthetic  emission  spectra  can  be  generated. 
Several  modeling  steps  are  involved  in  this  process.  First  are 
the  chemical  rate  expressions  themselves  in  which  there  is 
always  some  uncertainty  in  the  Arrhenius  rate  constants,  second 
is  the  multiple  temperature  model  used  to  describe  both  the 
internal  energy  states  of  the  gas  and  the  reaction  rates,  and  third 
is  the  quasi-steady  state  model  and  peripheral  approximations 
used  to  generate  the  synthetic  spectra.  By  maintaining  a 
coordinated  effort  between  the  modeling  activity  and  the 
experimental  effort  it  is  possible  both  to  improve  and  refine  the 
phenomenological  models  as  well  as  validate  them.  These 
models  will  then,  in  turn,  be  used  in  multidimensional  flow 
codes  to  predict  and  analyze  real  gas  behavior  in  more  complex 
flow  environments. 
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To  date  two  sets  of  experiments  have  been  conducted:  1) 
measurements  at  a  shock  velocity  of  6.20  km/sec  in  1  Torr 
nitrogen^^  and  2)  measurements  at  a  shock  velocity  of  10.2 
km/sec  in  0.1  Torr  air^^.  In  both  the  sets,  using  the  linear  diode 
array,  the  equilibrium  and  nonequilibrium  spectra  covering  the 
3050-5500  A  range  were  recorded. 

Measurements  in  Nitrogen  (6.2  hn/sec,  1.0  Torr): 

For  the  nitrogen  case,  the  equilibrium  temperature  of  the  test  gas 
based  on  N2{2''')  band  system  was  found  to  be  6500  K.  The 
rotational  temperature  at  the  point  of  peak  radiation  in  the 
nonequilibrium  region,  based  on  the  intensities  at  3143.7  A  and 

3159.1  A,  was  found  to  be  about  8800  K.  The  vibrational 
temperature,  based  on  the  first  vibrational  level  and  the  ground 
state  of  the  N2(2‘'')  band  system  was  found  to  be  about  6900  K. 
The  vibrational  temperatures  of  higher  vibrational  levels  were 
lower  than  this  value. 

The  equilibrium  temperature  of  the  test  gas  based  on  the  N2'*'(l' 
)  band  system  was  found  to  be  7200  K.  The  rotational 
temperature  at  the  point  of  peak  radiation  in  the  nonequilibrium 
region  was  deduced  to  be  about  8800  K,  which  is  consistent 
with  the  value  found  by  using  the  N2(2‘*')  band  system. 
Comparisons  of  rotational  temperature  with  prediction  and  with 
earlier  data  from  Allen  et  aH-’  are  shown  in  Fig.  10.  The 
vibrational  temperature  as  measured  based  on  the  v(l,2)/v(l,0) 
levels  of  the  N2''’(l')  band  system  was  found  to  be  about  9500 
K,  with  the  value  decreasing  for  higher  vibrational  levels.  The 
temperature  based  on  the  v(7,8)  vibrational  level  was  about 
8500  K.  Comparisons  of  vibrational  temperature  with 
prediction  and  with  earlier  data  are  shown  in  Fig.  11. 

Measurements  inAir(10.2  km/sec,  0.1  Torr): 

For  shock  heated  air  the  equilibrium  temperature  was  estimated 
to  be  9620  K.  The  equilibrium  emission  spectra  observed  is 
shown  in  Fig.  12.  By  using  two  different  sets  of  points  on  the 
rotational  envelope  of  the  N2(2‘'')  band  system,  the  rotational 
temperature,  corresponding  to  the  point  of  peak  radiation,  was 
estimated  to  be  about  4400  K  and  3990  K  respectively,  making  a 
mean  rotational  temperature  of  4195  K.  Such  a  low  value  of 
rotational  temperature  was  a  surprise.  The  overshoot  observed 
in  the  nitrogen  tests  at  6.2  km/sec  was  absent  here.  The 
rotational  temperature  seems  to  rise  very  slowly  to  reach  the 
equilibrium  value.  The  emission  spectra  observed  at  the  point 
of  peak  radiation  is  shown  in  Fig.  13. 

The  vibrational  temperature  at  the  point  of  peak  radiation  was 
deduced  using  the  (2,1)  and  (3,2)  bands  of  N2'''(r)  system  at 

3564.1  and  3548.2  A  respectively  and  was  found  to  be  about 
9465  K.  There  were  no  other  vibrational  temperature  data 
available  for  these  conditions  The  measured  vibrational 
temperatures  based  on  N2''‘(1‘)  as  well  as  based  on  N2(2''')  band 
systems  are  in  line  with  the  theoretical  values  as  predicted  by 
Park's  model^^.  Sharma^®  shows  further  details  and  analysis 
of  the  experimental  data  and  comparisons  with  theory. 

Expanding  flows 

To  study  the  nonequilibrium  processes  in  an  expanding  flow  as 
typified  by  the  flow  over  the  shoulder  of  a  bluff  body  and  into 
the  base,  or  near  wake,  region,  a  test  gas  is  shock  heated  in  the 
Ames  EAST  facility  to  high  temperature  and  pressure  and 
allowed  to  expand  rapidly  in  a  two-dimensional  nozzle.  By 
using  optical  diagnostics  such  as  laser  holographic 


interferometry  and  Raman  scattering^^,  the  thermo -chemical 
state  of  the  gas  during  the  expansion  process  is  quantified. 
Nonequilibrium  vibrational  populations  are  measured  for  levels 
up  to  v=13,  in  an  expanding  flow,  using  spontaneous  Raman 
scattering  technique.  A  nozzle  insert  has  been  installed  in  the 
driven  section  operating  in  a  reflected  shock  mode.  The  density 
flow  field  was  mapped  by  laser  based  holography.  The  results 
are  shown  in  Fig.  14.  where  good  agreement  can  be  observed 
between  computer  simulated  and  experimental  fringe 
interferograms. 

Configuration  Study 

In  addition  to  characterizing  the  thermochemical  process  in  an 
expanding  flow,  a  blunt  body  base  flow  test  configuration  is 
being  developed  as  part  of  the  Working  Group  18  activity.  The 
basic  configuration,  shown  in  Fig.  15.,  is  a  20  cm  dia.,  TOP 
spherically  blunted  cone  representative  of  a  planetary  entry 
capsule  aeroshell.  Models  have  been  fabricated  as  follows:  (1) 
two  uninstrumented  brass  free  flying  model  to  be  used  for  flow 
visualization  studies  without  the  presence  of  a  sting  support,  and 
(2)  an  instrumented  sting  mounted  chromel  model  for  which 
both  the  model  and  the  sting  support  are  instrumented  with 
pressure  and  heat  flux  gauges  (flow  visualization  can  be  realized 
for  comparison  with  the  free  flight  model,)  and  (3)  an 
uninstrumented  sting  mounted  stainless  steel  model  with  a  slot 
in  the  sting  for  optical  access  in  the  near  base  region.  The 
uninstrumented  stainless  steel  model  has  been  instrumented  with 
a  modest  number  of  surface  instruments  at  Calspan  and  at  DLR. 
As  part  of  the  AGARD  FDP  WG18  activity  the  free-flight  and 
sting  mounted  chromel  configurations  will  be  tested  in  the 
NASA  Ames  16-Inch  combustion  driven  shock  tunnel,  only 
sting  mounted  models  will  be  tested  in  the  DLR  free  piston 
shock  tunnel,  HEG,  and  only  stainless  steel  sting  mounted 
model  will  be  tested  in  the  Calspan  LENS.  Each  facility  will  be 
operated  at  the  same  enthalpy  and  the  same  Mach  and  Reynolds 
numbers(Ho=10  MJ/kg,  M=7,  and  po=500  bar).  In  addition, 
tests  in  the  Ames  facility  will  be  performed  at  total  enthalpies  of 
5  and  14  M.T/kg  at  total  pressures  of  100  bar,  in  the  DLR  HEG 
facility  at  enthalpies  of  20  M.T/kg  and  total  pressures  of  500  and 
1000  bar,  and  in  the  LENS  at  enthalpy  5  MJ/kg  and  pressures  of 
500  and  2000  bar.  The  lower  enthalpy  levels  produce  only 
modest  levels  of  dissociated  oxygen  and  no  dissociated  nitrogen. 
At  10  M.I/kg  there  will  be  substantial  oxygen  dissociation  and 
negligible  nitrogen  dissociation.  At  20  M.I/kg  there  will  be 
substantial  dissociation  of  both  oxygen  and  nitrogen.  Nitrous 
oxide  (NO)  will  be  produced  under  all  test  conditions.  The  test 
matrix  is  shown  schematically  in  Fig.  16.  In-stream  laser 
induced  fluorescence  (LIF)  data  will  be  acquired  at  DLR  to 
determine  NO  temperature  and  concentration  distribution  over 
the  shoulder  expansion  region.  Sodium  line  reversal  imaging 
and  high  speed  schlieren  photography  will  be  performed  at 
Ames  to  identify  the  wake  structure  with  and  without  sting 
support.  The  stingless  model  will  be  suspended  in  the  facility 
test  cabin  by  nylon  threads  prior  to  facility  operation.  The 
threads  will  vaporize  upon  facility  start-up  leaving  a  "free 
flying"  model.  The  model  inertia  will  maintain  the  model  in  an 
essentially  motionless  position  during  the  test  period. 

Test  entries  have  been  completed  in  both  the  HEG  facility  and 
the  LENS  facility.  Preliminary  reports  of  these  tests  were 
presented  at  the  recently  held  workshop  on  hypersonics  held  24- 
25  November,  1994  at  the  ESTEC,  Noodwijk,  The  Netherlands. 

The  purpose  of  the  experiments  are  to  quantify  the  shear  layer 
separation  point,  turning  angle  and  wake  closure  in  the  presence 
of  flows  exhibiting  real  gas  and/or  low  density  behavior.  The 
unsteady  character  of  the  near  wake  will  also  be  characterized,  if 
possible  using  high  speed  schlieren  and  surface  heat  flux  data. 


7-8 


Body  surface  instruments  will  provide  data  for  CFD  simulation 
and  calibration/validation.  Both  sting  mounted  and  free  flight 
models  will  be  necessary  to  assess  and  quantify  the  influence  of 
the  sting  on  the  instrumented  model. 


FLIGHT  EXPERIMENTS 
RAM-C 

During  the  late  1960s  three  experimental  probes  were  flown  into 
the  atmosphere  at  approximately  satellite  speed. These 
probes,  which  were  called  the  RAM-C  tests,  were  sphere-cone 
configurations  with  a  0.1524  m  nose  radius,  9  deg  cone  half¬ 
angle,  and  a  total  length  of  1.295  m.  They  were  instrumented  to 
measure  electron  number  densities  in  the  flow  field.  The  second 
test,  RAM-C  11,  is  of  particular  interest  because  no  ablation 
products  were  produced.  This  probe  had  a  beryllium  heat-sink 
nose  cap  and  a  Teflon-coated  afterbody.  Electron  number 
densities  were  measured  at  four  axial  locations  using  microwave 
reflectometers  and  in  the  boundary  layer  using  an  electrostatic 
rake. 

Computations  have  been  performed  to  replicate  the  RAM-C  II 
tests  at  altitudes  of  61,  71,  and  81  km.  This  altitude  range 
approximately  spans  a  region  of  neat-thermo-chemical 
equilibrium  at  61  km  to  strong  nonequilibrium  at  81  km.  The 
wall  temperature  was  fixed  at  1500  K,  which  is  an 
approximation  to  the  experimental  wall  temperature  which  is 
unknown.  The  wall  was  assumed  to  be  fully  non-catalytic 
which  is  also  an  approximation  to  the  RAM-C  n  test,  In  each 
case  the  free  stream  velocity  was  7650  m/sec. 

The  computations^^  were  performed  on  body-fitted  meshes 
with  35  points  axially  along  the  sphere-cone  and  50  points  in  the 
flow  field  normal  to  the  body.  Fig  17.  shows  a  typical  mesh 
used  for  one  of  the  test  cases.  The  computations  were 
performed  using  shock-capturing  techniques  for  all  cases. 

Each  case  was  computed  using  two  different  chemical  models. 
One  set  of  results  was  obtained  considering  five  chemical 
species  (N2,  O2,  NO,  N,  and  O),  and  three  vibrational 
temperatures  (i.e.,  one  vibrational  temperature  per  diatomic 
species).  There  are  a  total  of  eleven  coupled  equations  to  be 
solved.  The  number  density  of  electrons  may  be  approximated 
with  the  use  of  the  quasi-steady-state  (QSS)  assumption.  A 
second  set  of  results  was  computed  for  this  gas  with  NO  ionized. 
In  this  case  there  are  seven  species  (N2,  O2,  NO,  NO"*",  N,  O, 
and  e"),  four  vibrational  temperatures,  and  the  electron 
temperature,  for  a  total  of  fifteen  equations  to  be  solved.  The 
purpose  of  performing  both  sets  of  calculations  is  to  compare 
the  effects  of  electrons  on  the  flow  field. 

The  computed  results  are  first  compared  to  the  peak  electron 
number  density  measured  along  the  body  at  each  altitude.  These 
results  are  presented  in  Figs.  18-20.  They  show  that  the  electron 
number  density  is  highest  at  the  nose  and  falls  off  rapidly 
around  the  shoulder  of  the  body.  The  QSS  approximation  and 
the  nonequilibrium  approach  follow  this  trend,  but  the  latter 
method  predicts  the  data  much  better.  The  QSS  technique 
works  best  at  lower  altitudes  because  the  flow  field  is  closer  to 
equilibrium  for  these  cases.  Conversely,  the  agreement  between 
the  experiment  and  the  nonequilibrium  results  is  best  for  the 
higher  altitude,  nonequilibrium  cases.  The  differences  between 
the  two  computed  results  indicate  the  nature  of  a  nonequilibrium 
flow  field.  As  the  gas  expands  around  the  shoulder  of  the 
sphere-cone,  the  translational  temperature  falls  rapidly.  The 
fluid  carries  with  it  a  large  number  of  electrons  that  have  been 
produced  near  the  nose  but  have  not  yet  recombined.  Thus, 


although  the  local  temperature  is  relatively  low,  the  number  of 
electrons  remains  high  in  the  shoulder  region.  This  effect  is 
captured  by  the  seven-species  solution.  However,  if  we  assume 
that  the  reaction  producing  the  electrons  is  governed  by  the  local 
temperature  as  in  the  QSS  approach,  we  predict  too  few 
electrons. 

Figure  21  compares  the  computed  results  using  a  seven-species 
model  to  the  measured  electron  number  density  near  the  body 
surface  at  x/rfi  =  8.10  for  altitudes  of  71  km  and  81  km.  The 
results  are  approximately  the  right  magnitude  but  do  not  show 
the  correct  behavior  near  the  wall.  The  problem  is  likely  caused 
by  the  uncertainty  in  wall  boundary  conditions.  The  surface  of 
the  probe  was  probably  catalytic  for  the  electron-ion 
recombination  reaction  and  thus  would  cause  a  lessening  of  the 
electron  number  density  near  the  wall.  This  wall  effect  is  not 
currently  included  in  the  calculations.  Alternatively,  the  fixed- 
wall  temperature  used  for  the  calculations  may  be  too  high 
which  would  result  in  an  excessive  number  of  electron  near  the 
wall. 

The  electron  number  densities  computed  using  the  seven-species 
gas  model  are  in  good  agreement  with  the  RAM-C  11  flight 
experiment.  The  use  of  a  QSS  assumption  to  derive  the  electron 
density  from  the  five-species  model  predicts  the  correct  trend. 
However,  this  approach  yields  results  that  are  typically  at  least 
an  order  of  magnitude  in  error,  especially  in  highly 
nonequilibrium  cases.  The  computations  also  indicate  that  the 
heat  transfer  to  the  body  in  the  nose  region  is  about  50%  greater 
for  a  reacting  gas  than  for  a  perfect  gas.  The  heat  transfer 
results  also  show  that  for  the  cases  studied,  the  flow  field  is 
adequately  described  by  the  five-species  model  unless  an 
accurate  representation  of  the  electron  density  distribution  is 
required.  The  vibrational  state  of  the  flow  field  may  be 
approximated  with  only  one  vibrational  temperature. 

These  results  and  others  not  discussed  here  demonstrate  that  the 
models  used  for  the  translation-vibration  and  electron-vibration 
energy  exchange  mechanisms  are  adequate  in  the  regime  of  the 
test  cases.  Further  research  is  required  to  improve  these  models 
for  high  temperatures  so  that  the  vibrational  and  electron 
temperatures  may  be  computed  correctly. 

Other  Flight  Experiments 

Other  flight  experiments  include  the  Fire  2^^  project  where 
radiative  emission  power  was  measured  at  the  stagnation  point 

during  the  flight,  and  the  PAET^^  flight  where  the  radiation 
intensity  in  several  narrow  wavelength  channels  was  measured 
at  the  stagnation  point  of  a  spherical  nose  re-entry  body. 
Comparisons  between  each  of  these  flight  experiments  and 
22 

computed  results  by  Park  (in  which  a  two -temperature 
thermochemical  nonequilibrium  model  for  dissociating  and 
ionizing  air  was  used)  are  shown  in  Figs.  22.  and  23., 
respectively. 

Other,  more  recent  flight  experiments  include  the  series  of  Bow 
Shock  Ultra  Violet  (BSUV)  experiments  flown  by  the  Utah 
State  University.  These  flights,  however,  are  at  typically  much 
lower  speeds  than  satellite  speed  and  represent  a  flight  regime 
more  representative  of  a  ballistic  missile  than  a  re-entry  capsule. 

Aeroassist  Flight  Experiment 

A  recently  studied  NASA  flight  experiment  called  the 
Aeroassist  Flight  Experiment  (AFE)  was  planned  for  this 
decade.  A  large  base  of  radiometric  data  for  high  altitude,  high 
velocity  thermochemically  nonequilibrated  flow  conditions  was 
anticipated.  The  AFE  was  to  be  carried  to  obit  by  the  Space 
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Shuttle  and  then  deployed  for  the  atmospheric  pass.  Accelerated 
by  an  18,000-LB  thrust  solid  rocket  motor,  the  vehicle  would 
enter  the  atmosphere  at  nearly  10  km/sec  and  then  experience 
approximately  500  sec  of  aerodynamic  deceleration,  during 
which  a  variety  of  flight  data,  including  radiative  and  convective 
heating  rates,  would  be  gathered.  The  vehicle  was  intended  to 
exit  the  atmosphere  at  orbital  speed  and  be  recovered  by  the 
Shuttle  Orbiter  for  return  to  Earth  for  post-flight  evaluation.  As 
a  preliminary  to  the  design  of  a  radiometer  for  this  experiment, 
an  approximate  method  for  predicting  both  equilibrium  and 

3 1 

nonequilibrium  radiative  surface  fluxes  was  developed 
Spectral  results  for  one  trajectory  state,  a  velocity  of  10  km/sec 
at  an  altitude  of  85  km,  are  shown  in  Fig.  24.,  where  the  spectral 
surface  flux  at  a  distance  of  20.9  cm  behind  the  shock  front  is 
plotted  as  a  function  of  wavelength  in  the  spectral  region  from 
0.2  to  2.0  mm.  An  inspection  of  the  figure  reveals  that  the 
spectrum  appears  to  be  composed  of  a  background  continuum 
with  a  color  temperature  in  the  range  of  7,000  K  TO  8,000  K 
(based  on  a  flux  maximum  in  the  vicinity  of  0.4  mm)  on  which 
is  superimposed  a  complex  structure  of  molecular  bands  and 
broadened  atomic  lines.  The  radiation  calculation  included  11 
species  (O2,  N2,  NO,  O,  N,  N’*’,  O'^,  N2'*^,  NO'*',  02''',  and  e*); 
some  of  the  more  apparent  band-heads  and  lines  from  these 
species  are  identified  in  the  figure.  The  results,  and  others  like 
them,  were  used  to  develop  instrument  parameters  for  the  three 
different  radiometers  proposed  for  the  experiment.  In  a 
subsequent  set  of  lecture  notes,  the  lessons  learned  from  this 
proposed  flight  experiment  activity  will  be  described.. 
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WEAKLY  REACTED  GAS 


Fig.  2.  Schematic  of  hypervelocity  bluffbody  near-wake  flowfield. 


Shadowgraph  7  -  1.4,  coarse  grid  solution  y  =  1.2,  coarse  grid  solution  y  -  1.2,  adapted  grid  solution 

Fig.  3.  Experimental  and  computed  AFE  bow  shock 
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Fig.  4.  AFE  moment  coefficient  comparison 


Fig.  7.  Shadowgraph  of  symmetric  ASTV 


Fig.  5  Shadowgraph  of  Galileo  Probe  Model 
M  =  14,  Re  =  100,000 


Fig.  6  Effect  of  Reynolds  number  on  drag  characteristics  of 
Pioneer  Venus  Probe 


Fig.  8  Shadowgraph  of  raked  elliptic  cone 


Fig.  9.  Schematic  of  shock  tube  emission  spectra  collection  optics 
for  diode  array  system. 
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Fig.  10.  Rotational  temperature  behind  normal  shock  in  nitrogen:  Fig.  11.  Vibrational  temperature  behind  normal  shock  in  nitrogen: 
Us=6.2  k/s,  pi=1.0  torr  Us=6.2  k/s,  pi=1.0  torr. 
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Fig.  12  Equilibrium  emission  spectra  behind  normal  shock  in  air:  Us=10.2  k/s,  Pi=0.1  torr,  gate=1.0  ms,  slit=60  m  m 
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Fig.  13  Nonquilibrium  emission  spectra  behind  normal  shock  in  air:  Us=10.2  k/s,  pl=0,l  torr,  gate=200  ns,  slit=60  m  m 
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Fig.  15  Blunt  Cone  Model  for  Forebody  and  Base  Flow  Tests 


7-14 


Fig.  14.  CFD  generated  synthetic  interferogram  compared  with 
experimental  observation:  Po=1530  PSI,  To=7200  K. 


Fig.  16.  Test  Matrix  for  Blunt  Cone  Test  Campaign 
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Fig.  18.  Comparison  of  peak  electro  number  density,  61  km  alt., 
M  =  23.9 


Fig.  19.  Comparison  of  peak  electro  number  density,  71  km  alt., 
M  =  23.9 


Fig.  17.  Computational  grid  for  Ram-C 


Fig.  20.  Comparison  of  peak  electro  number  density,  81  km  alt., 
M  =  28.3 
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Fig.  21.  Comparison  of  electro  number  density  distribution  at  x/r^ 
=  8.1 
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Fig.  23.  Comparison  between  calsulated  and  measured  radiation 
intensities  at  391  nm  in  PAET  experiment 
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Fig.  22.  Comparison  between  calculated  and  measured  stagnation-  Fig-  24.  AFE  nonequilibrium  flow  spectral  flux:  shock  layer  depth 
point  radiative  heat  fluxes  for  Fire  2.  =  20.9  cm 
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SUMMARY 

This  document  addresses  the  aerodynamic  damping 
coefficients  of  capsules  and  planetary  entry  probes. 

First,  the  general  item  of  dynamic  coefficients  will  be 
deseribed,  and  the  specificity  of  large  drag,  blunted 
shapes  will  be  described,  A  tentative  description  of  the 
dynamic  instability  of  the  capsule  type  shapes  will  be 
shown. 

This  dynamic  instability  has  strong  consequences  at 
system  level,  in  the  frame  of  the  development  phase  of 
both  capsules  and  planetary  entry  probes,  which  will  then 
be  depleted. 

The  determination  of  the  dynamic  coefficients  will  be 
addressed,  both  by  theoretical  and  experimental  ways. 
Finally,  the  HUYGENS  enrty  module  case  will  be 
detailed. 


LIST  OF  SYMBOLS 


Ca 

Axial  force  coefficient,  {-Axial  force)/Q  S 

Cn 

Normal  force  coefficient, 

(-Normal  foree)/Q  S 

Cd 

Drag  coefficient,  Cjq  sin  a  +  cos  a 

Cl 

Lift  coefficient,  Cjq  cos  a  -  sin  a 

Cm 

Pitching  moment  coefficient, 

(Pitching  moment)/Q  S  d 

Cmq'*'Cma‘ 

Pitch  damping  coefficient, 

^Cm/^(qd/V))+ ^Cm/r?(a‘d/V)) 

Cp 

pressure  coefficient  (p-pinf)/Q 

d 

Diameter  of  the  capsule,  m 

f 

frequency  of  oscillation,  Hz 

m 

Mass  of  the  capsule,  kg 

M 

Moment  about  y  axis,  N.m 

Mq 

ad 

d9 

Me- 

ad 

S,  or  A 

7 

Reference  surface,  wr 

V 

Freestream  Velocity,  in/s 

1  t^2 

Dynamic  pressure, 

Q 

R 

Local  radius  of  curvature  of  capsule 
trajectory,  m 

X 

Longitudinal  position  in  wind  tunnel,  in 

Z 

Altitude,  kwi 

a 

0 

7 

<t> 

P 

CO 

(•),(•■) 


Angle-of-attack,  rad 

Instantaneous  angular  displacement  from 

the  reference  flight  condition,  rad 

Flight  path  angle,  rad 

Dynamic  stability  parameter 

arbitrary  phase  angle,  rad 

Density,  kg/m^ 

angular  frequency,  rad/s 

First  and  second  derivative  with  respect  to 

time,  s  ^,s  ^ 


subscripts 

a 

t 

0 

a 

X 

m 

s 

w 


Aerodynamic 

Tare 

Zero  incidence  condition 

Static  derivative  with  respect  to  incidence, 

per  rad 

Refered  at  position  X  in  the  wind  tunnel 

model 

sting 

wake 


1.  INTRODUCTION 

In  the  frame  of  the  development  phase  of  a  capsule,  the 
dynamic  behaviour  has  to  be  investigated,  as  it  has  strong 
influence  on  the  design  of  the  descent  subsystem 
(parachute),  and  possibly  the  Reaction  Control  System 
(R.C.S). 

Very  blunted  shapes,  like  APOLLO,  or  planetary  entry 
probes,  like  HUYGENS  have  been  shown  to  be 
dynamically  unstable,  in  the  sub-  trans-  and  even 
supersonic  Mach  number  range.  This  behaviour  seems  to 
be  due  to  the  nature  of  the  separation  zone,  in  the  case  of 
APOLLO,  and  to  the  unsteady  characteristics  of  the  near 
wake  recirculating  flowfield  in  the  case  of  planetary 
probes  like  HUYGENS,  or  VIKING. 

This  type  of  characteristics  is  constraining  for  the 
determination  of  the  dynamic  stability  parameters,  which 
put  strong  reliance  on  experimental  measurements,  as  the 
numerical  way  for  dynamics  of  large  separated  flowfield 
is  not  yet  mature. 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  “Capsule  Aerothermodynamics”,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 
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Indeed,  the  support  of  the  wind  tunnel  model  interferes 
with  the  wake,  for  either  forced  or  free  oscillation  test 
techniques.  However,  free  flying  tests  avoid  this  problem, 
but  provide  however  with  a  less  direct  insight  on 
dynamic  coefficients. 

The  HUYGENS  program  provided  the  opportunity  to 
investigate  this  dynamic  stability  problem,  at 
experimental  and  system  level. 


•  a  force  vector  R ,  which  is  the  vectorial  resultant  of 
all  the  aerodynamic  forces  which  act  on  the  body, 

•  a  torque  m  given  at  a  certain  location,  the  center  of 
gravity  for  example  mg . 

In  a  body  fixed  axis: 


2.  DESCRIPTION  OF  THE  PROBLEM 
2.1  Definitions 

When  entering  atmosphere,  the  incidence  evolution  of  a 
blunt  body  behaves  like  an  oscillator  response  which  is 
submitted  to  static  and  dynamic  forces  and  moments,  i.e. 
the  aerodynamic  ones. 

In  the  case  of  a  statically  stable  shape,  the  aerodynamic 
static  torque  results  in  trimming  the  incidence  through  a 
sinusoidal  motion. 


R  = 


■  Ca  t]  ocS 
+  Cy  q  ooS 


-  Cn  q  ooS 


where: 


nriG  = 


+  Cj  q  ooSL 
Cm  q  ooSL 

+  Cn  q  ooSL 


•  q  00  is  the  upstream  dynamic  pressure. 


•  L,S  are  respectively  the  reference  length  and 
reference  surface. 


The  shape  is  dynamically  stable  if  the  amplitude  of  the 
incidence  oscillatory  motion  decreases  with  decreasing 
altitude.  Incidence  is  then  reaching  asymptotically  its 
trim  value.  A  further  perturbation  of  incidence  is 
damped. 

At  the  opposite,  if  the  shape  is  dynamically  unstable, 
incidence  amplitude  of  the  oscillatory  motion  increases, 
and  incidence  diverges. 


•  Ca,  Cy,  Cn  are  the  force  coefficients, 

•  C],  Cm,  Cn  are  the  moment  coefficients. 

In  the  case  of  an  axisymmetric  shape,  like  HUYGENS 
entry  module: 

•  Cm  (a  =  oCq'  P  =  =  Cp  (a  =  0,  P  =  aQ) 

(pitch  and  yaw  moment  coefficients). 


•  C^  (a  =  ag,  p  =  0)  =  Cy  {a  =  0,  p  =  a^) 
(side  and  normal  force  coefficients). 

The  pitching  moment  coefficient  is  usually  linearized: 


The  aerodynamic  efforts  are  fully  described  by: 
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q  is  the  pitching  rate. 

Finally,  the  shape  is  statically  stable  if  the  aerodynamic 
torque  tends  to  decrease  a,  i.e.,  Cma  <  0.  indeed,  an 
incidence  increase  results  in  a  torque  which  will  oppose 
to  this  angular  displacement. 

It  will  be  demonstrated  in  the  next  paragraph,  that 
the  shape  is  dynamically  stable  if ; 


^  —  Cq  Cl(x  + 


L 

r; 


^2 


+  Cm  -  )  <  0 


(CfTiq 


If  I  is  the  transverse  inertia  of  the  vehicle,  the 
equilibrium  condition  about  the  center-of-gravity  leads 
to: 


I  d2(5e)/dt2  =  Q  S  L  [  Cj^q  L/V  d(5e)/dt 
+  Cjna  Sa  +  L/V  d(5a)/dt]  (3) 

The  Cj^q  term  is  the  aerodynamic  damping  of  the  rate  of 
change  of  attitude  0  of  the  vehicle,  the  term  is  the 
damping  of  the  rate  of  change  of  the  angle-of-attack  a. 
The  term  Cj^ct  represents  the  aerodynamic  stiffness  due 
to  the  angle-of-attack  5a. 


where: 

•  Cd  =  Ca  cos  a  +  Cn  sin  a  is  the  drag  coefficient 
(see  picture  above), 

•  Cl  =  -  Ca  sin  a  +  Cn  cos  a  is  the  lift  coefficient. 


^La  ~ 


a  Cl 

d  a 


and 


—  trans\'erse  radius  of  giration: 

m 


•  It  is  the  transverse  inertia, 

•  M  is  the  mass  of  the  vehicle. 

4  is  called  the  dynamic  stability  parameter. 


It  is  then  possible  to  combine  the  relations  (2)  and  (3)  in 
order  to  get  a  second  relation  between  5y  and  6a  : 

d2(50)/dt2  =  Q  S  L/I  {  C^q  L/V  [d(5Y)/dt  +d(8a)/dt]  + 
Cma  5“  +  Cmot-  L/V  d(5a)/dt}  (4) 

expression  (1)  can  be  derived  with  respect  to  time,  which 
gives 

d2(5Y)/dt2=  QS/mV  CL(^d(5a)/dt 
+  5a  d/dt  (Q  S/mV  Cl^)“  (5) 

The  expression  for  d(5Y)/dt  and  d^(5Y)/dt2  are  then 
replaced  in  equation  (4),  which  gives  : 

Q  S/mV  CL^d(5a)/dt  +  d2(5a)/dt2  = 

(Q  S  l2/I  V)“Cmq  [  Q  S/mV  CL^Sa  +  d(5a)/dt] 

+  (Q  S  L/ 1)  Cjua  8a  +  Q  S  L^/IV  Cn,o^-  d(5a)/dt 
-  d/dt  (Q  S/mV  Cl^)  5a  (6) 


2.2  Analytical  description  of  the  dynamic  stability  Which  is  equivalent  to  ' 


The  equilibrium  in  a  direction  normal  to  the  trajectory  of 
the  vehicle  may  be  expressed  as  follows: 

mV^/R  =  -  mV  dy/dt  =  -  Q  S  CL^^a 

which  can  be  expressed  with  respect  to  a  small  variation 
around  the  parameters  a  and  y  : 

d(5Y)/dt  =  Q  S/mV  CL^ba  (1) 

The  attitude  0  is  the  angle  between  the  longitudinal  axis 
of  the  vehicle  and  the  local  horizontal  direction  and  we 
have 

0  =  Y  -I-  a 

Considering  small  variations,  it  comes 

50  =  5y  -I-  5a  (2) 


d2(5a)/dt2  d(5a)/dt  [  Q  S/mV  Cl^ 
-QSL2/IV(Cn,q  +  C^^)] 

-  8a  [  q2  s2L2/m  I  V2  C^q  Cl^  +  (Q  S  L/  I) 
-d/dt(QS/mV  Cl^)]  =  0  (7) 

This  equation  can  be  written  as  : 

E(t)  =  d2(5a)/dt2  +  AjCt)  d(5a)/dt  +  AgCt)  5a  =  0  (7') 

where 

Ai(t)  =  Q  S/mV  Cl^  -  Q  S  l2/IV (C^q  + 

Ao(t)  =  -  q2  s2L2/m  I  v2  C^^q  Cl^  -  (Q  S  L/  I) 

+  d/dt  (Q  S/mV  Cl^^) 

The  ALLEN  hypothesis  enable  the  velocity  to  be 
expressed  as  follows : 


V  =  Vq  exp  [  -  Ko/2  exp  (-Z/Zq)  ] 
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where  Vd  is  the  velocity  at  beginning  of  entry,  if  the 
density  atmospheric  profile  can  be  modelised  as  : 

p  =  PO  exp  (  -Z/Zq) 

where  pq  and  Zq  are  constant,  and 

Kq  =  PO  Zq  S  Cq  /  m  sin  y^j 
Where  yjj  is  the  entry  flight  path  angle. 

It  is  then  possible  to  transform  the  equation  (7')  by  a 
variable  change,  which  substitutes  the  time  t  to  non 
dimensioned  altitude  Z/Zq. 

And  finally,  it  comes  : 

a/(XQ  =  a.*/aQ  cos  (2  K2®-^  exp(-Z/2Zo)  -  7i/4) 

Where  a*/aQ  represents  the  amplitude  of  the  incidence 
oscillations,  that  can  be  expressed  as  : 

a*/ao  =  l/{7i  exp(K^exp(-Z/Zo))  exp(Z/4Zo) 

(8) 

Where 

K2  =  Ko  /2  Cp  (Cl^  -  L/  P  siny^  r^) 

Where  r  is  the  transverse  gyration  radius  (r2=I/m),  and 

Ki  =  PO  Zq  S  /  4  m  sin  yj  [  -  Cl^  +  L^/r^  (C^^q  + 

^ma.  )  1 

It  then  turns  out  that : 

If  <0,  then  a*/ao  decreases  when  Z  decreases,  the 
amplitude  of  incidence  oscillations  is  damped. 

If  Kj  >  0,  then  two  different  cases  must  be  distinguished, 
according  to  the  magnitude  of  Z  with  respect  to 
Zc=ZoLog  (4Ki )  : 

If  Z>Zc  then  the  incidence  oscillations  are  damped 

If  Z<Zc  the  oscillatory  incidence  motion  is  divergent. 

It  is  therefore  the  Kj  parameter  which  enables  the  body 
dynamic  behaviour  to  be  appreciated. 

The  parameter  Kj  is  equal  to  : 

Ki  =C^ 

with  C  being  a  constant,  ^  has  been  defined  in  §2.1. 


It  should  be  pointed  out  that  the  Cjy,q  and  terms 
are  different,  although  they  are  used  as  a  sum  in  the 
above  equation,  and  measured  as  a  sum  in  the  fixed  axis 
oscillation  tests.  Indeed,  for  a  free-flying  entry  vehicle, 
the  varations  in  the  angle  of  pitch  and  in  the  angle-of- 
attack  can  occur  independently  of  each  other,  and  result 
in  different  longitudinal  distribution  of  the  normal 
velocity.  The  distribution  due  to  the  angle-of-pitch 
variation,  i.e.  the  pitching  velocity  q,  varies  along  the 
chord  and  intersects  zero  at  the  axis  of  rotation,  while  the 
distribution  due  to  the  angle-of-attack  variation  is 
constant  along  the  chord. 

In  the  case  of  an  oscillation  around  a  fixed  axis,  both 
variations  occur  at  the  same  time,  and  even  if  the 
numerical  value  of  a’  and  q  are  equal  ,their  effects  are 
different  and  are  superimposed. 


3.  BLUNT  BODY  DYNAMIC  BEHAVIOUR 

The  dynamic  behaviour  of  large  drag  blunt  bodies  has 
been  investigated  for  manned  re-entry  and  for  planetary 
exploration  missions.  From  these  experiments,  it  was 
shown  that  this  kind  of  shape  is  dynamically  unstable  in 
the  sub-,  trans-  and  even  supersonic  regimes. 

The  following  part  lists  some  examples  of  these 
investigations,  and  a  tentative  description  of  the  physical 
phenoma  which  contribute  to  this  trend. 

3.1  Large  angle  cones 

The  dynamic  behaviour  of  large  drag  sphero-conical 
shapes  was  first  investigated  in  the  frame  of  planetary 
entry  probe  programs  which  was  foreseen  at  NASA 
Ames  in  the  1960's. 

The  entry  vehicles  were  required  both  to  be  statically 
stable,  and  to  provide  with  large  drag  coefficient,  in  order 
to  insure  efficient  deceleration  of  the  probe  in  the  thin 
Martian  atmosphere. 

As  the  deceleration  itself  was  foreseen  to  provide  with 
informations  on  the  structure  of  the  explored  atmosphere, 
the  drag  coefficient  had  to  be  characterised  accurately, 
while  the  attitude  of  the  probe  had  to  be  known  precisely. 
Among  the  wind  tunnel  tests  investigations,  ballistic 
range  tests  were  performed  at  NASA  Ames  (see  [Rl]). 
The  preliminary  shape  investigations  led  to  selection  of 
sphero-conical  55  and  60°  half  angle  cones  (see  fig.  1). 
The  ballistic  range  tests  were  conducted  on  flat  base 
models  and  several  different  rear  part  geometries. 

The  sphero-conical  shapes  were  shown  to  be  dynamically 
unstable  in  the  transonic  range,  with  a  similar  behaviour 
for  either  the  flat  or  modified  rear  base,  while  the  general 
dynamic  behaviour  in  hypersonics  or  subsonics  was 
found  to  be  favourable  (see  [R2],  [R3]) 

The  dynamic  stability  parameter  ^  was  positive  from 
Mach  0,8  <  M  <  1,4.,  with  a  peak  of  instability  at  M=l.l, 
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I  being  positive  for  incidence  up  to  a>20°  at  M=l.l  (see 
fig-2). 

Several  geometrical  modifications  were  tried  to  assess  the 
sensitivity  of  dynamic  behaviour  with  respect  to  the  probe 
configuration.  A  toroidal  part  at  the  maximum  diameter 
location  had  no  effect  on  the  dynamic  behaviour  of  the 
models. 

In  an  attempt  to  understand  the  origin  of  the  dynamic 
instability,  a  spherical  after  part  was  added,  with  the 
center  of  the  sphere  which  coincides  with  the  center-of- 
gravity  of  the  model.  In  this  case,  the  contribution  of  the 
pressure  forces  acting  on  the  rear  part  of  the  model  to  the 
aerodynamic  moment  is  zero.  This  model  was  shown  to 
be  dynamically  stable  (see  figure  n°3). 

This  clearly  indicates  that  the  rear  part  pressure  is 
responsible  for  the  destabilizing  moment.  The  spherical 
rear  part  can  however  modify  slightly  the  front  face 
pressure  distribution,  through  the  boundaiy  layer.  Indeed, 
the  axial  force  coefficient  appeared  to  be  slightly 
modified  with/without  spherical  rear  part.  However,  this 
drastic  change  of  dynamic  behaviour  seems  to  be  an 
evidence  of  the  destabilizing  trend  due  to  the  rear 
pressure  field. 

The  nature  of  the  near  wake  must  therefore  be  unsteady, 
at  least  in  transonic  regime. 

This  phenomenum  leads  to  experimental  difficulties  for 
the  investigation  of  the  dynamic  derivatives  of  blunted 
large  drag  shapes. 

Indeed,  as  the  near  wake  seems  to  be  responsible  for 
dynamic  instability,  this  near  wake  must  be  carefully 
simulated  in  test  conditions,  in  order  to  be  able  to 
characterise  the  damping  coefficients  of  the  models. 

In  the  case  of  sting  mounted  test  technique  (free  or  forced 
oscillation  method),  the  sting  is  located  in  the  wake,  and 
therefore  disturbs  the  damping  coefficient  measurements. 
L.E.  Ericsson  and  J.P.Reding  have  carefully  analysed  this 
problem  (see  for  example  [R4] ). 

Some  other  candidates  for  Mars  investigations,  one  70 
and  two  60°  half  angle  cones  were  tested  in  free  flight 
tests  in  wind  tunnel  (see  description  of  the  method  in 
§5. 3. 3. 3)  (see  reference  [R5]).  The  geometries  of  the 
tested  models  are  shown  on  figure  n°4. 

All  of  these  shapes  were  shown  to  be  dynamically 
unstable  in  the  range  0.8  (approximately)  to  a  Mach 
number  between  2  and  3. 

Within  the  large  drag  large  angle  cone  shapes,  the 
VIKING  vehicle  aerodynamic  behaviour  has  been  widely 
investigated.  The  VIKING  program  was  dedicated  to  the 
exploration  of  Mars  atmosphere,  and  has  actually 
achieved  several  missions  (Viking  1  entered  the 
atmosphere  of  Mars  on  July  20  1976,  Viking  2  on 


September  3  1976),  and  had  therefore,  the  same 
requirement  to  be  fully  characterised,  in  term  of  trim  and 
damping  characteristics. 

VIKING  is  a  blunted  nose  70°  half  angle  cone  with  a 
ratio  of  nose  radius  to  base  radius  of  0.5.  The  center-of- 
gravity  was  offset  from  the  axis  of  symmetry  to  make  it  a 
lifting  configuration  (zcg/d=0.0134,  L/D=0.18)  (see 
[R9])  (seefig.5). 

A  complete  set  of  dynamic  tests  were  performed  on 
VIKING  shapes,  as  several  modifications  were  made 
until  the  final  geometry  was  defined,  from  sting  mounted 
tests,  forced  and  free  oscillation  techniques,  ballistic 
range  tests  and  free  flight  investigations  (see  reference 
[R6],[R7],[R8],[R11]). 

The  VIKING  shape  was  shown  to  be  dynamically 
unstable  in  the  range  M=0.8  to  a  Mach  number  slightly 
larger  than  2.  One  interesting  feature  is  the  presence  of  a 
double  peak  of  dynamic  instability  at  M=l.l  and  M=2.1 
(see  figure  n°6)  (see  [R8]). 

The  figure  n°7  shows  a  typical  damping  parameter  Cmq 
versus  incidence,  at  Mach  number  M=1.76.  It  turns  out 
that  the  damping  parameter  is  positive  (negative 
damping)  for  angle-of-attack  less  than  2°,  and  becomes 
negative  (positive  damping)  for  higher  angle-of-attack, 
and  remains  roughly  constant  for  a>4°. 

It  should  be  pointed  out  that  the  VIKING  rear  part  is 
bulbous  (see  figure  n°8  a  comparison  between  Viking, 
Huygens  and  shapes  from  [Rl]),  which  could  improve  its 
dynamic  behaviour,  like  the  spherical  rear  part  shape 
investigated  in  [Rl],  although  it  is  eventually 
dynamically  unstable  in  the  transonic  range.  However, 
the  dynamic  instability  zone  is  much  smaller  in  term  of 
angle-of-attack  range,  than  the  60°  and  55°  flat  base 
shapes. 

During  the  two  VIKING  Martian  entries,  the  dynamic 
behaviour  was  almost  the  same,  and  showed  that  at 
mortar  fire,  which  occurred  at  Mach  number  about  1,  the 
VIKING  vehicle  was  actually  dynamically  unstable.  A 
significant  growth  of  the  oscillation  amplitude  was 
measured,  while  the  onboard  reaction  control  system 
fired  a  number  of  times  during  this  period,  in  an  attempt 
to  limit  the  yaw  rate  (see  [R9]  and  fig. 9). 

3.3  Capsules  (APOLLO,  GEMINI,  MERCURY) 

The  capsule  like  shapes,  like  APOLLO,  SOYUZ, 
MERCURY  and  GEMINI,  have  been  shown  to  be 
dynamically  unstable  too  in  the  sub-  transonic  regime 
and  in  some  cases  in  supersonic  regime  (see  reference 
[R10],[R12][R13][R14][R15]). 
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The  geometry  of  these  vehicles  consists  in  a  front 
spherical  face,  characterised  by  the  nose  radius  ratio 
R^/d,  where  d  is  the  maximum  diameter  of  the  capsule, 
followed  by  a  conical  rear  part,  characterised  by  the  angle 
between  the  longitudinal  axis  of  the  vehicle  and  the 
conical  meridian  angle  6  (see  figure  n°10  APOLLO  and 
SOYUZ  geometries). 

The  end  part  of  the  vehicle  consists  in  a  blunt  spherical 
part  in  the  case  of  APOLLO  and  SOYTJZ,  characterised 
by  the  rear  end  radius  ratio  R2/d.  In  the  case  of  GEMINI 
and  MERCURY,  the  vehicle  rear  part  is  a  cylindrical 
part,  characterised  by  its  length  and  local  diameter  ratio 
dc/d. 

In  the  case  of  APOLLO  and  SOYUZ,  a  toroidal  part 
takes  place  between  the  sphero-conical  front  part  and  the 
conical  rear  part,  and  is  characterised  by  its  radius  ratio 
r/d. 

The  flowfield  over  such  capsule  shapes  is  complex  (see 
fig.  11a  Navier  Stokes  computation  in  hypersonics,  on  an 
APOLLO-like  shape).  For  moderate  angle-of-attack  ,  the 
stagnation  point  is  located  on  the  spherical  front  part, 
and  the  flowfield  is  attached  on  all  the  spherical  front 
face  for  nearly  all  the  speed  regime,  from  subsonic  to 
hypersonic.  At  the  maximum  diameter  location,  the  flow 
is  accelerated,  and  the  boundary  layer  separates  both  at 
windward  and  leeward  sides  for  small  angle-of-attack, 
and  for  Mach  number  regime  from  subsonic  to 
hypersonic. 

When  incidence  increases,  the  windward  streamlines 
reattach  at  a  certain  location  on  the  conical  part.  Thus 
creates  a  closed  separated  zone.  The  same  effect  can  be 
observed  with  increasing  Mach  number,  at  both  the 
windward  and  leeward  side. 

This  flow  pattern  is  very  unstable  in  nature,  and  together 
with  the  unsteady  near  wake,  generates  the  dynamic 
instability. 

Within  the  APOLLO  program,  intensive  wind  tunnel 
tests  were  performed,  in  order  to  characterize  the 
aerodynamic  coefficients  of  the  vehicle  in  the  whole 
range  of  flight  conditions,  in  terms  of  Mach  number  and 
Reynolds  number  mainly.  The  simulation  of  high 
enthalpy  conditions  could  not  be  performed,  while  it  has 
important  consequences  on  trim  angle-of-attack. 

The  dynamic  test  technique  which  were  used  on 
APOLLO  were  forced-oscillation,  limited  free- 
oscillation,  and  free-to-tumble  test  technique. 

All  showed  the  APOLLO  shape  to  be  dynamically 
unstable  in  the  subsonic  regime  for  Mach  number  lower 
than  0.7  (see  reference  [RIO]). 

GEMINI  models  were  tested  in  ballistic  range  (see 
reference  [R12]).  These  tests  showed  stability  parameters 
^  to  be  highly  positive  at  Mach  number  3  and  for  low 
incidence. 


Some  tests  were  performed  with  rounded  maximum 
diameter,  and  carborandum  on  the  maximum  diameter 
location.  Both  did  ease  the  reattachment  of  the  boundary 
layer  to  occur  on  the  rear  cone,  and  both  showed  to 
increase  the  dynamic  instability. 

This  seems  to  indicate  once  more  that  the  rear  part 
flowfield  is  responsible  for  the  dynamic  instability. 

The  targe  recirculating  near  wake  of  probes,  while  for  the 
capsules  the  type  of  reattachment,  either  closed  or  open 
type  recirculation  zone  on  the  rear  eone,  are  thought  to 
be  responsible  for  dynamic  instability. 

Although  these  phenomena  occur  at  different  Mach 
numbers,  they  all  have  impacts  at  system  level,  and 
require  specific  devices,  or  mission  modifications,  to  be 
implemented. 

This  will  be  discussed  in  next  paragraph. 


4.  CONSEQUENCES  OF  DYNAMIC  BEHAVIOUR 
AT  SYSTEM  LEVEL 

It  has  been  shown  that  the  blunt  bodies  with  large  drag 
are  dynamically  unstable  in  the  sub,  trans  and  even 
supersonic  Mach  number  range. 

This  dynamic  instability  has  consequences  at  system 
level,  and  has  therefore  to  be  taken  into  account  in  the 
design  of  a  vehicle,  during  the  vehicle  development 
phase. 

Two  types  of  vehicles  shall  be  considered  here,  the 
planetary  probes,  like  HUYGENS,  or  VIKING,  and  the 
manned  capsules  such  as  APOLLO,  or  capsules  which 
prefigure  manned  capsule,  and  which  therefore  have  the 
same  requirements  that  the  actual  manned  capsule,  i.e. 
the  Atmospheric  Re-entry  Demonstrator  (A.R.D.). 

4.1  Probes 

In  the  first  case,  the  planetaiy'  entry  probe  has  to 
decelerate  through  the  atmosphere,  from  its  release 
velocity  imposed  by  the  arrival  of  an  Orbiter 
(approximately  7000m/s  in  the  case  of  HUYGENS, 
4600m/s  for  VIKING)  close  to  the  target  planet,  down  to 
a  velocity  compatible  with  either  scientific  experiments 
to  begin  (HUYGENS),  or  landing  conditions  (VIKING). 

The  HUYGENS  case  will  be  detailed  from  here. 

Once  this  deceleration  phase  has  finished,  the  scientific 
payload  must  operate  its  characterisation  goal  of  the 
TITAN  atmosphere,  and  the  descent  module  must  be 
extracted  from  the  kernel,  which  is  constituted  by  the 
entry  shell  (see  Special  Course  part  "Aerothermodynamic 
requirements  and  Design  of  the  Huygens  Probe"). 
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A  parachute  with  a  larger  ballistic  coefficient  than  the 
entry  decelerator  is  deployed  from  the  descent  module, 
and  the  connection  between  the  descent  and  entry 
modules  is  cut.  The  descent  module  is  then  extracted 
naturally  by  the  main  parachute. 

In  order  to  operate  a  safe  and  reliable  deployment  phase, 
the  incidence  of  the  entry  module  prior  to  the  mortar  fire, 
has  to  remain  smaller  than  10°. 

Usual  parachute  deployment  conditions  occur  in  the 
subsonic  regime.  Indeed,  at  supersonic  conditions,  some 
shocks  occur  in  the  bridles  and  in  the  inflated  parachute, 
which  may  result  in  unsteady  behaviour  of  the  parachute 
inflated  shape.  Furthermore,  as  Mach  number  increases, 
the  heat  fluxes  may  damage  the  parachute  or  the  bridles 
which  may  result  in  a  mission  loss. 

However,  in  the  HUYGENS  case,  because  the  entry 
module  is  dynamically  unstable,  the  incidence  increases 
very  quickly  in  the  transonic  regime.  Therefore,  a 
subsonic  deployment  would  result  in  an  incidence  at 
deployment,  which  would  be  larger  than  the  maximum 
10°  upper  limit. 

The  consequence  of  the  HUYGENS  dynamic  instability 
is  the  need  of  a  supersonic  Mach  number  parachute 
deployment. 

The  maximum  Mach  number  deployment  condition  is 
derived  from  the  heat  flux  constraint,  plus  the  fact  that  a 
mechanical  shock  is  induced  by  the  inflation  of  the 
parachute,  as  the  drag  of  the  system  descent  module  plus 
parachute  increases  when  the  parachute  is  deployed. 

The  bridles  and  the  textile  material  of  the  parachute  can 
withstand  a  limited  level  of  stress.  This  latter  one  is 
proportional  to  the  dynamic  pressure,  and  is  maximised 
at  parachute  inflation  shock  load. 

A  second  requirement  for  parachute  deployment 
conditions  arises  then  from  this  load  limit,  i.e.  the 
dynamic  pressure  at  deployment  must  remain  lower  than 
440  Pa. 

Finally,  the  parachute  deployment  conditions  for  the 
HUYGENS  probe  was  selected  to  be  M=1.5  ,  because  of 
dynamic  instability. 

4.2  Manned  capsules  &  demonstrator  ARD 

The  blunted  capsule  shapes  have  been  shown  to  be 
dynamically  unstable  in  the  sub  trans  and  supersonic 
Mach  number  range. 

The  large  drag  of  the  capsule  provides  with  a  reasonable 
maximum  deceleration  load  during  hypersonic  entry, 
acceptable  by  the  crew,  whereas  a  center  of  gravity  offset 
provides  with  limited  level  of  fineness,  which  ensures 
some  lateral  range  capabilities,  and  load  factor  control 
during  entry. 


Once  the  deceleration  during  entry  has  occurred,  some 
additional  subsystem  of  descent  control  must  provide 
with  the  capability  to  achieve  a  terminal  velocity  of 
roughly  less  than  lOm/s,  compatible  with  soft  landing,  or 
water  drop  conditions.  A  parachute  is  therefore  used, 
with  a  deployment  which  was  achieved  in  subsonic 
regime  in  the  case  of  APOLLO  and  SOYUZ  for  example. 
As  in  the  case  of  the  atmospheric  probes,  the  attitude  of 
the  capsule  must  be  such  that  the  incidence  remain 
acceptable  with  respect  to  the  parachute  deployment 
conditions.  Furthermore,  angular  transverse  rate  must 
remain  limited. 

Now,  the  capsule  shapes  like  APOLLO  are  dynamically 
unstable  in  the  subsonic  regime.  Without  any  attitude 
control  device,  the  capsule  would  tumble  and  its 
incidence  may  increase  up  to  180°  (spherical  front  face 
heat  shield  rearward  position).  This  unexpected  position 
is  furthermore  very  stable,  both  statically  and 
dynamically. 

A  Reaction  Control  System  (R.C.S.)  is  therefore  used, 
which  provides  with  damping  of  the  angular  transverse 
rate  of  the  capsule.  This  R.C.S.  consists  in  at  least  6 
thrusters,  located  on  the  rear  cone,  in  the  case  of 
APOLLO.  They  are  associated  by  pair,  and  provide  with 
pitch  (nozzles  in  the  center-of-gravity  offset  plane),  yaw 
and  roll  (out  of  the  center-of-gravity  offset  plane). 

The  roll  nozzles  are  dedicated  to  bank  angle  control, 
which  provides  with  lift  vector  orientation  (out  of 
trajectory  plane  for  lateral  range  capability),  while  the 
pitch  and  yaw  thrusters  provides  with  damping  of  the 
angular  transverse  rate,  which  is  needed  during  transonic 
and  subsonic  regime,  because  of  dynamic  instability. 

The  opening  of  the  parachute  is  a  mission  failure  case. 
Therefore,  the  R.C.S.  was  redundant  in  the  case  of 
APOLLO  (12  thrusters),  while  the  shape  of  the  SOYUZ 
capsule  is  specially  designed  to  reach  a  single  heat  shield 
forward  position,  in  case  of  R.C.S.  failure. 

This  reliability  effort,  which  is  driven  by  dynamic 
instability  presence,  led  to  large  efforts  in  terms  of 
characterisation,  accommodation  and  mass  penalties  in 
the  case  of  the  redundant  R.C.S.  of  APOLLO,  and 
extensive  wind  tunnel  tests  and  shape  modifications,  in 
the  case  of  SOYUZ. 

Once  the  parachutes  are  deployed,  the  dynamic 
instability  level  constraints  the  design  of  the  descent 
control  system.  Indeed,  the  type  of  fixation  of  the 
parachute,  i.e.  the  number  of  attachment  points  of  the 
bridles  to  the  capsule,  the  length  of  the  bridles,  have  to  be 
tuned  to  provide  with  an  efficient  damping  of  the 
oscillations  of  the  capsule,  when  it  is  suspended  under 
the  parachute. 


5.  DYNAMIC  STABILITY  CHARACTERISATION 

Both  for  planetaiy  probes  and  manned  capsules,  the 
determination  of  the  dynamic  derivatives  is  necessary,  in 
order  to  respectively,  assess  the  reliable  deployment 
conditions  of  the  parachute,  and  determine  the  design  of 
the  thrusters,  in  order  to  insure  an  efficient  damping  of 
the  oscillatoiy  motion  of  the  capsule. 

The  determination  of  the  damping  coefficients  could 
theoretically  be  determined  either  from  theoretical, 
numerical  or  experimental  means.  In  fact,  the  theoretical, 
numerical,  way  is  not  yet  suitable  in  the  case  of  the  large 
drag  shapes,  such  as  large  angle  cones  or  capsules 
shapes.  The  feature  of  the  near  wake  flowfield  of  this 
kind  of  shape  which  is  responsible  for  the  dynamic 
instability  is  so  complex,  that  in  practice  the  wind  tunnel 
tests  are  the  basic  way  to  investigate  large  drag  shapes 
dynamic  behaviour.  However,  the  experimental 
investigation  is  made  difficult  due  to  the  nature  of  these 
capsule  dynamic  behaviour. 

The  following  part  will  describe  the  different  methods 
which  are  commonly  used,  their  advantages  and 
drawbacks. 

5.1  Dynamic  stability  similarity  parameters 

Like  for  the  static  aerodynamic  coefficients,  the  Mach 
number  and  Reynolds  number  must  be  reproduced,  when 
wind  tunnel  tests  dedicated  to  dynamic  stability 
investigations  are  to  be  performed. 

In  addition  to  these  parameters,  the  frequency  of 
oscillation  in  relation  to  full  scale  conditions  must  be 
simulated.  The  additional  parameter  cod/V,  is  called  the 
reduced  frequency  parameter,  must  therefore  be 
reproduced,  where  co  is  the  rotational  frequency  (rad/s),  d 
is  a  characteristic  length  of  the  vehicle,  and  V  is  the 
upstream  velocity.  This  parameter  contains  the  frequency 
of  oscillation,  and  represents  the  ratio  of  a  characteristic 
length  of  the  vehicle,  to  the  wavelength  of  the  oscillation. 

5.2  CFD  &  theoretical  prediction 

Within  the  hypersonic  region  (4<M<10),  theoretical 
methods  are  available  for  estimating  derivatives  for 
bodies  of  revolution  and  relatively  simple  lifting 
configurations.  The  Newton  Busemann  method  for 
example  provides  with  estimation  of  the  dynamic 
derivatives  in  a  limited  CPU  time,  with  limited 
numerical  developments  (see  Ref  16  to  21). 

However,  in  the  sub,  trans  and  supersonic  flow  regime, 
theory  yet  fails  to  predict  the  dynamic  derivatives  on 
large  drag  shapes.  Indeed,  the  dynamic  behaviour  of  this 
kind  of  body  is  driven  by  the  large  recirculating  near 
wake,  where  viscous  effect  are  predominant. 


A  correct  determination  of  the  dynamic  derivatives  would 
then  consist  in  a  full  Navier  Stokes,  time  dependent 
simulation  of  the  whole  surrounding  flowfield  of  the 
capsule. 

This  approach  is  however  necessary  to  be  developed  and 
improved,  in  order  to  reduce  significantly  the  CPU  time 
consumption. 


The  prediction  of  capsule  dynamic  behaviour  during  the 
atmospheric  re-entry  undergoes  knowledge  of  the 
aerodynamic  answer  to  a  limited  number  of  given 
characteristic  motions.  Each  of  these  motions  allows  to 
isolate  the  answer  for  one  damping  parameter  each  time. 

The  pitching  moment  can  be  derived  as  follows  : 

=  C  (ao,0)  +  P  (a-ao)  +  P  ■d-i-P  -q 

Where  a  is  the  instantaneous  angle-of-attack,  close  to  the 
reference  position  aq, 

Then,  it  is  intended  to  find  the  motions  for  which  certain 
terms  of  relation  above  are  cancelled  out.  These  motions  , 
shown  on  the  figure  n°17  ,  will  allow  to  extract  certain 
terms  separately. 

Movements  1  and  2  (movements  with  constant  incidence 
and  rotation  with  constant  incidence)  are  two  different 
ways  to  calculate  ^  . 

Movement  3  allows  extraction  of  . 

With  movement  4,  the  sum  of  Cj^q+Cj^o^-  can  be 
calculated  and  thus  enables  the  correlation  of  results. 

Veiy  often,  complex  wind-tunnel  testing  is  required  to 
extract  these  aerodynamic  damping  coefficients.  This 
brings  to  light  the  interest  of  numerical  computations  as 
they  allow  the  evaluation  of  dynamic  answers  regarding  a 
body  for  any  movement,  without  technological 
limitations  as  it  is  the  case  in  wind-tunnels.  Sting  effects 
,  which  disturb  capsule  wake,  where  subsonic  areas  have 
a  significant  influence  on  the  dynamic  behaviour,  are 
also  avoided. 

Furthermore,  it  is  interesting  to  compare  test  results  with 
computation  (or  other)  cross-checking. 

Today,  numerical  code  validations  have  been  done  for 
wing  profiles  as  well  as  for  3  D  axisymmetric 
configurations  in  movement  for  stiff  and  bending  bodies. 
However,  studied  shapes  and  incidence  tested,  caused 
neither  separation  nor  recirculations  areas.  Thus,  this 
computations  allow  the  use  of  EULER-type  modelisation. 
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The  results  have  successfully  been  compared  to  wind- 
tunnel  testing. 

For  high  separation  level  bodies  and  configurations,  few 
computations  have  been  done.  This  remains  a  study 
theme  at  research  stage.  Some  applications  have  been 
undergone  in  the  United  States  on  2D  wing  profiles  with 
high  incidence  pitching  movement.  Flow  conditions 
remain  at  low  Mach  (subsonic)  and  low  Reynolds  (2  X 
10^  are  reached)(see  Ref  28). 

The  main  difficulty  for  these  computations  is  linked  to 
the  choice  of  the  turbulence  model  as  well  as  to  high 
computation  costs.  The  first  difficulty  can  also  been 
applied  to  static  computations.  Improvements  done  in 
turbulence  models  for  static  computations  will  directly 
benefit  to  dynamic  cases. 

The  second  difficulty  concerns  computation  costs 
generated.  Solvers  will  have  to  be  time  consistent  in 
order  to  take  into  account  unsteady  phenomena  (advance 
in  time  of  the  solution  will  be  done  in  a  global  way, 
which  means  that  the  same  time  increment  will  be  used 
for  all  grid  cells).  This  constraint  is  all  the  more 
important  since  grids  are  thin  in  turbulent  computations. 

Two  ways  have  been  developed  to  compensate  the 
disadvantage  of  the  global  time  step. 

The  first  concerns  unstructured  solvers.  It  is  a  zonal  time 
step,  which  is  similar  to  the  local  time  step,  but  remains 
consistent  in  time. 

The  second  is  the  one  of  structured  solvers,  it  is  the 
technique  of  implicit  3D  resolution.  This  resolution 
makes  it  possible  to  get  free  from  the  CFL  constraint 
which  limits  the  time  step.  Several  implicitation 
techniques  exist,  the  most  consistent  must  be  retained 
(3DAI,  LU,  SGS,  LERAT-SIDES,  etc.). 

Methods  exist,  the  important  work  consists  in  the 
validation  of  these  computation  methods  with  a  good 
turbulence  model  and  in  making  validation  tests  for 
configurations  with  the  capsule  shape.  Thus,  it  seems 
that  at  mean  term  (until  5  years),  methods  will  be 
completely  operational  but  will  remain  expensive  with 
regard  to  the  cost  of  computations. 

S.3  Experimental  determination  of  dynamic 
derivatives 

A  complete  classification  of  the  experimental  means  used 
for  dynamic  derivatives  determination  may  be  found  in 
reference  22  and  23. 

The  following  description  will  be  limited  to  those  which 
have  been  employed  in  the  frame  of  capsule  vehicle 
development  phase. 


5.3.1Captive  model  testing 

The  first  kind  of  methods  which  will  be  considered  here 
consists  in  model  fixed  on  a  sting.  The  techniques  which 
shall  be  considered  here  are  limited  to  those  where  the 
model  has  one  degree  of  freedom  in  pitch. 

The  model  may  then  be  able  to  oscillate  freely,  or  is 
constrained  to  a  given  imposed  motion. 

In  the  first  case,  the  technique  is  called  free-oscillation 
technique,  the  second  one  is  forced  oscillation  technique. 

5. 3. 1.1  Free  oscillation  test  technique 

This  test  technique  is  the  simplest  and  most  direct 
method  usable  for  providing  with  informations  on  the 
dynamic  behaviour  of  a  model. 

Indeed,  the  model  is  fixed  on  a  sting  by  a  flexure,  and  is 
displaced  from  the  trim  conditions.  The  test 
measurement  consists  in  the  recording  of  the  model 
incidence  oscillations  versus  time. 

If  the  model  is  dynamically  stable,  the  decay  of  the 
incidence  amplitude  provides  with  the  damping  of  the 
mechanical  set  up,  due  to  internal  damping  in  the 
flexure,  and  friction,  plus  the  aerodynamic  damping  of 
the  model.  The  same  release  in  wind-off  condition  is 
performed,  and  provides  with  the  measurement  of 
mechanical,  or  tare,  damping.  The  aerodynamic  damping 
is  obtained  by  the  difference  between  the  two. 

This  technique  can  however  be  limited  in  the  case  of 
unstable,  or  marginally  stable  shape,  like  HUYGENS 
entry  module,  as  no  control  of  the  model  amplitude  is 
possible.  Indeed,  if  the  maximum  amplitude  of  the  model 
oscillation  is  reached,  no  quantitative  damping 
information  can  be  derived  from  a  fast  divergence 
incidence.  However,  this  would  be  the  evidence  of  a 
strong  instability.  Furthermore,  in  the  HUYGENS  case, 
the  amplitude  shape  can  be  erratic,  and  a  simple 
derivation  of  the  damping  coefficient  under  the  form  of  a 
logarithmic  decrement  is  not  applicable. 

The  free  oscillation  technique  is  advantageous  for  blunt 
large  drag  model  dynamic  investigation.  Indeed,  neither 
balance  nor  forcing  mechanism  have  to  be 
accommodated  in  the  model.  The  flexure  can  be  easily 
inserted  in  this  typically  short  models,  and  the  center-of- 
oscillation  of  the  model  is  therefore  possible  to  be  located 
at  the  scaled  center-of-gravity  location.  This  condition  is 
absolutely  needed  for  capsule  like-shapes. 

The  following  part  describes  the  basic  equations  for 
derivation  of  the  damping  coefficient : 

The  equations  of  motion  for  a  body  in  pitch  may  be  found 
in  reference  22  and  has  the  same  general  form  as  the 
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equations  of  motion  for  a  body  in  yaw  or  roll.  For  free- 
oscillation  systems,  the  equation  of  motion  has  the  form 

lyB  -(M0a  +  MQ-j)0  -  (M0a  +  Mef)0  =  0  (9) 

After  introducing  new  nomenclature  for  simplification  of 
the  derivation  of  the  solution  to  equation  (9),  it  becomes 
lyO' +C0'+K0  =  O  (10) 

The  general  solution  of  this  equation  describing  free- 
oscillation  motion  can  be  written  as 

6  =  A2exp(r2  t)  +  A2exp(r2  t)  (11) 


b  =  ([K/ly  -  (C/2Iy)^]  =  coj  (damped  natural  frequency) 

Equation  (13)  can  also  be  written  as 

6  =  0oexp[(-C/2Iy)t]  cos((Djt+/-(t))  (14) 

00  and  (|)  being  arbitrary  constants.  Equation  (14) 
represents  a  harmonic  oscillation  with  damping.  When 
cos(ff)jjt+/-(j))  =  1,  the  envelope  encompassing  the  points 
of  tangency  with  the  displacement  is  described  by 

0  =  0oexp[(-C/2Iy)t] 


where  A^  and  A2  are  arbitrary  constants  and  rj  and  r2 
are  the  roots  of  the  characteristics  equation.  These  are 
obtained  as 

ri  2  =  -  C/(2Iy)  +/-  ([(C/(2Iy)2  -  K/ly])0>5  (12) 

But,  since  the  undamped  natural  circular  frequency  is  co 
=  (K/Iy)®’^  ,  and  letting  C/(2Iy)  =  a  ,  equation  (12) 
becomes 

ri  2  =  -a  +/-  (a2  -  co^) 

Depending  on  the  relative  magnitude  of  a  and  co  ,  three 
homogeneous  solutions  to  equation  (10)  are  possible. 

a><y  or  the  overdamped  case 

The  two  roots  are  real,  and  the  homogeneous  solution  to 
(10)  may  be  written 


d=  e 


A-e 


B-e 


it  represents  an  aperiodic  motion,  which  after  an  initial 
disturbance  approaches  zero. 


a=(o  or  critical  damping 

The  two  roots  are  equal  and  the  general  solution  to  (10) 
is 


e=e-‘'\A  +  Bt] 


From  this  relationship,  the  logarithmic  decrement 
logg(0  /Oq)  is  used  to  obtain  the  damping  term  C.  The 
average  damping  coefficient  can  be  derived  from  the  time 
required  to  damp  to  a  particular  ratio.  Letting  0 1  and  02 
represent  amplitudes  occurring  at  times  ti  and  t2, 
respectively,  and  letting  02/0 1  =  R  ,  we  obtain  the 

following  equation  for  the  damping  moment : 

C  =  -21y  f  loggR/Cyr  (15) 

since  ^2  ‘  ^l  =  Cyr/f 

from  equation  (13)  for  the  natural  damped  frequency,  the 
static  moment  is 

K  =  lyoid^  +  Iy(C/21y)2  (16) 

The  term  Iy(C/21y)2  is  usually  very  small  and  can  be 
neglected. 

As  shown  in  equations  (9)  and  (10),  the  dynamic 
damping  and  static  moments  consist  of  moments  due  to 
the  aerodynamics  and  moments  produced  by  tares  in  the 
mechanical  system.  The  tares  are  evaluated  from  wind- 
off  measurements.  The  pressure  in  the  tunnel  is  usually 
decreased,  and  the  tare  damping  is  extrapolated  to  zero 
pressure  condition,  to  derive  the  vacuum  damping.  The 
final  aerodynamic  dynamic  damping  and  static  moments 
are  given  by 


The  case  of  interest  is  a  <  co 

The  case  of  interest  is  a  <  co,  where  the  roots  are 
complex,  representing  the  condition  where  the  system 
will  oscillate.  The  general  solution  to  equation  (10)  for 
this  case  is 

0  =  Aiexp(a+bi)t  +  A2exp(a-bi)t  (13) 

where  ri  2  =  a  +/-  bi 

a  =  -C/2Iy 


C  =  -M0  w  "  -  (M0'a  +  M0  t)w 
M0a^  (M0a  +  M0t)w  '  (^O'tV 

^  =  -M0W  ""  -  (Mea  +  M0i)^y  -  (  Mqj)^ 

where  the  subscripts  w  and  v  denote  wind-on  and 
vacuum  respectively. 

The  structural  damping  moment  parameter  varies 
inversely  as  the  frequency  of  oscillation.  The  tare 
damping  term  has  to  be  corrected,  in  order  to  take  into 
account  the  fact  that  the  wind-on  and  wind-off 
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measurements  are  performed  at  different  frequencies. 
Equations  (15)  and  (16)  combined  with  the  equations 
above  gives 

MQ  a  =  -2Iy  loggR  [  (f/Cyr)w  -  (f/Cyr)v  fv/fw  ] 

t  (®d)w^  '  (®dV^  ] 

The  derivatives,  when  reduced  to  a  non  dimension  form 
for  pitching  motion,  become 

Cmq  +  W-  M0  a(2V/QAd2) 

^ma  ~  ^^a 

Advantages 

This  method  is  simple,  and  provides  with  real  time 
indications  on  the  dynamic  behaviour  of  the  model. 

Drawbacks 

The  necessary  reduced  frequency  parameter  simulation 
may  not  be  easily  reached.  Indeed,  for  various  Mach 
number  conditions,  the  flight  reduced  frequency 
parameter  will  vary  as  a  function  of  aerodynamic 
frequency  0^=  V(Q  S  d  Cjj,Q^/It)  ,  which  will  therefore 
vary  with  upstream  dynamic  pressure,  and  aerodynamic 
stiffness  versus  Mach  number.  In  wind  tunnel 
conditions,  the  dynamic  pressure  variations  with  Mach 
number  will  not  follow  the  flight  ones,  and  moreover  the 
frequency  is  driven  by  the  sum  of  aerodynamic  plus 
flexure  stiffness.  The  reduced  frequency  parameter  will 
then  be  hardly  be  reached  for  all  Mach  number 
conditions.  This  will  be  made  more  difficult  if  the  flexure 
stiffness  is  large  compared  to  the  aerodynamic  one.  This 
is  the  case  when  non  trimmed  conditions  are  to  be  tested. 

5.3. 1.2  Forced  oscillation  test  technique 

The  model  is  fixed  on  a  flexure  and  forced  to  oscillate  by 
a  mechanism.  The  forcing  moment  has  the  form  of  a 
sinusoidal  torque  M  cos  cot,  where  M  is  the  amplitude  of 
the  torque,  co  is  the  frequency  of  oscillation.  A  strain 
gage  is  located  on  the  flexure,  and  indicates  the  model 
angular  displacement.  A  strain  gage  is  also  located  on 
the  input  torque  arm.  The  frequency  of  oscillation  of  the 
forcing  torque  can  be  tuned,  so  that  a  phase  shift  between 
the  forcing  torque  and  the  displacement  is  90°,  this 
corresponds  to  the  resonance  condition,  i.e. 

(0=  V(K/I) 

Where  K  is  the  total  stiffness  of  the  system  (aerodynamic 
plus  flexure),  and  I  is  the  transverse  inertia  of  the  model. 
In  this  case,  the  inertia  term  balance  the  stiffness  ones, 
and  the  forcing  torque  is  compensating  for  the  damping 
moment.  Thus,  the  amplitude  of  the  oscillation,  the 


frequency  and  the  torque  magnitude  provide  with  the 
damping  of  the  system.  Wind-off  tests  provide  with 
mechanical  part. 

The  following  part  shows  the  basic  equation  for  deriving 
the  damping  coefficients  from  forced  oscillation  test 
technique  (more  details  can  be  found  in  Ref  22). 

The  motion  of  a  model  which  is  rigidly  suspended  in  an 
airstream  and  forced  to  oscillate  in  one  degree  of  freedom 
(pitch)  as  a  sinusoidal  function  of  time  may  be  expressed 
as 

lyG  -  (M0'a  +  Mq  j)0  -  (M03  +  M0{)0  =  M  cos  cot  (17) 

where  the  subscript  a  refers  to  the  aerodynamic  values 
and  the  subscript  t  refers  to  the  tare  contribution  of  the 
model  balance  system. 

If  we  denote 

-(M9a  +  M0t)  =  C 
-  (M0a  +  M0t)  =  K 
Equation  (17)  becomes 

Iy0 '  +  C  0'  +  K  0  =  M  cos  cot  (18) 

The  complete  solution  of  this  equation  is  the  sum  of  the 
general  and  particular  solutions. 

When  M  =  0,  the  general  solution  is  equation  (14),  for 
the  case  of  the  free  oscillation  system. 

The  particular  solution,  which  is  necessary  for  the  steady 
state  case,  after  the  decay  of  the  initial  transients,  is 
assumed  to  be  of  the  form 

0  =  00  COS(C0(]t  -  (j)) 

By  substituting  0  and  0  in  equation  (18),  and  equating 
coefficients  yields 

00  =  M  /  [  (  K  -  ly  co2)  costj)  +  C  sincj)  ] 

tantf)  =Cco/(K-Iy  co2)  (19) 

Equation  (19)  shows  that  for  constant  amplitude  motion, 
when  the  forcing  frequency  is  equal  to  the  natural 
frequency  of  the  system  ((|)  =  90°),  the  inertia  term 
balances  the  restoring  moment  term  and  the  damping 
moment  is  precisely  equal  to  the  forcing  torque, 

C  @0  CO  =  M 

Under  these  conditions,  the  knowledge  of  the  forcing 
moment  M,  the  angular  frequency  co  and  the  system 
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amplitude  Gq  enable  the  damping  parameter  C  to  be 
determined. 

Introducing  the  relations  for  C  and  K,  the  aerodynamic 
damping  moment  and  the  equation  for  M0g  become 

a  ~  a  t)w  ■  ( ^0  t)v 

^a=  (^a'^^t)w  -  (^etV 
where  v  and  w  indicate  the  vacuum  and  wind  on 
conditions,  respectively.  In  terms  of  the  measured 
quantities,  moment,  amplitude  and  frequency 

Mea=  l/®^[(M/0o)w-(M/eo)v] 

Mea=  ly  [“w^-®v^] 

The  derivatives  when  reduced  to  a  non  dimension  form 
become 

^mq  ^ma'  “  ^0  a  V/QAd^) 

^ma  “  ^0a 

In  the  case  where  the  resonance  condition  is  not  reached, 
the  expression  for  the  particular  solution  ,  its  first  and 
second  order  time  derivatives,  are  substituted  into 
equation  (18),  which  yields  to 

M0  g  =  [  M/coGq  sin(j)]^  -  [  M/coGq  sin(j)]y  cOy  / 

M03  =  [  ly  co^  +  M/0Q  cos(|)  ■  [  ^y  M/00 

Iv 

And  the  non  dimension  forms,  as  before. 

Advantages 

In  the  case  of  the  forced  oscillation  test  technique,  the 
amplitude  of  the  model  motion  is  fixed  by  the  driving 
mechanism.  This  kind  of  test  is  therefore  adapted  to 
dynamically  unstable  shapes,  like  the  large  drag  models 
capsule  shapes. 

The  need  for  simulating  the  reduced  frequency  parameter 
may  be  more  easily  reached  with  a  forced  oscillation 
technique,  because  the  frequency  of  oscillation  can  be 
tuned,  while  in  the  case  of  free  oscillation,  the  frequency 
is  fixed  by  the  stiffness  of  the  flexure. 

Drawbacks 

In  the  case  of  forced  oscillation  technique,  a  forcing 
mechanism  has  to  be  accommodated  in  the  sting,  in  order 
to  oscillate  the  model  at  a  constant  amplitude.  The  sting 
is  therefore  larger  than  in  the  case  of  the  free  oscillation 
tests  technique.  Moreover  a  balance  may  have  to  be 
accommodated,  which  further  increases  the 


accommodation  problems,  i.e.  result  in  a  larger  sting 
diameter. 

The  center-of-oscillation  is  difficult  to  locate  at  the 
vehicle  scaled  center-of-gravity  location,  which  is  very 
important  for  blunt  body  dynamic  testing. 

In  the  forced  oscillation  test  technique,  the  damping 
characteristics  of  the  model  put  reliance  on  torque 
measurements.  In  the  case  where  the  resonance  condition 
is  reached,  the  accuracy  of  the  measurement  is  expected 
to  be  maximum,  however,  the  applied  torque  is  as  a 
result  very  small.  The  balance  is  then  required  to  have  a 
very  good  accuracy  ,  in  order  to  have  a  reliable  torque 
measurement.  The  determination  of  the  amplitude  and  of 
the  frequency  are  also  part  of  the  damping  coefficient 
measurement  algorithm.  The  final  accuracy  of  the 
damping  depends  on  the  accuracy  of  at  least  three 
independent  measurements,  while  in  the  case  of  the  free 
oscillation  tests,  the  only  incidence  measurement  is 
needed. 

It  is  therefore  more  difficult  to  obtain  accurate 
measurements  with  the  forced  oscillation  test  technique 
than  with  the  free  oscillation  test  technique. 

5. 3. 1.3  transverse  rod 

During  the  development  program  of  APOLLO,  dynamic 
derivatives  investigations  were  performed  by  the  use  of 
free-to-tumble  test  technique.  This  method  allows 
statically  balanced  models,  mounted  on  a  transverse  rod 
through  the  center-of-gravity,  to  tumble  freely  through  a 
range  from  0°  to  360°  (see  typical  mounting  on  figure 
n°12).  Some  difficulties  were  encountered  to  avoid 
significant  friction  and  interference  from  the  test  set-up. 
Gas-bearing  failed,  and  precision  ball  bearings  proved  to 
be  satisfactoiy. 

The  tare  damping  of  the  model  being  negligible,  the 
aerodynamic  damping  can  be  derived  from  the  simple 
second  order  derivative  equation  : 

+  (^mq  +  Cjno,  )QAd20  /2  V  +  C^a  QAd0  =  0 

(20) 

If  is  measured  from  static  tests  and  ly  is  measured  in 
advance,  the  damping  coefficient  is  the  only  variable,  and 
can  be  found  from  iterative  simulation  of  0  time  histoiy, 
until  the  computed  and  measured  curves  fit  together. 

This  test  technique  was  used  in  the  frame  of  APOLLO 
development  program,  and  showed  the  model  to  be 
dynamically  unstable  in  the  subsonic  Mach  number  range 
(M<0.7). 
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As  this  technique  has  not  been  widely  and  thoroughly 
used  except  in  APOLLO  program,  a  better  knowledge  of 
this  technique  should  be  needed  to  list  its 
advantages/drawbacks.  However,  one  can  remark  that,  as 
in  the  general  case  of  sting  mounted  technique,  the 
interference  from  the  sting  may  have  significant  effects 
on  the  results,  with  the  specific  feature  in  this  particular 
case  of  a  sting  which  is  protruding  from  the  side  of  the 
model  into  the  external  flowfield. 

5.3.2  Specific  problems  related  to  sting-mounted 
dynamic  tests 

5. 3.2.1  Wake  interference 

It  turns  out  that  the  sting  support  interference  problem  is 
still  more  critical  in  the  dynamic  tests  than  in  the  static 
ones.  Indeed,  the  sting  must  be  stiff  enough  to  avoid 
unwanted  vibrations  of  the  test  set  up,  while  the  sting  is 
excited  by  both  the  dynamic  unstable  shapes  and  by  the 
motion  of  the  model  relative  to  the  sting.  A  compromise 
must  then  be  found  between  the  neeessary  minimum 
diameter  of  the  sting,  related  to  the  required  stiffness, 
and  the  need  to  minimize  the  sting  diameter,  in  order  to 
minimize  the  interference  of  this  suspension  mechanism. 

In  the  frame  of  the  VIKING  project,  a  very  large  wind- 
tunnel  test  campaign  has  been  dedicated  to  the  dynamic 
behaviour  assessment  (see  Ref  II). 

Very  large  data  uncertainties  had  been  measured  by 
experimenters,  and  then,  it  was  decided  to  use  different 
test  techniques  in  order  to  improve  data  accuracy  and 
understand  the  origin  of  the  discrepancies. 


Figure  n°  14  shows  wake  geometries,  both  in  terms  of 


minimal  wake  diameter 


and  wake  length 


V  y 


(see  figure  n°  15  for  wake  definition),  divided  by  model 
diameter  djji. 


Sting  configuration  and  Mach  number  have  a  large 
influence  on  wake  geometry.  Free  flight  wake  geometry 
lies  below  the  sting-supported  results  because  the  sting  is 
forcing  the  wake  diameter  outward,  while  wake  lengths 
are  shorter  with  a  sting  because  less  length  is  required  for 
wake  contraction  with  a  larger  diameter. 


Finally,  it  turns  out  that  a  sting  with  a  diameter  ratio 

d  I 

— ^  =  0. 1  83  and  a  length  ratio  — ^  =  3.  55  does  not 

dm  dm 

disturb  significantly  the  wake  geometry. 


The  further  step  in  VIKING  experiments  was  dedicated 
to  damping  coefficients  sensitivity  with  respect  to  sting 
geometry. 


The  largest  sting  support  influences  were  found  to  occur 
at  the  lowest  test  Mach  number  (1.76)  for  which  this 
interference  study  was  made. 

"In  fact,  the  data  obtained  at  M  =  2.23  show  small  effects 
of  effective  sting  length  and  diameter  while  the  data  at 
M  =  3 .0  showed  no  interference  effects  for  the  tested 
conditions"  (from  Ref  1 1). 


The  detailed  results  of  VIKING  investigations  are  shown 
on  figures  n°  7  and  n°  16. 


Hence,  forced  oscillation  technique  tests  were  performed 
at  the  ARNOLD  Development  Center  between 
0.6  <  M  <  3.0,  free  oseillation  tests  were  made  at  AEDC 
VKF  facility,  and  ballistic,  range  tests  were  performed  at 
AEDC  VONKARMAN  Gas  Dynamics  Facility  in  the 
range  1.6  <  <  3.0. 

Moreover,  during  the  free  oscillation  tests,  several  sting 
diameters  and  lengths  were  used  in  order  to  investigate 
the  sting  interference  effect  on  damping  coefficients 
measurement  (see  on  figure  n°  13). 

Besides  the  sting  effect  on  the  damping  parameters, 
schlieren  pictures  were  made  during  the  free  flight  and 
the  free  oscillation  tests,  in  order  to  assess  the  influence 
of  the  sting  on  wake  geometry. 

Even  if  it  is  not  possible  to  correlate  damping  eoefficients 
with  the  wake  geometry,  a  wake  disturbance  is  for  sure 
responsible  for  damping  coelficients  modification. 


There  is  an  unstable  damping  trend  as  effective  sting 
length  increases  at  very  low  angle  of  attack  (see 


Is 

dm 


curve  slopes  on  figure  n°  7). 


The  same  unstable  trend  can  be  observed  when  the 
diameter  of  the  sting  is  decreased  (see  figure  n°  16). 
However  this  sting  diameter  effect  can  be  observed  at  low 
angle  of  attack,  for  all  test  REYNOLDS  numbers.  It  is 
believed  that  a  further  diameter  ratio  decrease  would  not 
have  altered  the  results. 

Two  conclusions  arise  from  these  interference  studies. 

Long,  small  diameter  sting,  which  provides  minimal 
interference,  increases  the  unstable  damping  spikes.  This 
is  a  further  evidence  that  a  blunt  body  wake  is  the  major 
contributor  to  unstable  damping. 
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The  interference  effects  are  experienced,  in  the  VIKING 
case,  in  the  angle  of  attack  range  where  dynamic 
instability  occurs,  i.e.  where  the  contribution  of  the  wake 
to  the  damping  prevails. 

5.3.2. 2  Transport  formula 

When  the  center-of-oscillation  cannot  be  accomodated  at 
the  scaled  center-of-gravity  of  the  vehicle,  a  transport 
formula  has  to  be  used,  in  order  to  derive  the  damping 
coefficients  from  the  flexure  to  the  flight  scaled  center- 
of-gravity  (see  Ref  34). 

A  lot  of  difficulties  have  been  met  by  experimenters  who 
have  tried  to  apply  this  formula  to  capsule  model 
dynamic  test  results. 

In  Reference  10,  it  is  pointed  out  that  the  first  APOLLO 
dynamic  tests  were  conducted  with  such  a  balance  and 
oscillation  set  up,  that  the  center-of-oscillation  could  not 
be  accomodated  at  the  cog  (Ref  3 1,32,33).  Therefore  the 
tests  were  made  for  different  center-of-oscillation,  and 
people  tried  to  correlate  the  resuls,  in  order  to  transfer 
the  data  to  the  center-of-gravity.  The  result  were 
inconclusive. 

5.3.3  Free  model  test  techniques 
5. 3. 3.1  Ballistic  range  tests 

A  complete  description  of  ballistic  range  technique  can 
be  found  in  reference  24. 

The  ballistic  range  tests  consist  in  launching  a  scaled 
model  in  a  tunnel,  the  recording  of  the  motion  pictures 
along  the  ballistic  range  provides  with  the  capability  to 
derive  the  static  and  dynamic  aerodynamic  coefficients  of 
the  tested  models  (see  Ref  1,2,3).  Indeed,  pictures  of  the 
model  are  taken  at  regular  distance  along  the  ballistic 
range,  while  the  time  corresponding  to  the  recorded 
picture  is  accurately  known.  The  deceleration  of  the 
model  in  the  ballistic  range  provides  with  the  drag 
coefficient,  while  the  attitude  of  the  model  is  used  to 
derive  the  damping  coefficient  from  the  second  order 
equation  of  the  angular  motion  of  the  model.  The 
frequency  of  oscillation  indicates  the  pitching  moment 
slope. 

The  capabilities  of  ballistic  range  facilities  are  wide  and 
able  to  cover  from  hypersonics  to  subsonics.  The  main 
advantage  of  this  test  technique  is  the  absence  of 
interference  with  a  support.  The  only  interference  is 
between  model  and  tunnel  wall,  which  can  vary 
depending  on  the  tunnel  geometry  (octogonal, 
cylindrical,...). The  size  of  the  model  is  tuned  to  this  end, 
and  interference  is  almost  negligible  (see  [Ri]). 

The  limitation  of  this  test  technique  consists  in  the 
difficulties  to  master  the  initial  conditions  of  the  launch, 


in  terms  of  initial  attitude  of  the  model.  Indeed,  the 
models  are  adapted  to  the  gun  by  the  mean  of  two,  or 
more  pieces  sabots.  This  sabot  has  to  be  separated  from 
the  model  at  the  entry  in  the  ballistic  range  itself,  this  is 
made  by  a  mechanical  deviation  of  the  sabot,  which 
results  in  hardly  predictable  kinematic  behaviour  prior  to 
the  tunnel  entry.  However,  with  sufficiently  long  ballistic 
range,  a  single  shot  provides  with  various  model  attitude 
informations,  as  it  flies  along  the  tunnel. 

One  other  difficulty  is  that  the  model  dynamic  derivatives 
are  deduced  from  full  oscillation  amplitude  motions,  and 
consist  therefore  in  effective  damping  coefficients  (mean 
value  over  a  cycle).  Techniques  exist  to  go  from  effective 
to  local  value  of  damping  coefficients,  i.e.  the  damping 
coefficient  which  is  actually  applicable  to  a  6  Degree-of- 
freedom  computation.  Indeed,  a  vehicle  passes 
instantaneously  through  various  angle-of-attacks,  and 
needs  therefore  to  know  about  the  instantaneous  damping 
at  a  given  incidence. 

The  reference  29  provides  with  formula,  derived  from 
energy  considerations  ;  the  work  over  a  complete 
oscillation  performed  either  from  the  local  damping 
times  the  instantaneous  angle-of-attack  variation  is  the 
same  than  the  work  performed  by  the  effective  damping 
times  the  amplitude  variation  (see  also  Ref.  30). 

However,  it  must  be  pointed  out  that  this  transformation 
from  effective  to  local  value  is  difficult  to  undergo,  in  the 
case  of  highly  non  linear  damping  coefficient  variations 
versus  incidence,  which  is  the  case  for  blunt  bodies  in  the 
transonic  regime  for  example  (see  [R5]). 

From  model  manufacturing  point  of  view,  strong 
constraints  are  put  on  the  model,  because  it  has  to 
withstand  very  high  acceleration  level  during  launch  in 
the  case  of  high  velocity  tests  (more  than  100  000  g's  for 
h>'personics).  The  material  of  the  model,  and  possibly  the 
geometry  of  the  model  has  to  be  designed  in  such  a  way 
that  the  shape  remains  unchanged. 

Besides  the  considerations  on  blunt  vehicles,  it  is  difficult 
to  test  with  high  Lift  over  Drag  ratio  models,  because  the 
model  may  damage  the  tunnel,  as  its  trajectory  is  curved 
during  the  flight  along  the  ballistic  range. 

5.3.3.2  Free  flight  tests  in  wind  tunnel 

As  said  earlier,  the  main  disadvantage  of  either  the 
forced  or  free  oscillation  tests  technique,  is  the  presence 
of  a  sting  in  the  near  wake  of  the  vehicle.  This  makes  the 
results  questionable,  as  this  near  wake  is  thought  to  be 
responsible  for  the  transonic  dynamic  instability. 
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The  free  flight  tests  in  a  conventional  wind  tunnel  avoids 
this  problem,  as  it  consists  in  the  release  of  a  scaled 
model  in  a  conventional  wind  tunnel.  The  recording  of 
the  pictures  of  the  model  motion  enables  the  dynamic 
characteristics  of  the  model  to  be  determined.  The 
models  are  either  sustained  in  the  wind  tunnel  upstream 
of  the  viewing  window,  or  launched  by  a  pneumatic 
launcher  in  the  upstream  direction. 

The  model  launch  velocity  is  tuned  so  that  the  model 
reaches  the  upstream  edge  of  a  viewing  window.  The 
incidence  time  history  of  the  model  is  recorded,  along 
with  the  model  position  in  the  wind  tunnel,  versus  time. 

The  accuracy  of  the  analysis  is  improved  if  the  model 
oscillates  with  increased  number  of  cycles  in  front  of  the 
viewing  window.  The  mass  of  the  model  must  therefore 
be  kept  as  large  as  possible,  while  the  model  diameter 
should  be  reduced,  in  order  to  reduce  its  total  drag.  On 
the  other  hand,  its  transverse  inertia  must  be  reduced,  by 
manufacturing  a  dense  inner  core,  with  an  external  thin 
outer  shell.  In  reference  [R5],  the  outer  shell  consisted  in 
thick  polystyrene  plastic,  while  the  inner  core  was 
powdered  tungsten.  This  enables  the  model  to  be 
destroyed  in  the  wind  tunnel,  with  no  damage  for  the 
wind  tunnel. 

The  derivation  of  the  damping  coefficient  is  briefly 
described  hereafter  (see  [R5]); 

If  one  assume  the  aerodynamic  coefficients  to  be  linear 
function  of  angle-of-attack  [  i.e.  Cm  =  a  ; 

Cl=Clqj^  a  ;  Cq=  Cp)o],  the  solution  to  the  equation  of 
planar  angular  motion  : 

lyO  ’  =  1/2  p  V2  A  d  Cm  +  1/2  p  V2  A  {C^q  +  Cma  ) 
(0  d/V)  (21) 

is 

a  =  aq  exp(?i  X)  cos  {  [(-p  Ad/  2I)Cmoc  +  x} 

(22) 

where 

A,  —  p  A/4m  [  Cj3Q  -  Clq^  -  md^/I  {C^q  +  Cma  (23) 

It  is  usually  assumed  that  [-p  A  d  /  (2  I)]Cma  ^nd 

the  effective  pitching  moment  slope  can  be  derived  from 
the  distance  frequency  of  oscillation  from  the  following 

Cmaeff=-2l!^^/(pAd)  (24) 

where  D  is  the  distance  frequency  of  oscillation.  The 
damping  coefficient  may  be  oMained  from  equation  (22) 
in  terms  of  the  amplitude  envelope  as 


{Cmq  +  Cma  }md2/I  =  4m  /p  A  l/(  X  -  Xq)  Ln  (e^/eq) 
+  ^La  -  Cdo 

For  general  application  these  hypothesis  are  too  much 
restrictive,  and  more  applicable  solutions  must  be  found. 
Unrestricted  integral  equations  for  determining  the 
dynamic  stability  coefficient  from  energy  considerations 
has  been  developed  in  25  and  26. 

In  particular,  the  non  linearity  of  pitching  moment 
versus  angle-of-attack  must  be  taken  into  account. 

A  more  general  solution,  assuming  that  the  pitching 
moment,  lift  and  drag  may  be  expressed  as 

Cm  —  CjnQ(^  a  +  2rj|^  0^  Cl  ~  ^La  ct  +  k  0^ 

Cd=Cd0  +  K02 

it  comes 

(Cmq  +  Cjno^-}md2/I  =  4m  /p  A  l/(  X  -  Xq)  Ln 
(0x/0q)R  +  (CLa  +  3/4  k  aq2)  -  (CDq+  1/4  K  ^2) 

R  is  the  pitching  moment  correction  ratio,  and  is  closed 
to  1  for  small  values  of  rj^  associated  to  blunt  bodies. 

The  corrections  for  Cl  and  Cq  have  small  effect  on 
damping  coefficient  analysis,  because  they  contribute  to  a 
small  extent  to  the  amplitude  of  the  oscillatory  motion. 

The  derivation  of  general  energy  equation  to  asymmetric 
and  axisymmetric  with  a  center-of-gravity  offset  may  be 
found  in  27.  The  case  of  either  linear,  cubic,  bi-linear 
(two  different  slopes  for  positive  and  negative  incidence) 
and  bi-cubic  cases  are  analysed. 

Advantages 
No  sting  interference 

The  initial  attitude  conditions  of  the  model  can  be  easily 
tuned 

The  model  motion  is  fully  representative  of  the  flight 
motion 

The  test  provides  with  pictures  of  the  model  surrounding 
flowfield  in  a  non  disturbed  aerodynamic  environment. 

Drawbacks 

The  damping  coefficient,  as  derived  from  the 
aforementioned  analysis  corresponds  to  an  effective  value 
of  damping  over  a  full  oscillation  amplitude. 

The  analysis  and  derivation  of  the  damping  coefficient  is 
complex,  especially  in  he  case  of  non  linear  pitching 
moment  curve,  or  model  with  center-of-gravity  offset. 
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6.  HUYGENS  CASE 

The  HUYGENS  mission  is  described  in  the  document 
Aerothennodynamic  requirements  and  design  of  the 
HUYGENS  Probe. 

When  entering  the  TITAN  atmosphere,  the  HUYGENS 
entry  module  (see  figure  n°8)  is  submitted  to 
aerodynamic  torque,  which  results  in  the  case  of  a 
statically  stable  vehicle,  to  precession  of  the  elliptic 
motion  of  probe  longitudinal  axis  around  the  velocity 
vector  (see  figure  n°18).  The  total  incidence  (angle 
beween  the  probe  longitudinal  axis  and  the  probe  center- 
of-gravity  velocity  vector)  of  the  Entry  Module  (EM) 
describes  then  an  oscillatory  motion,  with  first  a 
converging  amplitude  towards  a  constant  trim  angle-of- 
attack. 

The  angle-of-attack  at  beginning  of  entiy  is  less  than  10° 
at  Mach  number  M>20,  which  becomes  less  than  2°  in 
supersonics. 

This  convergence  is  the  result  of  the  static  stability'  of  the 
60°  half  angle  entry  module  in  hypersonics  (see  fig.  n° 
19). 

Early  in  the  project, a  complete  aerodynamic  database, 
including  static  and  dynamic  coefficients, was  needed  in 
order  to  perform  6  degree-of-freedom  trajectories. 

The  preliminary  database  was  built  from  literature  on 
tested  shapes  as  close  as  possible  to  the  entry'  module 
(EM)  shape.  Some  ballistic  range  tests  which  had  been 
performed  in  the  60's  at  NASA  Ames,  provided  us  with 
dynamic  coefficients  of  55°-60°  half  angle  cones,  with 
flat  base  (see  Ref  1). 

Experimenters  from  these  tests  did  conclude  that  a 
dynamic  instability  was  evidenced  in  transonic  regime, 
but  for  Mach  number  M>1.4,  the  shapes  were  found  to  be 
dynamically  stable. 

However,  no  test  had  been  performed  for  low  incidence  at 
M>1,4,  and  furthermore,  the  HUYGENS  probe  has  a 
partially  empty  afterbody,  which  could  have  influence  on 
dynamics  (see  figure  n°8). 

Early  in  the  project,  dynamic  stability  tests  were  therefore 
performed  in  sub-trans  and  supersonic  Mach  number 
range,  in  order  to  derive  a  database  which  should  be 
applicable  to  HUYGENS  probe. 

The  previous  experience  of  European  aerodynamic 
facilities  was  limited  to  aircraft  and  slender  cones,  which 
led  to  some  compromise  to  find  between  the  existing 
material  and  the  requiremens  connected  to  blunt  bodies 
dynamic  coefficients  measurements  (mainly  issued  form 
VIKING  experiments,  see  Ref  1 1). 

The  HUYGENS  dynamic  tests  were  performed; 
in  Defense  Research  Agency  (DRA  at  Bedford.  Great 
Britain,  past  Royal  Aircraft  Establishment  RAE)  for  the 


Descent  Module  (DM)  in  low  subsonics  (M=0.2),  in  the 
13  X  9  ft  wind  tunnel. 

in  FFA  (Swedish  Aeronautical  Research  Institute,  at 
Stockholm,  Sweden)  for  the  Entry  Module  (EM)  in  sub, 
trans  and  supersonics  (0,5  <  M<  2.0),  in  the  S4  wind 
tunnel. 

A  complementaiy  test  program  was  foreseen  at  Aircraft 
Research  Association  (ARA  in  Bedford)  at  M=4  and  5,  to 
assess  the  high  supersonic  dynamic  stability  of  the  Entry 
Module. 

The  subsonic  tests  on  the  DM  were  performed  with  the 
forced  oscillation  technique  with  a  so  called  flexible  sting 
(see  Ref  35). 

These  tests  on  the  EM  were  performed  with  forced 
oscillation  test  technique  for  small  amplitude  oscillations 
(1.2°  amplitude)  with  existing  rig  adapted  to  aircraft 
dynamic  stability  investigation  (see  figure  n°20). 

As  a  result,  the  sting  was  large,  which  resulted  in 
interferences  with  the  flowficld.  Moreover,  the  center-of- 
oscillation  of  the  tests  could  not  be  accommodated  inside 
the  model.  Therefore,  dedicated  transport  formulae  had 
then  to  be  used  in  order  to  derive  the  damping 
coefficients  at  the  model  scaled  center-of-gravity  location 
(see  reference  n°34)  and  led  to  poor  accuracy  of  the 
results,  and  finally  the  sensitivity  of  the  balance  was  not 
adapted  to  the  aerodynamics  of  blunt  bodies  ( large  axial 
force,  small  normal  force  and  pitching  moment). 

These  FFA  tests  showed  that  the  entry  module  was 
dynamically  unstable  for  Mach  number  2  and  lower  at 
moderate  angle-of-attack  (a<15°,  see  figure  n°21),  with 
an  increasing  instability  with  decreasing  Mach  number. 

The  VIKING  tests  had  shown  that  interference  effect 
were  significant  for  Mach  numbers  lower  than  2  (see 
Reference  n°7),  and  Schlieren  pictures  of  the  EM  tests  at 
small  incidence  did  not  show  evidence  of  near  wake 
disturbance,  in  terms  of  neck  diameter  and/or  neck 
distance  to  the  base  of  the  EM,  when  compared  to  CFD 
Navier  Stokes  computations  (these  two  parameters  were 
investigated  in  VIKING  dynamic  tests  sensitivity  studies 
with  respect  to  sting  interference). 

Consequently,  this  unexpected  dynamic  instability  was 
taken  into  account  in  dynamic  database  used  for  6 
degree-of-freedom  computations  of  EM  entry  into 
TITAN  atmosphere. 

The  dynamic  stability  of  the  EM  for  Mach  numbers 
larger  than  2  up  to  hypersonic  regime  was  fitted  to 
VIKING  one,  which  predict  a  stabilising  trend  in  the 
range  Mach  number  2  to  3  (see  Ref  n°6,7). 

A  conservative  slight  instability  was  however  kept  in 
super-hypersonic  for  veiy'  small  incidence  (a<2°),  based 
on  free  flight  of  flat  base  60°  half  angle  cones  (see  Ref 
n°2). 
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This  unexpected  supersonic  dynamic  instability  had  a 
large  negative  impact  on  the  system. 

Indeed,  6  degree  of  freedom  simulations  showed  that 
hypersonic  to  supersonic  dynamic  instability  resulted  in  a 
small  limit  cycle,  associated  with  a  transverse  rate  in 
high  supersonic.  These  conditions  revealed  to  be  very 
unfavourable  in  low  supersonic,  because  the  dynamic 
instability  peak  in  transonic  resulted  then  in  a  fast  rise  of 
incidence,  up  to  unacceptable  value  for  safe  parachute 
deployment  (more  than  30°  at  Mach  number  M=1.5). 

Further  experimental  investigations  were  needed,  in 
order  to  verify  the  supersonic  stabilising  trend,  and  the 
actual  dynamic  behaviour  of  the  EM  in  high  supersonics. 

A  different  facility  and  test  set  up  were  used  in  ARA 
(Bedford),  in  order  to  avoid  the  identified  sources  of 
discrepancies,  and  add  confidence  in  results  which 
should  be  measured  by  two  different  ways.  Furthermore 
the  Mach  number  range  of  the  investigations  was 
extended  up  to  Mach  3,  in  order  to  verify  the  stabilizing 
trend  observed  on  VIKING. 

The  free  oscillation  test  technique  was  used.  This 
technique  provides  the  experimenter  with  a  simple  and 
reliable  way  to  assess  the  dynamic  behaviour  of  a  model. 
Indeed,  no  balance  is  used,  the  sting  is  then  far  simpler 
and  smaller.  The  flare  interface  was  designed  to 
minimize  interference  with  the  flowfield,  while  the 
diameter  of  the  sting  was  reduced  to  reach  the  VIKING 
indications  :  ds/dm<0.18  and  Ls/dm>3.5,  where  ds  and 
dm  are  respectively  the  sting  and  model  diameters,  and 
Ls  is  the  sting  parallel  length  (see  figure  °22,  ARA  test 
set  up). 

Moreover,  the  direct  output  of  strain  gage  located  on  the 
flexure  which  is  the  center-of-oscillation  of  the  tests,  and 
is  designed  to  be  placed  at  the  scaled  center-of-gravity  of 
the  model,  gives  the  incidence  versus  time  history,  and  so 
far,  immediate  evidence  of  dynamic  stability  or 
instability. 

Figure  n°23  shows  the  incidence  versus  time  of  the  EM 
at  Mach  number  M=2.9. 

The  quickly  damped  amplitude  of  oscillations  shows  that 
the  EM  is  dynamically  stable  at  this  Mach  number,  with 
a  Cmq+Cma.=-0.19. 

The  analysis  of  the  tests  is  performed  by  computing  the 
simple  second  order  differential  equation  of  angular 
displacement  versus  time  : 

ie+ce+Ke=o 

0  is  the  angular  displacement  of  the  model. 


I  is  the  transverse  inertia  of  the  model 
C  is  the  damping  of  the  system  (aerodynamic  plus 
mechanical  tare  damping) 

C=Me  a+M0.t=QSd2/V(Cmq+Cma.)(0)+Me  t 

K  is  the  total  stiffness  of  the  system  (aerodynamic  plus 
mechanical,  i.e.  flexure  stiffness) 

K=  M0a+M0t=QSdCma(e)+M0t 

The  only  unknown  is  the  aerodynamic  part  of  C. 


Therefore,  the  0(t)  evolution  is  computed  for  different 
value  of  (Cjiiq+Cj^(^  )(0),  until  the  experimental  0E(t) 
and  computed  0c(O  fit  together.  Figure  n°23  shows  0^(0 
and  0c(t),  for  at  Mach  number  M=2.9  (ec(t)  in  fine  line). 

The  free  oscillation  tests  have  shown  that  the  EM  is 
actually  dynamically  unstable  for  Mach  numbers  M<2.4, 
with  an  increasing  instability  for  decreasing  Mach 
numbers,  for  very  small  range  of  angle-of-attack  (a<3°). 
The  stabilising  trend  from  Mach  number  M=2  to  M=3 
was  confirmed,  and  a  very  small  dynamic  instability  is 
kept  in  the  hypersonic  database  for  very  small  angle-of- 
attack  (a<2°). 

The  complete  new  issue  of  the  dynamic  database  was 
then  used  to  compute  EM  trajectories  in  the  TITAN 
atmosphere,  and  led  to  a  safe  angle-of-attack  less  than  5° 
at  parachute  deployment  (M=1.5). 


CONCLUSION 

The  dynamic  stability  of  blunt  bodies,  like  capsule 
shapes,  or  planetary  entry  probes,  has  been  shown  to  be 
poor,  and  at  some  times  unstable  in  super,  trans  and 
subsonics.  The  rear  flow  field  pattern,  and  the  near  wake 
recirculation  zone  are  thought  to  be  responsible  for  this 
dynamic  behaviour.  This  feature  results  in  a  difficult 
Investigation  of  the  dynamic  characteristics  of  capsules, 
either  from  numerical  or  experimental  way.  Indeed,  the 
expected  unsteadiness  of  the  rear  flowfield,  and  its 
sensitivity  to  interference,  make  it  difficult  to 
respectively,  use  Navier  Stokes  codes  in  largely  separated 
area,  and  to  locate  a  sting,  in  the  case  of  sting  mounted 
models  in  wind  tunnel. 

At  present  time,  the  dynamic  derivatives  investigations 
put  strong  reliance  on  experiments.  However,  wind 
tunnel  tests  have  limitations,  in  terms  of  similarity 
parameters,  Mach,  Reynolds  number,  reduced  frequency 
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parameter,  which  are  difficult  to  meet  simultaneously, 
and  in  terms  of  interferences. 

The  numerical  developments  allow  significant 
improvements  to  be  foreseen  in  the  next  future,  which 
would  enable,  at  least,  to  have  comparisons  with 
experiments. 

At  system  level,  the  dynamic  instability  constraints  the 
parachute  system,  the  Reaction  Control  System,  in  case 
of  controlled  entry,  and  must  therefore  be  taken  into 
account  very  early  in  the  development  phase  of  a  vehicle. 
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Figure  n°l 

NASA  Ames  Ballistic  Range  Models  (from  Ref  1). 
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Effect  of  pitch  amplitude  bn  the  dynamic  stability  of  models  A  and  C. 

Figure  n°2 

Dynamic  Stability  Parameter  §(a)atM=l.l  (from  Ref.  1). 
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Figure  n°3  Dynamic  Stability  Parameter  ^(a) 
spherical  base  model  (from  Ref  1). 


Figure  n°4  Ballistic  Range  Models  (from  Ref  5) 
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dimodab)  -  l^cm  and  2.03  cm 
Sketch  of  Viking  entry  vehicle. 

Figure  n°5 
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VIKING  geometry  (from  Ref,  9) 
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VIKING  Damping  Derivative  vs  a 
at  Mach  number  M=1.76  (from  Ref  8) 
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Figure  n°8 


VIKING  /  HUYGENS  /  Ballistic  Range  Models  Geometry  Comparison 
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Sketch  showing  model  Installation  for  free-to-tumble  dynamic  tests. 


Figure  n°12  APOLLO  Free-to-Tumble  Set-up  (from  Ref.  10) 
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Figure  1  Model  and  Support  Sting  Geometry 

Figure  n°14  VIKING  Wake  Geometry 

Figure  n°13  VIKING  Model  and  Support  Geometry  (from  Ref.  7)  as  a  Function  of  Mach  number  (from  Ref  7) 


Blunt-body  high-spctd.  high  alliludc  Bow  Held  phtnomtna.  a)  Forebody,  b)  ofictbody  and  wako. 

Figure  n°I5  Blunt  Body  Flow  Field  Phenomena 
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Figure  n  16 

VIKING  Damping  Derivative 
as  Function  of  Sting  Geometry 
(from  Ref  8) 
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FIGURE  2  :  Rotation  a  Incidence  constante 


FIGURE  4  r  Mouvement  dc  fotaiion  auiour  d’un  point  fixe 


Figure  n°I7  Different  Types  of  Motions  about  Center-of-Gravity 
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Figure  n°18 
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Angle-of-Attack  Typical  Evolution  (from  Ref  12) 


Incidence  10  deg.  P=5  rpm 
Xg=442.7  mm  Yg=I4  mm  Zg=0  mm  te(ai=0.5  deg. 
no  angular  transverse  rate 


HUYGENS  -  3.0m  diameter 
Ve=6190  m/s  Pe=-64.  deg. 


Figure  n°19  HUYGENS  Entry  Module  Angle-of-Attack  Evolution  during  Titan  Entry 
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SUMMARY 

This  document  presents  the  rationale  of  radiative  heat 
flux  predictions  which  were  performed  in  the  frame  of 
the  HUYGENS  probe  project. 

Due  to  the  particular  nature  of  TITAN  atmosphere, 
associated  to  the  entry  velocity  of  the  probe,  the  radiative 
heat  flux  is  almost  half  of  the  total  heat  flux. 

In  the  thermal  protection  design  process,  accurate 
radiative  heat  flux  calculations  are  needed  in  order  to 
design  a  secured  environment  for  onboard  experiments, 
while  mass  penalties  of  thermal  protection  must  be 
avoided. 

This  document  describes  the  theoretical  and 
experimental  investigations  of  the  radiative  heat  fluxes 
which  were  performed  in  the  frame  of  the  HUYGENS 
program. 

1.  INTRODUCTION 

The  CASSINI  mission  is  a  NASA/ESA  program  planned 
to  explore  the  SATURNIAN  system  ,  and  consits  of  a 
Saturn  Orbiter  sending  the  on-board  HUYGENS  probe  to 
TITAN  during  its  fly-by  of  SATURN. 

The  HUYGENS  probe,  which  is  under  ESA 
responsability,  with  Aerospatiale  Space  &  Defense  as 
prime  contractor,  is  a  60°  half  angle  blunted  cone,  which 
uses  aerobraking  and  decelerates  through  TITAN 
atmosphere  from  6190  m/s  at  1250  km  altitude  down  to 
400  m/s  near  170  km.  This  extremely  high  velocity 
results  in  dissociation  and  ionization  in  the  forebody 
shock  layer.  Moreover,  the  relaxation  times  of  chemical 
and  thermal  processes  involved  are  of  the  same 
magnitude  than  the  characteristic  time  of  the  flowTield, 
the  shock  layer  being  so  in  full  non  equilibrium.  As  the 
TITAN  atmosphere  major  constituants  are  N2  (more 
than  77%  in  molar  fraction),  CH4  (from  0  up  to  3,5%) 
and  Argon  which  may  exist  up  to  20%,  non  equilibrium 


reactions  result  in  CN  creation  which  is  known  to  be  a 
strong  radiator. 

Dedicated  calculations  show  that,  for  certain  flight 
conditions,  radiative  heat  flux  may  exceed  the  convective 
one.  In  the  thermal  protection  design  process,  accurate 
radiative  heat  flux  calculations  are  needed  in  order  to 
insure  a  conservative  design  and  to  avoid  mass  penalties 
of  thermal  protection. 

It  is  so  desirable  to  validate  radiative  calculations  by 
comparing  theoretical  results  with  experiments.  Early  in 
the  HUYGENS  program,  comparisons  have  been 
undergone  with  existing  shock  tube  tests  performed  by 
C.Park  in  a  TITAN  representative  atmosphere  gas 
medium. 

However,  the  sensitivity  of  the  radiative  heat  flux  with 
respect  to  the  upstream  gas  mixture  had  to  be 
experimentally  checked,  and  more  insight  in  the  non 
equilibrium  region  behind  the  shock  was  necessary',  in 
order  to  add  confidence  in  the  radiative  heat  flux- 
calculations  for  flight  conditions. 

Therefore,  dedicated  shock  tube  tests  have  been 
performed  in  the  TCM2  facility-  at  Universite  de 
Provence,  Marseille,  in  France,  for  different  upstream 
gas  mixtures. 

This  document  describes  the  rationale  of  the  radiative 
heat  flux  predictions  which  have  been  performed  in  the 
frame  of  the  HUYGENS  program. 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  "Capsule  Aerothermodynamics”,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 
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2.  SHOCK  LAYER  PLASMA 
MODELISATION 

Computations  of  radiative  or  convective  heat 
fluxes  require  the  plasma  modelisation  of  the 
shock  layer  surrounding  the  entry  probe.  This 
paragraph  describes  the  different  techniques 
used. 


the  HUYGENS  case,  where  complete  thermal 
non  equilibrium  occurs,  the  equilibrium 
constant  is  derived  from  the  partition  functions 
Q  of  the  different  chemical  species  implied  in 
the  reaction. 

These  partition  functions  describe  the  fraction 
of  molecules  in  any  excited  state  of  the  different 
modes  of  internal  energy  storage  ; 


2.1  Physico-Chemical  formalism  description 

2.1.1  Chemical  kinetics 


,  N.  -£ 

N‘  =-^C,,exp(-^) 
'  Q  kT 


A  non  equilibrium  chemistry  is  assumed  in  the 
flowfield.  A  3 -temperatures  model  has  been 
used  and  different  relaxation  schemes  have 
been  considered. 

Chemical  kinetics 

At  first  the  flowfield  is  assumed  to  be  in 
vibrational  equilibrium  with  the  translation. 

We  consider  s  chemical  species  reacting 
together  according  to  r  reactions  such  as: 

s  s 

S  <  Kfi.e,.Kbi.e,  >  2  Y"ij  Mj 

j=1  j=1 


Where  Nj  is  the  total  amount  of  particle  j 
N'j  is  the  number  density  of  particles  j  in  a 

gi\’en  quantic  energy  ej  level  for  translation, 
vibration,  electronic  or  rotation,  Cj  is  the 
number  of  possible  representations  of  e,  ,  k  is 
the  Boltzmann  constant. 

T  is  the  corresponding  temperature  (for 
translation,  vibration,  electronic  or  rotation 
respectively),  and  the  partition  function  Q  is 

e  =  Iexp(^) 


where  Y"ij  and  y'ij  are  the  stoechiometric 
coefficients  for  the  species]  during  the  reaction 
i.  Furthermore,  kfi,eq  and  kbi,eq  represent  the 
chemical  rates  for  the  forward  and  backward 
reactions,  respectively. 


The  expression  of  these  partition  functions  is 
derived  from  statistical  mechanics  (see  Ref  1). 

Typically,  one  of  the  two  reaction  rates  is 
given  by  a  ARRHENIUS  law,  e.g.  the  forward 
rate,  such  as  kf=aT^e‘‘^^ . 


The  chemical  rate  of  change  of  the  species  j, 
taking  into  account  the  reaction  i,  is  given  by: 


dej 

lit 


JL.  JL\^J 

A' 


7  =  1 


where  pjj  =Y"ij-Y'ij  and  cj  is  the  molar 
concentration  of  the  species]  [  =  p-^lhd  ■]. 

The  total  chemical  rate  of  change  of  the  species 
]  is  obtained  by  summation  over  the  r  reactions. 
The  chemical  rates  are  lirJeed  together  by  the 
following  formula;  Ki  =  kfi,eq/kbi,eq 
where  Ki  is  the  equilibrium  constant,  i.e.  the 
constant  which  enables,  at  equilibrium 
conditions,  to  calculate,  together  with 
conservation  equations,  the  molar  fractions  of 
species. 

This  equilibrium  constant  Ki  can  be  calculated 
from  power  series  curve  fit,  within  a  certain 
range  of  temperature  and  pressure.  However,  in 


Vibration  dissociation  coupling  modelisation 
If  we  now  assume  a  vibrational  non 
equilibrium,  we  have  to  modify  the  previous 
formulation  in  order  to  take  into  account 
vibration  dissociation  coupling.  Indeed,  it  has 
been  experimentally  checked  that,  when  two 
atoms  recombine  for  giving  a  diatomic 
molecule,  this  one  is  in  a  more  excited 
vibrational  state  than  the  other  molecules  inside 
the  flowfield.  Reversally,  the  more  a  diatomic 
molecule  is  vibrationaly  excited,  the  more 
probable  this  one  can  dissociate. 

For  a  diatomic  species  dissociation  reaction  i, 
we  write : 

s 

kfi  =  kfi.eq-  O  Vj^'i  and  kbi  =  kbi.eq 

j=1 

The  exponent  Ai]  is  a  binary  coefficient  equal 
to  1  if  the  species  ]  is  present  during  the 
reaction  i  and  if  we  consider  its  vibrational  non 
equilibrium;  if  not,  Ai]  is  equal  to  0. 
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The  term  Vj  corresponds  to  the  vibration 
dissociation  coupling  factor  for  the  species  j.  If 
we  assume  the  equi-probability  of  dissociation 
whatever  the  vibrational  energ)'  level 
considered  (see  Ref  2,3),  we  obtain  : 

Qv(T).Qv(Tmj) 

•'  Nj  Qv  (Tvj) 

Where  Qv  is  the  partition  function  associated 
with  the  vibration.  Tmj  is  a  mean  temperature 
given  by 


1/Tmj  =  1/Tvj  -  1/T 

Nj  represents  the  number  of  vibrational  levels 
for  the  species  j. 

Translation-vibration  energy  exchanges 
The  rate  of  change  in  the  population  of  the 
vibrational  states  at  low  temperature  is  well 
described  by  the  LANDAU-TETLER 
formulation  where  it  is  assumed  that  the 
vibrational  level  of  a  molecule  can  change  only 
one  quantum  at  a  time  (see  Ref  1).  The 
resulting  energy  exchange  rate  is  : 


QT-vJ  =  pj 


where  evj®^(T)  is  the  vibrational  energy  per 
unit  mass  in  local  equilibrium  with  the 
translational  temperature  and  tJ  is  the 
vibrational  relaxation  time  for  the  species  j. 


ev 


(T)  = 


R 


Mj  exp(^,j /r)-! 


When  we  take  into  account  the  effect  of  the 
dissociation  on  the  vibrational  energy  history, 
this  equation  is  modified  according  to  ; 


ev  “’(T)  -  ev  E,(T,T  )-cv 
Qr-^J  =  Pj  •  ^ ^  -  Pj - r - 


dt 


+Pj- 


G,(.T)-eVj 


C, 


dC, 


dt 


where  Cj  is  the  mass  fraction  of  the  species  j. 
The  second  term  represents  the  loss  of 
vibrational  energy  due  to  the  dissociation 
whereas  the  third  term  represents  the  gain  of 


vibrational  energy  due  to  the  recombination.  Ev 
and  Gv  are  developed  in  Ref  2,3. 

An  expression  developed  by  MILLIKAN  and 
WHITE  yields  the  vibrational  relaxation  time, 
tJ  (Ref  4).  Two  others  laws  have  been  checked; 
WOOD  and  SPRINGFIELD  (see  Ref  5)  and 
PARK'S  modification:  at  high  vibrational 
temperature,  the  vibrational  ladder  climbing 
process  due  to  heavy  particles  collisions  is 
diffusive  in  nature,  PARK  (see  Ref  6,7) 
proposes  an  empirical  bridging  function 
between  the  LANDAU  TELLER  and  diffusive 
rates. 

A  second  modification  is  made  to  take  into 
account  the  limiting  cross  section  at  high 
temperatures.  PARK  proposes  a  new  relaxation 
time  tej  to  correct  this  unadequacy.  Hence,  we 
get 

tJ  =  <Tj>  (K4iilikaii  &  White)  4-  tc  j 


Translation-electron  energy  exchanges 
The  energy  transfer  rate  between  the  heavy 
panicle  and  the  electron  translational  modes  is 
given  by  LEE  (see  Ref  8) 


Qr.,^'iRpXT-T,^ 


t 

i 


^RZ 

_ 

TtM, 


Pj^o 


/*«-  ^ j 


where  aej  is  the  collision  cross  section  for 
electron-species  interactions. 

is  the  Avogadro  number. 


Electron-vibration  energy  exchanges 
The  rate  of  energy  transfer  between  electron 
translational  modes  and  nitrogen  vibrational 
modes  is  given  by: 


Qe.,,=Pe 


M,  ev;\Z_)-eVj 


for  j=N2 


where  evj^^(Te)  is  the  vibrational  energy  per 
unit  mass  in  local  equilibrium  with  the 
electronic  temperature. 

The  relaxation  time  of  electron-vibration 
energy  transfer  xe,)  is  given  by  Ref  8. 


Conservation  eouations  set 

The  resolution  of  the  different  conservation 

equations(mass,  momentum,  species  mass 

fraction,  vibrational  and  electronic  energy) 

leads  to  the  evolution  of  the  characteristic 

thermochemical  parameters  along  any  flowfield 

streamline. 
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The  vibrational  energy  conservation  equation 
may  be  written  under  the  form 


devj  ev/\T)  -  ev,  ^  ESrX^)-cv. 
dx  U'T-  u-C 


dC. 


di 


G,{T)-cVj 

uC. 


dC^ 


dt 


A  ev;\T,-)-eVj 

I*  Pj  WT,. 


The  three  first  terms  of  the  equation  represent 
QT-vJ/(pju),  the  last  term  corresponds  to 
Qe-vJ/(pju). 

The  electronic  energy  conservation  equation 
may  be  written  under  the  form 


R  ^  p,  at  ^  gr-e  Qe-y.i 

1 dc  p^u  dc  p^u  p^u 

I 

f 


The  second  and  third  terms  represent 
respectively  the  energy  exchange  between 
electronic  and  translational,  and  electronic  and 
vibrational  energies,  the  last  term  represents 
the  change  of  electronic  energy  due  to 
ionization  reactions. 

2.1.2  Thcrinochcmical  models 


z 


dt 


PM 


Hence,  in  Ref  9,  ionization  of  N,  C,  H  and  Ar 
is  catalysed  by  electrons  and  heavy  particles 
whereas  in  Ref.  10  and  11,  Argon  ionization  is 
catalysed  by  electrons  and  Argon,  whereas 
Nitrogen,  Carbon  and  Hydrogen  ionizations  are 
catalysed  only  by  electrons. 

Simpler  chemical  reactions  sets  have  also  been 
used,  particularly  for  non-equilibrium 
NAVIER-STOKES  flowfield  calculations 
around  the  stagnation  point,  for  reasons  of  cost 
and  time  saving.  The  code  is  the  Aerospatiale's 
FLU3NEQV  (see  Ref  21).  These  other 
chemical  reactions  sets  are  listed  in  table  n°  2: 
"Reduced  chemistry". 

Only  N,  vibrational  non-equilibrium  is 
modelized  in  the  shock  layer  plasma. 

For  Nj  vibrational  relaxation  time 
modelisation,  3  Upes  of  law  have  been  tested: 

WOOD  and  SPRINGFIELD  (see  Ref  5) 


P'^v(A^2)  = 


zi-r -expcc-r®'”) 


0-exp(-|^)) 

with  A  =6.4  10  atm.s 
B  =0.5 
C  =  192  KV^ 

Gv  =  3  353.5  K. 


The  gas  within  the  shock  layer  of  tlie 
HUYGENS  probe  is  assumed  to  be  a  perfect 
gas  mixture  of  20  species;  CH4,  CH3,  CHz,  CH, 
H2,  C2,  N2,  CN,  NH,  N2+,  CN+,  H,  C,  N,  Ar, 
H+,  C+,  N+,  Ar+  and  e-. 

These  chemical  species  can  react  together 
according  to  30  chemical  reactions  (see  table 
n°  1:  "Complete  chemistry"). 

This  table  gives  the  coefficients  of  the 
ARRHENIUS  formula  for  the  forward  reaction 
rates:  it  has  been  established  by  using  data  from 
NELSON  (see  Ref  9)  and  PARK  (see  Ref 
10,11). 

Sensitivity  studies  have  been  done  with  this 
complete  set  of  chemical  reactions,  particularly 
dealing  with  ionization  reactions  which  control 
the  electron  production  rate  (important 
parameter  for  the  flowfield  radiative 
emissivity). 


MILLIKAN  and  WHITE  (see  reference  4) 

p-r,.(A^,)  =  zl-exp(C-7'-'’”^) 

with  A=  1.69  10  “  atm.s 
C  =  220  KVL 

MILLIKAN  and  WHITE  with  PARK 
correction  (see  Ref  6,7) 

In  these  expressions,  p  is  the  pressure  in  atm. 

2.2  Plasma  modelisation  along  the  stagnation 
streamline 

Computations  of  the  forebody  radiative  or 
convective  heat  fluxes  require  the  bow  shock 
layer  plasma  to  be  modelised. 

This  type  of  calculation  can  be  very  expensive, 
in  term  of  computer  time,  and  must  moreover 
be  performed  along  the  entry  module  trajectory, 
in  order  to  size  the  Thermal  Protection  System 
(TPS).  The  methodology  consists  therefore  in 
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deriving  stagnation  heat  flux  all  along  the 
trajectory,  while  the  evolution  over  the  front 
heatshield  is  completed  by  multiplying  a 
nondimensionned  profile  f(s)  by  the  stagnation 
value , 

f(s)  =  Q(s,M)/Q,st(s,M) 
where  s  is  a  curvilinear  abscissa,  M  is  the  Mach 
number,  subscript  st  stands  for  stagnation 
condition  and  Q  is  either  radiative  or 
convective  heat  flux. 

The  computation  of  the  stagnation  condition 
can  be  assessed  by  a  stagnation  line 
computation,  if  diffusion  process  inside  the  bow 
shock  layer  is  not  too  important.  The  following 
part  describes  comparisons  between  complete 
bow  shock  layer  computations,  and  stagnation 
line  ones. 

2.2.1  Numerical  approaches  description 

The  methodology  used  for  computing 
stagnation  heat  flux  is  based  on  a  decoupled 
approach;  first,  a  perfect  gas,  bidimensional 
inviscid  flowfield  is  computed  by  a  finite 
differences,  explicit,  unsteady  EULER  code 
around  the  entry  module  in  order  to  get  the 
pressure  field. 

Then,  non-equilibrium  chemistry  is  calculated 
along  the  stagnation  streamline  by  using  the 
pressure  profile  coming  from  the  EULER 
output  and  by  assuming  a  total  enthalpy 
conservation  across  the  shock  and  in  the  shock 
layer. 

Nj  vibrational  relaxation  and  electronic 
temperature  profiles  are  computed,  also,  along 
the  stagnation  streamline. 

The  EULER  computations  are  performed  with 
an  upstream  specific  heat  ratio  y=  L4  and  a 
Y=L3  in  the  shock  layer  in  order  to  take  into 
account  real  gas  effects  occurring  behind  the 
shock  at  high  Mach  numbers. 

This  uncoupled  approach  has  been  compared 
with  coupled  approaches  based  either  on 
non-equilibrium  NAVIER-STOKES 

computations  assuming  thermal  equilibrium  or 
on  non-equilibrium  EULER  computations 
assuming  vibrational  relaxation.  These 
comparisons  are  the  subject  of  the  following 
paragraph. 


2,2.2  Chemical  non-equilibrium 

NAVIER-STOKES/EULER  computations 
presentation 

NA  VIER-STOKES  computations 

NAVIER-STOKES  computations  are 
performed  on  a  sphere-cone  shape 
(Rn  =  1.25  m,  cone  angle  =  40  deg.) 
representative  of  the  HUYGENS  entry  module 
geomctiy  in  the  stagnation  region.  These 
computations  assume  chemical  kinetics 
non-equilibrium  but  thermal  equilibrium  (no 
species  vibrate;  only,  one  temperature  is 
considered). 

Two  simplified  chemical  kinetics  are 
considered  (they  are  detailed  as  set  n°  1  and 
n°  2  of  table  n°  2). 

For  the  chemical  set  n°  1,  we  consider  the 
following  species; 

CH^,  N„  CH,  CN,  H,,  H,  N,  C,  Ar. 

For  the  chemical  set  n°  2,  we  consider  the 
following  species; 

N„  CN,  H,,  H,  N,  C,  Ar. 

For  computations  dealing  with  chemical  set 
n''  2,  we  assume  that  CH  is  immediately 
dissociated  at  the  shock  in  carbon  and  hydrogen 
atoms;  the  energy  consumption  involved  in  this 
reaction  is  taken  into  account  in  the  total 
energy  balance  at  the  shock  (this  assumption  of 
instantaneous  dissociation  of  the  methane  is 
clearly  justified  due  to  the  dissociation  rate 
magnitude  of  methane  compared  to  other 
species). 

The  flowfield  viscosity  and  conductivity  are 
obtained  by  using  the  semi-empirical  formula 
of  WILKE  and  the  EUCKEN's  formula, 
respectively. 

We  assume  a  1.4  constant  LEWIS  number  for 
the  diffusivity  modelisation. 

Computations  have  been  done  for  the  following 
upstream  conditions; 

Z=  253.751  km  M=  19.75 
P=  13.37  Pa  T=  145  K 
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(which  is  a  representative  point  for  TITAN 
entry;  maximum  heat  flux  point  for  -  75°  slope 
entry  with  a  270  kg  probe  mass  and  nominal 
density). 

Two  chemieal  upstream  compositions  have 
been  tested;  (2  %  CH  98  %  N,)  and  (2  % 
CH^,  78  %  Nj,  20  %  A^,  in  volume. 

Figures  n°  1  and  n°  2  represent  the  pressure 
and  density  profiles  along  the  stagnation 
streamline;  the  evolutions  are  quite  similar 
between  the  different  cases. 

Figure  n°  3  represents  the  temperature  profile 
along  the  stagnation  streamline;  Argon 
presence  increases  a  bit  the  temperature  level; 
Argon,  being  an  inert  gas,  doesn't  react  and  so 
doesn't  consume  any  flowfield  energy  which 
tends  to  increase  the  flowfield  energy 
(temperature)  with  respect  to  the  case  without 
Argon, 

By  increasing  the  temperature  level,  Argon 
presence  decreases  the  density  level  and  so 
tends  to  increase  the  shock-stand  off  distance; 
this  increase  is  rather  small  (  5  %). 

When  assuming  no  Argon,  the  two  chemical 
sets  give  very  close  results,  except  near  the 
shock;  with  the  complete  chemical  set,  the 
energy  consumption  due  to  the  methane 
dissociation  occurs  along  a  certain  distance 
behind  the  shock  whereas  with  the  simplified 
chemical  set,  this  one  is  instantaneous. 

Figures  n°  4  and  n°  5  represent  the  CN  and  C 
molar  fraction  profiles  along  the  stagnation 
streamline,  respectively.  Argon  presence  tends 
to  decrease  CN  and  increase  C  concentration; 
in  fact.  Argon  presence,  by  increasing  N 
concentration,  make  the  exchange  reaction 
evoluate  in  the  direction 
N  +  CN  gives  C  +  N^,  resulting  in  a  CN 
decrease  and  C  increase. 


Conclusions 

Argon  presence  increases  shock  layer 
temperature  and  shock-layer  stand  off  distance. 
Argon  presence  decreases  shock  layer  CN 
concentration. 


EULER  computations 

Comparisons  have  also  been  done  with  EULER 
computations  assuming  both  thermal  and 
chemical  non-equilibrium  on  the  nominal 
geometry  of  the  HUYGENS  entry  module. 

Comparisons  are  shown  for  the  following 
upstream  conditions; 

Z  =  253.751  km,  M=  19.75  (yc=  -7>°,  270  kg 
mass,  nominal  density) 

Two  chemical  upstream  compositions  have 
been  tested  for  the  EULER  comparisons;  (2  % 
CH  78  %  Nj,  20  %  Ar)  and  (3.4  %  CH 
75.0  %  Nj,  21  %  Ar)  in  volume. 

For  the  EULER  computations,  a  chemical  set 
veix'  close  to  the  complete  chemistry  one  (see 
table  n°  1)  has  been  used. 

Figures  n°  6  represents  the  CN  molar  fraction 
profiles  along  the  stagnation  streamline;  the 
CN  comparisons  are  particularly  good  e.xcept 
near  the  wall  where  a  boundary  layer  effect  in 
the  NAVTER-STOKES  computation  explains 
the  differences. 


Conclusions 

The  comparisons  between  non-equilibrium 
chemical  EULER  and  NAVIER-STOKES 
computations  give  coherent  trends  with  respect 
to  chemical  effects. 

2.2.3  EULER  -I-  Chemistry  along 

stagnation  streamline 

Comparisons  with  the  coupled  approach 

The  uncoupled  approach  is  based  on  a 
non-equilibrium  chemistry  computation  along 
the  stagnation  streamline,  assuming  a  total 
enthalpy  conserv'ation  across  the  shock  (and  in 
the  shock  layer). 

The  uncoupled  approach  assumes  the  chemical 
set  given  in  table  n°  1  (complete  chemistry). 

Temperature  comparisons  (on  figure  n°  7) 
show  also  very  good  agreement  between  both 
methods;  NA\TER-STOKES  gives  a  slightly 
greater  value  in  the  shock  layer  because  no 
ionisation  is  modelised. 
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Chemical  species  comparisons  are  indicated  on 
figures  n°  7:  they  are  quite  satisfaclor)',  except 
near  the  wall  because  of  the  boundaiy  la\'cr 
effect. 

Conclusions 

These  comparisons  clearly  demonstrate  that  the 
uncoupled  approach  is  fully  coherent  with  the 
coupled  approach  EULER  or  NAVIER- 
STOKES  (assuming  the  same  kind  of 
thermo-chemical  modelisations). 

Hence,  for  heat  flux  computations,  the 
uncoupled  approach  is  extensively  used  for 
reasons  of  cost  and  time  saving. 

Figure  n°  8  represents  the  translational 
temperature,  the  vibrational  temperature  and 
the  electronic  temperature  profiles  along  the 
stagnation  streamline  for  the  Mach  19.76  case 
assuming  (77%  N,,  3  %  CH^,  20  %  Ar)  as 
upstream  chemical  composition. 

After  the  shock,  the  electronic  temperature 
increases  slowly  because  it  is  driven  by  the  free 
electrons  production  which  is  rather  small  (for 
these  conditions). 

However,  as  electron  is  its  own  catalycist  for 
the  ionisation  reactions,  as  soon  as  there  are  a 
certain  quantity  of  electrons  in  the  shock  layer, 
there  is  an  "avalanche"  type  process  which 
greatly  increases  the  electronic  production. 
Then,  when  the  electronic  energy  has  achieved 
a  certain  level,  the  -  vibrational  energy 
coupling  becomes  prominent  and  both  curves 
(Nj  vibrational  temperature/electronic 
temperature)  collapse  in  an  unique  one. 

Figure  n°  8  also  shows  the  temperature 
sensitivity  with  respect  to  the  vibrational 
relaxation  time  modelisation. 

The  two  extreme  cases  are  the  WOOD  and 
SPRINGFIELD  correlation  (biggest  rela.xation 
time)  and  the  MILLIKAN  and  WHITE  correla¬ 
tion  (smallest  rela.xation  time).  The 
MILLIKAN  and  WHITE  correlation  with  the 
PARK  correction  gives  an  intermediate 
solution. 


2.3  Plasma  modelisations  before  the  entry 
module 

Plasma  modelisations  of  the  shock  layer  before 
the  entry  module  is  required  for  radiative  heat 
flux  profile  along  the  forebody  geometry.  Shock 
layer  plasma  modelisations  have  been  obtained 
with  a  shock  capturing  EULER  code  assuming 
Nz  vibrational  temperature  and  non-equilibrium 
chemistry.  The  chemical  set  used  is  very  close 
to  the  complete  chemistry'  one  (see  table  n°  1). 
For  the  Nz  vibrational  law,  we  assume  the 
MILLIKAN  and  WHITE  Nz  vibrational 
relaxation  time  modelisation' 

Concerning  the  (2  %  CH4,  78  %  Nz,  20  %  Ar) 
computational  case,  figure  n°  9  show  Nz 
iso-vibrational  temperature  lines  patterns  which 
remains  at  a  rather  high  level  before  the  conical 
part  of  the  frontshield  (Tv(Nz)  >  7  000  K). 

On  figures  n°  10  the  iso-CN  molar  fraction 
lines  pattern  is  shown.  Again,  CN  molar 
fraction  tends  to  keep  levels  which  are  close  to 
stagnation  region  ones  on  the  conical  part  of 
the  frontshield;  furthermore,  in  the  expansion 
region  around  the  corner  tip,  chemical  species 
tend  to  keep  their  molar  fractions  levels:  this  is 
due  to  a  freezing  type  process  characteristic  of 
quick  expansion  area  where  the  chemical 
production  rates  tend  to  cancel  (due  to  sharp 
density  decrease). 

2.4  Plasma  modelisation  around  the  entry 
module 

2.4.1  Perfect  gas  NAVIER-STOKES 
computations 

Plasma  modelisation  around  the  entry  module, 
and  particularly  the  knowledge  of  the 
near-wake  structures,  is  required  for  assessing 
the  radiative  heat  flux  loads  applied  on  the 
back-cover. 

Laminar  NAVIER-STOKES  computations 
(Aerospatiale  code  FLU3PNS,  see  Ref  22)  have 
been  carried  out  around  the  entry  module  shape 
for  the  worst  thermal  protection  system 
material  case  trajectory  (Ve  =  6. 19  km/s, 
ye  =  -66. 1°,  Entry  Probe  Mass  =  301  kg, 
minimum  density  and  temperature 
atmosphere),  which  corresponds  e.g.  to  the 
following  conditions  ; 


Altitude  =  259.940  km 
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P  =  11.41  Pa 
Mach  =  20.55 
T=  145  K 

A  perfect  gas  modelisation  is  considered  here; 
however,  a  specific  heat  ration  y  =Cp/Cv  equal 
to  1.2  is  assumed  in  order  to  take  into  account 
the  temperature  decrease  in  the  shock  layer  due 
to  real  gas  effects. 

Figures  n°  11  represents  the  iso-pressure  lines 
pattern.  The  wake  main  structures  can  be 
clearly  identified;  the  shoulder  e.xpansion 
region  around  the  tip  corner,  the  free  shear 
layer  between  this  expansion  area  and  the 
recirculation  region,  the  neck  recompression 
zone  characterized  by  high  temperature  levels 
followed  by  the  recompression  shock. 

Figure  n°  12  shows  a  flowfield  streamlines 
pattern  picture;  one  can  identify  two  main 
regions: 

-an  "inviscid"  region  characterized  by 
streamlines  which  are  generated  from 
the  upstream  conditions  (before  the  bow 
shock). 

-a  "viscous"  region  constituted  by  the 
recirculation  region  and  a  part  of  the 
neck  and  the  recompression  region. 

It  is  also  interesting  to  note  the  presence  of  two 
vortices  in  the  recirculation  region. 

2.4.2  Wake  plasma  computations 

For  modeling  radiative  heating  in  base  region 
of  the  GALILEO  JOVIAN  entry  probe,  PARK 
(see  Ref  12)  has  derived  a  theoretical  model 
which  determines  the  average  thermodynamic 
properties  in  the  shoulder  expanding  region, 
recirculation  region,  and  neck  region  through 
application  of  one-dimensional  conservation 
equations.  The  shoulder  expanding  region  was 
treated  in  thermal  and  chemical 
non-equilibrium  whereas  the  recirculation  and 
neck  regions,  where  average  velocity  was 
relatively  low,  were  considered  in 
thermodynamic  equilibrium. 

Hypersonic  wake  flows  behind  the  Aeroassist 
Flight  Experiment  (AFE)  are  carefully  studied 
for  assessing  radiative  and  convective  base  heat 
loads  in  low  REYNOLDS  environment.  The 
analysis  of  the  non-equilibrium  solutions  of 


PALMER  (Ref  13)  and  GNOFFO  (Ref  14) 
show  the  afterbody  flow,  soon  after  the  shoulder 
e.xpansion,  to  be  both  chemically  and  thermally 
frozen:  liie  species  concentration  and  the 
vibrational  temperature  along  the  streamlines 
did  not  change  significantly  after  the  shoulder 
expansion.  This  result  is  confirmed  by  recent 
studies  from  VENKATAPATHY,  PALMER 
and  PRABHU  (Ref  15). 

For  TITAN  HUYGENS  entr>'  probe,  three 
different  ways  have  been  in\  estigalcd: 

Chemical  equilibrium  computation 

The  simplest  way  is  to  perform  a  chemical 
equilibrium  computation  for  the  entire 
near-wake  flowfield,  by  considering  as  inputs 
data  the  pressure  and  temperature  values  from 
the  perfect  gas  NAVIER-STOKES  calculations. 

Non-equilibrium  LAGR.4NGIAN  type 
computation 

The  flowdield  around  the  body  is  nearly 
constituted  by  the  "inviscid"  region  which  is 
characterized  by  the  highly  reactive  shock  layer 
before  the  front  shield  and  the  expansion 
region,  from  the  tip  corner  down  to  the  neck 
region,  associated  with  chemical  and 
vibrational  freezing  phenomena.  This  region 
can  be  considered  to  be  nearly  fully  inviscid; 
the  only  dissipative  zones  are  limited  to  narrow 
frontier  regions  like  the  boundary  layer  along 
the  forebody,  or  the  shear  layer  which  makes 
the  separation  with  the  recirculation  region. 
Hence,  for  plasma  computation,  it  is  valid  to 
adopt  a  LAGRANGIAN  type  approach  where 
chemical  and  thermal  non-equilibrium  is 
performed  along  different  streamlines. 

Figure  n°  13  shows  that  the  static  temperature 
levels  are  close  between  both  methods;  however 
the  non-equilibrium  modelisation  tends  to  give 
lower  static  temperature  with  respect  to  the 
equilibrium  one  (in  the  non-equilibrium 
modelisation,  a  certain  part  of  the  flowfield 
energy  is  conserved  inside  the  N^  vibrational 
energy  levels  which  tends  to  freeze;  hence, 
there  is  less  available  energy  for  the  transla¬ 
tional  modes  with  respect  to  the  equilibrium 
computation). 

Figure  n°  14  represents  the  CN  molar  fraction 
distribution  inside  the  near-wake  flowfield.  The 
upper  part  comes  from  the  equilibrium 


9-9 


chemical  computation  from  the 
NAVIER-STOKES  results  whereas  the  lower 
part  comes  from  the  non-equilibrium 
LAGRANGIAN  modelisation.  It  is  striking  to 
observe  the  important  differences  between  both 
cases.  In  the  shock  layer  before  the  forebody, 
the  equilibrium  computation  gives  very  low 
level  of  CN  compared  with  the  non-equilibrium 
one:  this  is  now  a  well-known  result  since 
PARK  and  NELSON  works,  the  CN  molecule 
is  not  stable  at  high  temperature.  Hence,  a 
chemical  equilibrium  computation  will  give 
small  levels  of  CN  concentration  whereas,  if 
non-equilibrium  chemistry  is  considered,  CN 
molecules  is  first  highly  produced  at  the  shock 
by  the  exchange  reaction  C  +  Nj  <->  CN  +  N 
and  then  (very)  slowly  consumed  in  the  shock 
layer  by  the  dissociation  reaction  CN  <->C  +  N. 

In  the  near-wake  flowfield,  the  situation  is 
inverted:  the  equilibrium  computation  tends  to 
give  (relatively)  high  CN  concentration  due  to 
the  low  temperature  level,  whereas,  in  the 
non-equilibrium  modelisation,  during  the 
shoulder  expansion,  the  CN  species  is  quickly 
consumed  by  the  (rapid)  exchange  reaction 
CN  +  N<-^C  +  Nj  and  then  freezes  at  very  low 
levels  (<  10  *)  in  the  entire  afterbody  flowfield. 

Non  equilibrium  Navier  Stokes  computations 
The  most  complete,  but  is  very  CPU-time 
consuming 


After  having  reviewed  the  calculation 
techniques  of  the  flowfield  kinetics  surrounding 
the  entry  module,  the  radiative  characteristics 
must  be  checked,  and  the  calculation  of  the 
emissivity  of  the  shock  layer  and  wake,  must  be 
confirmed  by  comparison  with  experience. 


3.ANALYSIS  OF  EXISTING 

EXPERIMENTAL  RESULTS 
3.1  Scope  of  the  work 

Chung  Park  (Ref.  20)  has  performed  shock  tube 
experiments  with  a  gas  mixture  representative 
of  a  TITAN  atmosphere  in  order  to  measure 
radiative  emissivities. 

When  the  upstream  quiet  gas  comes  across  the 
shock  wave,  its  kinetic  energy  and  the  different 
modes  of  internal  energy 

(rotational,vibrational,electronic)  are  excited. 
This  enthalpy  increase  results  in  the  starting  up 


of  a  complex  chemical  process  which 
transforms,  via  veiy'  quick  reaction  rates,  the 
upstream  gas  mixture  in  a  plasma  which 
evolves  towards  an  equilibrium  state  where  the 
new  chemical  species  are  stable.  In  a  similar 
trend,  the  storage  of  internal  energy  is  shared 
in  such  a  way  that  it  tends  towards  an 
equilibrium  partition,  at  a  rythm  imposed  by 
the  exchanges  between  the  different  energy 
modes. 

This  relaxation  process  results  in  the  creation 
of  strong  radiator  molecules  such  as  CN,  at 
very'  high  electronic  temperature  in  the  first 
part  of  the  downstream  flowfield  which  is  in 
thermal  and  chemical  non  equilibrium,  and 
then,  in  an  equilibrium  zone  where  radiation 
vanishes. 

The  condition  of  Park's  tests  are  :  p=266Pa  ; 
V=5750m/s  T=300K 

and  the  upstream  chemical  composition  is 
95,7%  N2,  3%CH4,  l%Ar,  0,3%  H2  in  molar 
fractions. 

The  e.xperimental  outputs  in  the  thesis  consist 
of  the  measurements  of  several  monochromatic 
emissivities  behind  the  shock,  corresponding  to 
the  main  transitions  of  the  strongest  radiators 
in  the  plasma.  We  shall  focus  only  on  the  main 
transitions  of  CN. 

The  scope  of  this  step  of  the  radiative  studies  is 
to  numerically  simulate  the  plasma,  and  then  to 
calculate  the  quantities  equivalent  to  the 
experimental  data.  The  comparison  With  the 
experimental  values  will  give  us  an 
appreciation  on  the  deviation  between  the  total 
calculation  process  used  to  get  emissivities,  and 
the  actual  behaviour  of  the  plasma  in  shock 
tube  conditions,  in  order  to  derive  a  best 
estimate  radiation  model  with  associated 
margins. 


3.2  Methodology 

We  first  have  to  solve  the  basic  equations  of 
motion  and  the  conservation  equations  of  mass 
and  energy  for  the  different  species.  The 
species  number  densities,  used  with  pressure 
and  temperatures  are  then  used  to  compute  the 
population  of  excited  molecules,  with  a  quasi 
steady  state  approach,  and  compute  radiative 
emissivities. 

It  is  then  clear  that  comparison 
experiment/calculation  is  available  to  test  the 
validity  of  the  whole  numerical  process,  but  the 
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difTicully  is  that  a  discrepancy  from  anyone  of 
the  numerical  step  may  be  compensated  bs 
another  one  .  and  thus  not  be  detected. 


3.3  Comparison  calculation/cxpcrimcnt 

Several  theoretical  hypothesis  have  been 
checked  in  order  to  simulate  the  plasma 
behaviour  behind  the  shock. 

Each  one  of  the  theoretical  h>'pothesis  is 
considered  as  an  option  in  our  numerical 
approach,  which  is  switched  on/off  for  the 
simulations  in  order  to  check  the  sensitivity  of 
the  radiative  properties  of  the  plasma  with 
respect  to  the  physical  process  of  interest.  The 
final  goal  is  to  decrease  (e  -  Cexp)  where  e  is  a 
monochromatic  emissivity  integrated  over  the 
spectral  area  corresponding  to  the  slit  area,  and 
0exp  is  the  experimental  measured  value. 

3.3.1  Comparisons  calculation/cxpcrimcnt 

Figure  n°15  shows  the  three  temperatures  and 
the  molar  fractions  of  the  different  species 
behind  the  shock  for  a  particular  set  of 
hypothesis.  The  thermal  and  chemical  non 
equilibrium  zone  extends  2  mm  downwards  the 
shock.  The  flowfield  is  not  too  far  from 
equilibrium  at  2cm  downstream. 

The  emissivity  peak  occurs  roughly  between  1.2 
and  1.5mm  from  the  shock,  in  the  non 
equilibrium  region  and  is  predominant  for  the 
AV=0  transitions  of  the  CN  violet  system. 

3.3.2  Polyatomic  species  dissociation  rate 

The  dissociation  rate  of  the  polyatomic  species 
CH4  was  found  to  have  a  certain  influence  on 
the  emissivity  level  in  the  equilibrium  region. 
The  reaction  rates  of  dissociation  for 
CH3,CH2,CH,  are  very  fast  (see  Ref  9,10).  In 
our  tentative  to  simulate  the  shock  tube  plasma, 
we  either  computed  the  complete  sequence  of 
CH4  dissociation  with  associated  finite  rate,  or 
we  supposed  a  full  dissociation  of  CH4  in  (CH 
;3H  )  immediatly  behind  the  shock.  These  two 
methods  are  referred  as  respectively  "actual 
dissociation"  and  "CH4  dissociated  behind  the 
shock". 

Figure  n°16  shows  that  the  polyatomic 
dissociation  rate  (CH4  actual  dissociation  in  the 
plasma  or  the  full  dissociation  of  CH4  at  the 
shock)  has  no  influence  on  the  emissivity  peak 


lc\el,  but  it  changes  a  bit  the  overshoot 
location.  The  main  influence  occurs  after 
cmissi\il\  peak  .  where  the  CH4  immediate 
dissociation  at  the  shock  hypothesis  tends  to 
reach  quicker  the  equilibrium,  and  is,  as  a 
consequence,  closer  to  the  e.xperimental  values. 
The  numerical  reaction  rates  of  the  CH4 
dissociation  are  very  high(#10^^cm^/mole-s). 
The  above  results  could  mean  that  they  are  still 
unsufficiently  high,  though  they  are  already 
numericallv  difficult  to  handle. 


3.3.3  Relaxation  law 

Figure  n°17  shows  e  for  the  3  different 
rela.xation  schemes. 

The  WOOD  and  SPRINGFIELD  relaxation  law' 
is  obviously  not  suitable  for  our  case,  as  it  gives 
a  too  low  level  of  cmissivities  in  the  non 
equilibrium  region. 

Park's  modification  tends  to  give  intermediate 
relaxation  time  between  Millikan  &  White  and 
Wood  &  Springfield  and  the  resulting  e  has  a 
similar  behaviour. 

Emissivity  peak  occurs  when  the  three 
temperatures  collide.  As  the  vibrational  and 
electronic  temperatures  capability  to  rise  up  to 
the  translational  level  is  inversely  proportional 
to  the  corresponding  rela.xation  times  in  the 
energy  exchanges  processes,  if  Tvt  or  xet  is 
large  (respectively  rela.xation  time  for 
vibrational-translational  and  electronic- 
translational  exchange  rates),  the  distance  from 
the  shock  to  collide  is  large.  Moreover,  the 
translational  temperature  decreases  as  we  go  far 
away  from  the  shock.  So  if  t  is  large,  the 
location  where  temperatures  collide  shifts 
farther  from  the  shock,  to  a  lower  temperature 
level,  and  results  in  a  lower  emissivity 
overshoot. 

This  phenomenum  is  still  amplified  by  the 
continuous  decrease  of  the  CN  molar  fraction 
from  1mm  downward  the  shock. 

The  Millikan  &  White  modelisation  is  found  to 
give  the  emissivities  which  are  the  closest  to 
the  experimental  values. 

3.3.4  Vibration  dissociation  coupling 

Figure  n°18  shows  the  influence  of  the 
vibration  dissociation  coupling  modelisation, 
which  is  accounted  for  in  our  modelisation. 
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3.3.5  Specific  heat  ratio  behind  the  shock 

Figure  n°19  shows  the  influence  of  Y2=1  •■+  Of 
y2=1.3  behind  the  shock. 

The  overshoot  distance  from  the  shock  remains 
unchanged,  but  the  level  slightly  increases  for 
y2=T3  because  this  latter  value  gives  higher 
pressure  behind  the  shock,  and  then  a  greater 
number  density  of  CN  (n=p/kT). 

3.3.6  Vibrational  energy  sharing 

The  vibrational  energy  sharing  has  been 
checked  :  N2  species  alone  was  first  considered 
to  relax,  the  vibrational  energy  of  all  the  poly- 
or  di-atomic  species  being  then  in  equilibrium 
with  the  translational  mode.  Then  some  cases 
were  performed  with  all  poly-  or  di-atomic 
species  in  vibrational  non  equilibrium.  As  the 
results  are  slightly  the  same,  we  will  consider 
that  all  the  poly-  and  di-atomic  molecules  relax 
like  N2,  which  is  more  realistic. 


3.3.7  Ionization  process 

As  the  translational  temperature  of  the  plasma 
is  very  high,  ionization  occurs.  The  driving 
parameters  of  the  ionization  reactions  have 
been  assessed  :  catalysts  of  ionization  reactions 
are  either  the  free  electrons  alone(except  for  Ar 
<=>  Ar'*'  +  e'  catalysed  by  Ar  and  e‘  )  or  free 
electrons  plus  heavy  particles.  Furthermore, 
these  .reactions  are  either  driven  by  the 
translational  temperature  or  by  the  electronic 
temperature. 

By  taking  into  account  the  heavy  neutral 
species  as  catalyst  for  electron  impact 
ionization  reactions,  we  obviously  increase  the 
electron  number  density  behind  the  shock, 
because  heavy  particles  are  always  available  to 
create  electrons.  At  the  opposite,  when 
electrons  alone  are  catalyst,  a  certain  time 
elapses  from  shock  crossing  time  to  create 
electrons,  which  finally  catalyse  their  own 
creation.  The  process  is  then  amplified  and 
known  as  the  avalanche  process. 

Electrons  increase  the  high  energy  levels 
population  via  non  elastic  collision,  this  results 
in  emissivity  increase. 

It  finally  comes  out,  that  within  the  cross 
checked  theoretical  models,  two  of  them  seem 
to  be  attractive : 


1  Millikan  &  White  plus  Park's  modification 
relaxation  law 

neutral  species  +  electron  as  catalyst  for 
ionization  reactions  (sec  fig.  n°  20) 

2. Millikan  &  White  relaxation  law 
electron  as  catalyst  for  ionization  reactions 
For  the  two  models  :  Y2=1-3,  vibration- 
dissociation  coupling  is  modelized,  CH4  is 
dissociated  at  the  shock  and  ionization 
reactions  are  driven  by  translational 
temperature. 

However  the  model  n°2  gives  better  results, 
especially  in  the  overshoot  region. 


3.3.8.  Best  c.stimatc  theoretical  hypothesis  set 

The  reference  model  for  the  HUYGENS  probe 
radiative  heat  flux  calculations  is  then  : 

Millikan  &  White  relaxation  law 

electron  as  catalyst  for  ionization  reactions 

ionization  reactions  are  driven  by  translational 

temperature 

r2^1.35 

CH4  is  dissociated  at  the  shock 

Our  numerical  accuracy  on  the  overshoot 
region  lies  within  +/-3%  for  the  main  CN  violet 
transitions,  which  is  a  fairly  good  result  (see 
fig.  n°21) 

Conclusion 

The  analysis  of  the  C.Park  shock  tube 
experimental  results  on  a  TITAN  representative 
atmosphere  have  enabled  us  to  find  a  best 
estimate  set  of  kinetic  hypothesis  which  is  in 
good  agreement  with  the  measurements.  This 
model  is  used  as  a  reference  for  the  HUYGENS 
probe  radiative  heat  flu.xes  calculations. 

The  numerical  calculations  show  Argon 
presence  having  a  large  effect  on  the  radiative 
heat  flux  level  ;  because  Argon  doesn't  react 
with  other  species,  it  contributes  to  increase  the 
shock  layer  temperature,  and  moreover.  Argon 
is  a  strong  catalyst  for  electron  creation. 
Unfortunatelly,  the  C.Park  thesis  upstream  gas 
mixture  is  very  poor  in  Argon. 

An  experimental  evidence  of  the  Argon  effect, 
including  different  upstream  gas  mixtures,  was 
therefore  needed,  in  order  to  assess  the  Argon 
effect,  and  to  consolidate  our  radiative  heat  flux 
predictions.  A  dedicated  shock  tube  campaign 
was  therefore  planned  to  take  place  at  the 
Universite  de  Provence  facility  TCM2. 
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Once  a  theoretical  model  was  found  to  fit  to  the 
experimental  data,  in  conditions  close  to  flight 
ones,  where  radiative  heat  flux  is  significantly 
high,  the  radiative  heat  flux  computations  for 
TPS  sizing  can  be  undergone. 

Obviously,  the  so  called  "best  estimate" 
theoretical  model  is  not  thereby  validated,  but 
provides  with  reliable  magnitude  of  the 
radiative  heat  flux.  A  margin  policy  has  to  be 
derived,  which  leads  to  about  75%  uncertainty 
on  the  radiative  heat  flux. 

The  following  paragraph  describes  the 
methodology  for  the  calculation  of  the  radiative 
heat  flux  on  the  entry  module.  This  calculation 
takes  into  account  different  phenomena,  like 
the  absorptivity  in  the  bow  shock  layer  and  the 
3-dimensional  calculation  of  the  radiative  heat 
flux. 


4.  COMPUTATION  OF  THE  RADIATIVE 
HEAT  FLUX  ON  THE  HUYGENS  ENTRY 
MODULE 

4.1  Absorptivity  effect 

Radiative  heat  flux  is  due  to  incident  photons 
emitted  from  particles  that  are  deexcited.  The 
total  thickness  of  the  shock  layer  in  front  of  a 
probe  surface  point  contributes  to  this 
phenomenon.  The  photons  emitted  by  the  zone 
immediatly  behind  the  shock  wave  have  to 
travel  across  the  shock  layer  to  reach  the  wall. 
As  the  gas  medium  in  the  shock  layer  is  mainly 
composed  of  ground  state  molecules,  these 
photons  have  non  zero  probabilities  to  be 
caught  by  these  latter  ones. 

This  phenomenon  may  be  written  under  the 
form 

—  =S^(x)-k\x)-lUx) 
ax. 

which  describes  the  variation  ^of  the 
monochromatic  radiative  intensity  P  in  an 
arbitrary  direction  x  in  the  gas  medium, 

E  is  the  volumic  monochromatic  radiative 
e^issivity, 

k  is  the  absorption  coefficient  which  includes 
the  effects  of  bound-bound,  bound-free  and 
free-free  transitions. 

This  equation  may  be  integrated  in  a 
homogeneous  gas  medium: 


(sec  ref  1 6) 

A. 

where  x  is  the  optical  depth  x  =  k  dx, 
d.ys  the  width  of  the  gas  medium, 

Iq  is  the  incident  radiative  intensity. 

This  equation  is  integrated  numerically  by 
considering  that  each  point  of  the  radiation 
code  grid  used  to  calculate  the  radiative  heat 
flux  is  the  center  of  an  homogeneous  gas 
medium  receiving  an  incident  radiative 
intensity  emitted  from  the  previous  grid 
cell. 


4.2  Cunaturc  effect  and  radiative  heat  flux 
Ijrofile 

In  order  to  size  the  TPS,  we  need  to  know  the 
radiative  heat  flux  evolution  versus  time,  or 
altitude,  and  its  variation  along  the  probe 
meridian. 

As  a  radiative  heat  flux  received  on  a  point  M 
of  the  probe  surface  is  the  result  of  the  radiative 
intensity  emerging  from  all  directions  seen 
from  M,  it  requires  to  know'  the  radiative  pow'er 
emitted  from  each  point  P  of  the  plasma. 

This  emissivity  is  very  CPU  time  consuming  to 
compute  as  it  needs  to  calculate  the  whole 
chemical  and  thermal  non-equilibrium 
flowfield  as  well  as  the  e.vcitation  process  of 
each  quantified  energy  level. 

The  simplest  hypothesis  consists  in  assuming  a 
monodimensional  plasma  in  front  of  the 
stagnation  point.  This  leads  to  a  simple 
expression  of  the  radiative  heat  flux  which 
implies  to  compute  only  the  stagnation 
streamline.  This  gives  us  the  stagnation  point 
value.  The  radiative  heat  flux  was  assumed 
constant  along  the  probe. 

The  following  developments  will  show  what  is 
the  complete  expression  of  the  radiative  heat 
flux  on  a  current  point  of  the  probe  surface,  and 
how'  it  is  related  to  the  monodimensional 
assumption. 
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4.2.1  Formulation  of  radiative  heat  flux 

4.2.1. 1  Complete  formulation  of  radiative 
heat  flux 

As  the  probe  is  entering  TITAN  atmosphere  at 
very  high  velocity,  a  bow  shock  is  created  in 
front  of  the  forebody.  The  high  velocity 
upstream  gas  medium  is  changed  in  a  high 
enthalpy  plasma  shock  layer.  The  excited  high 
energy  levels  population  tends  to  increase 
(electronic,  vibrational,  rotational, 

translational)  and  in  falling  down  to 
fundamental  energy  levels,  emits  high  energy 
photons  in  whole  space  (47t  steradians). 

This  is  called  radiative  power  or  emissivity. 

Let  us  call  dsj^^  the  radiative  volumic  power 
emitted  from  P  in  the  wavelength  range  (k:  X  + 
dX). 

The  power  emitted  from  P  is  then: 
dsj,  •  dV 

where  dV  is  an  elementarv'  volume  surrounding 
P 

dV  =  T-  sin  0  dr  d0  dij) 

The  radiative  heat  flux  at  M  is  then: 

(1) 

QriM)=  ]q^{MydA. 
x=o 

-  “j  j  j  -cosO  sinO-dr-dO-d^-dA 

i.^0r=0e=0^0 

4.2. 1.2  Stagnation  point  radiative  heat  flux 

The  expression  (1)  should  be  used  at  each  point 
of  the  probe. 

Nevertheless,  it  is  possible  to  reach  a  more 
simple  expression  for  the  stagnation  point 
radiative  heat  flux  when  incidence  is  zero,  as 
the  flowfield  is  axisymetric.  Then  it  comes 


^(f> 


and  therefore. 


2r,/' 

^  “I 

(2)  ()^(0)  -  j s\n20- cf 6 

0^0 

where 

dE(0)  =  —  J ds(r,  0)-dr 

^  r=0 

and 

CO 

de{i\  d)=  j  d£(r,  0,  A)  •  dl 

A.=0 

This  expression  n°  2  requires  to  know  dE  (9) 
which  is  the  summation  of  emissivities  on  a 
direction  L  inclined  of  an  angle  0  with  respect 
to  the  longitudinal  axis  of  the  probe,  for  each  0 
in  [0;  71/2]. 

Q  (0)  is  then  the  exact  expression  of  the 
radiative  heat  flux  which  has  been  simplified 
due  to  the  geometrical  properly  of  the  flowfield. 

4.2.1.3  Monodimcnsional  approximation 

It  is  then  possible  to  still  more  reduce  the 
emissivity  flowfield  to  be  calculated,  by  making 
a  more  restrictive  hj-pothesis  which  consists  in 
assuming  that  the  bow  shock  in  front  of  the 
stagnation  point  is  normal. 

This  leads  to  a  monodimensional  plasma  and 
then,  if  we  note  ^r(O)  the  stagnation  point 
radiative  heat  flux  calculated  with  this 
monodimensional  assumption,  we  have 

(3)  q^{Q)  =  dE{6=Q) 

It  turns  out  that  the  monodimensional 
stagnation  point  radiative  heat  flux  is  equal  to 
the  summation  of  emissivities  over  the 
direction  L  for  0=0. 

This  last  expression  is  obviously  very  efficient 
to  get  in  a  faster  way  a  stagnation  point 
radiative  heat  flux,  but  is  poor  in  that  sense  that 
it  doesn't  take  into  account  the  curvature  effect 
at  stagnation  point.  Because  of  the  need  of 
accuracy  on  radiative  heat  flux,  it  seemed 
useful  to  develop  a  methodology  to  implement 
the  exact  formulation  (n'’  1)  in  our  radiative 
heat  flux  calculations,  for  stagnation  point  as 
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well  as  for  a  current  point  of  the  probe 
meridian. 


4.2.2  Mcthodolog\’  applied  to  the  HUYGENS 
probe 

4.2.2.1  Stagnation  point  cuiwature  effect 

The  practical  way  to  proceed  in  order  to  predict 
a  radiative  heat  flux  is  based  on  a  decoupled 
approach  which  has  been  described  earlier. 
This  methodolog>'  requires  the  knowledge  of 
the  chemistry  on  the  stagnation  streamline. 

The  curv'ature  effect  at  stagnation  point  using 
formulation  (2)  is  available  if  one  knows  the 
chemical  and  thermal  non-  equilibrium  plasma 
surrounding  the  probe.  This  computation  has 
been  undergone  for  some  flight  conditions  and 
for  different  upstream  chemical  compositions. 
It  becomes  then  possible  to  check  the  ratio 
^^(0)/(7^(0),  i.e.  the  "curvature  effect"  at 
stagnation  point  (^^(0)is  the  radiative  heat 
flux  calculated  with  a  monodim-approach). 

Which  means  that  the  curvature  effect  at 
stagnation  point  results  in  a  20  %  decrease  of  a 
monodimcnsional  radiative  heat  flux 
calculation. 

The  upstream  chemical  composition  has  no 
appreciable  influence  on  this  coefficient  for  the 
stagnation  point 


4.2.2.2  Three  dimensional  radiative  heat  flux 
profile 

The  previous  formula  of  radiative  heat  flux  at  a 
point  M  of  the  entry  module  surface,  versus 
location  of  radiating  elementary'  gas  cell, 
enables  a  complete  3  dimensional  radiative  heat 
flux  map  to  be  computed,  for  the  zero  angle-of- 
attack  trim  condition  of  the  entry'  module 
during  Titan  entry. 

The  figure  n°22  shows  the  radiative  heat  flux 
profile  versus  curvilinear  abscissa  along  the 
probe. 


5.  BACK-COVER  RADIATIVE  HEAT 
FLUX  PROFILE 

5.1  Experimental  evidence  of  radiative  base 
heating 

The  possibility  that  there  may  be  substantial 
radiation  in  the  afterbody  region  of  a  re-entry 
body  at  high  entry  speeds  was  first  considered 
for  the  APOLLO  program. 

In  1965,  STEPHENSON  (see  Ref  17)  launched 
axisymmctric  blunt  body  models  in  a  ballistic 
range  at  flight  speeds  up  to  10  km/s:  he 
succeeded  in  showing  evidence  of  strong 
radiation  in  the  wake  and  deduced  a 
base-to-front-stagnation  radiative  heat  flux 
ratio  qb/qst  of  about  5  %. 

In  1969,  prior  to  APOLLO  missions,  a  flight 
experiment  of  a  1/3  scale  model  of  the 
APOLLO  vehicle,  named  FIRE  (see  Ref  18), 
was  flown  at  a  speed  of  11.3  km/s  to  study  the 
radiative  heating  phenomena  on  both  the 
forebody  and  the  afterbody  regions.  The 
measured  radiative  flux  on  the  leeward  side  was 
determined  by  CAUCHON  to  be  approximately 
equal  to  5  %  of  that  at  the  forebody  stagnation 
point. 

In  the  1970s,  experimental  measurements  were 
made  by  SHIRAI  and  PARK  (see  Ref  19)  to 
determine  the  magnitude  of  the  radiative  flux 
expected  on  the  base  region  of  the  GALILEO 
JOVIAN  entry  probe:  they  obtained  a  base  to 
front  stagnation  radiative  heat  flux  ratio  qb/qst 
of  about  3.5  %. 

According  to  the  PARK  theory'  (see  Ref  12), 
the  ratio  of  the  base  to  front  stagnation  point 
radiative  heat  flux,  qb/qst,  can  be  written 
approximately  as: 

q,/q„  =  0.041  •  f  (pb/pst)  •  (W/D) 

•f'  (x/D)  •  r  (d/D) 

where  f^  (pb/pst)  =  [(pb/pst)/0.023]- 
fi  (W/D)  =  [(W/d)/0.667]^ 
f3  (x/D)  =  L5/(x/D) 
f^(d/D)  =0.0185/(d/D). 
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In  these  expressions; 

pb/pst  is  the  volume  averaged  in  the 
recirculating  region  to  stagnation  point 
pressure  ratio, 

W/D  is  the  neck  region  to  the  cone  frustum 
diameter  ratio, 

x/D  is  the  neck  position  to  the  cone  frustum 
diameter  ratio, 

d/D  is  the  shock  stand  off  distance  to  the  cone 
frustum  diameter  ratio. 

Although  this  formula  has  been  developed  for 
the  Jovian  entry  conditions,  it  is  believed  to  be 
valid  approximately  even  when  the  radiating 
species  are  different  from  those  in  the  Jovian 
case. 

Furthermore,  this  correlation  formula  has  given 
good  comparisons  with  respect  to  experimental 
measurements  done  in  different  shock  tube 
facilities  (see  Ref  19). 

The  different  arguments  which  are  implied  in 
the  correlation  formula  can  be  evaluated  from 
the  NAVIER-STOKES  computations  done 
around  the  entry'  module. 

The  PARK  correlation  formula  gives  a  3  % 
ratio  for  the  HUYGENS  Entry  Module  base  to 
front  stagnation  point  radiative  heat  flux. 


5.2  Computational  results 
5.2.1  Introduction 

According  to  PARK  works  (see  Ref  12  and 
19),  there  are  3  main  radiative  (active)  zones 
which  contribute  to  the  radiative  heat  flux 
environment  on  the  back -cover  shape: 

-  the  recirculation  region,  characterized  by 
(usually)  a  low  temperature  environment,  but 
close  to  the  back-cover, 

-  the  tip  corner  expansion  region,  characterized 
by  chemical  and  vibrational  freezing  processes 
which  may  contribute  to  keep  rather  high  levels 
of  radiative  species  concentration, 

-  the  neck  region  characterized  by  a 
recompression  which  tends  to  give  a  (rather) 
high  pressure  and  temperature  level  region. 

The  plasma  computation  behind  the 
HUYGENS  entry  module  has  been  obtained 
from  two  different  modelisations; 


-a  chemical  equilibrium  compulation 
from  pressure  and  temperature  fields  coming 
from  a  NAVIER-STOKES,  perfect  gas 
calculation  (y  =  1.2), 

-a  chemical  and  vibrational 
non-equilibrium  LAGRANGIAN  type 
modelisation  using  the  pressure  and  velocity 
fields  from  a  NAVIER-STOKES,  perfect  gas 
computation  (y  =  1.2). 

These  modelisations  confirm  PARK  remarks;  a 
neck  region  characterized  by  a  temperature 
increase  (see  figure  n°  13)  and  a  tip  corner 
expansion  associated  with  (rather)  high  levels 
of  CN  concentration  (see  figure  n°  23). 

Experimental  data  of  STEPHENSON  (see  Ref 
17)  show  that  the  high  luminosity  of  the  neck 
region  extends  over  approximately  1  body 
diameter;  then  in  the  region  downstream  of  the 
bright  region,  the  luminosity  attenuates 
gradually.  For  its  theoretical  afterbody  flowfield 
modelisation,  PARK  has  represented  the  neck 
region  by  a  cy'linder  of  uniform  luminosity 
having  a  radius  equal  to  the  neck  radius  and  a 
length  equal  to  1.5  body  diameters. 

This  is  coherent,  for  instance,  with  flow'field 
temperature  distribution  showed  in  figure  n°  13 
where  the  hot  neck  region  extends  over  about 
1.5  body  diameters. 


Conclusions: 

Taking  into  account  curvature  effect  and 
absorptivity,  the  base  to  stagnation  radiative 
heat  flux  ratio  represents  about  3  %  (in  the 
worst  case:  chemical  equilibrium),  which  is  in 
agreement  with  PARK  correlation  results. 

The  radiative  heat  load  will  probably  stay  below 
this  3  %  value  along  the  back-cover  profile  and 
the  deceierator  leeward  side;  except  for  the 
back -cover  face,  inclined  to  15°  with  respect  to 
the  axis  of  symetry  direction,  which  is 
submitted  to  an  important  radiative  emission 
coming  from  the  frozen  expansion  flowfield 
around  the  tip  corner  (the  radiative  heat  load 
represents  about  20  %  of  the  stagnation 
radiative  heat  flux  level  from  a 
monodimensional  calculation;  by  taking  into 
account  3D  effect,  this  value  will  be  probably 
decreased  down  to  14  %). 
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This  result  is  conTirmed  by  PARK  works  on  the 
JOVIAN  probe  (sec  Ref.  12):  he  calculated  that 
the  radiation  flux  emerging  from  the  shoulder 
expansion  region  was  about  5  times  greater 
than  the  base  level. 


6.  RADIATIVE  HEAT  FLUX  MARGIN 
POLICY 

6.1  Margin  contents 

The  radiative  heat  flux  margin  policy  is  built  in 
order  to  provide,  from  the  knowledge  of  the 
nominal  radiative  heat  flux,  the  range  of 
variation  which  is  known,  for  sure,  to  contain 
the  radiative  heat  flux  actually  encountered  by 
the  probe  during  the  mission. 

The  nominal  heat  flux  is  the  result  of  a 
numerical  calculation  which  is  supposed  to 
modelize  all  the  physical  processes  involved  in 
the  emissivity  phenomenon.  The  sizing 
procedure  of  the  TPS  thickness  needs  as  an 
input  the  evolution  of  the  radiative  heat  flux 
along  a  trajectory,  which  supposes  to  associate 
to  each  point  of  the  trajectory  all  the  parameters 
(such  as  velocity,  density  and  so  on)  which  are 
kno\vn  to  have  some  influence  on  the  emissivity 
and  are  as  a  consequence  the  inputs  of  our 
numerical  procedure. 

This  numerical  approach  handles  with  a  certain 
set  of  theoretical  hypothesis  and  the  resulting 
model  leads  consequently  to  a  certain  level  of 
accuracy.  The  input  parameters  may  be 
themselves  numerical  results  known  within  an 
associated  dispersion.  The  margin  assessment 
will  first  consists  in  quantifying  the 
inaccuracies  inherent  to  each  step  of  the  above 
procedure,  then  to  associate  them  the  resulting 
dispersion  on  the  radiative  heat  flux,  and 
finally  the  way  to  compose  all  these  error 
sources  to  reach  the  total  radiative  heat  flux 
margin. 


Finally,  a  +  75  %  margin  on  the  radiative  heat 
flux  is  considered. 


7.  Flight  radiative  heat  flux  database 

In  order  to  size  the  TPS  thickness,  we  need  to 
know  the  radiative  heat  flux  evolution  along 


different  trajectories.  It  is  then  necessary  to 
ha\c  a  formulae  which  fits,  as  closely  as 
possible,  the  complete  numerical  {non 
equilibrium  chemistiy  +  Radiative  heat  flux 
code}  calculations 

Qh^-C-R„-{pJ\.21SY^  -{VJ^QAZY^ 

Q,,=C-R„-(pJ  1225Y'  -(VJIOASY^ 

7^  =!''i-(0.167-f0.83/M;)/296 

if  Tg  >  T,  then  Qr  =  Qr, 

else  if  Tg  <  Tj  then  Qr  =  Qr^ 

else 

Qr  -  [  (T,  -  T^)  Qr.  +  (T^  -  T.)  QrJ  /(T,  -  T.) 

This  formula  is  then  used  to  provide  the 
radiative  heat  flux  versus  altitude,  for  TPS 
thickness  sizing. 

Figure  n°24  shows  the  radiative  heat  flux 
versus  altitude. 


As  previously  mentionned,  e.xperiments  are 
needed,  in  order  to  assess  the  upstream  mixture 
influence  over  the  radiative  intensity  of  the 
shock  layer. 

The  following  paragraph  describes  the 
radiation  tests  which  were  performed  in  the 
frame  of  the  HUYGENS  program 


8.  Experimental  test  set-up 

The  objective  of  the  tests  is  to  simulate  the 
radiative  environment  of  the  probe, 
encountered  during  its  hypersonic  entry  into  the 
Titan  atmosphere.  This  simulation  is  performed 
behind  a  normal  shock  wave,  in  a  shock  tube 
(see  Ref  23). 

The  shock  tube  is  the  powerful  TCM2,  located 
at  Universite  de  Provence,  in  Marseille,  and  is  a 
free  piston,  reflected  shock  wind  tunnel. 


8.1  Performance  of  the  Facility 

The  reflected  shock  free  piston  facility  is 
nowadays  the  most  powerful  facility  used  for 
simulating  thermochemical  phenomena  which 
are  encountered  during  hypersonic  entry  of 
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space  vehicles.  This  type  of  installation  was 
first  developed  by  R.J.  Stalker,  who 
demonstrated  that  several  lens  of  MJ/kg 
enthalpy,  typical  of  space  vehicle  hypersonic 
entry,  can  indeed  be  reached  by  free  piston 
reflected  shock  facility,  with  more  than  1  ms 
useful  running  time. 


8.2  Functioning  Principle  of  the  facility 

The  principle  of  this  facility  is  to  generate  a 
normal  shock  in  the  test  gas  medium,  by  the 
sudden  expansion  of  the  driver  gas,  typically 
Helium.  The  compression  of  the  driver  gas  is 
provided  by  the  kinetic  energy  of  a  free  piston, 
which  is  due  to  the  pressure  difference  between 
the  compression  chamber  upstream  of  the 
piston,  and  the  driver  gas  downstream  of  the 
piston. 

The  figure  n°2.7  shows  the  free  piston  facility, 
and  (x,t)  diagram  which  describes  its 
functioning  ; 

The  piston  is  initially  at  the  beginning  of  the 
compression  tube.  The  compression  tube  is 
filled  with  driver  gas  (He)  at  a  pressure  Pci,  and 
the  Air  reservoir  pressure  is  Pri,  which  is  larger 
than  Pci. 

The  inter  diaphragm  between  Air  reservoir  and 
compression  tube  is  broken,  and  the  piston  is 
thereby  accelerated  by  the  pressure  difference 
(Pri-Pci).  The  piston  kinetic  energy  is 
significantly  increased  (about  1  MJ),  and  when 
the  pressure  in  front  of  the  piston  becomes 
greater  than  the  Air  reservoir  one,  the  piston 
decelerates,  and  transfers  its  energy  to  the 
driver  gas  medium. 

When  the  piston  stops  at  the  end  of  the 
compression  tube,  the  temperature  and  the 
pressure  of  the  driver  gas  are  very  high, 
pressure  even  higher  than  the  initial  Pri. 

The  inter  diaphragm  between  the  compression 
tube  and  the  shock  tube  is  tuned  to  break  before 
the  piston  is  pushed  backward.  The  sudden 
expansion  of  the  driver  gas  generates  a  normal 
shock  in  the  test  gas  (Titan  atmosphere 
representative  gas  mixture). 

In  the  usual  conditions,  this  normal  shock 
reflects  at  the  end  of  the  shock  tube,  resulting 
in  a  further  increase  of  the  temperature  and 
pressure  of  the  test  gas.  The  conditions  in  the 
facility  are  such  that  the  interface  between  the 
driver  gas  and  the  test  gas  remain  fixed  with 
respect  to  the  end  of  the  shock  tube  (Taylor 
condition).  The  diaphragm  between  the  shock 


tube  and  the  nozzle  is  then  broken,  and  the  test 
gas  e.xpands  in  the  nozzle  test  section. 

In  our  case,  we  arc  inlcrested  in  the  thermal 
and  chemical  non  equilibrium  conditions 
behind  a  shock  wave  propagating  in  a  Titan 
like  atmosphere,  at  flight  conditions,  in  term  of 
velocity  and  density. 

The  measurements  of  radiative  quantities 
(emission)  behind  a  normal  shock  wave  provide 
with  monodimensional  informations,  which 
fulfil  our  investigation  objectives.  A  nozzle 
e.xpansion  would  imply  freezing  effect  of 
vibrational  temperature,  and  of  chemical 
kinetics,  which  would  complicate  our 
investigations  w’ithout  additional  informations. 


8.3  HUYGENS  tc.sts 

It  was  therefore  chosen,  for  the  HUYGENS 
tests,  to  use  only  the  free  piston  shock  tube  part 
of  the  facility.  The  nozzle  throat  is  taken  away, 
and  when  the  shock  w'ave  arrives  at  the  end  of 
the  shock  tube,  the  test  gas  freely  expands  in  a 
vacuum  vessel. 

This  configuration  is  more  powerful  than  a 
classical  shock  tube,  because  of  the  preheating 
of  the  driver  gas,  during  the  compression  by  the 
piston,  and  this  configuration  enables  a  Mach 
number  up  to  17  to  be  reached,  for  an  initial 
pressure  in  the  test  gas  medium  of  1  to  2  mBar. 

A  part  of  the  shock  tube  has  been  changed  with 
a  test  section  (see  figure  26).  This  test  section  is 
equipped  with  two  25  mm  diameter  window’s, 
at  both  sides  of  the  shock  tube.  Three  heat  flux 
probes  are  located  along  the  longitudinal  axis 
of  the  tube,  in  order  to  provide  with  the  shock 
velocity,  while  a  pressure  sensor  is  used  to 
verify  the  flow  uniformity  during  the  test. 


8.4  Optical  set  up 

Figure  n°27  shows  the  optical  set  up  used  for 
the  HUYGENS  tests. 

The  radiative  emission  emitted  by  the  gas 
behind  the  normal  shock  is  focused  by  a  lens  on 
a  rectangular  optical  fiber.  The  other  end  of  the 
optical  fiber  is  focused  on  the  monochromator 
entrance  slit  area.  The  light  is  then  refracted 
inside  the  monochromator  and  focused  on  three 
exit  slits,  the  distance  between  each  other 
corresponds  to  the  three  wavelengths  that  will 
be  investigated  during  the  tests  (within  the  CN 
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violet  system).  The  light  which  is  collected  at 
each  of  the  exit  slit,  is  gathered  by  a  set  of 
opical  fiber,  which  are  connected  to  the 
photocathods  of  photomultipliers  tube  (PMT). 
The  resulting  tension  is  recorded  through  an 
oscilloscope,  by  a  micro  computer. 

The  signal  which  is  recorded  by  the 
oscilloscope  on  each  wavelength,  is 
proportional  to  the  radiative  emission  of  the 
plasma,  and  provides  with  the  evolution  of  the 
radiative  characteristics  behind  the  normal 
shock  versus  time,  which  can  then  be  converted 
versus  distance  behind  the  normal  shock. 

The  signal  for  each  wavelength  is  not  pure 
monochromatic  data,  because  the  optical  set  up 
consists  in  several  slit  areas  which  filter  the 
collected  light.  A  spectrum  S(X.)  as  observed 
through  an  optical  system  with  an  entrance  slit 
Aj(X)  and  an  exit  slit  A2(X),  is  the  convolution 
of  S(X)  with  the  slit  function  A(>.)- 
If  Aj(X)  and  A2(k)  arc  rectangular  area,  of 
width  and  X2  respectively,  the  slit  function 
is  a  trap)eze  wdth  a  width  (?.j+  X2)  at  the 
bottom,  and  (Xj-  X2)  at  the  top 
The  convolution  of  the  spectrum  is  obtained  by 
a  slipping  integral. 

A  typical  record  for  the  wavelength 
X.=3879,7  Angstroms  is  shown  on  figure  n°28. 


hypersonic  entry,  w'hich  results  in  CN  creation, 
and  enhanced  radiative  cmissivitics.  A 
complete  methodology  for  radiative  heat  flux 
predictions  of  the  TITAN  entry  probe 
HUYGENS  has  been  derived,  in  order  to 
provide  with  reliable  and  conservative  radiative 
heat  flux  predictions.  This  methodology 
accounts  for  3-dimensional  effects  of  radiative 
emission,  absorptivity,  and  radiative  heat  flux 
emanating  from  both  the  front  and  rear  part 
flowficld  of  the  probe.  Theoretical  and 
experimental  aspects  are  addressed. 


8.5  Results 

Figure  n°29  shows  typical  measurements,  for 
the  0;  5;  10;  20%  Argon,  with  3,5%  CH4,  for 
the  X=3869,58  Angstroms  wavelength. 

The  tests  showed  a  low'cred  sensitivity  of  CN 
emission  with  respect  to  Argon  concentration 
than  theoretical  prediction  assessments. 


CONCLUSION 

During  its  entry  into  TITAN  atmosphere,  the 
HUYGENS  probe,  which  is  under  ESA 
responsability,  with  Aerospatiale  Espace  & 
Defense  as  prime  contractor,  has  to  face  large 
radiative  and  convective  heat  flu.xes.  The 
radiative  compound  is  due  the  thermal  and 
chemical  non  equilibrium  feature  of  the 
stagnation  region  of  the  Entry  Module,  during 
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Figure  n°  1  M  ACH=1 9.75  ,  Z=253.75  km 


COUPLED  NS  COMPLETE  CHEMISTRY.  THERMAL  EQUILIBRIUM,  2%  CH4  v 
COUPLED  NS  SIMPLIFIED  CHEMISTRY,  THERMAL  EQUILIBRIUM,  2%  CH4 
COUPLED  NS  SIMPLIFIED  CHEMISTRY,  THERMAL  EQUILIBRIUM,  2%  CH4  -  20%  Ar 


CN  molar  fracllon 


Figure  n°2  MACH=1  9.75  ,  Z=253.75  km 


COUPLED  NS  COMPLETE  CHEMISTRY,  THERMAL  EQUILIBRIUM,  27.  CH4 
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Figure  n“3  maCH=19.75  ,  Z=253.75  km 


COUPLED  NS  COMPLETE  CHEMISTRY.  THERMAL  EQUILIBRIUM.  2%  CH4 
COUPLED  NS  SIMPUFIED  CHEMISTRY,  THERMAL  EQUILIBRIUM,  2%  CH4 
COUPLED  NS  SIMPLIFIED  CHEMISTRY,  THERMAL  EQUILIBRIUM,  2%  CH4  -  207,  Ar 


Figure  n°4  MACH=19.75  ,  Z=253.75  km 


COUPLED  NS  COMPLETE  CHEMISTRY,  THERMAL  EQUILIBRIUM,  2%  CH4 
COUPLED  NS  SIMPUFIED  CHEMISTRY,  THERMAL  EQUILIBRIUM,  27,  CH4 
COUPLED  NS  SIMPLIFIED  CHEMISTRY,  THERMAL  EQUIUBRIUM,  27,  CH4  -  207,  Ar 
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Figure  n°l  1 


Figure  n"  12 


Figure  n°13 
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Figure  n°27  Schema  general  du  montage  optique  pour  les  mesures  d'emission 
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Figure  n®28  Evolution  experimentale  de  I'intensite  d'emission  de  CN  a  I'aval  d'une 
onde  de  choc  droite  dans  le  melange  N^-CH^  +  20%  Ar 
(X=3879.7  A) 
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COMMUNICATION  BLACKOUT  DURING  EARTH-ATMOSPHERE  ENTRY  OF  CAPSULES 

M.  Boukhobza 

Aerospatiale  Branche  Espace  &  Defense 
Centre  Operationnel  Systemes 
Departement  Aerodynamique  &  Electromagnetismc 
BP  2 

78133  Les  Mureaux  Cedcx 
France 


1.  COMMUNICATION  BLACKOUT 
PHENOMENOLOGY 

1.1  Plasma 

1.1.1  Description  of  phenomenons 

During  an  hypersonic  reentry,  generally  defined  by 
altitudes  lower  than  120  km,  the  atmospheric  drag 
converts  a  great  part  of  the  vehicle's  kinetic  energy  into 
heat,  mainly  by  compression  at  the  front  shock  and  also 
by  viscous  friction.  This  front  shock  significantly 
increases  the  temperature  of  the  air  which  crosses  it,  that 
increase  being  all  the  more  important  since  the  body 
speed  is  great  and  since  the  direction  with  which  the  air 
reaches  the  shock  is  neighbouring  the  normal  direction. 
The  temperature  within  the  shock  layer  rises  to  such 
magnitudes  in  the  stagnation  region,  that  the  air 
dissociates  and  ionizes,  which  has  the  immediate 
consequence,  since  these  reactions  are  endothermic,  of 
bringing  back  these  temperatures  to  lower  values 
(decrease  between  temperatures  of  the  order  of  15,000 
and  7,000  K  for  a  speed  of  about  5,000  m/s). 

The  relaxation  which  occurs  downstream  along  the  body 
make  decrease  again  the  temperature,  that  thus  results  in 
an  inversion  of  reactions  which  partially  recombine  the 
ions  and  electrons  formed.  These  longitudinal  variations 
of  electronic  densities  go,  for  a  vehicle  entering  with  a 
great  angle  of  attack,  with  important  circumferential 
disparities  (leeward  side-windward  side  differences). 

A  typical  flow  pattern  around  a  capsule  entering  in  the 
atmosphere  at  hypersonic  velocity  with  a  great  angle  of 
attack  is  shown  in  figure  1.  After  the  detached  nose 
shock  (1),  one  can  distinguish  the  attached  flow  at 
windward  side  (2)  (which  possibly  includes  a  local 
separation  zone  just  downstream  of  the  roundness)  and 
the  separation  zone  over  vehicle  leeward  side  (3)  and 
base  (4).  The  different  directions  of  flow  velocities 
associated  to  these  last  three  regions  result  in  vortex 
zones  (5),  which  may  exist  too  at  the  neighbouring  of  the 
Junction  between  spherical  and  conical  parts  of  the  body. 

According  to  the  flight  conditions,  the  plasma  level  may 
be  influenced  also  by  the  body's  wall.  The  heating 
undergone  by  the  coating  materials,  especially  in  the 
front  heatshield  and  windward  side  regions  for  a  capsule. 


may  bring  about  the  emission  of  species  by  pyrolysis  or 
ablation.  In  particular,  the  injection  of  easily  ionizable 
species  like  alkaline  species  may  result  in  an  important 
increase  of  the  electron  density  by  adding  a  great  amount 
of  ions  like  Na''^  or  to  pre-existing  ions  of  air  such  as 
NO^O^N^O+,N^ 

The  wall  material  intervenes  also  by  its  catalycity,  which 
determines  the  degree  of  recombination  of  dissociated 
and  ionized  species  at  its  contact. 

Moreover,  the  presence  of  jets  around  the  vehicle  may 
modify  the  characteristics  of  the  flow  dovmstream, 
directly  particularly  by  injection  of  easily  ionizable 
species  or  indirectly  by  the  change  of  catalycity  of  the 
wall  follow'ing  upon  possible  deposits. 

1.1.2  Prediction  tools  used  at  Aerospatiale  Espace  & 
Defense,  applications  examples  and  difficulties  of 
modelling 

With  regard  to  plasma  characterization,  Aerospatiale 
Espace  &  Defense,  has  a  set  of  numerical  codes  for  2D  or 
3D  calculations.  These  programs  treat  non  viscous  and 
viscous,  laminar  and  turbulent  flows  with  gases  in 
thermochemical  equilibrium  and  non  equilibrium  and 
take  into  account  the  influence  of  the  wall  (blowing  and 
catalycity).  In  particular  a  3D  Euler/Navier-Stokes  code, 
named  FLU3NEQV,  described  in  reference  1,  is 
available.  For  the  treatment  of  viscous  flows  this  code 
allows  to  resolve  the  full,  thin-layer  or  parabolized 
Navier-Stokes  equations.  It  treats  laminar  and  turbulent 
flows  and  the  thermochemical  non  equilibrium  modelling 
is  made  by  means  of  a  single  module  which  allows  to 
introduce  any  chemical  kinetics.  The  influences  of  the 
catalycity  of  the  wall  and  the  injection  of  species  from  it 
are  taken  into  account.  The  equations  are  resolved  by  an 
implicit  finite-volume  method. 

The  figure  2  presents  comparisons  of  computed  and 
measured  electron  densities  on  RAMC  sphere-cone  body 
for  the  altitudes  of  61  km  (Mach  number  23.9)  and 
71  km  (Mach  number  25.9). 

The  electron  densities  predicted  by  the  Euler  and  Navier- 
Stokes  versions  of  FLUNEQV  are  in  a  quite  good 
agreement  with  flight  measurements. 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  “Capsule  Aerothermodynamics” ,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKl)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 
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Results  of  Euler  version  of  FLU3NEQV  obtained  at  a 
rear  section  of  space  vehicle  Hermes  for  an  altitude  of 
75  km,  a  Mach  number  of  20  and  an  angle  of  attack  of 
30  degrees  are  shown  in  figure  3.  The  calculated  plasma 
frequencies  (proportional  to  the  square  root  of  the 
electron  densities)  exhibit  maximum  values  not  only  at 
the  windward  side,  but  also  at  the  leeward  side  near  the 
plane  of  symmetiy,  the  lowest  levels  of  plasma  being 
predicted  on  the  fuselage  of  the  vehicle. 

The  maximal  plasma  frequencies  obtained  by  the  Euler 
version  of  FLU3NEQV  and  by  an  Aerospatiale  PNS  code 
on  windward  side  and  leeward  side  of  the  spaceplane 
Hermes  at  different  altitudes  between  85  and  52  km, 
exiracted  from  reference  2,  are  presented  in  figures  4 
and  5. 

The  Euler  version  with  air  in  equilibrium  is  used  around 
the  Hermes  0.0  shape  for  the  two  realistic  angles  of 
attack  of  30  and  40  degrees  and  the  PNS  version  is 
applied  to  a  simplified  shape,  named  Bolide,  with  an 
angle  of  attack  of  15  degrees  and  for  air  in 
thermochemical  equilibrium,  vibrational  equilibrium  and 
chemical  non  equilibrium  and  thermochemical  non 
equilibrium. 

These  curves  allow  to  appreciate  the  effect  of  the 
different  hjpotheses  on  the  plasma  levels.  As  regards  the 
PNS  calculations,  as  one  passes  from  chemical 
equilibrium  to  chemical  non  equilibrium  (without 
relaxation  of  vibration),  the  plasma  frequency  is 
moderately  increased  or  decreased  at  the  windward  side 
and  increased  at  the  leeward  side,  where  there  occurs 
globally  a  relaxation,  attenuated  by  a  recompression  in 
the  plane  of  symmetry.  As  one  passes  from  vibrational 
equilibrium  to  vibrational  non  equilibrium,  the  plasma 
frequency  is  decreased  at  the  windward  side,  where  the 
vibrational  temperatures  of  Oj  and  Nj  are  lower  than  the 
translational  temperature  (lesser  dissociation  of  these 
species)  and  globally  increased  at  the  leeward  side  where 
the  vibrational  temperatures  of  Oj  and  Nj  are  greater 
than  the  translational  temperature  (greater  dissociation  of 
these  species).  Of  course  these  effects  of  chemical  and 
vibrational  relaxation  tend  to  reduce  as  the  altitude 
lowers. 

With  regard  to  Euler  calculations,  one  can  see  a  distinct 
rise  in  plasma  frequency  at  the  windward  side  and  a 
lesser  one  at  the  leeward  side  where  occurs  a  great 
increase  in  plasma  thickness. 

At  the  windard  side,  the  plasma  frequency  obtained  by 
the  viscous  calculations  on  the  simplified  shape  becomes 
greater  than  the  signal  frequency  of  1.5  GHz 
(approximate  blackout  entry)  at  an  altitude  varying  of 
2  km  according  to  the  thermochemical  state  of  air 
hypothesis.  At  lower  altitudes,  where,  unlike  previously, 
the  Euler  calculations  become  more  significant,  the 
calculated  plasma  frequency  is  lower  than  1.5  GHz 
(approximate  end  of  blackout)  at  an  altitude  5  km  lower 


for  the  angle  of  attack  of  40  degrees  in  comparison  with 
the  one  for  the  angle  of  attack  of  30  degrees.  At  the 
leeward  side,  all  the  calculations  result  in  a  plasma 
frequency  lower  than  1.5  GHz,  except  the  one  with 
thermochemical  non  equilibrium  hj'pothesis  at  the 
altitude  of  74  km  which  is  a  little  greater. 

However  plasma  characteristics  predictions  generally 
must  overcome  a  few  difficulties. 

First,  the  choice  of  a  chemical  kinetics  for  air.  Apart 
from  the  selection  of  a  set  of  species  suited  to  the 
encountered  temperatures  of  the  considered  flow,  one 
comes  up  against  the  great  disparities  on  reaction  rates 
between  the  different  authors.  Moreover,  these  authors 
assume  different  dependences  of  the  reaction  rates 
towards  the  different  temperatures  of  the  flow.  For 
instance,  as  given  by  Park  in  reference  3  for  reactions 
like  02+M?=s0  +  0  +  M,  where  M  is  a  heavy  species, 
the  forward  reaction  rate  is  a  function  of  the  vibrational 
temperature  Tv^  of  the  diatomic  molecule  and 
translational  temperature  T  of  the  impacting  heavy 
particle,  and  more  precisely,  expressed  with  an  average 
temperature  Ta  =  .^T  x  Tv^  .  The  backward  reaction  rate 
depends  only  on  the  translational  temperatures  of  the 
impacting  particles  (function  of  T).  For  the  case  where 
the  impacting  particle  is  an  electron,  the  forward  rate 
depends  on  the  average  of  the  vibrational  temperature 
and  the  electron  translational  temperature: 
Ta  =  ^Tv^  X  Tf  and  similarly  the  backward  reaction 
rate  is  governed  by  the  temperature  Ta"  =  ^TxTe. 

Otherx\ise  difficulties  arise  for  the  modelling  of  wall 
effects. 

The  wall  condition  for  a  species  i  can  be  written: 

jj  -4-  riij  (pv)Ci  =  (pv)j,  where,  at  the  wall, 
jj  is  the  rate  of  diffusion,  C;  is  the  mass  concentration, 
(pv)  and  (pv)j  are  the  injected  mass  fluxes  respectively 
total  and  for  species  i  and  ihj  is  the  mass  flux  of 
recombination.  This  latter  term  is  expressed  as: 

I  ic7 

- (pCj),  where 

\  27t  nij 

T  is  the  temperature  of  the  wall,  m^  is  the  mass  of 
species  i,  k  is  the  Boltzmaiui  constant,  p  is  the  density  of 
the  mixture  and  yj  is  the  fraction  of  collisions  at  the  wall 
which  lead  to  a  recombination.  Unless  the  hypothesis  is 
made  of  a  wall  fully  non  catalytic  (thi  =0)  or  fully 
catalytic  (for  which  the  above  relation  at  the  wall  is 
replaced  by  an  equilibrium  condition  at  the  temperature 
of  the  wall),  the  coefficient  Vj  has  to  be  experimentally 
determined  for  each  species  and  in  function  of  the 
temperature. 

Besides  an  evolution  of  the  catalycity  may  occur  during 
the  flight  by  oxidation  or  degradation  of  the  state  of  the 
surface. 
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But  the  main  influence  of  the  wall  is  of  course  the 
injection  of  species.  These  species  may  modify  different 
parameters  of  the  flow  like  the  temperatures  but  above  all 
may  include,  as  mentioned  above,  easily  ionizable  species 
like  alkaline  species. 

The  first  important  difficulty  is  naturally  to  reach  a 
sufficient  characterization  of  the  considered  material  in 
order  to  base  the  ablation  or  pyrolysis  laws  from  which 
the  injected  mass  fluxes  of  the  different  species  can  be 
obtained  for  the  fluxes  encountered  at  the  wall. 

The  second  one  deals  with  the  chemical  kinetics  to  be 
used  for  the  resulting  mixture.  In  particular  it  is  well 
established  that  the  ionization-recombination  reaction  of 
alkaline  species  like  Na  or  K  is  catalyzed  by  polyatomic 
molecules,  these  latter  species  so  increasing  greatly  the 
ionization  level.  The  process  seems  to  go  through 
Penning  ionization  (see  reference  4): 

A  +  M*  5=^  A"^  -t  e  M  where  A  is  the  alkaline  species 
and  the  vibrationally  or  electronically  excited  molecule 
M*  gives  up  its  energy  for  ionization.  So  a  representative 
chemical  kinetics  must  be  set  up  and  the  reaction  rates 
obtained. 

1.2  Radioclectric  attenuations 

1.2.1  Description  of  phenomenons 

The  ionized  plasma  which  exists  around  antennas  for 
tracking,  navigation,  telemetry  and  other  communi¬ 
cations  directed  towards  receivers  set  out  on  ground,  air 
planes  or  satellites  may  result  in  a  modification  of  the 
radiation  pattern  and  an  impedance  mismatching  of  these 
antennas  and  in  an  attenuation  and  a  phase  shifting  of 
emitted  waves. 

The  resultant  attenuation  may  cause,  in  the  most  critical 
cases,  a  total  interruption  of  communications. 

This  attenuation  is  a  function  of; 

-  the  plasma  characteristics,  that  is  to  say  levels  and 
spatial  distributions  of  plasma  frequency  (proportional 
to  the  square  root  of  the  electron  density)  and  electrons- 
neutrals  collisions  frequency;  their  great  variations 
around  the  body  make  important  the  positioning  of 
antennas, 

-  the  path  that  the  emitted  wave  must  go  through  within 
the  plasma,  determined  by  the  relative  positions  of  the 
antenna  and  the  receiver, 

-  the  frequency  of  the  emitted  wave,  only  frequencies 
neighbouring  or  lower  than  the  plasma  frequency  being 
subjected  to  an  important  attenuation, 

-  the  polarization  of  the  emitted  wave. 

1.2.2  Prediction  tools  used  at  Aerospatiale  Espace  & 
Defense 

For  characterizing  the  radioelectric  effects  of  the  plasma, 
Aerospatiale  Espace  &  Defense  has  a  set  of  numerical 
codes  for  ID,  2D  or  3D  calculations.  Among  them  is  the 
3D  code  AS-TEMMIS,  described  in  reference  5,  which 


allows  to  model  the  antenna  functioning  and  the  waves 
propagation  in  non  homogeneous  medium  by  resolving 
the  time-dependent  Maxwell  equations  by  an  explicit 
finite  differences  method.  These  codes  have  been 
commonly  used  for  blackout  studies  relative  to  reentry  of 
military  objects  as  well  as  in  the  framework  of  studies  on 
space  vehicle  Hermes. 

About  the  difficulties  encountered  for  calculation  of 
radioelectric  attenuations,  one  can  mention  the  modelling 
of  the  interaction  of  the  emitted  wave  with  non  stationary 
flow  areas,  natural  or  resulting  from  jets. 


2,  CONCERNED  ALTITUDES  RANGES  AND 
ENCOUNTERED  PROBLEMS  DURING  THE 
ATMOSPHERE  ENTRY  OF  CAPSULES 

As  shown  in  figure  6,  the  reentries  of  capsules  are 
characterized  by  very  high  velocities  at  high  altitudes, 
which  decrease  very  quickly  below  altitudes  of  70-80  km. 
This  deceleration  induces  a  partial  deionization  of  the 
plasma  surrounding  the  vehicle  which,  associated  to  the 
electrons-neutrals  collisions  frequency  increase  going 
with  the  altitude  lowering,  strongly  reduces  the 
attenuation  of  the  emitted  waves. 

The  altitudes  range  where  the  blackout  phenomenon  may 
occur,  depends  of  course  on  above  mentioned  parameters 
which  determine  the  plasma  characteristics  and  the 
radioelectric  link,  but  may  be  approximately  included  in 
the  altitudes  range  of  100-40  km. 

Without  use  of  technique  allowing  to  reduce  the  plasma 
levels,  as  water  injection  at  the  vicinity  of  antennas, 
tested  out  on  Gemini  flights,  which  may  reach  an 
effective  reduction  of  radioelectric  attenuations  but  which 
is  delicate  to  implement,  the  existence  of  a  blackout  zone 
during  a  reentry  of  a  capsule  is  setting  important 
problems  which  impose  its  precise  determination. 

For  navigation  and  piloting,  it  is  necessary  to  know  the 
end  of  blackout  position  on  the  reentry  trajectory  in  order 
to  determine  the  point  from  which  the  links  with 
NAVSTAR  satellites  and  ground  stations  may  be 
recovered  for  adjustment  of  the  inertial  navigation  system 
and  resumption  of  tracking  of  the  vehicle. 

The  end  of  blackout  may  be  also  determining  on  the 
reentry  guidance  accuracy  as  shown  in  figure  7,  extracted 
from  references.  For  a  biconic  shape  and  a  capsule 
shape  for  which  a  beginning  of  blackout  at  an  altitude  of 
90  km  is  assumed,  the  reentry  errors  at  an  altitude  of 
5  km  are  calculated  by  a  Monte-Carlo  statistical  study 
consisting  in  random  drawing  on  navigation  errors, 
aerodynamic  uncertainties  and  atmospheric  disturbances 
and  that  for  the  three  altitudes  of  end  of  blackout  of  60, 
50  and  40  km. 
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It  can  be  seen  that  the  reentry  accuracy  is  more  sensible 
to  the  altitude  of  end  of  blackout  for  the  capsule  shape 
than  for  the  biconic  shape,  which  has  a  greater  lift-to- 
drag  ratio,  and  that  a  deterioration  of  accuracy  appears 
when  the  end  of  blackout  is  lowered  from  50  km  to 
40  km. 

Besides,  the  requirement  of  acquisition  recovery  by  the 
ground  stations  from  the  very  end  of  blackout  leads  to 
optimize  the  positioning  of  these  stations,  considering 
their  limiting  angles  of  observation.  With  regard  to 
telemetty,  one  must  determine  the  duration  of 
interruption  of  communications  with  ground  receivers  or 
relay  satellites  in  order  to  size  the  recorders. 


3.  EXAMPLES  OF  COMMUNICATION 
BLACKOUT  OBSERVED  DURING  ENTRY  OF 
APOLLO  AND  SOYOUZ  VEHICLES 

The  figure  8,  extracted  from  reference  7,  shows  the 
blackout  appearance  observed  during  the  superorbital 
reentry  of  the  command  module  APOLLO  6.  This  vehicle 
was  fitted  out  with  4  S-band  antennas  (2.3  GHz)  at  the 
heatshield  toroidal  section. 

The  signal  recorded  by  a  receiver  on  airplane  shows  an 
abrupt  decrase  at  about  an  altitude  of  99  km,  where  the 
velocity  of  the  vehicle  was  approximately  9,600  m/s, 
which  begins  less  than  one  second  before  complete 
disappearance  of  signal.  That  altitude  of  blackout  was 
confirmed  by  the  observations  made  by  a  receiver  on  ship 
and  the  decrease  of  signal  appeared  not  to  be  caused  by 
other  factors  like  receiving  antennas  pointing  errors. 

In  figure  9,  extracted  from  reference  8,  the  observed  and 
calculated  radioelectric  attenuations  during  the  reentry  of 
SOYOUZ  vehicles  are  shown. 

The  board  antenna,  of  frequency  0.2  GHz,  was  installed 
at  the  base  of  the  vehicle.  The  instant  of  end  of 
communication,  observed  by  a  ground  station,  for  the 
SOYOUZ  TM-12  vehicle  corresponds  to  an  altitude  of 
about  95  km.  The  calculations  made  with  simplified 
methods  show  an  attenation  for  a  frequency  of  0.2  GHz 
approximately  equal  to  the  radioline  potential  at  this 
altitude  and  so  agree  well  with  the  flight  data,  that 
altitude  of  blackout  having  been  observed  on  numerous 
SOYOUZ  flights. 

With  regard  to  the  end  of  blackout,  the  observed  altitude 
for  SOYOUZ  TM-12  vehicle  is  around  35  km,  which  is 
lower  than  the  calculated  altitudes,  for  two  angles  of 
observation,  of  about  37-40  km.  This  discrepancy  is 
imputed  to  a  real  angle  of  observation  greater  than 
9  =  50  degrees,  and  the  altitude  of  communication 
restoring  for  the  SOYOUZ  TM-14  vehicle,  for  which  the 
angle  of  observation  is  more  surely  in  the  0-50  degrees 
range,  agrees  better  with  the  calculated  values. 


Apart  from  end  of  blackout  sensibility  to  angle  of 
observation  (altitude  3  km  lower  when  cp  increases  from 
0  to  50  degrees  for  0.2  GHz  frequency),  these  calcula¬ 
tions  allow  to  assess  the  change  of  signal  frequency 
effects.  For  the  same  radiolinc  potentials,  when  the  signal 
frequency  increases  from  0.2  to  1  GHz,  the  altitude  of 
communication  terminating  is  about  8  km  lowered  and 
the  communication  restoring  one  is  approximately  8  km 
too  risen. 
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Flow  pattern  around  a  capsule  entering  in  the  atmosphere 
at  hypersonic  speed 


Figure  2  Figure  3 

Comparison  of  computed  and  measured  electron  densities  Plasma  frequency  iso-contours  into  a  rear  section 

on  RAMC  configuration  vs  body  distance  along  the  space  vehicle  Hermes 

stagnation  line  (a)  and  along  the  line  at  the  axial 
distance  0.22  meter  from  the  nose  (b) 
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ABLATION 


by 

D.  DEVEZEAUX,  ONERA,  BP  72,  92322  Chatillon,  France 
H.  HOLLANDERS,  AEROSPATIALE,  Les  Mureaux,  France 


1.  Introduction 

Why  thermal  protection  system  (TPSl? 
When  a  yehicle  is  entering  atmosphere 
at  yery  large  speeds,  typically  more 
than  4000m/s,  the  mixture  of  gas 
which  surrounds  the  body  is  heated  by 
compression  mechanisms  at  its  front, 
and  by  friction  inside  the  boundary 
layer.  The  temperature  gradients  are 
strong  enough  to  induce  some  large 
energy  transfert  through  the  wall. 

One  has  to  characterize  the 
stiffness  of  this  enyironment  by  the 
heat  flux,  an  hypothetic  wall  at 
arbitrary  temperature  will  receiye, 
when  isolated  from  the  surrounding 
flowfield. 

This  heat  flux  is  depending  on  the 
yelocity,  altitude,  shape  geometry  and 
local  point  to  be  considered. 

For  a  ballistic  re-entry  body,  which 
has  a  drag  force  quite  small  with 
respect  to  its  weigth,  large  yelocity 
yalues  are  achieyed  until  low  altitude 
where  density  is  rather  high.  The  heat 
fluxes  could  reach  yalues  up  to  seyeral 
hundred  of  MW/m2,  for  an  isolated 
wall.  None  material  can  resist  to  such 
heatings.So,  it  needs  the  use  of  ablatiye 
materials,  which  disappear  by  means  of 
physico-chemical  processes  with  air. 

2.  Typical  thermal  protection  systems. 


Metallic  materials  operate  up  to 
1800K,  including  refractors  from 
1400K.  Aboye  1800K,  non  metallic 
materials  are  needed,  including 
ceramics  up  to  2800K  and  ablators 
from  2300Kup  tomore  than  3000K. 

Fig.  2  giyes  some  examples  of  TPS  for 
different  types  of  missions,  and 
different  localisation  along  the  yehicle. 


Fig. 2  Thermal  protection  systems 

Fig.  3  shows  some  details  of  Mercury, 
Gemini  and  Apollo  TPS.  One  can  obserye 
that  the  forebody  TPS  is  made  of 
phenolic  resin  or  phenolic  glass,  which 
are  pyrolysable  materials  and  which 
are  used  for  wall  temperatures  below 
2500K. 
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2.1  Qyeryiew  of  materials.  Fig.  1  giyes 
an  oyeryiew  of  materials  suitable  for 
thermal  protection  in  the  temperature 
range  400K  to  3000K. 
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Fig. 3  Examples  of  spacecraft  TPS 

2.2  Classification  of  materials.  There 
are  four  types  of  materials  : 

1.  Plastics  and  elastomers  composits, 
including  low  density  plastic  or 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  “Capsule  Aerothermodynamics” ,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKl)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 
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elastomers  composits,  and  high  density 
composits, 

2.  Graphitic  materials 

3.  Carbon-Carbon  composits 

4.  Ceramics 

2.2.1.  Plastics  &  elastomers  composits. 
First  of  all,  let  us  consider  some 
examples,  for  plastics  ; 

-  polytetrafluorethylenes  such  teflon 

phenolic  resins  reinforced  with 
organic  materials  (nylon),  mineral 
(silica),  or  carbon, 
and  for  elastomers  : 

-silicon  elastomers  in  honeycomb, 

-  polybutadiene  -  acrylonitric 
+  phenolic  resin. 

Low  density  plastics.  It  is  a  large  class 
of  ablative  materials  with  various 
heating  responses  depending  on  their 
chemical  composition  : 

-  depolymerization  and  vaporization  for 
polytetrafluorethyiens, 

-  pyrolysis  and  vaporization  for  epoxy 
and  phenolic  resins, 

-  degradation  melting  and  vaporization 
for  plastics  reinforced  with  nylon 
fibers. 

These  materials  have  a  low  thermal 
conductivity  and  a  good  behaviour  for 
heat  shield. 

The  main  disavantage  is  their  high 
mechanical  erosion  when  high  skin 
friction  occurs.  However,  their 
mechanical  characteristics  can  be 
increased  by  injection  of  plastifiants. 

For  such  materials,  the  control  of 
density  is  done  by  adding  empty  micro 
spheres  to  the  material. 

For  example,  the  teflon,  which  is  used 
on  ballistic  missiles  ablates  by 
sublimation  with  depolymerization  and 
gazeous  injection  in  the  boundary  layer. 
The  wall  temperature  is  a  function  of 
the  ablation  velocity,  and  the  external 
pressure.  The  following  table  gives  its 
thermal  characteristics  : 


T(K) 

296 

600 

601 

889 

R(kg/m3) 

2196 

2172 

1739 

1085 

Cp(J/kgK) 

7  1  1 

1213 

1477 

1536 

K(W/mK) 

0.336 

0.540 

0.429 

0.373 

Low  density  elastomers.  Their 
advantages  are  : 

-  a  low  thermal  conductivity, 

-  a  low  density. 


-  a  low  oxydation  rate. 

They  are  only  used  for  typical  missions 
where  oxydation  rate  is  low,  and 
mechanical  constraints  are  not  too  high. 
They  are  also  included  in  honeycomb 
made  in  fiber  glass.  Addition  of  micro 
ballons  and  reinforcement  fibers 
improve  their  thermal  and  ablative 
properties.  As  an  example.  Fig.  shows 
the  materila  selected  for  Gemini  heat 
shield. 


The  following  table  summarizes  some 
properties  of  low  density  ablators  : 


Composit 

Density 

(kg/m3) 

Ablation 

heat 

(kJ/kq) 

Porous  Teflon 

1392 

1  1630 

Low  density  silicon  : 
silicon  elastomer  (75%) 
phenolic  micro  spheres 
(25%) 

592 

1  8608 

Low  density  phenolic  nylon  : 
nylon  powder  (50%) 
phenolic  resin  (25%) 
phenolic  micro  spheres 

(25%) 

592 

34890 

Cork  (75%),  phenolic  plastic 
(25%) 

480 

1  6282 

High  density  plastic  composits.  They  are 
intensively  used.  For  better  mechanical 
properties,  they  are  soon  reinforced 
with  silica,  nylon,  graphit  or  carbon, 
for  approximately  70%.  Silica 
composits  are  mechanically  better  than 
carbon  ones,  but  when  silica  melts,  the 
liquid  phase  is  removed  by  friction. 
Pyrolysis  of  the  resin  gives  pyrolytic 
carbon,  which  is  a  good  thermal 
protection. 

The  following  table  contains  their 
typical  properties  : 


Composit 

Density 

(kg/m3) 

Heat  of 
ablation 
(MJ/kq) 

Carbon  phen. 

1400 

1  66 

Graphit  phen. 

1360 

90 

Carbon  polybenzimidanol 

1  340 

83 

Silica  polybenzimidanol 

1  650 

3  1 

Silica  phen. 

1  550 

27 

2.2.2.  Graphitic  materials.  They  have  a 
sublimation  temperature  at  about 
4000K,  and  a  low  ablation  recession 
rate.  Among  the  most  currently  used, 
we  have : 


-  the  polycrystal  graphite  with  a  R 
value  varying  between  1700  and  1900 
kg/m3,  and  where  the  characteristic 
parameter  is  the  grain  size  of  charge 
type  of  liant, 

-  the  pyrolytic  graphite,  with  R  = 
2000  kg/m3,  and  where  carbon  deposit 
is  made  at  the  wall  of  a  prescribed 
shape  by  high  temperature  hydro- 
carbure  environment. 

Often  used  for  multi  layer  deposition, 
the  behaviour  of  this  material  is 
anisotropic,  such  that  there  is 
differences  in  values  of  K  factor  from 
one  for  the  farest  sublayer  to  two  for 
the  external  one.  This  technique 
conducts  to  low  mechanical  resistance, 
brittleness,  possibility  of  delamination 
and  is  difficult  to  machine. 

The  following  table  gives  some 
characteristics  of  graphitic  materials 
for  a  pressure  of  8.1  MPa  and  energy  of 
6MJ/kg  : 


Polycryst.alic  graphits 

Density 

(kg/m3) 

Ablation 

rate 

(mm/s) 

Large  grain 

1  920 

3.5 

Middle  grain 

1760 

4.1 

Thick  middle  grain 

1  840 

2.5 

Fine  grain 

1  840 

2.0 

Thick  fine  grain 

2160 

1 .2 

Under  the  same  conditions,  the  phenolic 
carbon  has  an  ablation  rate  of  6. 5m m/s 
and  the  silica  phenolic,  9mm/s. 

Many  studies  have  been  done  in  US  on 
ATJ  graphite.  The  main  results  are  : 

-  at  temperatures  below  2778K,  only 
oxydation  can  occur,  for  pressure  range 
0.01  to  IMPa, 

at  temperatures  below  3700  K, 
sublimation  occurs  with  C3  as  major 
species, 

-  at  temperature  above  3700K,  the 
ablation  rate  is  only  a  function  of  wall 
temperature  (not  of  pressure),  and 
grows  up  exponentially  with  Tw. 

2.2.3.  Carbon-Carbon  composite.  They 
combine  good  mechanical  properties 
such  as  plastic  composits,  and  a  good 
ablative  behaviour  of  graphite. 

The  process  cycle  to  product  carbon - 
carbon  material  from  carbon-resin  one 
is  the  following  : 

-  carbon-resin  is  pyrolyzed  under 
vacuum  conditions,  that  results  in 
porous  carbon. 


-  this  material  is  then  impregnated 

with  dense  carbon  resin, 

and  another  previous  loop  is  performed 

til  achievement  of  a  dense  carbon 

material. 

The  following  table  gives  some 
characteristics  of  carbon-carbon 
composits  under  0.6MPa  of  pressure 
and  15MW/m2  of  heat  flux  : 


Type  of  carbon-carbon 
composits 

Density 

(kg/m3) 

Ablation  H 
(MJ/kg) 

CVD  felt 

1600 

47 

CVD  graphit  felt 

1760 

67 

C/C  matrix 

1280 

35 

Short  fiber  composite 

1570 

94 

Fine  grain  graphite 

1  840 

38 

Most  often  a  layer  of  P.A.O.  is  added  to 
the  material. 

2.2.4  Fireproof  composits  and  ceramics 
First,  consider  the  fireproof  composits, 
typically  borates  and  carbids,  which 
are  essentially  used  for  flights  with 
long  time  duration  and  low  heating.  In 
order  to  prevent  oxydation,  materials 
are  covered  with  a  fireproof  layer  of 
oxyde  (Molybden  or  Zirconium).  The 
following  table  gives  some  details  on 
composits  : 


Type  of  materials 

Density 

Q 

(MW/m3) 

HfBr  -  SiC  (80-20) 

8970 

7.5 

HfC  -  C  (85-15) 

9050 

6.5 

HfC  -  C  -  SiC  (55-30-15) 

4645 

5.5 

C  -  ZrBr  -  SiC  (45-40-15) 

3010 

4.5 

ZrBr  -  C  -  SiC  (56-30-14) 

4520 

5.0 

Hf  -  Ta  -  Mo  (65-20-15) 

1  3455 

4.0 

Graphite 

1795 

5.5 

In  this  table,  Q  is  the  heat  flux 
necessary  to  have  an  ablation  speed  of 
0.025mm/s  when  H=:19MJ/kg  and  a 
pressure  of  0,1  MPa. 

Ceramics  have  good  thermal 
performances.  However,  when  thermal 
shocks  occur,  inducing  some  fissures  i  n 
the  material,  their  behaviour  is  quite 
surprising.  So,  this  material  is  often 
filled  in  honeycomb  or  some  polymers 
are  injected  in  porous  ceramics. 

Among  them,  let  consider  ;  silica, 
zircon,  alumina,  carbides,...,  which  are 
manufactured  by  compression  at  high 
temperature,  or  injection  and  casting. 

As  far  as  we  are  concerned  with 
applications,  these  materials  are  used 
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for  optics  :  glass  windows,  or  to  prevent 
hydroerosion  :  metals  as  Tungsten, 
Molybden,... 


The  following  table  gives  some 
characteristics  of  this  type  of  materials 


I - 

w 

W03 

W/Re 

Mo 

Mo03 

1  9223 

7160 

1  0235 

7545 

Tf  (K) 

3650 

1  745 

3395 

2889 

1  080 

Hf 

(J/kg) 

1  93 

316 

189 

291 

337 

HI 

(J/kg) 

837 

-2702 

HU 

1221 

-3991 

emissi 

0.4 

0.4 

0.4 

0.4 

0.4 

3.  Ablation  process 

The  term  ablation  deals  with  the  whole 
domain  of  physico-chemical  processes 
acting  on  material  constituting  the  wall 
and  on  chemical  species  belonging  to  the 
boundary  layer.  When  these  species 
come  from  air,  they  are  diffused  from 
the  outer  boundary  layer  to  the  wall. 
However,  they  should  be  originated 
from  the  wall  as  reacting  products,  and 
could  be  transported  through  the 
boundary  layer  til  the  outer  part  by 
convective  and  diffusive  processes. 
Sometimes,  the  generated  products  can 
recondensate  on  the  wall. 

This  system  acts  as  a  chemical  reactor  , 
exchanging  matterwith  the  external 
field. 

In  some  cases,  for  example,  with  metals 
or  silices,  a  liquid  mixture  appears 
such  as  metallic  oxyde  or  liquid  silice, 
which  is  brought  by  the  flowfield  as 
droplets,  or  pours  along  the  wall,  acting 
as  chemical  reacting  species  with  the 
interface  mixture. 

In  all  cases,  the  volume  of  gas  which  is 
generated  is  larger  than  the  one  which 
is  set  apart  from  the  boundary  layer. 
This  phenomenon  induces  some  effect  of 
injection  at  the  wall,  that  is  to  say, 
causes  some  transversal  velocity  at  the 
wall.  This  effect  tends  to  sensitively 
decrease  the  convective  fluxes. 

A  relatively  well  documented  example  of 
ablative  materials  is  done  with  the 
carbone.  At  low  temperatures,  carbone 
combines  with  oxygen  in  order  to  create 
carbone  dioxyde.  This  phenomenon  is 
first  piloted  by  the  kinetics  of  the 
reaction,  until  the  quantity  of  oxygen, 
provided  by  diffusion  through  the 


boundary  layer,  is  insufficient  in  order 
to  activated  the  reacting  process. 

Then,  the  ratio  (mVa  )  of  absorbed 
oxygen  mass  rate  per  mass  rate  of  the 
diffused  gas  at  the  wall  is  constant.  This 
phenomenon  is  largely  exothermic  and  , 
as  a  result,  is  not  desirable.  When 
temperature  is  increasing,  the  nitric 
monoxyde  is  producted,  which  is  a 
stable  component.  Thus,  the  cycle  of 
kinetics  /  diffusion  processes  is 
reoperated,  until  a  plateau  of  mVa 
value,  which  is  double  from  the 
previous  one,  is  reached. 

At  much  higher  temperatures,  larger 
than  3500K,  carbone  is  reacting  with 
nitrogen  of  air,  in  order  to  product 
radicals  such  as  CN,  C2N2,  C4N2,  etc. 
At  the  same  level  of  temperature,  the 
material  is  sublimated  through  a 
production  of  Cn  species,  with  n 
belonging  to  the  range  1  to  a  very  high 
value.  C3  is  the  governing  species  when 
flowfield  pressure  is  very  high.  This 
phenomenon  is  quite  strongly 
endothermic,  and  as  a  result  is  seeked 
for  consuming  incident  heat  fluxes. 

Fig.  4  (given  in  annex)  shows  the 
sketch  of  heat  exchange  balance  at  the 
wall. 

For  an  inertial  wall  or  a  radiative 
material  without  pyrolysis  and/or 
ablation,  the  heat  exchange  only 
concerns  ; 

-  convective  heat  flux  coming  from  the 
boundary  layer,  augmented  with 
incident  radiating  heat  flux  (solar, 
albedo,  terrestrian,  and  eventually 
shock  layer), 

-  wall  re-emitted  radiative  heat  flux. 
The  remaining  heat  flux  is  conducted 
through  the  material. 

If  the  wall  is  pyrolysable,  then,  the 
previous  heat  exchange  is  completed 
with  ; 

outgasing  effects  which  tend  to 
decrease  the  level  of  heat  fluxes, 

-  combustion  effects  of  pyrolysis  gases, 
which  tend  to  increase  the  level  of  heat 
fluxes, 

-  roughness  effects  on  heat  fluxes,  due 
to  degradation  of  surface,  which  tend 
also  to  increase  the  level  of  heat  fluxes. 
As  on  the  previous  case,  the  remaining 
heat  flux  is  conducted  through  the 
material. 
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As  far  as  we  are  concerned  with 
abalation  process,  the  previous  heat 
exchange  is  modified  by  introducing  : 

-  outgasing  effects  of  ablation  products, 
which  tend  to  decrease  the  level  of  heat 
fluxes, 

-  ablation  heat  effects,  which  can  be 
exothermal  (increasing  effects),  or 
endothermal  (decreasing  effects). 

The  final  resulting  heat  flux  is 
conducted  through  the  wall. 

Numerical  modelling.  One  can  notice 
two  cases : 

-  pyrolysable  materials,  for  which  the 
two  following  phenomena  must  be  taken 
into  account  ;  surface  abaltion  and 
internal  degradation. 

carbon-carbon  and  graphitic 
materials  for  which  the  only  chemical 
process  is  the  surface  oxydization  and 
sublimation. 

For  the  first  type  of  materials,  a 
complete  modelization  of  the  chemical 
internal  process  is  given  by  the 
example  of  the  COKE  code  developed  at 
ONERA  The  COKE  code  (ONERA) 

We  assume  an  unsteady  one  dimensional 
system. 

The  major  restriction  of  the  code  is  that 
it  does  not  include  ablation  process  at 
the  wall.  But  the  internal  chemical 
process  of  pyrolysis  of  the  resin  is 
precisely  taken  into  account. 

For  the  energy  equation,  we  assume  that 
solid  and  gazeous  phases  are  in  thermal 
equilibrium. 

Species  conservation  equations  are 
written  for  each  species.The  continuity 
equation  is  written  with  a  gazeous 
contribution  including  the  mean 
percolation  speed  of  the  gas  phase.  The 
momentum  equation  includes  the 
assumption  of  an  homogeneous  material 
and  a  low  percolation  velocity. 

Gazeous  reaction  production  rate 
evaluation 

The  resolution  of  the  system  of 
equations  needs  the  knowledge  of  all  the 
chemical  production  rates.  The  solid 
phase  is  composed  of  a  reinforcement 
material  (chemically  non  reacting)  and 
a  pyrolysable  matrix. 


With  the  help  of  experiments  conducted 
with  thermogravimetry  technique,  the 
mass  loss  can  be  written  with  a  law 
similar  to  Arrhenius  one,  with 
temperature  dependant  coefficients. 

The  gaseous  composition  appearing  by 
pyrolysis  is  obtained  from  mass 
spectrometry  measurements. 

Chemical  model 

The  species  retained  in  the  COKE  code 
are  :  H2,  CH4,  NH3,  H20,  C2H4,  CO, 
C2H6,  C02,  C6H6. 

The  gaseous  phase  is  supposed  to  be  i  n 
chemical  nonequilibrium.  The  reactions 
are  the  following  : 

2CH4  < . >  H2  +  C2H6 

C2H6  < . >  H2  -t-  C2H4 

C2H4  < . >  H2  +  C2H2 

C2H2  < . >  H2  +  2Cs 

CH4  < . >  2H2  +  Cs 

C6H50H  +  H2  <— >  C6H6  +  H20 

C6H6  < - >  3C2H2 

C  +  H20  < . >  CO  +  H2 

CO  +  H20  < . >  C02  -I-  H2 

C  +  C02  < . >  2CO 

2NH3  < . >  N2  3H2 

Numerical  scheme  : 

The  system  is  solved  by  finite 
difference  technique  with  an  explicit 
scheme. 

Another  modelization,  including  surface 
ablation  is  given  by  the  example  of 
Aerospatiale  code  : 

One  considers  that  the  external  wall 
receives  an  incident  flux  q-j 
(convective  and/or  radiative 
heat  flux).  The  internal  wall  receives  a 
flux  q2. 

The  objective  is  to  determine,  with 
respect  to  the  time  under  a  heat  flux 
effect: 

•  the  temperature  of  the  material, 

•  for  pyrolysable  and  ablative 
material,  the  ablated  thickness,  the 
specific  mass  and  the  outgasing  mass 
flow  rate. 

Thermal  properties  -  conductivities 
and  specific  heats 
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After  the  pyrolysis,  the  material  has 
the  following  properties  r^,  Qc  and  C^, 
One  assumes  that  the  caloric  capacity  r^ 
and  the  conductivity  l^  are  linear 
funtions  of  the  specific  mass  r. 

r.C(T)  =  Ai(T)r  +  A2(T) 
l(T)  =  Bi(T)r  +  B2(T) 

For  the  virgin  material  : 

rvCv(T)  =Ai(T)rv  +  A2(T) 

For  the  pyrolysed  material  : 

rcCc(T)  ^Ai(T)rc  +  A2(T) 

Governing  equations 

•Surface  recession  : 

S=Schem  +  Smechan  +  Shydroerosion 

•For  some  types  of  material,  the 
chemical  erosion  is  linked  to  the 
specific  mass  of  the  pyrolised  material, 
the  convective  coefficient  a,  the  local 
pressure  pg  and  wall  temperature 


Energy  equation  for  an  ablative  and 
pyrolisable  environment 

The  quantity  of  heat  received  by  an 
element  of  volume  is  equal  to  the  change 
of  enthalpy  of  this  volume  during  an 
interval  Dt. 

The  total  heat  flux  received  by  an 
element  of  volume  is  the  sum  of  : 

•  heat  flux  due  to  thermal  conduction  , 
•heat  flux  due  to  the  flow  of  pyrolysis 
gases , 

•heat  flux  due  to  chemical  reaction  of 
pyrolysis  . 

Equation  for  pvroivsis  : 


The  speed  of  decomposition  follows  an 
ARRHENIUS'S  type  law  : 


1  dp 
pv  dt 


'  P-Pc 

V  P^ 


A,  factor  of  decomposition  -  frequency, 
n  order  of  the  reaction  of  pyrolysis  and 
B  ratio  of  activation  energy  with 
respect  to  universal  constant. 


Balance  equation  of  the  walls 

Ablative  wall  :  the  thermal  balance 
takes  into  account  : 

a)  the  incidence  flux,  which  includes  : 

•convection  Qc(t,T)  =  a  (Ha  - 
Hw),  a  being  the  convection 
coefficient,  Ha  the  athermal 
enthalpy,  Hw  the  enthalpy  at  the 
wall.  Qc  is  a  function  of  time  and 
wall  temperature. 

•shock  layer  radiation  Q(t,T) 

b)  radiation  emitted  or  received  by  the 
wall 

c)  the  injection  of  gas  inside  the 
boundary  layer 

•pyrolysis  gas, 

•gas  produced  by  wall  chemical 
reactions  (chemical  ablation) 

d)  absorbed  or  released  heat  flux  at  the 
wall 

•combustion  of  pyrolysis  gas 
rngHg,  Hg  being  the  heat  flux 

producted  by  combustion, 

•endo  or  exo-thermal  heat  flux 
produced  from  wall  chemical 
reaction  (ablation)  m^Hy,  Hy  being 
the  heat  of  sublimation,  combustion 
or  vaporization. 

e)  internal  conduction 
Internal  wall 


The  internal  wall  heat  flux  takes  into 
account : 

•incidence  flux, 

•radiative  flux, 

•internal  conduction. 

If  there  is  some  interface  between 
different  layers  inside  the  material, 
one  has  to  add  the  following  equations  : 

-  continuity  of  flux  density  : 

-  introduction  of  a  thermal  resistance 

The  previous  system  of  equations  is 
then  solved  by  an  iterative  procedure. 

For  the  second  type  of  materials,  ground 
test  experiments  have  been  used  for  the 
evaluation  of  surface  reference  rate, 
and  ablation  enthalpy,  as  functions  of 
wall  temperature  and  static  pressure. 
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Fig.  5  gives  an  example  of  these 
evolutions  for  graphitic  materials. 


Fig. 5  Ablation  of  carbon  material 
4.  Aerothermal  effects  of  ablation. 

Phenomena  due  to  ablation  concern  : 

-  injection  of  gazeous  species  in  the 
flow  field  (passive  blowing), 

-  degradation  of  the  wall,  which  leads  to 
roughness  effects  on  transition  and 
laminar  and  turbulent  heatings, 

-  wall  surface  boundary  conditions. 

Effects  of  degradation  of  the  wall. 

Many  studies  have  been  performed  for 
ballistic  reentry  nosetips  and  for  the 
shuttle  space  plane.  They  are  not 
summarized  ih  this  paper,  devoted  more 
to  material  than  to  aerodynamics,  but  a 
list  of  references  is  attached. 

Effects  of  injection  of  oazeous  species. 
The  treatment  of  blowing  inside  the 
boundary  layer  needs  the  coupling  of 
external  flowfield  and  material  thermal 
response.  An  example  of  such  modelling 
given  by  J.  Talandier  (ONERA,  1  9  94), 
is  summarized  below. 

A  bidimensional  calculation  has  been 
performed  using  non-equilibrium 
boundary  layer  equations,  and  modelling 
of  poreous  materials. 

The  main  characteristics  of  this 
numerical  approach  are  the  following  : 

modelling  of  internal  degradation 
process,  which  take  into  account 
oxydization  of  carbon  material, 


-  outgasing  of  species  ,  inducing 
modifications  of  the  flowfield, 

-  boundary  conditions  between  material 
and  flowfield,  which  allow  partial 
recombination  process  at  the  wall. 

-  possibility  of  modelling  wall  material 
inserts. 

5.  Ground  tests 

The  main  objectives  of  the  ground  test 
use  are  to  quantify  and  characterize  the 
fluid-material  interactions  and  their 
consequences  on  the  flowfield,  which 
drive  the  processus  of  ablation.  For  the 
large  temperature  which  are 
encountered  during  re-entry,  it  is 
required  to  dispose  a  hot  wind  tunnel, 
with  a  sufficiently  long  run  time  to 
provide  adequate  heating  of  the 
material.  The  traditional  mean  is  the 
plasma  jet  which  runs  at  high 
temperature  levels,  such  as  5000K. 
However,  even  if  the  installed  power 
means  are  quite  impressive,  typically 
higher  than  a  MWatt,  it  is  not  sufficient 
to  reach  flight  conditions.  For  such  a 
purpose,  one  has  to  properly  select 
some  parameters  among  all  the  possible 
ones,  in  order  to  simulate  as  close  as 
possible  the  flight  conditions,  even  i  f 
the  simulation  cannot  be  completely 
representative.  Generally,  pressure  and 
heat  fluxes  are  the  two  parameters 
which  conduct  the  test  conditions, 
allowing  the  experimentator  to  select 
either  laminar  or  turbulent  flowfield 
regime.  In  any  case,  the  speeds  of 
ablation  are  quite  close  to  the  flight 
ones. 

Plasma  jets.  Ablation.  The  facility 
consists  on  a  wind  tunnel,  where 
operating  air  or  gas  mixture  is  heated 
by  mean  of  an  electrical  arc  heater, 
which  runs  in  a  continuous  manner. 

An  example  of  this  type  of  facility, 
which  is  used  by  Aerospatiale  is 
presented  in  annex. 

Laser/Wind-Tunnel.  Ablation  ONERA 
has  build  such  an  installation,  which 
includes  a  device  for  the  generation  of 
very  high  powerful  C02  laser  beam  ( I  = 
10.6  mm,  18KW  max.,  duration  :10s, 
section  100mm2).  The  tests  of  ablation 
are  conducted  for  the  study  of  resistance 
of  thermostructural  materials 
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(C/resin,  C/C,  Kevlar,  metals)  to 
ablation  effects.  A  sample  is  heated  by 
laser  beam  and  is  subjected  to 
aerodynamic  constraints  (Mach  2).  Test 
conditions  and  ablation  speeds  are 
measured.  Fig.  6  gives  an  example  of 
results  obtained  in  this  facility. 


Blox  facilities  :  oxvdation.  They  consist 
of  laser  benches  for  the  study  of 
oxydation  process.  ONEFiA  disposes  of  a 
serie  of  test  facilties  for  the  behaviour 
of  thermostructural  materials  to 
oxydation  (C/C,  C/SiC,...  composites).  A 
sample  is  placed  inside  a  pressurized 
room,  is  heated  with  a  high  pressure 
C02  laser  beam,  and  is  weighed 
continuously  during  the  test  from 
several  minutes  to  one  day.  The  data  are 
get  and  controlled  by  computer. 
Different  mixtures  of  gas  could  be 
tested  (02  -  N2  -  Ar  ...).  Fig.  7  shows 
the  experimental  device  for  BL0X3 
facility. 


Other  facilities  :  Characterization  of 
materials  in  high  enthalpy  conditions  can 
also  be  performed  using  electric  arc 
heater  device  such  as  SIMOUN  facility 
of  Aerospatiale  the  operating  conditions 


of  which  are  shown  in  annex.  One  can 
notice  that  Italy  is  also  preparing  some 
new  facility,  named  SCIROCCO,  similar 
to  SIMOUN  one,  at  a  larger  scale  in 
CIRA. 

Finally,  let  us  mention  the  plasmatron 
technology  which  uses  a  high  frequency 
induction  gas  heating,  and  which 
delivers  a  cleaner  flowfield  than  the 
previous  facilities,  since  there  is  no 
electrod  erosion.  This  type  of  device  is 
often  used  for  the  characterization  of 
catalytic  properties. 

6.  In-Flight  Measurements. 

Flight  measurements  of  the  heat-shield 
recession  on  a  re-entry  body,  have 
been  well  studied  during  the  last  3 
decades.  A  summary  of  techniques  based 
on  optical  sensors  and  ultrasonic 
sensors  is  given  in  annex. 

7.  Conclusion 

Ablative  materials  are  needed  in  the 
case  of  intense  heat  fluxes,  in  order  to 
build  reliable  thermal  insulation  of  re¬ 
entry  vehicles. 

Many  complex  phenomena  are  involved 
in  the  ablation  process  ; 

-  internal  degradation,  with  appearance 
of  gazeous  phase, 

-  surface  oxydization  and  sublimation, 

-  wall  degradation  and  recession. 
Furthermore,  these  phenomena  act  on 
the  flowfield  behaviour  : 

-  blowing  effects  of  ablative  products, 

-  blocking  effects  of  incoming  heat 
fluxes  on  the  materials, 

modification  of  boundary  layer 
transition  location,  and  increase  of  heat 
fluxes  due  to  surface  roughness. 

Different  typical  materials  can  be 
chosen,  depending  on  the  type  of  mission 
(ballistic  or  gliding  re-entry),  and  on 
the  local  level  of  fluxes. 

Material  modelling  needs  a  complete 
characterization  of  material  thermal 
properties  and  degradation. 

As  a  result,  ground  tests  are  required 
and  this  leads  to  many  different  type  of 
facilities,  which  unfortunately  cannot 
entirely  simulate  the  flight 
environment. 

Finally,  only  partial  results  have  been 
given  by  flight  tests. 


4 Sketch  of  Heat  Exchange  Balance 
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ABSTRACT 

Since  1977,  ONERA  has  ground  and  flight  tested  different 
techniques  for  heat-shield  recession  :  acoustic  and  combined 
temperature/ablation  optical  measurements. 

This  last  technique  uses  a  gage  that  views  the  radiation  optically 
from  a  cavity  embedded  within  the  heat  shield.  Flight 
measurements,  both  of  temperature  and  of  passage  of  the  ablation 
front,  are  compared  with  data  generated  by  a  predictive  numerical 
code.  The  ablation  and  the  heat  diffusion  into  the  instmmented 
ablator  can  be  simulated  numerically  to  evaluate  accurately  the 
errors  due  to  the  presence  of  the  gage. 

The  ablation  measurement  alone  of  the  reentry  body  nose  is  made 
by  an  acoustic  gage. 

The  temperature  measurement  alone  of  the  heat  shield  inner  wall 
will  be  soon  carried  out  by  an  optical  sensor. 


Keywords  :  Ablation,  Optical  sensor.  Acoustic  sensor. 
Temperature  sensor. 


1.  INTRODUCTION 

Flight  measurement  of  the  heat-shield  recession  on  a  reentry 
body,  i.e.  the  phenomenom  well  known  as  ablation,  is  difficult. 
Since  the  beginning  of  the  1970s,  two  techniques  have  been 
used:  ablation  measurement  by  radio  elements  and  ultrasonic 
ablation  measurement.  The  first  technique  consists  of  measuring 
the  variation  in  radioactivity  of  implants  ablated  with  the  materi^ 
by  means  of  a  radiation  detector.  The  second  technique  consists 
of  determining  the  thickness  of  the  receding  material  from  the 
travel  time  of  an  ultrasonic  wave  reflected  off  the  surface  being 
ablated.  These  measurements,  combined  with  the  indications 
given  by  thermocouples  implanted  in  the  heat  shield,  are  used  for 
dimensioning  the  heat  shield.  However,  it  is  obvious  that  each  of 
these  techniques  has  limitations,  in  particular  thermocouples, 
which  are  destroyed  when  the  temperature  reaches  2300  K, 
•whereas  the  ablation  temperature  may,  in  certain  applications,  be 
as  high  as  4000  K. 

Ablation  measurement  by  radio  elements  raises  many  technical 
problems  and  it  has  been  supplanted  by  ultrasonic  ablation 
measurement.  In  France,  this  radioactive  technique  on  which 
research  was  conducted  at  ONERA  as  early  as  1973  (Ref.l)  was 
dropped  after  an  inconclusive  flight  test.  An  ultrasonic  ablation 
meter  (Ref.2)  has  been  in  development  for  several  years  now  at 
ONERA;  two  flight  tests  were  successfully  carried  out  in  1990 
and  1991. 

Between  1979  and  1985,  ablation  measurements  in  flight  were 
made  using  an  original  sensor  (Ref.3)  on  which  development 
was  started  at  ONERA  in  1977.  This  sensor  also  measures  the 
internal  temperature  of  the  heat  shield  as  well  as  the  ablation 
temperature. 


2.  THE  COTA  SENSOR 

Research  conducted  with  the  support  of  the  Commissariat  i 
I'Energie  Atomiquc,  Direction  des  Appbcations  Militaires. 

2.1 :  Description  and  Concept  of  the  COTA  Sensor 

The  COTA  sensor  (Capteur  Optique  de  Temperature  et 
d' Ablation),  illustrated  schematictilly  in  Figure  1,  consists  of  a 
veiy  long  cylindrical  cavity,  closed  at  one  end,  machined  in  the 
medium  to  be  instrumented  (Fig.la).  An  optical  fiber  connected 
to  a  photodiode  receives  the  radiation  emitted  by  the  cavity.  In 
order  to  prevent  ingress  into  the  cavity  of  smoke  and  carbonized 
residues  due  to  possible  pyrolysis  of  the  ablative  material  and  to 
allow  the  sensor  to  be  calibrate  as  a  thermometer,  the  cavity  was 
machined  in  a  vitreous  carbon  cylinder  inserted  after  calibration  in 
the  material  to  be  instrumented  (Fig. lb). 


Figure  1  :  Schematic  view  of  COTA. 

(a)  cavity ;  (b)  optical  fiber ;  (c)  photodiode 

The  typical  dimensions  of  this  vitreous  carbon  sheath  are  as 
follows:  several  tens  of  millimeters  long,  outer  diameter  2  mm, 
inner  diameter  0.8  mm  and  a  thickness  of  0.2  to  0.4  mm  at  the 
bottom  of  the  cavity. 

The  vitreous  carbon  sensor  is  then  inserted  in  a  cylindrical  cavity 
machined  in  the  reentry  body  heat  shield  mateiial,  with  the  cavity 
axis  parallel  to  the  main  heat  flux  direction.  Several  tj^es  of 
photodiodes  can  be  used.  A  silicon  diode  was  chosen  as  it  has  a 
spectral  range  of  400  to  1000  nm  which  allows  temperature 
measurements  from  1500  to  4000  K,  i.e.  the  temperature  range 
reached  by  the  surface  being  ablated.  Under  the  normal 
conditions  of  ballistic  reentry,  the  medium  is  subjected  to 
transient  heating  such  that  the  cavity  bottom  is  the  hottest  part  and 
there  is  a  strong  thermal  gradient  along  this  cavity  axis. 
Considering  these  thermal  conditions  and  the  sensor  geometry, 
the  radiation  received  by  the  photodiode  is  mainly  that  emitted  by 
the  practically  isothermal  bottom  of  the  cavity,  since  the  wall 
temperature  decreases  rapidly  away  from  the  bottom.  It  is 
therefore  absolutely  necessary  for  the  diode  (or  the  fiber)  to  be  in 
direct  view  of  the  hot  end.  This  was  made  possible  by  ultrasonic 
drilling  of  the  vitreous  carbon.  The  radiation  leceived  is  therefore 
a  function  of  the  temperature  at  the  cavity  bottom. 

To  make  a  thermal  sensor,  it  is  sufficient  to  correlate  this 
temperature  with  the  current  output  by  tlic  photodiode. 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  “Capsule  Aerothermodynamics” ,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 
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Furthermore,  if  the  bottom  of  the  cavity  is  destroyed  by  ablation, 
there  is  a  sudden  drop  in  the  signal,  which  allows  detection  of  the 
ablation  front  passage  time  at  the  depth  of  the  emitting  hot  wall 
(Figure  2).  To  follow  the  evolution  of  ablation  with  time,  it  is 
necessary  to  implant  several  COTA  sensors  at  different  depths. 


Figure  2:  Detection  of  the  ablation  front  passage  time. 

Figure  3  is  a  photograph  of  a  COTA  sensor  before  its  insertion  in 
a  reentry  body  heat  shield. 


Figure  3:  Photograph  of  the  COTA  sensor,  flight  model. 


2.2 :  Calibration  of  the  Temperature  Sensor 

It  is  necessary  to  correlate  the  internal  temperature  Tcota  at  the 
bottom  of  the  cavity  with  the  current  output  by  the  photodiode. 
To  do  so,  transient  heating  is  carried  out  in  a  non-oxidizing 
environment  by  means  of  a  15  kW  carbon  gas  cw  laser. 

The  configuration  during  calibration  is  illustrated  in  Figure  4.  An 
optical  pyrometer  measures  the  variation  with  time  of  the 
temperature  Tg*  of  the  external  wall  subjected  to  the  laser  flux.  To 
determine  the  temperature  Tcota  corresponding  to  the  measured 
temperature  Tex,  “  is  necessary  to  simulate  heating  of  the  sensor 
in  the  calibration  configuration  by  calculation.  This  is  achieved  by 
a  2D  conduction  program  using  a  finite  difference  method,  which 
gives  the  relationship  between  the  emitting  wall  tempierature  and 
the  current  detected  by  the  diode. 
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Figure  4;  Principle  of  calibration  and  measurements  made. 

It  is  found  that  above  2  000  K,  this  relation  is  : 

I  =  A. (Tcota)",  n  =  8, 

where  coefficient  A  depends  on  the  optical  properties  of  the 
vitreous  carbon,  the  quality  of  the  cavity  machining  and  the  cavity 
size. 

The  curve  of  Figure  5  is  a  typical  CXDTA  calibration  curve.  It 
relates  the  photodiode  current  to  the  average  temperature  Tcoa  of 
the  emitting  surface. 

2.3  ;  Ground  Testing 

Ground  tests  were  conducted  in  1978  using  the  JP50  Plasma 
Generator  of  Adrospatialc,  located  in  Aquitaine. 

The  flat  samples  of  carbon/carbon  and  silica/resin  compiosites 
with  cavities  directly  machined  in  the  materials  were  subjected  to 
an  air  flow  at  very  high  enthalpy,  causing  heating  and  ablation  of 


Figure  5:  Calibration  curve  of  a  COTA. 

the  material.  For  charred  materials,  gases  and  liquid  residues 
entered  the  cavity  of  the  sensors,  which  caused  high  interference 
in  the  photodiode  signal.  Subsequent  to  these  first  tests,  it  was 
decided  to  make  the  cavity  in  a  sealed  vitreous  carbon  tube 
inserted  in  the  material  to  be  instrumented. 

During  the  second  test  campaign,  two  tests  were  carried  out,  with 
six  COTA  sensors  implant^  in  a  silica/resin  composite.  For  two 
COTA,  the  surface  was  continuously  filmed  during  the  test. 
Analysis  of  the  films  and  the  opening  of  these  two  COTA  sensors 
gave  an  excellent  comparison.  The  uncertainty  on  the  opening  of 
the  COTA  was  ±  0.05  s.  For  the  remaining  sensors,  their  signals 
were  compared  with  those  from  thermocouples  located  in  their 
vicinity,  slighty  further  back,  since  the  thermocouples  do  not 
provide  data  above  approximately  2300  K.  As  ablation  occurs  for 
the  material  around  2500  K,  it  was  necessary  for  the  opening  of 
the  cavities  to  slightly  precede  the  loss  of  data  from  the 
thermocouple  ;  the  uncertainty  on  the  opening  was  between  ± 
0.05  s  and  ±  0.20  s. 

2.4  :  Correction  of  the  Raw  Measurements 

The  different  thermal  and  ablative  properties  of  the  vitreous 
carbon  and  the  instrumented  ablative  material,  a  phenolic  silica 
material,  as  well  as  the  presence  of  the  cavity  in  the  material  to  be 
analyzed  make  it  necessary  to  evaluate  the  disturbances  in  the 
thermal  field  and  the  position  of  the  ablation  front  induced  by  the 
presence  of  the  COTA  sensor. 

As  the  vitreous  carbon  is  a  better  heat  conductor  than  the 
composite,  it  behaves  like  a  heat  sink  in  the  location  of  the  cavity. 
This  affects  the  wall  temperature  of  the  heat  shield,  causing  a 
local  delay  in  ablation.  The  result  is  a  protuberance  and  an 
increase  in  the  convective  fluxes  which  may  be  large.  All  these 
disturbance  phenomena  are  specific  to  each  COTA  sensor,  since 
they  depend  on  the  thermal  history  of  the  particular  sensor  in  the 
ablative  material. 

A  2D  conduction  and  ablation  code  prepared  especially  during 
development  of  the  COTA  sensor  provides  a  general  model  of 
this  geomecy  and  the  disturbances  :  the  cavity,  the  various 
materials  with  thermal  and  physical  characteristics  depending  on 
the  temperature,  the  convective  flux  entering  the  material,  the 
ablation  temperature  which  varies  along  Ae  trajectory,  the 
mechanical  arid  chemical  ablation  laws  governing  the  temperature 
and  rate  of  ablation  of  the  materials,  the  increase  in  the 
aerodynamic  flux  (protuberance  effect).  This  2D  program,  using 
a  finite  difference  method,  is  systematically  applied  to  interpret 
the  response  supplied  by  the  sensor  during  the  flight  test.  It  gives 
the  following  information  : 

-  the  delay  9i  between  the  cavity  opening  time  tcoia  and  the  time  of 
passage  tmai  of  the  ablation  front  in  the  material  in  the  absence  of 
a  sensor,  at  depth  Z<;xjta  from  the  internal  emitting  surface  of  the 
cavity : 

=  tniat  "  tcota 

(dt<0  if  the  ablative  material  is  less  conductive  than  the  vitreous 
carbon). 

-  each  time,  for  the  same  depth  Z^oia  and  before  opening  of  the 
cavity,  the  difference  3T  between  temperature  Tcota  and 
temperature  T^ai  which  would  exist  in  the  heat  shield  in  the 
absence  of  the  sensor ; 


12-3 


1 


Normalized  radial  distance  r/D 


9  0 


1 


Normalized  radial  distance  r/D 


§  1 
o 

z 


Figure  6:  Simulation  of  heating  and  ablation  of  the  heat  shield  instrumented  by  a  CDTA. 
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-  each  time,  the  difference  3Tablat  between  temperature  Tfota  and 
the  ablation  temperature  Tabiat  of  the  ablative  material  of  the  heat 
shield  in  the  absence  of  the  sensor : 

3Tablat  =  Tabiat  ‘  Tcota 

These  differences,  given  by  numerical  simulation,  are  then  used 
to  cema  die  values  measured  during  the  flight  test 

Figure  6  shows  the  results  given  by  simulation  at  two  times 
preceding  opening  of  the  cavity.  In  Fig.6a,  the  COTA  sensor 
remains  underneath  the  surface  but  already  causes  a  slight 
protuberance  ;  in  Fig.6b,  it  appears  protruding  on  the  surface  a 
short  time  before  opening  the  cavity. 

The  increase  in  the  convective  heat  flux  resulting  from  the  effect 
of  protuberance  of  the  vitreous  carbon  in  the  boundary  layer  was 
modeled.  Analysis  of  the  results  of  tests  conducted  in  a  wind 
tunnel  and  bibliographic  research  made  it  possible  to  model  the 
increase  in  heat  flux  accOTcling  to  the  height  k  of  the  protuberance 

and  the  local  momentum  thickness  6  of  the  boundary  layer 
(Figure  7)  ;  h  is  the  convective  heat  transfer  coefficient  in 
presence  of  the  protuberance  and  ho  the  same  coefficient  in  the 
absence  of  protuberance.  The  minimum  value  of  k/0  may  be  as 
high  as  2  or  above.  This  quantity  depends  on  the  depth  at  which 
the  COTA  sensor  is  locat^  and  on  the  trajectory  followed. 


Fig.7:  Increase  in  the  heat  flux  due  to  protuberance  effect 
2.5 ;  Flight  Tests 

Forty  COTA  sensors  were  implanted  in  the  heat  shield  of  eight 
ballistic  reentry  bodies.  The  sensors  of  the  first  flight  (foiu 
COTA)  were  implanted  too  deeply  for  the  cavity  to  open,  and  it 
was  not  possible  to  analyze  the  results  of  a  flight  test  (involving 
six  COTA)  for  reasons  independent  of  the  sensors.  Accordingly, 
out  of  the  thirty  COTA  sensors  for  which  the  flight  test  was 
satisfying,  four  did  not  give  a  signal,  amounting  to  a  failure  rate 
of  approximately  10  %,  twenty-two  were  completely  analyz^ 
and  four  were  not  analyzed  due  to  too  low  a  signal-to-noise  ratio. 

The  flight  tests  differed  by  the  reentry  trajectory  followed, 
resulting  in  variation  of  the  aerodynamic  fluxes  in  a  ratio  of  1  to 


10  at  the  time  the  sensor  cavity  opened.  This  means  that  the  time 
during  which  the  vitreous  carbon  was  heated  differed  widely 
from  one  test  to  another  and  from  one  sensor  to  another 
depending  on  the  depth  at  which  it  was  located  ;  thus,  for  the 
lowest  fluxes,  the  heating  recorded  lasted  4  seconds,  whereas  for 
the  highest  fluxes,  it  was  only  0.5  seconds. 

The  2D  code  described  above  was  used  to  calculate  the 
corrections  to  be  made  to  the  raw  measurements  gathered  during 
the  flight  test,  i.c.  the  sensor  cavity  opening  time  tyoi  and  the 
temperature  Tyol  before  and  at  the  time  of  opening  the  cavity. 


Rgurc  8:  Example  of  interpretation  of  a  flight  test 
The  quantities  restored  after  analysis  are  the  following ; 

-  the  time  of  passage  tabiat  of  the  ablation  front  at  depth  Zcota : 

tabiat  =  tflighl  + 

-  each  time,  the  internal  temperature  Omat  of  the  heat  shield  at 
depth  2cota  * 

0mal  =Tnighl  +  3T 

-  during  a  certain  lapse  of  time  preceding  time  tabiat.  the  ablation 
temperature  0ablat  of  the  heat  shield  : 

0ablat  =  Tfiight  +  3Tablat 

Figure  8  shows  an  exemple  of  variation  of  the  quantities  restored: 
tabiat.  Smat.  ^ablai  from  the  experimental  results:  tpight.  Tnight- 

As  was  demonstrated,  the  larger  the  heat  flux  entering  a  heat 
shield,  the  smaller  the  difference  dt.  There  is  generally  a  delay  of 
1  to  1.5  seconds. 
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:  Dctcaion  of  the  ablation  front  nassage.  The  results 
obtained  after  analysis  of  the  measurements  given  by  the  ODTA 
sensore  were  compared  with  the  numerical  results  given  by  the 
one-dimensional  conduction  and  ablation  code  readjusted 
accordirig  to  the  parameters  measured  during  launches 
(thermocouples,  pressures,  etc.).  This  code  is  used  to  dimension 
the  heat  shield.  Figure  9  shows  a  comparison  of  the  surface 
recession  curve  given  by  the  ID  code  with  the  interpreted  results 
of  four  CX)TA  sensors  on  which  the  cavity  opened  during  a  given 
flight  test. 

An  average  difference  At  of  0.2  s  was  found  between  the  restored 
time  of  the  ablation  front  passage  and  that  given  by  the  ID  code 
for  14  sensors  included  in  four  different  tests.  As  the  ablation 
rate  in  the  material  was  between  0.9  and  1,5  nim.s'*  depending 
on  the  test,  this  difference  corresponds  to  an  uncertainty  of  0.25 
mm  on  the  ablation  front  position. 


Figure  9;  Comparison  of  the  computed  wall  recession  and  that 
restored  by  four  COTA  included  in  the  same  flight  test. 

2.5.2  ;  Ablation  temperature.  For  13  sensors  included  in  five 
flight  tests,  a  difference  of  ±  120  K  was  found  between  the 

restored  ablation  temperature  Oabiat  ^nd  the  ablation  temprerature 

Tablai  given  by  the  ID  code.  As  temperature  Oabiat  is  in  the 
vicinity  of  3  000  K,  this  difference  is  better  than  5  %.  A 
correlation  is  made  on  Figure  10  for  three  flight  tests  between 
this  temperature  difference  I  AT  I  and  the  difference  I  At  I  between 
the  time  of  the  ablation  front  passage  determined  from  flight 
measurements  and  that  computed  by  the  ID  code. 


Figure  10:  Correlation  between  temperature  and  dme  differences 
between  the  interpreted  sensor  response  and  the  code  results. 

The  restored  ablation  temperature  before  the  time  of  the  ablation 
front  passage  was  compared  with  the  heat  shield  surface 
temperature  given  by  the  ID  code.  The  curve  of  Figtue  1 1  shows 
the  results  obtained  for  seven  COTA  sensors  which  opened 
during  different  tests. 

The  origin  of  the  time  axis  is  the  cavity  opening  time  given  by  the 
ID  code.  It  can  be  seen  that  the  difference  between  the 
temperatures  given  by  the  code  and  those  restored  increases  away 
from  the  time  of  opening  of  the  cavity  sensor. 

2.5.3  :  Measurement  of  the  rate  of  ablation.  The  experimental 
results  show  that  the  time  of  opening  of  the  cavity  differs  from 
the  time  of  the  ablation  front  passage  at  the  same  depth  Zcoia- 
This  difference  can  be  up  to  1  second  and  more  ;  it  is  necessary 
to  use  the  2D  simulation  code  to  correct  the  experimental  values. 

Considering  two  COTA  sensors  implanted  in  the  same  region  of 
the  heat  shield  at  two  different  depths,  it  is  observed  that  the 
difference  between  the  times  at  which  the  two  sensors  open  is 
very  close  to  the  difference  between  the  times  of  the  ablation 
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Figure  11:  Variation  in  the  difference  between  the  calculated  and 
restored  temperatures  of  the  surface  subjected  to  ablation  during 
the  4  seconds  preceding  opening  of  the  cavity. 

front  passage  at  these  two  depths.  This  remarkable  result,  which 
allows  the  rate  of  ablation  Vabiat  of  the  heat  shield  to  be 
determined  directly ; 

Vablat  =  (Zcota2  ‘  Zcotal)  /  (tco(a2  "  tcotal). 

is  due  to  the  fact  that  the  two  CX)TA  were  subjected  to 
comparable  heating  during  the  trajectory.  An  example  of  this  is 
shown  in  Figure  12  which  corresponds  to  the  case  of  four  CXDTA 
sensors  implanted  at  different  depths  but  on  the  same 
measurement  abscissa.  The  average  computed  rate  of  ablation  is 
0.85  mm.s‘^  for  the  3  seconds  considered,  whereas  the  rate  of 
ablation  determined  from  flight  measurement  is  1  mm.S'*. 

For  all  the  flight  tests,  it  was  thus  observed  that  the  rate  of 
ablation  was  restored  from  the  raw  measurements  with  an 
accuracy  bencr  than  20  %. 


I  Time  of  ihe  ablation  front  passage,  tv«t.  ta^t  (s) 

I  I  I  t  I  * 

1  second 

Fig.  12  :  Rate  of  ablation  computed  and  detennined  from  raw  and 
corrected  measurements. 


3.  THE  COT  SENSOR 

This  sensor,  called  Capteur  Optique  de  Tempirature  (COT),  is 
derived  from  the  same  principle  as  the  COTA  sensor,  but  it  docs 
not  measure  the  ablation  front  passage  because  it  is  designed  to 
measure  the  inner  temperature  of  a  heat  shield  wall. 

The  research  was  conducted  with  the  support  of  Aerospatiale. 
Several  COT  sensors,  manufactured  by  Aerospatiale,  will  soon 
be  flight  tested. 


12-5 


3.1  :  Definition  and  Sludv  of  the  Sensor 

A  numerical  study  was  made  to  define  the  COT  geometry  and 
material.  The  code  employed,  ADINAT,  uses  a  finite  element 
method,  applied  in  the  2D  version. 

Two  sensors  were  possible,  the  first  with  a  closed  cavity  to 
prevent  obstruction  of  the  cavity  and  the  second  with  an  open 
cavity  which  directly  gives  the  inner  wall  temperature  of  the  heat 
shield  surface  seen  by  the  optical  fiber  and  then  by  the 
photodiode  (Figure  13).  The  calculations  showed  that  very  rapid 
high  heating  could  not  be  restored  by  a  closed  cavity.  The 
temperature  difference  (Td  -  Tcot)  is  about  1000  or  1500  K  for  a 
thickness  e  =  0.5  mm,  which  corresponds  to  an  unacceptable 
time  delay  of  about  4  s.  An  opiened  cavity  with  a  graphite 
cylinder  was  therefore  chosen  . 
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Figure  13;  Schematic  view  of  COT. 

The  dimensions  of  the  COT  sensor  are  as  follows  : 

cavity  diameter ;  1  mm,  graphite  cylinder ;  5  and  20  mm,  cavity 
length  :  30  mm. 

Germanium  or  silicon  photodiodes  were  suggested  for  the  flight 
tests. 

The  1  mm  fiber  diameter  suggested  is  a  flexible  silica  fiber. 

The  emitting  wall  sample  is  always  seen  with  the  same  solid 
angle  for  a  given  COT  sensor. 

3.2 ;  Laboratory  Tests 

Samples  of  the  heat  shield  were  electrically  heated  in  a  vacuum 
furnace,  which  can  reach  2600  K.  A  prototype  COT  sensor  was 
made,  using  either  a  silicon  or  a  germanium  photodiode.  The 
distance  between  the  COT  sensor  and  the  emitt^  sample  surface 
was  adjustable. 

3.2.1  :  Calibration  of  the  photodiode  signal.  Calibration  tests  are 

essential  to  define  the  output  range  of  the  photodiode  current. 
Several  tests  were  performed  with  the  two  types  of  photodiodes 
and  the  results  are  given  in  Figure  14.  As  used  in  the  COTA 
approach,  the  relationship  between  the  emitting  wall  temperature 
and  the  current  detected  by  the  diode  is :  I  =  A.CTcot)" 

n  is  about  8  for  the  silicon  photodiode  (test  1:  n=8.3,  test  3: 
n=7.9)  and  about  5.5  for  the  germanium  photodiode  (test  1: 
n=5.4,  test  3:  n=5.7).  This  difference  can  be  explained  by  the 
fact  that  the  sample  temperature  is  not  perfectly  known  during  the 
heating  (due  to  thermocouple  ageing).  Other  tests  with  different 
photodiodes  confirmed  these  uncertainties  on  coefficient  n  and 
thus  showed  that  a  calibration  of  each  COT  sensor  coupled  with 
its  electonic  circuit  (amplifier,  pins,  etc.)  is  absolutely  necessary. 
By  reference  with  the  COTA  sensor  calibration  (silicon 
photodiode),  it  is  demonstrated  that  the  difference  on  the 
photodiode  current  for  several  ground  tests  is  about  10  %,  which 
leads  to  a  relative  error  of  ±  2  %  on  the  temperature  Tcot. 

These  tests  also  confirmed  that  the  current  is  independent  of  the 
distance  between  the  optical  fiber  and  the  emitting  sample  wall. 

3.2.2  :  Influence  of  the  heat  shield  composite  material.  The 
3DCC  composite  material  is  made  of  two  phases  (fiber  and 
matrix)  which  may  have  different  emissiviiies  and  different 
conductivities.  Tests  were  conducted  to  quantify  the  importance 
of  this  phenomenon.  The  COT  sensor  could  move  in  front  of  the 
sample  wall  and  received  the  flux  emitted  by  a  2  mm  diameter 
surface.  The  COT  sensor  was  successively  aimed  at  the  center  of 
the  middle  line  of  the  sample,  then  at  abscissas :  ±  0.5  mm,  ±  1 .5 
mm  and  ±  2.5  mm.  The  photodiode  current  is  given  in  Figure 
15.  A  drift  appears  due  to  the  furnace  regulation  and  a  relative 
error  of  ±  1.5  on  temperature  Tcoi-  Another  sample  gave 
ATcoi/Tcoi  equal  to  1  %. 


Fig.  14:  Preliminary  calibration  curves  of  a  COT  sensor. 

3.3  :  Project  of  a  calibration  bench. 

For  the  calibration  of  the  COT  sensor  and  its  electronic  circuit, 
ONERA  suggested  Aerospatiale  to  manufacture  a  high 
temperature  black  body,  operating  between  1  500  and  2  300  K. 

3.3.1  :  Description  of  the  bench.  The  black  body,  placed  in  a 
vacuum  furnace,  could  include  : 

-  a  heating  component  consisting  of  a  hollow  graphite  cylinder 
supplied  by  a  current  of  1000  A; 

-  a  2  mm  diameter  hole  drilled  in  the  graphite  cylinder  which 
would  be  sighted  by  the  COT  sensor ; 

-  an  identical  second  hole  for  the  aiming  of  the  reference 
pyrometer. 

3.3.2  :  Calibration  of  the  heat  shield  material  cmissivitv.  The 
calibration  method  assumeses  the  cmissivity  of  the  heat  shield 
composite  material  well  known.  ONERA  suggested  to  measure 
the  emissivity  in  the  solar  furnace  of  ETCA  (Etablissement 
Technique  Central  de  I'Annement).  The  emitting  surface  of  the 
heat  shield  sample  can  reach  2500  K.  This  temperature  is 
measured  with  a  pyrometer  coupled  to  a  hemispheric^  reflector. 
The  relative  emissivity  enor  given  by  ETCA  is  about  ±  5  %.  This 
value  leads  to  a  relative  temperature  error  of  0.5  %. 

3.3.3  :  Estimation  of  the  restored  temperature  error.  The  relative 
error  on  the  restored  temperature  of  the  inner  heat  shield  wall  is 
due  to : 
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Figure  15:  Influence  of  tlie  composite  material  phases. 
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-  uncertainty  on  the  calibration  reference  temperature,  estimated  at 
0.5  %  ; 

-  uncertainty  on  the  calibration  curve  of  each  COT  sensor, 
estimated  at  ±  2  %  ; 

-  uncertainty  on  the  global  composite  material  emissivity, 
estimated  at  ±  0.5  %,  and  on  the  emissivity  and  temperature 
gradient  of  the  different  phases,  estimated  at  ±  0.75  %. 

The  total  relative  error  is  therefore  about  ±  4  %.  For  example,  if 
the  heat  shield  temperature  is  3500  K,  the  absolute  error  on  this 
temperature  will  be  ±  140  K. 


4  -  ABLATION  OF  A  REENTRY  BODY  NOSE 

The  research  was  conducted  with  the  suppon  of  Commissariat  ^ 
I’Energie  Atomique  (CEA/DAM). 

4.1  :  The  COA  Sensor 

This  sensor,  called  Capieur  Optique  d'Atlation  (COA),  is 
derived  from  the  same  principle  as  the  COTA  sensor,  but  it  does 
not  measure  the  temperature,  as  the  cavity  is  drilled  directly  in  a 
reentry  body  nose  made  of  carbon/carbon  reinforced  composite 
(3DCC)  without  the  use  of  vitreous  carbon,  making  it  impossible 
to  calibrate  the  sensor.  Its  development  was  started  in  1982. 

Because  of  the  cavity  lenght  in  the  nose,  the  optical  fiber  is  much 
longer  than  in  the  COTA  sensor  and  is  sheathed  in  a  nobium 
tube.  The  fiber  is  positionned  in  the  cavity  such  that  the  end 
receiving  the  radiation  (hot  part)  does  not  exceed  1300  K.  The 
diameter  of  the  cavity  in  the  3CDD  is  about  2  mm;  it  is  necessary 
for  the  fiber  hot  end  to  be  in  direct  view  of  the  cavity  end.  The 
photodiode  chosen  was  identical  to  those  of  the  COTA  sensor. 

Two  flight  tests  each  involving  two  COA  sensors  were 
conducted,  but  it  was  not  possible  to  interpret  the  results  for 
reasons  independent  of  the  sensors.  This  optical  technology  has 
been  abandoned  for  the  benefit  of  an  ultrasonic  technology. 

4.2  :  The  CUSA  Sensor 

4.2.1  :  Concept  of  the  CUSA  Sensor  :  This  sensor,  called 
Capteur  UltraSonore  d'Ablation  (CUSA),  operates  on  the  same 
principle  as  sonar :  a  train  of  acoustic  waves  is  transmitted  on  the 
rear  face  of  the  reentry  body  nose  and  propagates  to  the  apex 
where,  considering  the  very  high  acoustic  impedance  ratio 
between  the  material  and  air,  it  is  reflected  completely  back  to  the 
transmitter.  The  travel  time  can  be  related  to  the  thickness  crossed 
if  the  ultrasonic  propagation  speed  is  known.  Althought  the 
measurement  principe  is  simple,  application  to  thickness  of 
several  tens  of  centimers  of  a  three-directional  composite  material 
such  as  carbon-carbon  is  more  complicated. 

The  complexity  of  the  material  requires  the  use  of  relatively  low 
propagation  frequencies  ;  a  few  hundred  kHz.  Fortunately,  the 
large  divergence  of  the  sensors  at  these  frequencies  is  decreased 
by  the  wave  guidance  phenomena  related  to  the  material 
structure.  In  order  to  increase  the  signal-to-noise  ratio  on  the 
measurement  as  much  as  possible,  the  transmitted  wave  train  is 
frequency  modulated  and  detection  is  carried  out  by  correlating 
the  received  signal  with  the  emitted  signal.  The  ultrasonic 
propagation  speed  was  measured  for  the  frequencies  included  in 
the  transmission  spectrum.  The  speed  depends  to  a  great  extent 
on  the  propagation  frequency. 

The  measurement  system  consists  of  an  off-the-shelf 
piezoelectric  sensor  and  an  electronic  system. 

4.2.2  ;  Ground  and  Flight  Tests  :  Ground  tests  were  conducted 
by  ablating  samples  of  3DCC  material,  first  at  reduced  scale  in  a 
ONERA  facility,  then  in  full  size  on  the  Adrospatiale/Aquitaine 
JP2C)0  plasma  torch.  The  tests  were  sufficiently  encouraging  to 
initiate  work  on  a  flight  ablatometer. 

The  flight  system  consists  of  a  broadband  sensor  centered  on  500 
kHz,  bond^  to  the  rear  tongue  of  the  reentry  body  nose.  The 
electric  signal  from  the  sensor  is  amplified,  filtered  and  converted 
from  analog  to  digital,  then  remotely  measured  on  the  ground 
during  the  test.  The  correlation  processing  is  then  conducted  off¬ 
line  on  the  ground.  Figure  16  gives  a  comparison  of  the  first 
flight  ablatometer  measurement  with  ablation  computations.The 
difference  observed  with  the  prediction,  increasing  over  time,  is 


due  to  the  fact  that  the  variation  in  the  propagation  speed  versus 
temperature  was  not  corrected.  This  effect  will  be  taken  into 
account  later. 


8  pm  numerical  data 
15  pm  numerical  data 
ablatometer  data 


Time 

Fig.l6  :  First  experimental  flight  -  comparison  of  the  ablatometer 
measurement  with  the  corresponding  ablation  computations  for 
two  roughness  height  hypotheses. 


5  -  CONCLUSION 

In  France,  since  1979,  flight  ablation  measurements  are  made 
using  two  techniques  developed  at  ONERA  :  an  ultrasonic  sensor 
(CUSA)  for  the  reentry  body  nose  and  an  optical  sensor  (COTA) 
which  also  measures  the  ablation  temperature  of  the  missile  heat 
shield,  which  may  be  pyrolyzable. 

The  two  physical  parameters  measured  by  the  COTA  sensor  are, 
after  data  reduction,  in  good  agreement  with  the  computational 
predictions.  The  differences  observed  are  equal  to  a  few  tenths  of 
a  second  for  the  ablation  time  and  in  the  vicinity  of  ±  1(X)  K  for 
the  ablation  temperature,  which  approaches  3  000  K  in  the  flight 
tests.  Direct  analysis  of  the  cavity  opening  times  of  several 
COTA  sensors  located  on  the  same  measurement  abscissa  at 
different  depths  in  the  heat  shield  gives  a  material  ablation  rate 
estimate  with  an  error  less  than  or  equal  to  0.2  mm.s'k 

An  optical  sensor  (COT)  giving  only  the  temperature  of  the  inner 
face  of  an  uncharring  composite  material  was  designed  recently 
to  be  implanted  soon  in  a  reentry  body. 

The  agreement  between  the  computed  ablation  and  the  results 
given  by  the  CUSA  is  rather  good.  Corrections  taking  into 
account  the  temperature  effect  on  the  propagation  celerity  will  be 
done  soon  to  Oy  to  improve  the  accuracy  of  measurements. 
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SECTION  1:  RETURNING  FROM  SPACE— THE  CASE 
FOR  AEROASSIST  (An  Executive  Summary) 


The  Aeroassist  Flight  Experiment  (AFE)  is  important 
in  the  development  of  a  substantial  and  cost-competitive 
space  industry.  It  is  a  research  program  to  develop  the 
technology  base  needed  to  design  a  new  class  of  advanced 
entry  vehicles  that  will  play  a  key  role  in  establishing  a 
mature  U.S.  space  presence  in  the  next  century. 

A  dynamic  and  economical  space  program  in  the  21st 
century  will  include  many  operations  involving  the  return 
of  satellites,  materials,  and  products  from  high  Earth 
orbits  (HEO),  lunar  bases,  and  planetary  missions.  The 
common  and  dominant  characteristics  of  vehicles  return¬ 
ing  from  such  missions  will  be  their  very  high  speed  as 
they  approach  the  Earth.  This  high  speed  must  be  reduced 
substantially  before  the  returning  vehicle  can  be  landed 
safely  on  Earth  or  placed  in  low  Earth  orbit  (LEO),  where 
the  Space  Shuttle  operates  now  and  the  Space  Station 
Freedom  will  operate  in  the  future. 

LEO  is  a  strategic  locale  that  will  always  play  a  criti¬ 
cal  role  in  any  space  program.  Its  location  just  beyond 
Earth’s  appreciable  atmosphere  can  be  reached  from  Earth 
with  the  lowest  cost  in  energy,  and  it  is  the  natural  and 
convenient  spaceport  location.  In  the  next  century  LEO 
will  contain  a  broad  complex  of  assembly,  research, 
repair,  and  production  facilities.  Their  effective  and  cost- 
competitive  use  will  require  a  class  of  routine  workhorse 
transportation  vehicles  whose  importance  might  be  over¬ 
looked  at  a  time  when  dramatic  space  exploration  is 
occurring.  Yet  it  is  these  vehicles,  the  Aeroassisted  Space 
Transfer  Vehicles  (ASTVs)  that  will  provide  the  solid 
transportation  base  on  which  a  productive  space  industry 
will  grow. 

The  ASTVs  will  be  assembled  in  orbit  and  will  never 
return  to  the  Earth’s  surface.  They  will  be  used  to  transfer 
people  and  material  from  high  locations  to  LEO.  They 
will  reduce  their  high  velocities  in  the  region  of  LEO  by 
flying  into  the  outer  reaches  of  the  Earth’s  atmosphere 
where  aerodynamic  drag  will  slow  them  to  the  appropriate 
speed  for  LEO.  They  will  then  maneuver  out  of  the  atmo¬ 
sphere  and  into  a  desired  orbit.  The  present  consensus  is 
that  this  is  the  only  cost-effective  method  of  reducing  the 


speed  of  such  vehicles  to  the  required  level.  For  example, 
the  cost  savings  of  using  aerodynamic  drag  over  using 
retrorockets  in  returning  from  geosynchronous  Earth  orbit 
(GEO)  is  about  33%.  Even  greater  cost  savings  can  be 
obtained  in  moving  material  from  the  Earth’s  surface  to 
LEO  for  missions  to  the  Moon  and  Mars. 

The  ASTVs  will  operate  at  very  high  altitudes  where 
the  atmosphere  is  exceptionally  thin  and  the  flight  data 
needed  for  their  safe  and  efficient  design  are  not  ade¬ 
quately  known.  Much  critical  scientific  research  must  be 
done  to  build  the  technology  base  needed  to  make  such  a 
design.  The  research  program  discussed  in  this  publica¬ 
tion,  the  AFE,  is  specifically  aimed  at  acquiring  the 
knowledge  for  this  technology  base. 

The  Future  Space  Program 

One  of  the  accepted  goals  of  the  space  activities  of 
the  United  States  is  to  expand  human  presence  and  activi¬ 
ty  in  space  from  low  orbits  around  Earth  out  into  the  Solar 
System. 

In  1986  the  National  Commission  on  Space  recom¬ 
mended  a  bold  national  plan  for  the  people  of  the  United 
States.  “To  lead  the  exploration  and  development  of  the 
space  frontier,  advancing  science,  technology,  and  enter¬ 
prise,  and  building  institutions  and  systems  that  make 
accessible  vast  new  resources  and  support  human  settle¬ 
ments  beyond  Earth  orbit,  from  the  highlands  of  the  Moon 
to  the  plains  of  Mars.” 

Human  expansion  beyond  Earth  is  an  undertaking  of 
great  importance  to  the  future  of  our  species  for  which 
preparations  should  begin  today.  As  a  next  step  into  the 
Solar  System,  the  United  States  with  international  partners 
is  developing  Space  Station  Freedom  to  provide  facilities 
for  a  permanent  presence  in  LEO.  A  permanent  presence 
in  LEO  permits  humans  to  start  building  in  space  as  they 
have  built  on  Earth  in  the  past.  Crews  based  at  a  space 
station  can  assemble  in  space  the  advanced  spacecraft 
needed  for  missions  to  the  Moon  and  Mars.  As  a  result  of 
this  and  other  international  space  station  programs,  we 
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will  most  likely  witness  early  in  the  coming  century  the 
first  humans  landing  on  Mars  and  the  first  permanent 
research  stations  on  the  Moon  with  outposts  there  to 
develop  lunar  resources. 

The  United  States  and  the  Soviet  Union,  looking 
towards  economic  competition  in  the  utilization  of  space, 
have  each  developed  space  transportation  systems  to 
move  humans  and  materials  to  and  from  LEO.  Other 
nations  are  also  developing  cost-competitive  capabilities 
in  the  important  region  near  Earth  and  aggressively  laying 
the  groundwork  for  their  expansion  into  the  Solar  System. 

Aeroa.ssist 

The  next  important  stage  of  human  expansion  into  the 
Solar  System  is  to  develop  advanced  transportation  sys¬ 
tems  to  move  humans  and  cargo  between  GEO,  where 
many  important  Earth  support  satellites  are  ba.sed,  and 
LEO,  and  to  provide  capabilities  for  landing  humans  and 
cargo  on  the  Moon  and  on  Mars  and  returning  them  to 
LEO  from  such  missions.  Such  vehicles  must  rely  on 
aeroassist  technology  to  be  cost  effective. 

Aeroassist  is  a  generic  tenn  employed  when  aerody¬ 
namic  forces  are  used  to  assist  a  spacecraft  to  change 
direction  or  slow  down  while  flying  through  a  planet’s 
atmosphere.  Aeroassist  allows  spacecraft  to  be  captured 
into  an  orbit  around  a  planet  or  to  be  slowed  sufficiently 
to  change  orbital  parameters,  e.g.,  from  a  highly  elliptical 
orbit  to  a  LEO  or,  in  the  extreme  case,  to  a  planetary  land¬ 
ing,  with  a  minimum  or  zero  expenditure  of  rocket  propel¬ 
lants.  In  fact,  using  atmospheric  drag  to  slow  space  vehi¬ 
cles  is  regarded  as  one  of  the  largest  contributors  to 
making  both  lunar  and  Mars  missions  affordable.  Aeroas¬ 
sist  reduces  by  50%  the  amount  of  material  that  has  to  be 
carried  to  LEO  from  the  Earth’s  surface  for  such  missions. 

Aeroassist  Space  Transfer  Vehicle 

Many  ca.se  studies  of  future  missions  to  the  Moon  and 
to  Mars,  especially  manned  missions,  have  concluded  that 
these  advanced  transportation  .systems  must  use  aeroassist 
to  increase  payloads  and  reduce  rocket  propellant  require¬ 
ments.  Indeed,  without  aeroassist  some  of  the  missions  are 
not  practical  with  available  technology.  For  example,  a 
proposal  to  establish  a  manned  lunar  base  early  in  the  next 
century  (Figure  1-1)  depends  upon  aeroassist  at  Earth  for 
returning  vehicles.  Also,  a  key  feature  of  NASA  studies  of 
manned  missions  to  the  satellites  of  Mars  and  to  the 
Martian  surface  (Figure  1-2)  is  the  use  of  aeroassist  at 
both  Mars  and  Earth. 


A  reusable  ASTV  is  the  next  logical  major  require¬ 
ment  in  space  to  complement  the  Space  Station  Freedom 
and  the  Space  Shuttle  and  expendable  booster  space 
transportation  systems  now  used  to  move  personnel  and 
materials  from  the  Earth’s  surface  to  LEO  and  return.  The 
ASTV  will  be  used  initially  to  move  payloads  among 
LEO,  HEO,  and  GEO.  For  example,  one  early  application 
would  be  to  move  expensive  telecommunications  satel¬ 
lites  in  GEO  back  to  LEO  for  servicing  or  upgrading. 
From  LEO  such  satellites  could  be  returned  to  Earth  via 
the  Space  Shuttle  if  for  some  reason  they  could  not  be 
serviced  in  orbit. 

Recent  estimates  are  that  a  fleet  of  up  to  80  ASTVs 
will  be  required  to  meet  projected  national  and  interna¬ 
tional  needs  in  the  coming  decades,  and  the  first  such 
vehicle  will  be  needed  in  the  first  decade  of  the  next 
century.  The  design  of  this  new  type  of  vehicle  must  be 
started  soon  if  the  United  States  is  to  have  a  competitive 
edge  on  the  international  markets  that  will  be  served  by 
such  vehicles. 

When  bringing  cargo  or  personnel  from  the  Moon  or 
from  HEO,  an  ASTV  will  enter  the  Earth’s  upper  atmo¬ 
sphere  at  a  velocity  of  almost  25,000  miles  per  hour.  It 
will  fly  through  the  atmosphere  (Figure  1-3)  above 
250,000  feet  long  enough  for  atmospheric  drag  to  slow  it 
by  about  6000  miles  per  hour.  Then  it  will  maneuver  back 
into  space  to  rendezvous  with  a  shuttle  orbiter  or  a  space 
station.  The  ASTV  is  a  cost-effective  approach  because  it 
will  be  capable  of  carrying  up  to  twice  the  payload  of  a 
vehicle  that  relies  entirely  on  rocket  braking. 

However,  there  are  many  technical  questions  about 
high-speed  ASTV  flights.  These  questions  must  be 
answered  satisfactorily  before  an  efficient  ASTV  design 
can  be  defined  and  vehicles  can  be  developed  for  produc¬ 
tion  in  the  quantities  required.  Otherwise  the  ASTV 
would  have  to  be  overdesigned  for  safety,  with  enormous 
penalties  in  the  amount  of  usable  payload  that  could  be 
transported  by  each  vehicle. 

A  preferred  concept  of  an  ASTV  is  a  vehicle  with  a 
large,  blunt,  lightweight  aerobrake.  The  practicality  of  the 
aerobrake  depends  upon  our  being  able  to  predict  accu¬ 
rately  the  aerodynamic  characteristics  of  the  vehicle  and 
the  heating  effects  on  it  at  hypersonic  velocities.  The  most 
important  technical  questions  relate  to  understanding  the 
basic  aerothermodynamics  affecting  the  flow  of  atmo¬ 
spheric  gases  around  the  maneuvering  ASTV.  Consider¬ 
able  progress  has  been  made  in  establishing  the  basic 
principles  through  the  use  of  small  models  in  ground- 
based  tests  (wind  tunnels,  ballistic  ranges,  shock  tubes, 
and  plasma  jets),  and  through  applications  of 


Moon 

Figure  1-1.  A  pennaneni  luinian  presence  on  the  Moon  will  depend  on  the  use  of  aeroassist  in  Earth’s  atmosphere  for 

return  of  personnel  and  materials  to  LEO. 


computational  fluid  dynamics  using  supercomputers. 
However,  flight  test  results  are  urgently  needed  over  the 
range  of  hypersonic  velocities  that  will  be  encountered  by 
a  spacecraft  aerobraking  from  GEO  to  LEO  to  refine  and 
validate  the  analytical  methods  to  be  used  for  design  of 
the  ASTV. 

As  an  example,  consider  the  aerobraking  of  a  space¬ 
craft  returning  to  LEO  from  a  deep  space  mission  or  from 
a  high  orbital  mission  such  as  from  GEO.  The  maneuver 
will  be  at  high  altitude  and  at  hypersonic  speed.  Under 


these  circumstances  the  gas  flow  in  front  of  the  vehicle 
will  be  in  a  nonequilibrium  condition;  that  is,  an  important 
part  of  the  flow  near  the  surface  of  the  aerobrake  will 
contain  gas  that  is  extremely  hot  (up  to  45,000  K),  and 
chemical  reactions  which  would  normally  occur  to  cool 
the  gas  will  not  have  time  to  proceed  far  toward  comple¬ 
tion  because  of  the  low  densities.  This  nonequilibraled  gas 
will  radiate  important  amounts  of  heat  to  the  aerobraking 
surface.  For  an  ASTV  returning  from  GEO,  radiative 
heating  to  the  forebody  is  nearly  as  large  as  convective 
heating. 
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Figure  1-2.  In  several  case  studies  for  the  establishment  of  human  activities  on  the  surface  of  Mars,  considerable 
emphasis  has  been  placed  on  the  use  of  aeroassist  at  Mars  and  for  return  to  LEO. 
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Figure  1-3.  A  concept  for  an  ASTV  employs  a  blunt 
aeroshell  for  atmospheric  braking. 


The  heating  is  increased  even  further  because  of 
chemical  reactions  occurring  on  the  wall  of  the  spacecraft 
as  a  result  of  catalysis  by  the  materials  of  the  wall.  This 
heating  can  increase  the  convective  heating  by  about  40%. 

Obviously  there  is  a  direct  trade  between  thermal 
protection  mass  and  payload  mass.  For  spacecraft  engi¬ 
neers  to  design  an  efficient  and  safe  ASTV,  the  chemi¬ 
cally  reacting  flow  field  and  the  resulting  heating  pro¬ 
cesses,  and  the  material  response  of  the  thermal  protection 
system  (TPS)  must  be  understood  in  detail.  Preliminary 
computational  models  for  these  flow  fields  are  being 
developed,  but  they  currently  use  simplifications  and 
approximations  because  of  lack  of  basic  science  data.  This 
is  especially  true  in  calculations  of  the  amount  of  radiative 
heating.  The  problem  is  not  only  lack  of  physical  data  but 
also  the  complexity  of  the  calculations  relative  to  the 
capabilities  of  current  computers.  An  ASTV  designed 
with  unvalidated  analysis  methods  would  of  necessity 
include  large  safety  factors  and  would  thereby  dilute  or 
negate  the  advantage  of  aeroassist.  The  approximations 
and  simplifications  must  be  reduced  and  computational 
outputs  must  be  verified  by  large-scale  flight  tests  before 
the  full  potential  of  an  ASTV  can  be  realized.  In  addition, 
there  are  unpredictable  variations  of  air  density  at  the 
maneuvering  altitudes  so  that  guidance  and  control 
problems  must  be  solved. 


The  AFE  Program 

The  National  Aeronautics  and  Space  Administration 
has  initiated  the  AFE  to  resolve  these  vital  issues.  The 


AFE  is  a  subscale  vehicle  of  a  size  sufficient  to  validate 
scaling  rules  while  fitting  within  the  payload  bay  of  the 
Space  Shuttle  Orbiter.  It  will  be  launched  from  an  Orbiter 
and  fly  a  representative  aeroassist  trajectory  through 
Earth’s  high  atmosphere  during  which  it  will  gather 
detailed  measurements  of  aerodynamic  and  aerothermo- 
dynamic  phenomena.  The  AFE,  a  model  of  which  is 
shown  in  Figure  1-4,  will  be  recovered  by  the  Orbiter  for 
return  to  Earth  and  inspection  after  the  flight  to  evaluate 
material  and  structural  performance,  and  for  possible 
reuse. 

The  AFE  is  designed  to  examine  the  requirements  of 
efficient  ASTV  design  for  maneuvers  that  can  use  a  non¬ 
ablating  heat  shield.  These  include  orbital  changes  in  the 
vicinity  of  Earth,  e.g.,  GEO  to  LEO,  return  from  the 
Moon  to  LEO,  and  orbital  capture  at  Mars.  The  arrival  at 
Earth  from  a  planetary  mission  will  be  at  much  higher 
speeds  and  will  require  an  ablating  heat  shield.  What  is 
learned  from  the  AFE  mission  will  need  to  be  extended  to 
include  the  effects  of  this  kind  of  heat  shield. 


AFE  Research  Objectives 

The  proposed  instrumentation  for  the  AFE  is  exten¬ 
sive  and  involves  a  number  of  scientific  disciplines  to 
obtain  data  vital  to  the  design  of  an  efficient  ASTV. 

An  important  task  is  to  determine  radiative  heating 
levels  on  the  aerobrake,  their  spatial  distribution,  and  the 
spectra  of  the  radiation.  New  data  are  required  to  resolve 
different  interpretations  of  available  data  and  the  spread  in 
current  prediction  techniques  which  are  major  issues  in 
the  choice  of  a  concept  for  an  ASTV. 

The  performance  of  several  advanced  thermal  protec¬ 
tion  materials,  including  their  catalytic  efficiencies,  needs 
to  be  evaluated.  Candidate  materials  offer  potential  for 
important  mass  savings  if  they  can  be  demonstrated  as 
usable  in  the  ASTV  environment.  Also,  since  a  low  cat¬ 
alytic  activity  of  the  wall  material  of  the  aerobrake  can 
result  in  a  substantially  lower  heating  rate  than  that  of  a 
highly  catalytic  surface,  quantifying  these  effects  is 
important  to  the  design  of  an  ASTV. 

Aerodynamic  performance  characteristics  of  the 
vehicle  are  most  important.  Flying  an  aerobrake  in  the 
rarefied  upper  atmosphere  requires  an  understanding  of 
the  effects  of  unpredictable  irregularities  in  atmospheric 
density  that  are  known  to  be  present  at  high  altitudes. 

The  flow  around  the  base  of  the  vehicle,  behind  the 
front  heat  shield,  including  heating  effects  from  the  wake 
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Figure  1-4.  The  AFE  spacecraft  and  its  experiments,  a  model  of  which  is  shown  here,  is  designed  to  find  answers  to 
questions  which  must  be  solved  to  design  an  efficient  ASTV  system. 


region,  must  be  quantified.  This  is  necessary  to  verify 
prediction  techniques  for  the  nonequilibrium  base  (low 
and  wake  region  of  a  vehicle  flying  at  high  speed  at  high 
altitudes  to  determine  the  thermal  and  pressure  loads 
needed  Ibr  an  efficient  ASTV  design. 

Convective  heating  and  pressure  distribution  on  the 
aerobrake  and  characteristics  of  the  plasmas  generated  in 
the  flow  field,  including  the  concentrations  of  electrons, 
need  to  be  measured. 

Flight  data  must  be  provided  to  verify  computational 
flow-field  models  which  are  needed  to  predict  the  perfor¬ 
mance  and  heating  environment  of  future  ASTVs  and 
related  vehicles. 

Concurrent  with  and  assisting  the  maturation  of  the 
AFE.  a  theoretical  and  experimental  effort  has  been  initi¬ 
ated  to  develop  and  validate  computer  codes  to  analyze 
the  characteristics  of  ASTV  flight.  The  AFE  experiments 
will  provide  the  critical  flight  data  necessary  to  complete 
the  validation  of  these  modern  computational  codes  which 
will  be  used  to  design  a  highly  efficient  ASTV  capable  of 
meeting  the  national  need  for  high  orbit  {GEO  to  LEO) 
and  cislunar  (LEO  to  GEO  to  the  lunar  surface)  space 
transportation  systems. 


Economics 

The  ASTV  capability  is  needed  for  us  to  be  competi¬ 
tive  in  forthcoming  commercial  siiacc  activities,  as  well  as 
to  keep  our  national  position  as  a  letidcr  in  Solar  .System 
exploration.  The  relatively  inexpensive  AFE  mission  will 
pul  the  United  States  years  ahead  of  a  program  that  would 
incorporate  a  conservatively  designed  and  instrumented 
operational  ASTV  which  could  provide  the  data  to  vali¬ 
date  computer  models.  These  early  results  are  important 
to  ensure  that  the  first  ASTVs  will  be  efficient  and  com¬ 
petitive,  and  that  the  scientific  basis  will  be  available  to 
continue  development  of  our  planetary  programs.  It  is 
important  to  note  that  only  a  small  amount  of  improved 
efficiency  in  an  operational  ASTV  would  make  the  early 
implementation  of  AFE  a  very  economical  and  cost- 
effective  program,  even  when  applied  over  an  initial  small 
number  of  full-scale  ASTVs. 

Subsequent  sections  of  this  publication  provide  more 
details  of  the  aeroassist  concept  and  the  rationale  for  its 
development.  The  immediate  need  for  the  AFE  program  is 
discussed.  The  flight  mission  and  the  vehicle  and  its 
instrumentation  are  described.  Expected  results  are 
reviewed  together  with  the  future  potential  that  can  be 
realized  to  meet  long-term  national  and  international  goals 
of  expanding  human  activities  into  the  Solar  System. 
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SECTION  2:  EVOLUTION  OE  THE  AEROASSIST  CONCEPT 


In  connection  with  the  AFE  program  detailed  in  this 
booklet,  aeroassist  is  defined  as  a  generic  term  encom¬ 
passing  various  maneuvers,  including  slowing,  in  which  a 
vehicle  enters  the  atmosphere,  maneuvers  using  lift  and 
drag  forces,  and  exits  without  making  a  complete  entry. 
The  aeroassist  technique  in  the  present  context  involves 
the  use  of  a  large,  saucer-shaped  structure,  the  aerobrake, 
behind  which  is  the  main  body  of  the  spacecraft  and  its 
payload.  The  aerobrake  also  protects  the  cargo  from  aero¬ 
dynamic  heating.  Large  vehicles  of  this  type  will  most 
likely  be  assembled  in  orbit.  When,  during  an  aeroassist 
mission,  a  planet’s  atmosphere  is  reached,  the  spacecraft 
uses  the  resistance  generated  by  the  planetary  atmosphere 
on  the  aerobrake  to  slow  the  vehicle  and  maneuver  it  into 
orbit.  Little  propellant  is  expended  during  such  a  maneu¬ 
ver  other  than  that  required  to  control  the  attitude  of  the 
aerobraking  vehicle  relative  to  its  flight  path. 

Aerobraking  is  important  for  spacecraft  arriving  at 
other  planets,  returning  from  the  Moon  to  Earth,  and 
transferring  from  HEOs  (e.g.,  GEO),  to  the  much  lower 
orbits  of  Space  Station  Freedom  and  the  Space  Shuttle 
Orbiter.  Various  space  missions  (Figure  2-1)  will  require 
return  to  Earth  at  hypersonic  speeds  of  36,500  to  39,000 
feet  per  second. 

The  potential  benefits  of  aeroassisted  velocity 
changes  for  orbital  transfer  have  been  recognized  and 
studied  since  the  beginning  of  the  space  age.  For  example, 
a  study  has  shown  that  the  amount  of  mass  that  must  be 
lifted  from  the  Earth’s  surface  for  a  human  mission  to 
Mars  can  be  nearly  halved  (Figure  2-2)  if  an  aerobrake  is 
used  for  atmospheric  entry  and  landing  on  Mars  and  for 
later  return  to  Earth  orbit. 

The  ASTV  flight  regime  involves  higher  velocities 
than  the  Space  Shuttle  and,  in  the  region  of  significant 
aerodynamic  heating,  higher  altitudes  than  the  returning 
Apollo  capsule.  Although  this  high-altitude,  high-speed 
flight  regime  is  not  unique  to  an  ASTV,  the  flight  of  an 
ASTV  will  be  entirely  at  high  altitudes  and  thus  in  a 
region  of  low  density.  This  is  considerably  different  from 
the  Apollo  and  Space  Shuttle  trajectories  (Figure  2-3) 
which  took  these  spacecraft  rapidly  through  this 
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Figure  2-1.  The  range  of  velocities  that  will  have  to  be 
encountered  for  aeroassisted  vehicles  in  several  space 
missions  is  shown,  together  with  heat-transfer  rates  and 
the  periods  involved. 


Figure  2-2.  If  aeroassist  is  used  for  human  missions  to 
Mars,  the  amount  of  material  that  has  to  be  carried  from 
the  Earth’s  surface  into  LEO  is  almost  halved. 
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Velocity  (mph) 

Figure  2-3.  An  ASTV  using  Earth’s  atmosphere  must 
operate  in  a  different  regime  from  Apollo  or  the  Space 
Shuttle  Orbiter.  As  shown,  the  ASTV  must  operate  at  high 
velocities  in  the  low-density  upper  atmosphere. 


atmospheric  region  for  a  landing  on  the  Earth’s  surface 
and  thus  had  other  design  criteria.  By  contrast,  the  ASTV 
will  maneuver  for  several  minutes  at  about  250,000  feet. 

ASTV  Flow  Field 

For  efficient  ASTV  design  a  detailed  understanding 
of  the  heating  processes  is  required.  The  flow  environ¬ 
ment  on  a  large  ASTV  is  in  nonequilibrium  and  results 
from  interactions  of  many  dynamic  processes,  which  have 
a  wide  range  of  times  to  achieve  a  steady  condition. 

A  spacecraft  returning  from  a  deep  space  mission  or 
from  GEO  must  perform  aerobraking  maneuvers  at  hyper¬ 
sonic  speeds  where  a  shock  wave  forms  in  front  of  the 
vehicle  as  shown  in  Figure  2-4.  As  the  shock  wave  passes 
through  the  atmosphere  in  front  of  the  vehicle,  the  gas  is 
abruptly  compressed  and  heated  to  the  condition  of  the 
shock  layer.  As  a  result,  the  gas  in  the  most  forward 
region  of  a  maneuvering  ASTV  becomes  extremely  hot, 
up  to  45,000  K,  and  presents  a  difficult  technical  chal¬ 
lenge  of  protecting  the  vehicle.  These  high  temperatures 
would  normally  cause  energy-absorbing  chemical  changes 
in  the  atmospheric  gas,  which  would  cool  it.  But  the  high 
altitude  (with  its  resulting  low  air  density)  at  which  the 
ASTV  flies  results  in  relatively  infrequent  collisions 
between  gas  molecules.  This  lengthens  the  time  to 
complete  the  chemical  changes.  They  are  only  partially 
completed  during  the  time  the  gas  resides  over  a  specific 
region  of  the  forebody  of  an  ASTV.  A  shock  layer  with  a 


Figure  2-4.  A  detached  bow  shock  is  shown  ahead  of  a 
blunt  body  at  hypersonic  velocity  in  a  NASA  ballistic 
range.  Behind  the  shock  the  atmospheric  gases  are  heated 
to  high  temperature  and  are  in  a  nonequilibrium  state. 


substantial  portion  nonequilibrated  is  tenned  a  nonequilib¬ 
rium  shock  layer.  The  result  of  the  lack  of  chemical  equi¬ 
librium  is  that  the  energy  which  would  be  absorbed  in  the 
chemical  reactions  remains  in  the  form  of  high  gas 
temperature. 

The  high-temperature  nonequilibrium  gases  radiate 
strongly,  so  that  the  radiative  heating  from  the  ASTV 
shock  region  will  be  about  equal  to  the  convective 
heating. 

Nitrogen  arid  oxygen  molecules  dissociate  into  their 
respective  atoms,  and  other  molecular  species  are  formed. 
As  the  gas  proceeds  along  streamlines  around  the  vehicle, 
more  gas  collisions  cause  the  gas  to  begin  to  equilibrate 
its  chemical  states.  Some  species  ionize.and  the  tempera¬ 
ture  relaxes  from  the  nonequilibrium  value  of  45,000  K  to 
about  8000  K,  This  large  temperature  difference  under¬ 
scores  the  importance  of  chemical  reactions  in  under¬ 
standing  the  mechanics  of  energy  transport  in  the  shock 
layer  of  a  maneuvering  ASTV.  During  an  ASTV  maneu¬ 
ver  some  of  the  atoms  from  dissociated  air  molecules  will 
diffuse  to  the  wall  of  the  spacecraft  and  catalytically 
recombine  there  to  reform  the  parent  molecules  (Fig¬ 
ure  2-5).  These  reactions  can  relea.se  additional  heat 
directly  to  the  wall.  The  catalytic  effect  of  wall  materials 
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Figure  2-5.  Materials  of  the  aerobrake’s  wall  surface  can 
trigger  reactions  with  the  hot  gases.  Low  catalytic 
materials  can  reduce  the  effects. 


on  such  heat-releasing  reactions  must  also  be  thoroughly 
understood  since  this  source  of  heat  can  account  for  as 
much  as  40%  of  the  convective  heating. 

NASA  first  encountered  the  problem  of  nonequilib¬ 
rium  radiation  during  the  Apollo  program.  A  great  deal  of 
ground-based  experimentation  was  conducted  before  the 
launch  of  the  first  Apollo  vehicle  to  determine  the  extent 
of  radiative  heating  of  the  vehicle  in  the  environment  of 
high-speed  entry  into  the  Earth’s  atmosphere.  When  the 
results  of  the  experiments  were  extrapolated  to  the  flight 
conditions,  a  large  amount  of  radiation  was  predicted. 
Later,  in  1967,  one-quarler-scalc  models  of  the  Apollo 
vehicle,  named  Project  Fire,  were  flown  with  radiometric 
instruments  to  verify  the  predictions.  The  flight  experi¬ 
ment  resulted  in  radiative  heating  rates  much  smaller  than 
those  predicted  from  the  ground-based  experiments.  Since 
the  heat  shield  for  the  Apollo  Command  Module  was 
designed  from  the  ground-based  data,  the  process  led  to  a 
substantial  overdesign  of  the  module,  which  reflected 
through  the  Apollo  vehicle,  and  such  overdesigning  of  the 
heat  shield  will  lead  to  a  heat  shield  that  is  loo  heavy, 
which  would  negate  the  advantage  of  aerobraking.  It  must 
be  added  here  that,  even  today,  there  is  no  unique  theory 
that  alone  can  explain  the  data  from  Project  FIRE:  several 
different  theories  explain  the  data  equally  well. 

In  addition,  conditions  in  the  wake  region  must  also 
be  understood.  The  present  understanding  of  this  region  is 
that  it  also  is  not  in  chemical  equilibrium  (Figure  2-6). 

The  heating  to  the  rear  of  the  vehicle  would  not  be  as  high 
as  to  the  front,  but  it  would  be  too  high  to  expose  a  pay- 
load  to  without  any  protection.  Unfortunately,  very  signif¬ 
icant  uncertainties  exist  in  predicting  these  nonequilib¬ 
rium  processes  associated  with  using  aeroassist. 
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Figure  2-6.  In  the  wake  region,  gas  species  recombine  and 
produce  radiation  that  could  damage  a  payload  behind  the 
aerobrake.  The  photograph  shows  the  complicated  wake 
region  of  a  model  in  a  ballistic  range. 


Thermal  Protection 

As  mentioned  earlier,  compared  with  the  relatively 
quick  entries  of  Apollo  and  the  Space  Shuttle  Orbiter,  the 
aeroassist  vehicle  uses  a  much  longer  period  of  aerobrak¬ 
ing  above  250,000  feet.  The  intentions  are,  indeed,  quite 
different.  While  the  Orbiter  and  the  manned  capsules  use 
aerobraking  to  penetrate  into  the  lower  and  denser  atmo¬ 
sphere  and  to  reach  the  surface  of  the  Earth  relatively 
quickly,  the  aeroassist  vehicle  uses  aerobraking  in  the 
rarefied  upper  atmosphere  to  enter  into  an  orbit  around 
Earth.  Thus  the  aerobraking  regimes  are  quite  different  in 
the  dissipation  of  the  kinetic  energy  and  consequently 
how  the  TPSs  have  to  be  designed. 

The  excess  kinetic  energy  of  the  entering  vehicle 
which  it  has  to  dissipate  to  be  captured  into  LEO  has  to  be 
converted  into  heat,  chemical  energy,  or  radiation.  An 
ideal  would  be  for  the  gas  to  carry  off  or  to  radiate  the 
energy  without  depositing  it  onto  the  vehicle’s  surface. 
This  ideal  cannot  be  met  because  while  much  energy  is 
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carried  away  from  Ihe  vehicle,  some  energy  finds  its  way 
to  the  vehicle  through  radiative  or  conveetive  heating, 
including  catalytic  reactions  occurring  on  the  surface. 
Accordingly,  the  aim  is  to  minimize  this  unwanted  energy 
flow  and  consequently  to  reduce  the  mass  of  material 
needed  to  protect  the  vehicle  from  excessive  heating. 

At  the  velocities  to  be  experienced  by  an  ASTV, 
thermal  protection  material  may  have  to  withstand  a  tem¬ 
perature  of  1500  to  2000  K.  Since  current  reusable  ther¬ 
mal  protection  materials  of  the  type  used  to  protect  the 
Space  Shuttle  Orbiter  can  withstand  a  temperature  of  up 
to  1800  K  only,  there  is  an  urgent  need  to  develop 
advanced  materials  for  ASTVs.  For  example,  a  Mars 
sample  return  mission  could  use  a  high-drag  aeroassist 
technique  for  landing  on  Mars,  but  would  require  a  con¬ 
current  program  to  develop  low-drag  ablator  aeroassist 
technology  for  capturing  the  returning,  sample-carrying 
spacecraft  into  Earth  orbit. 

The  three  most  practical  types  of  heat  shields  are  heat 
sink,  ablative,  and  radiative.  Heat  sink  thermal  protection 
absorbs  the  heat  in  a  large  mass  of  material  which  never 
gets  above  a  predetermined  temperature.  Heat  sinks  are 
generally  very  heavy  and  can  lead  to  a  fire  hazard  if  they 
are  not  jettisoned  before  a  spacecraft  lands.  At  the  begin¬ 
ning  of  the  manned  space  program,  ablative  shields  were 
most  popular  because  they  could  be  tailored  for  particular 
heating  rates  and  total  heat  loads.  However,  they  are  effi¬ 
cient  only  at  high  heating  rates.  Early  entry  vehicles  used 
materials  that  charred  and  ablated.  Mercury,  Gemini,  and 
Apollo  used  an  ablative  material  of  sufficient  thickness  to 
protect  the  manned  spacecraft  during  deceleration  to  a 
velocity  at  which  a  parachute  system  could  be  deployed 
for  landing. 

Later  TPSs  relied  upon  radiative  protection.  For 
example,  the  Space  Shuttle  Orbiter  uses  tiles  of  very  low 
heat  conductivity  whose  surface  can  reach  a  very  high 
temperature  without  failing  during  the  period  of  atmo¬ 
spheric  deceleration.  The  hot  surface  radiates  most  of  the 
heat  away  from  the  vehicle,  and  thereby  reduces  the 
amount  of  heat  penetrating  into  its  interior. 

The  ASTV  will  use  radiative  thermal  protection  since 
the  accent  in  its  design  is  reusability  without  having  to 
return  to  the  surface  of  the  Earth.  Moreover,  the  TPS  for 
an  ASTV  must  be  highly  reliable  and  require  minimal 
servicing  in  space.  Throwaway  ablators  are  an  easy  solu¬ 
tion  for  one-time  missions,  but  clearly  are  not  the  way  to 
go  for  an  ASTV.  However,  a  Mars  return  vehicle,  which 
also  would  be  expected  to  be  retrofitted  in  LEO,  might 
have  to  use  ablators  because  of  its  high  return  velocity. 


Computational  Fluid  Dynamics 

Because  of  the  deficiencies  in  ground  test  capability, 
the  ASTV  design  must  be  based  primarily  on  computa¬ 
tional  methods.  Computational  models  are  being  devel¬ 
oped  for  the  ASTV  flow  fields.  However,  many  approxi¬ 
mations  have  to  be  used,  especially  in  calculating  the 
amount  of  radiation  the  surface  will  receive  from  the  hot 
gases.  These  approximations  are  required  becau.se  impor¬ 
tant  physical  data  are  lacking.  The  kinetic  chemistry  and 
the  details  of  radiative  phenomena  are  not  fully  under¬ 
stood.  The  consequence  is  that  the  present  ability  to  pre¬ 
dict  the  ASTV  environment  from  small-scale  tests  in  wind 
tunnels,  ballistic  ranges,  arc -Jet  wind  tunnels,  and  the  like, 
must  necessarily  include  large  safety  factors.  A  flight  test 
is  required  to  clearly  define  scaling  factors  from  the  small 
models  u.sed  in  ground-based  tests  to  a  full-scale  ASTV. 

The  ASTV  flow  field  presents  a  number  of  computa¬ 
tional  challenges  which  require  significant  advances  over 
existing  codes  and  procedures  for  predicting  aerothennal 
loads  and  the  re.sponses  of  TPSs.  Three-dimensional  fore¬ 
body  and  afterbody  flows  must  be  adequately  resolved. 
Viscous  terms  must  be  included  everywhere.  Slip  bound¬ 
ary  conditions  may  have  to  be  applied  at  the  wall.  An 
accurate  model  for  wall  catalytic  efficiency  is  needed. 
Nonequilibrium  flow  must  be  computed  reliably,  and  heat 
transfer  due  to  radiation  and  convection  within  the  TPS 
must  be  accurately  modeled  to  minimize  structural 
weight. 

These  computational  techniques  need  to  be  devel¬ 
oped.  They  will  be  reliable  for  system  design  and  devel¬ 
opment,  however,  only  if  they  have  been  verified  by  flight 
data.  Such  verification  requires  the  use  of  a  test  vehicle 
with  a  representative  blunt  configuration  capable  of  flying 
a  realistic  aerobraking  trajectory  in  the  high  atmosphere  to 
produce  an  aerothermodynamic  environment  like  that  to 
be  experienced  by  an  ASTV.  The  vehicle  should  fly  a 
roll-controlled  trajectory  to  obtain  realistic  flight- 
performance  data.  Recovery  is  also  important  for 
postflight  inspection  and  analysis  of  the  TPS. 

F'light  Tests,  the  Aeroassist  Flight  Experiment 

Flight  test  experiments  are  needed  to  identify  the 
various  processes  occurring  during  nonequilibrium  flow. 
Valid  tests  cannot  be  done  on  the  ground  because  the 
reaction  time  of  various  important  interrelating  dynamic 
processes  compared  to  the  flow  time  is  important.  Experi¬ 
ments  with  small  models  in  arc  jets  and  ballistic  tunnels 
cannot  simulate  these  interactions  and  show  the  overall 
flow  field  simultaneously.  A  large  test  vehicle  is  required 
so  that  the  standoff  distance  of  the  shock  wave  will  be 
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adequate  for  the  nonequilibriuin  conditions  to  be  distinct 
from  the  boundary  layer,  as  will  be  the  case  with  the 
ASTV.  Also,  it  must  have  a  TPS  that  will  not  contaminate 
the  shock-layer  How;  that  is,  the  TPS  must  not  ablate.  The 
vehicle  must  be  able  to  simulate  a  return  mission  from 
GEO  to  LEO,  and  travel  through  the  Earth’s  upper  atmo¬ 
sphere  at  a  speed  sufficient  to  induce  distinct  and  measur¬ 
able  phenomena.  The  test  vehicle  must  also  be  recover¬ 
able  to  allow  for  postllight  analysis  of  the  experiment, 
particularly  the  thermal  protection  materials. 

This  is  the  AFE,  a  productive,  timely,  and  necessary 
step  toward  the  ASTV  fleet  of  the  future.  The  reality  of 
substantial  chemical  nonequilibrium  in  the  flow  field  has 
led  to  the  initiation  of  this  AFE  test  program.  The  AFE  is 
designed  to  collect  a  data  base  to  develop  and  validate 
computational  models  for  future  ASTV  design.  This 
experiment  consists  of  a  spacecraft  designed  to  function 
as  an  acrobrake.  The  AFE  will  be  placed  in  orbit  by  a 
Space  Shuttle  Orbiter  at  an  altitude  used  by  the  Orbiter 
and  then  will  be  driven  by  rocket  propulsion  into  the 
Earth’s  upper  atmosphere  to  simulate  a  return  from  GEO. 
The  aeropass  will  be  approximately  5000  miles  long 
across  the  Pacific  Ocean.  The  mission  profile  is  designed 
to  simulate  important  features  of  an  actual  ASTV  maneu¬ 
ver.  These  include  the  influence  of  shock-layer  nonequi¬ 
librium  on  the  levels  of  radiation  and  convective  heating, 
the  intluence  of  viscous  and  real  gas  effects  on  the  aero¬ 
dynamic  characteristics  of  the  vehicle,  the  ability  of  ther¬ 
mal  protection  materials  covering  the  surface  of  the  aero- 
brake  to  maintain  low  levels  of  catalytic  activity,  and  the 
effects  on  guidance  arising  from  unpredicted  variations  in 
air  density.  These  key  issues  can  be  resolved  only  by 
obtaining  flight  test  data. 

The  AFE  is  essentially  an  adequately  large,  instru¬ 
mented  platform  whose  primary  purpose  is  to  acquire 
fundamental  aerothermodynamic  data  at  the  range  of 
flight  velocities  and  altitudes  where  an  ASTV  will 
operate.  AFE  is  not  a  design  for  an  ASTV.  It  is  a  means  to 
provide  the  basic  scientific  data  for  such  designs.  That 
valuable  data  about  the  behavior  of  an  ASTV  flow  envi¬ 
ronment  can  be  obtained  by  instrumented  bodies  traveling 
at  high  speeds  was  demonstrated  early  in  the  1970s  by  the 
Planetary  Atmospheres  Experiments  Test  (PAET).  The 
entry  vehicle  was  launched  in  June  1971  by  a  four-stage 
Scout  rocket  from  Wallops  Island,  Virginia,  to  enter  the 
atmosphere  near  Bermuda.  Basically,  the  experiment 
demonstrated  that  the  composition  and  structure  of  an 
unknown  planetary  atmosphere  can  be  determined  by 
measuring  the  interactions  between  an  entry  probe  and  the 
atmosphere.  Of  importance  to  the  AFE  mission,  PAET 
showed  that  instruments  can  be  designed  to  obtain  impor¬ 
tant  scientific  information  about  atmospheric  processes 


caused  when  a  blunt  body  travels  at  hypersonic  velocity  in 
the  rarefied  upper  atmosphere,  and  that  radiation  from  the 
shock  layer  can  be  analyzed  in  detail  to  identify  and 
quantify  the  important  radiating  gas  species. 

The  AFE  is  a  recent  new-start  program  of  NASA.  An 
Aerocapture  Technology  Working  Group  was  formed  in 
1980,  composed  of  representatives  from  nearly  all  NASA 
centers.  In  1982  this  group  established  the  need  for  a 
flight  test.  Early  in  the  1980s  NASA’s  Aeroassist 
Working  Group  identified  the  specific  technologies  and 
technical  issues  which  must  be  addressed  to  meet  the 
challenge  of  routine  use  of  aeroassist  to  modify  orbits  by 
braking  or  maneuvering.  Important  milestones  were 
reached  during  subsequent  years.  An  AFE  Steering  Group 
was  formed  in  1983,  and  the  initial  concept  was  defined 
by  November  of  the  following  year. 

An  initial  Project  Initiation  Agreement  was  signed  in 

1985,  and  the  Science  Review  Board  established  Justifica¬ 
tions  for  the  AFE,  namely,  that  technology  development 
required  for  a  future  ASTV  must  precede  the  system  defi¬ 
nition  and  development.  The  nonequilibrium  air  environ¬ 
ment  required  for  understanding  aerobraking  and  system 
performance  can  be  achieved  only  in  large-scale  flight 
tests  at  sufficiently  high  velocities. 

The  Project  Initiation  Agreement  was  updated  in 

1986.  This  was  followed  a  few  months  later  by  publica¬ 
tion  of  an  integrated  science  plan.  In  October  1987  the 
AFE  program  was  given  new-start  approval,  and  a 
detailed  project  plan  was  published.  The  schedule  estab¬ 
lished  is  for  a  flight  test  of  the  AFE  in  1995. 

Objectives  of  the  Aeroassist  Flight  Experiment 

The  Science  Review  Board  in  a  Science  Rationale 
Document  stated  that  the  objectives  of  the  AFE  mission 
were  to  provide  benchmark  data  to  define  the  environment 
in  which  an  ASTV  must  fly;  radiative  and  convective 
heating  effects  both  to  the  forebody  and  to  the  afterbody 
region  of  a  blunt  aeroshell;  and  the  means  to  verify  com¬ 
putational  flow-field  codes  both  through  specific  mea¬ 
surements  of  gas  and  wall  parameters  and  through  per¬ 
formance  data  obtained  along  its  trajectory.  An  additional 
objective  identified  is  to  demonstrate  the  performance  of 
state-of-the-art  guidance  techniques  for  flying  a  vehicle 
with  a  low  lift/drag  ratio  (LID)  in  a  variable-density  atmo¬ 
sphere.  It  is  known  that  the  density  of  the  upper  atmo¬ 
sphere  varies  from  location  to  location  and  from  time  to 
time  somewhat  unpredictably.  Such  variations  could 
adversely  affect  the  guidance  and  control  of  an  ASTV 
moving  through  the  upper  atmosphere  and  lead  to  its 
being  deflected  from  its  path  unless  corrections  were 
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made.  Finally,  the  perfonnance  of  candidate  materials  and 
surfaces  for  a  TPS  in  the  ASTV  environment  will  be 
investigated. 

Management  of  the  Aeroassist  Flight  Experiment 

NASA  Headquarters,  Washington,  D.C.,  administers 
the  AFE  program,  reports  on  the  program  to  NASA  man¬ 
agement,  and  is  the  focal  point  for  all  external  relations.  It 
is  also  responsible  for  technical  and  financial  management 
of  the  AFE  program.  The  elements  of  the  program  include 
the  aerobrake,  the  carrier  vehicle,  instrumentation,  ground 
and  airborne  support  equipment,  and  system  test 
operations. 

A  Science  Steering  Group  has  been  appointed  by 
NASA  Headquarters  to  provide  advice  on  the  program.  It 
consists  of  scientists  from  NASA,  universities,  and 
industry. 

Several  NASA  centers  participate  in  the  program 
under  the  direction  of  the  Marshall  Space  Flight  Center, 
Huntsville,  Alabama,  which  has  responsibility  for  project 
management.  The  Marshall  project  office  has  the  respon¬ 
sibility  for  developing  the  AFE,  integrating  the  total 
program,  and  operating  the  flight  test. 

Langley  Re.search  Center,  Hampton,  Virginia,  is 
responsible  for  the  development  of  certain  instruments 
and  for  overall  integration  of  the  science  experiments. 


The  Project  Scientist  at  the  Center  is  responsible  for 
identifying  science  experiments  and  resolving  issues 
regarding  the  experiments,  and  for  ensuring  that  all  the 
.science  objectives  are  met.  Langley  Re.search  Center  is 
also  responsible  for  defining  and  coordinating  the  ground- 
based  test  program,  including  computational  fluid  dynam¬ 
ics  (CFD),  that  supports  the  project  office  in  planning  the 
mission. 

Johnson  Space  Center,  Houston,  Texas,  is  responsible 
for  developing  the  aerobrake  and  some  of  the  instrumenta¬ 
tion.  It  also  assists  in  developing  algorithms  for  the  guid¬ 
ance,  navigation,  and  control  software.  The  Center  partic¬ 
ipates  with  other  Centers  in  developing  codes  for  CFD 
used  to  guide  the  design  of  the  aerobrake  and  carrier 
vehicle. 

Ames  Re.search  Center,  Moffett  Field,  California, 
supports  the  AFE  program  in  aerothermodynamics  and 
thermal  protection,  and  is  responsible  for  some  of  the 
science  experiments.  The  Center  also  supports  the  pro¬ 
gram  in  cooperation  with  other  centers  in  mission  plan¬ 
ning  and  analysis,  ground-ba.sed  testing,  and  CFD  analy¬ 
sis.  It  provides  advanced  computational  work  in  support 
of  the  development  of  codes  for  the  design  of  ASTVs. 

The  resolution  of  the  major  questions  about  the  tech¬ 
nology  of  aeroassist  by  the  AFE  program  is  discussed  in 
section  4,  where  the  various  flight  instruments  are 
described. 
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SECTION  3:  THE  AEROASSIST  FLIGHT 
EXPERIMENT  (AFE)  PROGRAM 


Development 

The  AFE  will  be  carried  to,  and  recovered  from,  LEO 
by  the  Space  Shuttle  Orbiter.  The  test  vehicle  will  be 
released  on  orbit  at  a  nominal  altitude  of  160  nautical 
miles,  and  after  appropriate  on-orbit  checkout  will  be 
accelerated  downward  into  the  Earth’s  atmosphere  to  a 
velocity  of  33,800  feet  per  second  at  the  nominal  atmo¬ 
spheric  entry  point  of  400,000  feet.  This  simulates  a 
return  from  GEO.  The  perigee  (closest  approach  to  Earth) 
of  the  spacecraft’s  trajectory  occurs  at  an  altitude  of 
approximately  250,000  feet  above  the  Earth’s  surface. 
After  leaving  Earth’s  atmosphere  at  the  end  of  the  test 
flight,  the  test  vehicle  will  be  recovered  by  the  Orbiter  for 
return  to  Earth. 

AFE  development  officially  began  in  fiscal  year  1988 
aiming  for  a  launch  readiness  date  of  1995.  A  substantial 
part  of  the  design  of  the  spacecraft  and  instruments  will  be 
by  civil  service  personnel  at  the  various  NASA  Centers 
involved  in  the  program.  The  aerobrake  will  be  built  by 
Johnson  Space  Center.  The  carrier  vehicle  will  be 
designed  by  Marshall  Space  Flight  Center,  and 
McDonnell  Douglas  has  been  selected  as  the  fabricator. 
Most  of  the  other  fabrication,  assembly,  and  test  of  the 
AFE  will  be  by  contractors. 

The  AFE  is  a  single-mission  project.  Its  primary  aim 
is  to  gather  basic  scientific  data  about  the  aeroassist  envi¬ 
ronment.  The  spacecraft  is  defined  as  a  class  B  payload 
for  the  Shuttle.  Existing  designs  for  subsystems  will  be 
used  wherever  possible  with  upgrades  to  high-reliability 
parts  because  instruments  will  not  be  duplicated.  The 
basic  TPS  on  the  aerobrake  will  be  the  same  type  of  tile 
used  in  the  Space  Shuttle  Orbiter.  No  major  technological 
developments  or  advancements  in  the  state  of  the  art  are 
required  to  implement  the  AFE. 

The  AFE  program  requires  the  development  of  com¬ 
putational  capabilities,  ground-based  testing  with  ballistic 
ranges  and  arc  jets,  and  development  of  instruments. 
Limited  redundancy  of  systems  requires  that  high  reliabil¬ 
ity  be  assured  to  achieve  the  same  probability  of  success 
as  a  spacecraft  with  redundant  systems. 


Several  major  areas  of  NASA  activities  relate  to  and 
support  the  AFE.  A  development  program  for  thermal 
protection  materials  and  coatings  at  Ames  Research  Cen¬ 
ter  is  important  to  the  project.  At  Langley  Research  Cen¬ 
ter,  ground-based  testing  uses  wind  tunnels.  Arc -jet  and 
ballistic  range  tests  take  place  at  Ames  Research  Center 
and  Johnson  Space  Center.  Development  of  CFD  is  pro¬ 
ceeding  at  these  Centers  as  well  as  at  Marshall  Space 
Flight  Center.  The  TPS  research  and  the  CFD  analysis  are 
funded  separately  from  the  AFE  program. 

The  Flight  Mission 

The  AFE  vehicle  is  mounted  on  a  spacecraft  support 
structure  in  the  bay  of  a  Space  Shuttle  Orbiter  which  car¬ 
ries  it  into  LEO  (Figure  3- 1 ).  The  vehicle  is  deployed 
from  the  payload  bay  and  completes  almost  one  orbit  of 
the  Earth  while  systems  are  checked  and  the  AFE  vehicle 
is  maneuvered  to  the  attitude  needed  for  entry  (Fig¬ 
ure  3-2).  A  solid-propellant  rocket  motor  is  then  fired, 
accelerating  the  AFE  vehicle  along  a  path  that  will  carry 
it  into  the  upper  atmosphere  for  the  hypervelocity  test 
pass.  When  the  desired  velocity  has  been  reached,  the 
rocket  motor  casing  is  jettisoned  and  separates  from  the 
test  vehicle. 

The  passage  through  the  atmosphere  (Figure  3-3) 
lasts  approximately  10  minutes,  during  which  the 
AFE  vehicle  descends  to  an  altitude  as  low  as  about 
250,000  feet.  The  descent  into  the  atmosphere  is  at  nearly 
constant  velocity.  The  AFE  vehicle  then  levels  out  and  is 
decelerated  at  a  roughly  constant  altitude.  The  most 
important  data-gathering  period  is  that  during  the  transi¬ 
tion  from  constant  velocity  to  constant  altitude.  This  is  the 
region  where  heating  peaks.  During  this  period  no  maneu¬ 
vering  jets  are  fired  unless  they  are  required  to  save  the 
mission.  This  quiescent  period  ensures  that  the  wake  flow 
is  not  contaminated  by  rocket  exhaust  gases.  After  the 
scientific  and  technical  data  have  been  gathered,  the 
maneuvering  jets  will  be  used  again  to  guide  and  control 
the  vehicle  through  the  atmosphere  at  hypersonic  speeds. 
Later,  when  the  AFE  vehicle  emerges  from  the  atmo¬ 
sphere  back  into  space,  the  maneuvering  jets  are  used  to 
circularize  the  orbit  so  that  the  vehicle  can  be  recovered 
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AFE  Burn  to  circularize 


Figure  3-2.  Operational  sequence  of  the  AFE  mission  with  launch  and  recovery  by  the  Orbiter. 


by  the  Shuttle  Orbiter.  The  sequence  of  deployment  to 
recovery  requires  about  13  hours. 

Recovery 

Some  mission  objectives  require  recovery  and  return 
to  the  laboratory  of  the  AFE  vehicle.  This  is  required  to 
answer  questions  which  cannot  be  instrumented  for,  and 
therefore  require  post-flight  inspection  and  testing.  This 
activity  will  provide  the  final  set  of  data  required  to  com¬ 
plete  the  technology  data  base  to  be  provided  by  AFE  for 
aeroassisled  return  from  GEO  and  from  lunar  missions. 

Primary  technological  benefits  of  recovery  are  related 
to  the  TPS  experiments.  Since  ground-based  experiments 
cannot  duplicate  the  combined  convective  and  radiative 
environment  that  ASTVs  will  experience  in  flight,  the 
performance  and  re-tlight  capability  of  the  baseline  and 
advanced  TPS  materials  can  best  be  assessed  through 
post-flight  examination.  This  assessment  will  concern 
questions  relative  to  the  performance  of  a  rigid  TPS,  such 
as  coating  behavior,  (bubbling  and  melting,  for  example); 
optical  property  changes;  and  tile  shrinkage  and  deforma¬ 
tion.  These  cannot  be  assessed  by  the  discrete  thermocou¬ 
ple  measuremenis  that  are  the  source  of  the  flight  data. 


Other  issues  requiring  post-flight  examination  are 

1.  The  performance  of  the  nonrigid  TPS,  as  well  as 
that  of  the  associated  adhesive. 

2.  Inspection  of  temperature-sensitive  labels  that  will 
determine  peak  temperatures  at  many  locations  on  the 
aerobrake  structure  to  assess  the  impact  of  TPS  on  struc¬ 
ture  thermal  performance. 

3.  Critical  data  interpretation  considering  how  the 
instruments  have  been  affected  by  the  TPS  (such  as  tile 
slumping  around  pressure  ports  and  radiometer  windows, 
thermocouple  signal  anomalies,  and  radiometer  window 
contamination  due  to  TPS  material  outgassing). 

4.  Post-flight  calibration  of  experiment  sensors 
(radiometers,  pressure  transducers,  and  accelerometers)  to 
optimize  critical  data  sets. 

Recovery  of  the  AFE  vehicle  will  provide  invaluable 
data  from  which  unpredicted  phenomena  can  be  identified 
and  resolved,  as  well  as  data  to  enhance  the  technology 
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Figure  3-3.  The  flight  regime  ol  tlie  AF'E  and  its  passage  through  the  upper  atmosphere.  The  altitudes  and  relative 

velocities  are  shown  in  the  line  diagram. 


data  base  relative  to  predicted  phenomena.  This  has  been 
the  experience  with  the  recovery  and  post-flight  inspec¬ 
tion  activities  of  the  Space  Shuttle  Orbiter  program.  The 
Orbitcr  was,  and  continues  to  be.  modified  as  a  result  of 
data  and  observations  obtained  only  from  post-flight 
inspections.  It  is  expected  that  the  “new"  flight  regime 
associated  with  ASTV  will  yield  results  that  a  priori 
instrument  design  will  not  obtain.  The  results  therefore 
can  be  resolved  only  through  post-flight  evaluations. 
Consequently,  the  AFE  objectives  mandate  recovery  of 
the  vehicle.  Cost  analyses  indicate  that  this  recovery  of 
the  AFE  will  be  about  1%  only  of  the  total  program’s 
cost. 


The  AS  rV  Design  Code  Development 

The  motivation  of  the  AFE  is  to  develop  the  data  base 
to  support  the  design  of  a  future  ASTV.  This  includes 
validation  of  CFD  codes.  To  gain  maximum  benefit  from 
the  flight  experiment  for  this  purpose,  it  is  necessary  to 
have  a  strong  program  in  place  for  code  development  and 
phenomenological  modeling.  The  codes  and  physical 
models  will  be  necessary  to  interpret  and  evaluate  the 
flight  data  and  the  flight  data  will,  in  turn,  be  used  to 
validate  the  codes.  The  validated  codes  will  be  used  in 
the  analysis  and  design  of  future  ASTVs.  Particular 
code  development  emphasis  is  needed  on  the  entire 
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ihermochemical  nonequilibrium  How  field,  i.e.,  the 
forebody  region,  Ihe  tlow  over  Ihe  shoulder,  and  Ihe 
unsteady  How  in  the  base  and  wake  regions.  It  is  also 
important  to  further  develop  the  codes  to  incorporate 
radiation  fluxes. 

Phenomenological  models  are  in  existence  for  the 
compressive  flow  regions,  but  they  require  Ihe  AFE  data 
for  improvement  and  validation.  New  models  are  needed 
for  the  expanding  flow  regions  where  there  are  inversions 
in  energy  level  populations.  And  the  present  radiation 
codes  need  validation  and  must  be  incorporated  into  the 
flow-field  codes. 

The  AFE  instruments  are  designed  to  generate  the 
data  base  required  for  the  code  development.  The  surface 
pressure  and  temperature  measurements  relate  to  vehicle 
performance  and  state  of  the  gas  in  the  AFE  flow  field. 
The  surface  heating  rates,  both  convective  and  radiative, 
can  be  related  to  the  state  of  the  flow-field  gas,  surface 
catalytic  effects,  and  the  radiative  energy  transport  of  the 
flow  field.  The  spectral  content  of  the  flow-field  radiation 
is  a  potent  indicator  of  the  flow-field  gas  state.  The  fre¬ 
quency  spectral  content  of  the  wake  unsteadiness  is  a 
fundamental  quantity  of  the  wake  dynamics,  and  a  valid 


CFD  model  must  be  able  to  reproduce  these  characteris¬ 
tics.  All  of  these  properties  must  be  derived  from  the  AFE 
flight  event  for  development  of  efficient  ASTV  design 
codes. 

A  coordinated  program  has  been  initiated  to  develop 
codes  needed  to  interpret  and  utilize  the  AFE  data.  This 
program  also  involves  upgrading,  and  in  some  instances 
reactivating,  some  of  NASA’s  high-enthalpy  hyperveloc¬ 
ity  test  facilities,  sueh  as  shock  tunnels  and  ballistic 
ranges,  to  be  used  for  aerodynamic  and  aerothermody- 
namic  testing.  It  also  includes  a  focused  computer  code 
development  program  with  direct  application  to  the 
AFE’s  configuration  and  flight  trajectory.  The  technology 
resulting  from  this  program  will  be  sufficiently  mature 
when  Ihe  AFE  is  performed  to  permit  our  gaining  maxi¬ 
mum  benefit  from  the  flight  data.  When  the  program  is 
completed,  a  validated  computational  tool  will  exist, 
capable  of  use  to  achieve  reliable  design  of  ASTVs  for 
return  from  GEO  or  from  the  Moon. 

The  next  section  of  this  publication  describes  the 
AFE  vehicle  and  the  instruments  used  to  gather  the 
important  data  concerning  the  hypersonic  flight 
environment. 


SECTION  4:  THE  AFE  VEHICLE  AND  ITS  INSTRUMENTS 


There  are  two  main  approaches  to  designing  a  vehicle 
capable  of  entering  an  atmosphere  and  using  that  atmo¬ 
sphere  to  dissipate  kinetic  energy.  One  is  a  high  L/D 
approach  where  convective  heating  dominates;  the  other 
is  a  low  L/D  approach  where  radiative  heating  dominates. 
The  high  L/D  vehicle  has  a  pointed  shape;  the  low  L/D 
vehicle  has  a  blunt  shape  (Figure  4-1).  High  L/D  vehicles 
are  expected  to  be  required  for  high  maneuverability;  e.g., 
in  a  manned  mission  to  Mars  requiring  accurate  control 
for  landing  at  a  specific  location  on  the  planet.  Some 
studies,  however,  have  suggested  that  low  L/D 
aerobraking  vehicles  can  be  used  for  Earth  return  from 
Mars  as  well  as  for  Mars  landings. 

For  an  AFE  design  a  low  L/D  vehicle  has  advantages 
in  investigating  hypersonic  flow  conditions  because  the 
blunt  shape  pushes  the  shock  front  ahead  of  the  vehicle 


and  forms  a  sufficiently  thick  shock  layer  to  evaluate 
nonequilibrium  flow  with  minimum  merging  with  cooler 
flow  near  the  surface  or  contamination  by  the  vehicle 
itself.  Thus  the  basic  physical  principles  of  hypersonic 
flow  can  be  investigated  a'nd  defined  for  the  blunt  shape 
which  is  likely  to  be  a  model  for  a  full-scale  ASTV. 

Various  vehicle  concepts  (Figure  4-2)  were  consid¬ 
ered  for  the  ASTV.  These  included  an  aerobraking  tug,  an 
aeromaneuvering  orbit-to-orbit  shuttle,  and  a  lifting  brake. 
The  lifting  brake  has  received  the  most  attention  during 
the  past  decade  because  it  requires  less  weight  than  the 
other  approaches,  thereby  allowing  a  greater  payload.  The 
lifting  brake  has  a  large  frontal  area  which  produces  a 
high  drag.  This  allows  deceleration  to  take  place  at  a  high 
altitude  in  the  atmosphere.  In  turn,  this  permits  the  peak 
heating  to  be  kept  within  limits  that  can  be  tolerated  by 
lightweight  heat-shield  materials.  The  AFE  vehicle  is  a 
lifting-brake  vehicle. 


Lifting  Brake 
L/D=  0.2 


AMOOS  X 

L/D  =  0.5  - 1.0  Aerobraking 


Figure  4-1.  Extreme  classes  of  aeroassisted  vehicles  based 
on  their  ratios  of  lift  to  drag. 


Figure  4-2.  Various  vehicle  concepts  that  have  been 
considered  for  ASTVs. 
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The  basic  control  scheme  for  the  lifting-brake  AFE  is 
to  fly  at  a  constant  trim  angle  of  attack  while  rolling  the 
vehicle  as  required  to  direct  the  lifting  force  in  the  appro¬ 
priate  direction.  This  lifting  force  is  used  primarily  to  cor¬ 
rect  the  trajectory  for  unpredictable  variations  in  atmo¬ 
spheric  density,  which  could  cause  the  vehicle  to  follow  a 
wrong  trajectory.  The  lifting  force  is  also  used  to  place  the 
trajectory  higher  in  the  atmosphere  than  would  be  possible 
with  a  purely  ballistic  flight,  without  the  AFE  vehicle 
exiting  too  quickly  and  not  dissipating  the  required 
amount  of  kinetic  energy  for  it  to  enter  LEO. 

Configuration  of  the  AFE  Vehicle 


The  AEE  (Figure  4-3)  is  designed  to  test  the  blunt, 
lifting-brake  concept  using  a  roll-controlled  guidance  sys¬ 
tem.  The  diameter  and  effective  nose  radius  are  sufficient 
to  produce  the  thick  shock  layer  while  fitting  within  the 
payload  bay  of  a  Space  Shuttle  Orbiter  which  will  carry 
the  AFE  vehicle  into  orbit. 


Figure  4-3.  The  AFE,  shown  here  in  a  computer-generated 
concept,  is  designed  to  u.se  the  blunt-nosed,  low  L/D 
configuration. 


The  configuration  resulted  from  a  design  study  con¬ 
ducted  at  Johnson  Space  Center.  The  AFE’s  aeroshell  is 
an  elliptical  cone  blunted  by  an  ellipsoidal  nose.  The  cone 
is  raked  off  at  an  angle  of  17  degrees  relative  to  the  axis 
normal.  The  base  profile  in  the  rake  plane  is  circular.  The 
aeroshell’s  diameter  is  14  feet. 


Figure  4-4.  This  side  view  of  a  model  of  the  AFE  shows 
the  special  shape  of  the  aerobrake  structure  to  provide 
maneuverability  as  well  as  braking. 


composite  insulation  tiles  such  as  arc  used  in  many  areas 
of  the  Space  Shuttle  Orbiter.  I'he  aerobrake  weighs 
725  pounds.  The  total  weight  of  AFE  without  its  solid 
propellant  rocket  iiiotor  is  4. 100  pounds.  It  is  important  to 
note  that  the  AFli  is  not  inleiuled  to  dcmonslialc  light¬ 
weight  construction,  but  is  essentially  an  instrumented 
platform  to  acquire  acrothcrmodynamic  flight  data. 

The  aerobrake  is  mounted  on  a  hexagonal  carrier 
vehicle  whose  diameter  is  less  than  that  of  the  rake  plane. 
The  aerobrake  thus  overhangs  the  carrier.  The  carrier  is  a 
box-like  spacecraft  structure  housing  the  reaction-control 
system,  data-management  system,  communications,  some 
instruments,  and  a  solid-propellant  rocket  motor.  The 
latter  is  a  Thiokol  Star-63  unit  which  develops  the  thrust 
needed  to  push  the  AFE  vehicle  into  Earth’s  atmosphere 
at  a  velocity  comparable  to  that  which  would  be 
experienced  by  an  ASTV  returning  from  geosynchronous 
or  cislunar  orbit. 

The  AFE  is  fitted  with  a  renK)tcly  manipulated 
system  grapple  fixture  to  permit  it  to  be  deployed  and 
retrieved  by  the  Space  Shuttle  Orbiter.  Within  the 
Orbiter's  cargo  bay,  the  AFE  is  carried  on  two  standard 
Spacelab  pallets. 


Instrumentation  of  the  AFE 


The  aerobrake  support  structure  (Figure  4-4)  is  a  low- 
temperature  aluminum  structure  of  the  type  used  fre¬ 
quently  in  aeronautical  construction.  This  instrumented 
structure  is  covered  with  a  layer  of  fibrous  refractory 


The  proposed  experiments  to  be  carried  by  the  AFE 
use  instrumentation  located  on  the  aeroshell  and  on  the 
afterbody  of  the  vehicle  (Figure  4-5).  These  experiments 
are  summarized  in  Table  1 . 


Forebody  instrumentation 


®  WCE  thermocouple 


Base  region  instrumentation 


c  Camera  V  High  resolution  spectrometer 

•  Pressure  tap 


Figure  4-5.  Locations  of  the  many  instruments  to  be  used  in  the  experiments  carried  aboard  the  AFE. 
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Table  1.  Proposed  AFE  Experiments 


Name  (Acronym) 

Principal  Investigator 

Center 

1  Radiative  Heating 

R.  A.  Craig 

ARC 

(RHE) 

2  Wall  Catalysis  (WCE) 

D.  A.  Stewart 

ARC 

3  Forebody  Aerothermal 

L.  Hartung, 

LaRC 

Characterization 

D.  A.  Throckmorton 

(FACE) 

4  Pressure  Distribution/ 

L.Gibson 

LaRC 

Air  Data  System 
(PD/ADS) 

5  Base  Flow  and  Heating 

C.  D.  Scott, 

JSC 

(BFHE) 

M.  Jansen 

6  Afterbody  Radiometry 

W.  C.  Davy, 

ARC 

(ARE) 

A.  W.  Strawa 

7  Microwave  Reflec- 

R.  Neece, 

LaRC 

tometer  Ionization 

P.  Gnoffo 

Sensor  (MRIS) 

8  Alternate  Thermal  Pro- 

M.  A.  Covington, 

ARC 

tection  Materials 

D.  Kourtides 

(ATPM) 

9  Heat-Shield  Perfor- 

D.  E.  Cagliostro, 

ARC 

mance  (HSP) 

S.  White 

10  Aerodynamic  Perfor- 

C.  Cerimele 

JSC 

mance  (APEX) 

1 1  Rarefied  Flow  Aero- 

R.  C.  Blanchard 

LaRC 

dynamic  Measurement 
(RAME) 

The  Radiative  Heating  Experiment  uses  a  number 
of  spectrally  integrating  radiometers  placed  on  the  fore¬ 
body  to  measure  the  distribution  of  radiation  from  the 
shock  layer  which  reaches  the  aerobrake  (Figure  4-6).  A 
spectrometer  will  be  located  near  the  stagnation  region, 
the  region  at  the  front  of  the  AFE  where  the  flow  is  virtu¬ 
ally  at  a  standstill  with  respect  to  the  AFE.  Another  spec¬ 
trometer  will  be  located  nearby,  bjjt  in  a  cross-flow 
region.  These  instruments  will  be  used  to  identify  the  rela¬ 
tive  contributions  of  various  gas  species  in  the  radiation  to 
the  wall  of  the  aerobrake.  Some  of  these  species  may 
reach  a  temperature  of  45,000  K  during  the  entry  of  an 
ASTV.  Characterizing  these  species  is  important  to  build¬ 
ing  a  data  base  for  the  design  of  an  efficient  ASTV. 

The  Wall  Catalysis  Experiment  will  use  a  highly 
efficient  catalytic  coating  on  ba.seline  TPS  tiles  at  .several 
locations  on  the  forebody  heal  shield  (Figure  4-7).  By 
analyzing  the  heat-transfer  data  at  these  locations 
compared  to  ba.seline  heating,  the  experimenters  will 


Figure  4-6.  The  radiative  heating  experiment. 


Figure  4-7.  The  wall  catalysis  experiment. 


determine  the  ability  of  coatings  to  change  convective 
heating  rates,  and  may  also  estimate  the  nonequilibrium 
nature  of  the  flow  in  the  boundary  layer. 

The  Forebody  Aerothermal  Characterization 
Experiment  uses  thermocouples  embedded  below  the 
glass-coated  surface  of  the  thermal  protection  tiles  (Fig¬ 
ure  4-8)  to  record  the  surface  temperature  of  the  heat 
shield  during  passage  of  the  AFE  vehicle  through  the 
atmosphere.  This  permits  the  local  rate  of  heat  transfer  to 
be  calculated.  The  convective  heat-transfer  rate  can  be 
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Figure  4-8.  Thermocouple  locations  on  FACE  experiment. 

extracted  from  the  local  heating  using  information  from 
the  Radiative  Heating  Experiment.  This  information  is 
needed  in  the  data  base  for  the  design  of  an  efficient 
ASTV.  The  data  will  be  used  as  fundamental  infonnation 
to  validate  codes  used  in  CFD  computations. 

The  Pressure  Distribiition/Air  Data  System 

measures  surface  pressure  at  locations  on  the  forebody 
(Figure  4-9)  to  help  analyze  the  How  and  determine  the 
altitude  of  the  vehicle  and  the  dynamic  pressure  on  the 
aerobrake  during  flight.  The  data  will  provide  fundamen¬ 
tal  information  to  validate  codes  used  in  CFD.  Pressure 
data  will  be  used  to  determine  angle  of  attack,  angle  of 
sideslip,  and  free-stream  dynamic  pressure.  The  air  data 
will  be  used  to  define  the  reference  flight  environment. 

The  Base  FTow  and  Heating  Experiment  uses  ther¬ 
mocouples  and  pressure  transducers  together  with  an 
imaging  system  mounted  in  the  aft  flow  region  of  the 
spacecraft  (Figure  4-10).  Some  instruments  will  be 
mounted  on  booms  projecting  into  the  flow  region.  The 
experiment  is  aimed  at  studying  the  nature  of  the  base 
flow  throughout  the  AFE’s  path  through  the  atmosphere 
in  an  effort  to  resolve  the  complexities  of  this  flow.  The 
results  will  be  used  to  define  the  shear  layer,  including  the 
turning  angle  of  the  high-speed  outer  flow,  and  the  loca¬ 
tion  of  the  boundary  which  separates  the  high-energy 
outer  flow  from  the  low-energy  recirculating  inner  flow. 
They  will  also  be  used  to  assess  afterbody  thermal  loads. 

The  Afterbody  Radiometry  Experiment  measures 
the  volume  radiation  of  the  gas  in  the  wake  with  spectral 


PD/ADS  pressure  orifice  locations 


Figure  4-9.  The  pressure  distribution/air  data  system. 


Figure  4-10.  The  base  flow  and  heating  experiment. 

and  integrating  radiometers  (Figure  4-11).  The  data  will 
be  used  to  determine  the  initial  state  of  the  wake  flow 
gases  and  the  chemical  state  at  the  downstream  compres¬ 
sion  zone,  and  to  determine  the  total  radiation  flux  at 
selected  locations  on  the  afterbody.  An  additional 
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instrument  is  proposed  to  determine  the  dynamic  behavior 
of  the  wake. 

The  Microwave  Reflectometer  Ionization  Sensor 
measures  the  reflected  power  of  microwave  signals 
beamed  outward  from  the  vehicle  (Figure  4-12)  at  four 
different  frequencies.  Significant  reflected  power  will  be 
an  indication  of  free  electrons  reaching  critical  density — 
from  which  it  can  be  determined  the  time  of  onset  and 
disappearance  of  critical  densities,  as  well  as  locations,  in 
the  shock  layer.  Such  data  will  be  important  in  supporting 
code  validation  of  flow-field  chemistry. 

The  Alternate  Thermal  Protection  Materials 

experiment  replaces  the  baseline  TPS  material  at  selected 
locations  on  the  forebody  with  test  samples  (Figure  4-13) 
of  various  advanced  and  developmental  thermal  protec¬ 
tion  materials.  The  samples  are  instrumented  with  ther¬ 
mocouples  to  measure  their  heating.  Po.stflight  inspection 
is  required  to  evaluate  their  performance. 

The  Heat  Shield  Performance  Experiment  mea¬ 
sures  the  performance  of  the  baseline  tiles  using  thermo¬ 
couples  on  the  surface  and  buried  within  the  tiles 
(Figure  4- 14).  Of  particular  interest  is  heating  in  the  gaps 
between  the  tiles  in  the  high-pressure-gradient  region 
around  the  skirt  of  the  heat  shield  where  these  gaps  are 
somewhat  shallower  than  those  in  the  Space  Shuttle 
Orbiter’s  TPS,  and  in  the  stagnation  region  where  heating 
is  most  .severe. 


Figure  4-11.  The  afterbody  radiometry  experiment. 


Figure  4-12.  The  microwave  reflectometer  ionization 
.sensor. 


TPS  Tile 

Figure  4-13.  The  alternate  thermal  protection  materials 
experiment. 


The  Aerodynamic  Performance  Experiment  will 
determine  the  values  of  the  aerodynamic  coefficients  for 
lift,  drag,  and  pitching  moments  (Figure  4-15)  during  the 
flight  through  the  denser  part  of  the  atmosphere.  This  will 
provide  a  set  of  benchmark  data  which  can  be  compared 
with  predictions.  Avionics  accelerometers  and  angular 
rate  gyroscopes  of  the  guidance,  navigation,  and  control 
system  of  the  spacecraft  will  be  used  to  derive  aerody¬ 
namic  forces  and  moments  during  the  flight. 
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X  >  Thermocouple  locations 


Figure  4-14.  The  heat  shield  performance  experiment. 


Figure  4-15.  Aerodynamic  performance  experiment. 


The  Rarefied  Flow  Aerodynamic  Measurement 
Experiment  uses  high-resolulion  accelerometers  and  rate 
gyroscopes  aligned  to  the  axis  of  the  AFE  to  provide  data 
in  the  transition  and  free  molecular  flow  regimes 
(Figure  4-16)  at  altitudes  above  300,000  feet,  which  are 
beyond  the  capability  of  the  basic  AFE  avionics  mea¬ 
surements.  The  data  will  be  used  to  determine  aerody¬ 
namic  coefficients  of  the  vehicle  in  these  low-density 
viscous  flight  regimes.  Ultimately,  the  experiment  will 
provide  data  to  validate  spectral  benchmark  computer 
codes  which  are  capable  of  bridging  the  gap  between 
describing  the  aerodynamics  of  an  “orbiting”  spacecraft 
and  of  a  “flying”  spacecraft. 


A  major  challenge  in  designing  these  experiments 
was  in  the  placement  of  the  instruments  and  the  shaping 
the  vehicle  so  that  the  flow  past  the  AFE  is  not  contami¬ 
nated  in  ways  that  will  invalidate  the  data.  Another  chal¬ 
lenge  has  been  that  of  making  sure  that  the  instruments 
can  take  measurements  in  situ  when  the  carrier  vehicle  is 
moving  at  hypersonic  velocity  through  the  atmosphere. 
Most  earlier  in  situ  atmospheric  measurements  from 
spacecraft — such  as  Viking  Landers  and  Pioneer  Venus 
Probes — were  made  when  the  spacecraft  was  traveling 
slowly  through  an  atmosphere.  In  this  respect,  for  exam¬ 
ple,  there  will  be  several  scientific  spinoffs  of  new  tech¬ 
nology  from  AFE.  One  is  the  development  of  space- 
qualified  instruments,  such  as  radiometers  and  the 
microwave  reflectometer  ionization  sensor,  capable  of 
gathering  data  while  moving  at  high  speed  through  an 
atmosphere  to  allow  in  situ  atmospheric  measurements  at 
high  speeds  for  planetary  exploration  probes.  AFE, 
building  on  PAET,  Project  FIRE,  and  ongoing  technology 
programs  of  NASA,  will  also  introduce  planetary  explo¬ 
ration  techniques  comprising  both  the  new  instruments 
and  the  computational  fluid  dynamics  to  predict 
conditions  in  atmospheric  gases. 

Expected  results  of  the  experiments  and  their  impor¬ 
tance  to  future  space  transportation  systems  and  space 
missions  are  described  in  the  next  sections  of  this 
publication. 


Figure  4-16.  The  rarefied  flow  aerodynamic  measurement 
experiment. 
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In  meeting  its  mission  objectives,  the  AFE  program 
will  resolve  the  major  questions  about  radiative  heating  at 
hypersonic  velocities.  It  will  determine  the  effects  of  wall 
catalysis.  This  is  very  important  for  designing  vehicles 
capable  of  traveling  at  high  speeds  in  the  upper  atmo¬ 
sphere  where  nitrogen  and  oxygen  atoms  may  play  impor¬ 
tant  roles  in  heating  due  to  recombination  at  the  wall  of 
the  aerobrake.  Advanced  TPS  materials  will  be  evaluated. 
Several  different  thermal  control  coatings  will  be  tested 
on  the  basic  TPS  tiles.  The  wake  flow  and  base  heating 
will  be  defined,  and  the  ability  to  control  the  vehicle  in  its 
(light  through  the  atmosphere  will  be  assessed.  The  new 
data  base  produced  from  the  AFE  program  will  provide  a 
basis  to  develop  and  verify  codes  to  be  used  in  the  com¬ 
puter  design  of  other  hypersonic  vehicles,  including  the 
ASTV  space  transportation  system. 

Currently  there  are  alternative  interpretations  of 
available  data  on  the  radiation  from  nonequilibrated  shock 
layers,  and  the  amount  of  radiation  that  will  reach  the  wall 
of  the  TPS  when  no  ablation  gases  are  present  and  the 
shock  layer  is  thick.  The  AFE  program  will  provide  data 
for  a  correct  interpretation  through  its  Radiative  Heating 
Experiment. 

At  higher  velocity  and  greater  altitude  than  the  region 
of  main  deceleration  of  the  Space  Shuttle  Orbiter,  nitrogen 
and  oxygen  dissociation,  ionization,  and  recombination 
will  affect  the  heat  input  to  the  TPS  system.  The 
magnitude  of  this  effect  will  be  determined  by  the  AFE 
mission,  and  the  measured  heat-transfer  rates  with  various 
wall  coatings  are  expected  to  provide  guidelines  for 
designing  materials  having  low  catalytic  activity  coating 
for  the  ASTV. 

Testing  of  advanced  rigid  and  flexible  thermal  pro¬ 
tection  materials  is  expected  to  detemiine  whether 
llexible  ceramic  blanket  materials  will  perform  adequately 
and  whether  new,  high-temperature,  rigid  ceramic  tiles 
can  be  used  in  the  hypersonic  entry  environment. 
Reflective  coatings  will  be  tested  that  are  expected  to 
reflect  more  of  the  nonequilibrium  radiation.  These  data 
will  come  from  the  Alternate  Thermal  Protection  Material 
Experiment. 


The  base  region  heating  and  the  flow  environment 
behind  a  blunt-nosed  body  moving  at  hypersonic  speeds 
in  a  low-density  atmosphere  is  currently  poorly  under¬ 
stood.  AFE  will  clarify  the  situation  by  providing  infor¬ 
mation  about  the  significance  of  wake  radiation  and  ion¬ 
ization,  and  the  distribution  of  convective  heating  over  the 
aft  portion  of  the  aerobrake  structure.  These  results  will 
help  define  the  safe  ASTV  payload  envelope.  Information 
of  importance  will  be  derived  from  the  Base  Flow  and 
Heating  Experiment  and  from  the  Afterbody  Radiometry 
Experiment. 

By  flying  AFE  through  the  upper  atmosphere  while 
measuring  its  aerodynamic  parameters  and  observing  the 
ability  of  the  guidance,  navigation,  and  control  system  to 
direct  its  trajectory,  designers  will  obtain  much  needed 
data  about  the  performance  of  an  aerodynamic,  roll- 
controlled,  lifting  brake  and  the  abilities  of  such  a  vehicle 
to  handle  dispersions  in  navigation  and  guidance.  The 
necessary  data  will  be  derived  from  the  Aerodynamic 
Performance  Experiment,  the  Rarefied  Flow  Aerodynamic 
Measurement  Experiment,  and  the  Air  Data  System 
Experiment. 

Because  of  the  limitations  of  ground-test  capability, 
ASTV  design  must  be  based  primarily  on  computational 
methods.  But  even  the  most  powerful  supercomputers  are 
useless  unless  they  can  be  provided  with  reliable  basic 
data  with  which  to  make  computations.  The  ASTV  pre¬ 
sents  a  number  of  computational  challenges  which  require 
a  significant  advancement  over  existing  codes  and  proce¬ 
dures  for  predicting  aerothermal  loads  and  thermal  and 
structural  responses.  For  example,  in  CFD  there  is  a  good 
understanding  of  the  important  flow  physics  involved  in 
thermochemical  nonequilibrium,  finite-rate  chemistry,  and 
molecular  excitation,  but  input  data  are  lacking  to  validate 
the  codes  in  practical  applications. 

Basic  data  to  confirm,  develop,  or  validate  computer 
models  of  high-speed  flow  are  prerequisite  to  the  design 
of  the  future  ASTV  fleet.  Such  data  are  expected  to  be 
derived  from  the  measurements  made  from  the  AFE  plat¬ 
form.  Instruments  involved  in  providing  these  data 
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include  the  Pressure  Distribution  Experiment,  the  Fore¬ 
body  Aerothermal  Characterization  Experiment,  the 
Microwave  Reflectometer  Ionization  Sensor  Experiment, 
the  Radiative  Heating  Experiment,  and  the  Afterbody 
Radiometry  Experiment. 

As  discussed  earlier,  the  AFE  will  use  a  nonablating 
heat-shield  material  similar  to  the  material  used  on  the 
Space  Shuttle  Orbitcr.  This  is  an  insulating  ceramic  mate¬ 
rial  with  a  black  coating  to  radiate  away  the  heat.  This 
kind  of  heat  shield  would  be  suitable  for  ASTVs  used  for 
orbital  changes  in  the  vicinity  of  the  Earth  (for  example, 
from  GEO  to  LEO,  or  return  from  the  Moon  to  LEO)  and 


for  orbital  capture  at  Mars.  However,  the  arrival  at  Earth 
from  a  planetary  mission  requires  an  ASTV  with  an  abla¬ 
tive  heat  shield  because  of  the  much  higher  speeds.  The 
presence  of  ablation  on  an  ASTV  would  distort  the  flow 
field  to  such  an  extent  that  computational  validation 
would  not  be  possible  on  the  basis  of  the  AFE  results.  An 
ablating  aeroassist  flight  experiment  will,  however,  be 
required  to  complement  the  results  of  AFE.  Although  the 
AFE  data  will  not  directly  apply  to  an  ASTV  returning 
from  a  Mars  mission,  they  are  needed  to  develop  experi¬ 
ments  for  and  interpret  results  from  an  advanced  aeroas¬ 
sist  experiment  to  support  the  design  of  such  an 
interplanetary  ASTV. 
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Information  gained  from  the  Aeroassist  Flight 
Experiment  program  will  be  of  enormous  economic 
benefit  to  the  United  States  in  keeping  abreast  of  new 
technologies  which  will  begin  to  color  international 
human  expansion  into  space  during  the  next  century. 

With  increasing  emphasis  being  placed  on  observing 
Earth  from  space  with  multispectral  instruments,  more 
complicated  capital-intensive  satellites  will  be  placed  in 
GEO.  Such  satellites  will  inevitably  age  or  fall  victim  to 
advances  in  technology.  While  their  basic  structure  may 
remain  viable,  their  electronic  systems  and  sensors  will 
require  upgrading  as  new  technologies  emerge.  Economic 
benefits  will  accrue  to  that  nation  or  nations  with  an 
ability  to  refurbish,  repair,  or  upgrade  such  satellites.  This 
requires  transportation  between  GEO  and  LEO  where 
facilities  at  space  stations  of  the  21st  century  can  be  used 
to  service  or  upgrade  the  satellites. 

The  use  of  aeroassist  to  dissipate  the  energy  of  return 
from  GEO  to  enter  into  LEO  is  highly  desirable  from  an 
economic  standpoint  since  it  considerably  increases  the 
payload-carrying  capability  of  the  transportation  fleet.  An 
efficient  ASTV  appears  to  be  the  key  to  commercially 
viable  servicing  operations  based  in  LEO. 

AFE  results  will  make  the  design  and  development  of 
an  ASTV  fleet  practical  without  such  a  fleet  suffering 
serious  penalties  of  overdesign  of  heat  shields  or  the  addi¬ 
tion  of  retrorockets  to  assure  orbital  transfer.  While  mov¬ 
ing  from  orbit  to  orbit  beyond  LEO  requires  relatively 
low-energy  expenditures,  the  transport  of  materials  from 
the  gravitational  pit  of  Earth  into  LEO  is  energy-intensive. 
The  less  material  that  has  to  be  transported  into  space,  the 
smaller  will  be  the  fleet  of  Space  Shuttles  and  expendable 
launch  vehicles  needed  to  initiate  or  service  space 
operations. 

Ultimately,  it  may  be  found  opportune  to  establish 
manned  stations  in  GEO.  Again,  the  use  of  ASTVs  to 
move  personnel  back  to  LEO  for  return  to  the  Earth’s 
surface  via  the  Space  Shuttle  Orbiter  will  require  an 
efficient  human-rated  ASTV  fleet.  The  basic  data 


gathered  by  the  AFE  will  be  essential  for  designing  any 
such  ASTV. 

In  the  next  century  it  is  most  probable  that  the  United 
States  will  return  to  the  Moon  and  start  to  develop  that 
world  as  a  research  base  and  as  a  source  of  raw  materials. 
For  example,  deep-space  radio  astronomy  can  best  be 
achieved  by  radiotelescopes  based  on  the  far  side  of  the 
Moon  where  they  are  screened  from  electromagnetic  pol¬ 
lution  of  Earth’s  many  transmitters  (Figure  6-1).  A 
permanent  research  base  on  the  lunar  surface  will  also 
ultimately  lead  to  the  development  of  facilities  to  utilize 
lunar  materials,  possibly  to  support  large  space  stations  in 
orbit  around  Earth,  or  to  construct  interplanetary  space¬ 
craft.  Moving  material  from  the  lunar  surface  to  LEO 
requires  less  energy  than  moving  an  equivalent  amount 
from  the  Earth’s  surface  to  LEO.  In  a  developing  space 
program  beyond  LEO,  utilizing  the  resources  of  the  Moon 
appears  very  attractive. 

Such  uses  again  require  an  efficient  ASTV  system  to 
allow  the  freighters  from  the  Moon  to  be  captured  into 
Earth  orbit.  This  will  provide  another  long-term  benefit  to 
the  understanding  of  the  basic  aerophysics  of  aeroassist 
technology,  the  groundwork  for  which  will  be  laid  by  the 
AFE  program.  This  program  is  thus  an  important 
investment  in  the  technological  future  of  the  nation. 

Looking  farther  into  the  future,  it  seems  inevitable 
that  humans  will  journey  to,  land  on,  and  establish  a  per¬ 
manent  presence  on  the  planet  Mars  (Figure  6-2).  There 
are  many  reasons  for  this  which  are  beyond  the  scope  of 
this  publication,  but  which  are  discussed  in  recent  litera¬ 
ture  including  the  Report  of  the  National  Committee  on 
Space  (1987),  the  Ride  report  on  America’s  Future  in 
Space  (1988),  and  several  Case  for  Mars  study  reports 
over  the  past  5  years. 

Aerobraking  and  aeroassist  technology  will  be  essen¬ 
tial  for  economical  missions  to  Mars.  They  will  be  used  to 
increase  payload  capaeity,  achieve  maneuvers  to  specific 
landing  locations,  return  science  samples  to  Earth,  and 
return  personnel  to  Earth.  If  propellants  are  used  to  slow  a 


Figure  6-1.  Establishment  of  research  stations  on  the  Moon,  e.g.,  a  radio  astronomy  station  on  the  far  side  of  the  Moon 
will  be  economically  possible  only  if  aeroassist  vehicles  can  be  used  for  returning  personnel  and  materials  to  LEO. 


Figure  6-2.  This  artist’s  concept  of  human  operations  on  Mars  shows  an  aeroassist  vehicle  traveling  through  the  upper 
atmosphere  of  the  Red  Planet.  Aeroassist  seems  essential  to  making  a  human  presence  on  Mars  economically  feasible. 
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spacecraft  for  a  Mars  mission,  almost  twice  as  much 
material  has  to  be  lifted  from  the  Earth’s  surface  to  LEO. 
While  some  of  these  vehicles  will  require  new  technolo¬ 
gies  beyond  those  suggested  for  the  ASTVs,  they  wilt  rely 
basically  on  the  same  fundamental  data  concerning  hyper¬ 
sonic  How  and  heat  transfer  under  nonequilibrium  flow 
conditions. 

Winged  gliders  with  sharp  leading  edges  will  be 
required  in  missions  where  high  cross  ranges  are  needed, 
such  as  landings  in  high  latitudes.  Biconic  vehicles  may 
be  required  for  transportation  of  heavy  freight,  and  blunt- 
nosed  aeroassist  vehicles  will  still  be  used  in  some  scenar¬ 
ios  for  aerocapture  at  Mars  and  Earth.  Each  of  these  sys¬ 
tems  will  need  to  be  evaluated  by  CFD  models  which,  as 
was  mentioned  in  an  earlier  section,  rely  upon  accurate 
data  concerning  all  the  parameters  involved  in  hyperve¬ 
locity  flight,  validated  by  flight  data. 

While  the  AFE  program  will  provide  data  for  many 
of  these  parameters,  the  wide  range  of  aeroassist  envi¬ 
ronments  to  be  experienced  in  future  space  missions 
(Figure  6-3)  require  that  additional  concurrent  research 
should  take  place  using  test  vehicles  with  ablators  and 
higher  L/D  ratios.  Such  vehicles,  carried  aloft  and  recov¬ 
ered  by  the  Space  Shuttle,  would  fly  on  missions  similar 
to  that  of  AFE  vehicle,  but  at  higher  speeds  of  entry  into 
the  Earth’s  atmosphere  and  at  different  altitudes.  These 
concurrent  tests  are  needed  if  the  nation  is  to  keep  up  with 
and  preferably  lead  in  the  important  space  transportation 
technologies  which  are  capable  of  yielding  great 
economic  benefits  to  humankind  in  the  21st  century. 
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Figure  6-3.  Human  plans  to  expand  into  the  Solar  System 
through  operations  in  LEO  will  be  based  on  the  firm 
foundation  of  an  efficient  ASTV  system  which,  in  turn, 
depends  strongly  on  the  basic  science  data  to  be  obtained 
by  the  AFE  mission. 
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GLOSSARY 


ABLATION;  Erosion  of  material  from  a  heat  shield  to  absorb  and  transport  heat  away  from  a  payload,  usually  by  the 
removal  of  surface  material  by  sublimation,  vaporization,  or  melting. 

AEROASSIST:  Use  of  atmospheric  lift  and  drag  to  maneuver  a  spacecraft. 

AEROBRAKE:  A  structure  to  deflect  airflow  around  a  spacecraft  and  provide  aeroassist. 

AERODYNAMICS:  The  science  dealing  with  the  motion  of  air  and  other  gaseous  fluids,  and  of  the  forces  acting  upon 
bodies  moving  through  such  fluids. 

AERODYNAMIC  PARAMETERS:  Nondimensional  coefficients  relating  to  aerodynamic  forces  or  moments,  such  as  a 
coefficient  of  drag  or  a  coefficient  of  lift. 

AEROPASS:  Passage  of  a  spacecraft  through  an  atmosphere  to  utilize  lift  and  drag  forces. 

AEROTHERMODYNAMICS:  The  thermodynamics  of  airflow  moving  around  a  body  at  very  high  speeds  where  the 
thermodynamic  properties  of  the  gas  become  important. 

ARC-JET:  A  device  to  simulate  high-speed  airllow  by  creating  an  electrical  discharge  along  a  narrow  channel  to  heat  air 
or  a  test  gas  flowing  through  that  channel. 

BALLISTIC  PATH:  Path  of  a  body  moving  freely  in  a  gravitational  field  at  less  than  orbital  velocity,  and  acted  upon 
solely  by  the  gravitational  field  and  the  resistance  of  the  medium  through  which  it  passes. 

BALLISTIC  RANGE;  A  test  range  in  which  a  gun  fires  a  projectile  at  high  speed  along  a  ballistic  trajectory  while  its 
flight  path  and  velocity  are  monitored  and  recorded. 

BASE  HEATING:  Heating  of  the  rear  of  a  spacecraft. 

BOUNDARY  LAYER:  The  layer  of  air  near  a  surface  with  an  airflow  over  that  surface  which  is  affected  primarily  by 
the  viscosity  of  the  fluid;  the  flow  may  be  laminar  or  turbulent.  In  aerodynamics  the  boundary  layer  is  sometimes  arbi¬ 
trarily  extended  from  the  surface  to  a  point  at  which  the  flow  has  99%  of  the  stream  velocity. 

CATALYSIS:  Chemical  reaction  caused  by  a  substance  which  itself  does  not  enter  into  the  chemical  reaction  or  is 
changed  by  the  reaction. 

CISLUNAR:  Space  within  the  orbit  of  the  Moon. 

COMPUTATIONAL  FLUID  DYNAMICS  (CFD):  The  science  of  computer  simulation  of  the  conditions  within  and 
patterns  of  a  flow  of  fluids. 

COMPUTATIONAL  MODEL:  Model  developed  through  use  of  CFD  to  show  how  a  spacecraft  is  expected  to  perform 
under  a  given  set  of  conditions. 
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CONVECTIVE  HEATING:  Transfer  of  heat  by  mass  motion  of  a  fluid  bringing  to  a  surface  heat  which  is  transferred  to 
that  surface  from  the  fluid. 

EQUILIBRIUM:  A  state  within  a  gas  in  which  reactions  between  the  components  are  proceeding  equally  in  forward  and 
backward  directions  so  that  the  relative  concentrations  of  the  components  would  not  change  with  time  if  so  left  at  the 
condition. 

FLUID  DYNAMICS:  The  dynamics  of  the  flow  of  gases  around  bodies  immersed  in  them,  such  as  a  spacecraft  traveling 
through  an  atmosphere. 

FLOW  FIELD:  The  region  of  gaseous  flow  around  a  body  immersed  in  an  atmosphere  and  moving  relative  to  that 
atmosphere. 

GAS  SPECIES:  The  various  chemical  components  of  a  gas. 

GEOSYNCHRONOUS  EARTH  ORBIT  (GEO):  Strictly  an  orbit  (circular  or  elliptical)  in  which  a  body  completes  a  rev¬ 
olution  in  the  same  period  that  Earth  rotates  on  its  axis;  more  generally  applied  to  a  body  moving  in  a  geostationary  cir¬ 
cular  orbit  in  Earth’s  equatorial  plane  in  which  the  body  remains  stationary  with  respect  to  an  ob.server  on  the  surface  of 
the  Earth. 

HEAT  SHIELD:  A  protective  device  to  block  the  transfer  of  unwanted  heat  into  a  spacecraft. 

HIGH  EARTH  ORBIT  (HEO):  An  orbit  around  Earth  beyond  LEO. 

LIFTING  BRAKE:  A  spacecraft  aerodynamically  shaped  to  provide  some  lift  and  much  drag  to  change  the  path  of  a 
spacecraft  through  an  atmosphere. 

LOW  EARTH  ORBIT  (LEO):  An  orbit,  usually  close  to  a  circle,  just  beyond  the  Earth's  appreciable  atmosphere  at  a 
height  sufficient  to  prevent  the  orbit  from  decaying  rapidly  because  of  normal  conditions  of  atmospheric  drag. 

NONEQUILIBRIUM:  A  state  within  a  gas  mixture  in  which  reactions  have  not  reached  equilibrium.  The  composition 
would  change  with  time  if  left  in  the  condition. 

PHENOMENOLOGICAL  MODELS:  Computational  models  that  describe  the  phonomena  expected  under  a  given  set  of 
circumstances. 

PLASMA:  A  state  of  matter  in  which  molecules  and  atoms  are  electrically  charged  and  are  not  bound  to  each  other 
chemically,  and  exist  with  a  population  of  free  electrons. 

PLASMA  JET:  A  jet  consisting  of  charged  particles  to  simulate  conditions  of  very-high-speed  atmospheric  flow. 
RADIATIVE  HEATING:  Transfer  of  heat  by  radiation  without  contact  between  the  hot  and  the  cold  media. 
RADIOMETER:  An  instrument  to  measure  amount  of  radiation. 

SHEAR  LAYER:  A  layer  along  a  flow  field  across  which  there  occurs  an  abrupt  change  in  velocity  of  the  fluid. 

SHOCK  LAYER:  A  layer  of  fluid  between  the  shock  wave  and  the  vehicle  in  which  the  velocity  of  the  fluid  has  changed 
from  supersonic  or  hypersonic  to  subsonic  velocity. 

SHOCK  TUBE:  A  relatively  long  tube  in  which  brief,  high-speed  gas  flows  are  produced  by  the  sudden  release  of  high- 
pressure  gas  into  the  tube  that  produces  a  traveling  shock  wave  along  the  tube  with  high-speed  flow  behind  the  shock. 
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SHOCK  WAVE:  A  surface  of  discontinuity  through  which  a  fluid  moving  at  high  speed  undergoes  a  finite  decrease  in 
velocity  accompanied  by  an  increase  in  pressure  and  temperature,  or  vice  versa. 

SPECTROMETER:  An  instrument  to  measure  precisely  and  categorize  radiation  at  different  frequencies. 

SUPERCOMPUTER:  A  modern  digital  computer  possessing  extremely  high  speed  of  operation,  large  storage  of  infor¬ 
mation,  and  typically  with  parallel  processing  to  handle  many  computations  very  rapidly. 

SURFACE  CATALYSIS:  Triggering  of  reactions  within  a  gaseous  mixture  by  the  catalytic  action  of  material  in  a  sur¬ 
face  in  contact  with  that  gaseous  mixture. 

THERMAL  PROTECTION  SYSTEM  (TPS):  A  system  designed  to  protect  a  vehicle  such  as  a  spacecraft  from  undesir¬ 
able  heating  by  rejecting,  absorbing,  or  radiating  unwanted  heat. 

THERMOCOUPLE:  A  device  that  generates  an  electrical  potential  by  the  effect  of  heat  on  dissimilar  materials  so  that 
the  temperature  can  be  measured. 

VISCOUS  EFFECTS:  Effects  of  the  property  of  a  fluid  to  support  tangential  stresses  and  resist  being  deformed. 

WAKE  REGION:  The  region  of  atmospheric  flow  behind  a  spacecraft  traveling  through  an  atmosphere. 
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SUMMARY 

This  paper  presents  the  relationship  between  the  main 
system  requirements  of  the  HUYGENS  probe,  derived 
either  from  mission  analysis  or  from  experiment  related 
requirements,  to  the  aerodynamics  and  aerothermo- 
dynamics  studies. 

The  first  part  of  the  document  will  present  the  main 
mission  and  experiment  related  requirements,  as  they  are 
expressed  at  the  very  beginning  of  the  project,  and  which 
are  derived  from  the  specificity  of  the  mission,  without 
any  direct  link  with  aerothermodynamics. 

The  general  system  requirements  of  the  HUYGENS 
probe,  are  the  ones  which  are  expressed  by  the  customer 
ESA  towards  the  industrial  prime  contractor 
Aerospatiale  Space  &  Defense,  and  which  correspond  to 
the  elementary  requirements  of  feasibility  of  the  mission, 
in  terms  of  general  objective  ;  reach  TITAN,  survive  a  7 
years  cruise  in  deep  space,  survive  to  the  hypersonic 
entry  in  TITAN  atmosphere. 

The  second  part  will  show  how  these  very  general 
requirements  are  translated  in  terms  of 
aerothermodynamics  requirements. 

The  third  part  will  show  how  these  aerothermodynamics 
requirements  are  implemented  in  general 
aerothermodynamics  studies  and  test  plan,  which  has 
been  actually  performed  in  the  frame  of  the  HUYGENS 
project. 

The  choice  of  the  shapes,  the  Computational  Fluid 
Dynamics  (CFD)  and  test  plan,  the  related  CFD  and 
wind  tunnel  specificity  and  difficulties  are  addressed. 
The  need  for  characterisation  of  the  convective  and 
radiative  heat  fluxes  in  an  unknown  environment  is 
shown. 

Finally  veiy  specific  items  like  contamination  and  spin 
device  are  addressed. 

LIST  OF  SYMBOLS 

Axial  force  coefficient,  (-Axial  force)/Q  S 
Cjsj  Normal  force  coefficient,  (-Normal  force)/ 

QS 

Cj)  Drag  coefficient,  sin  a  +  cos  a 

Cl  Lift  coefficient,  C^  cos  a  -  C^  sin  a 

Cjjj  Pitching  moment  coefficient,  (Pitching 

moment)/Q  S  d 


^mq"*’^ma 

Cp 

d 

f 

M 

S,  or  A 

Q 

V 

w 

z 

Y 

CO 


Pitch  damping  coefficient, 

^Cm/<?(qd/V))+ c?Cm/c?(a‘d/V)) 
pressure  coefficient  (p-pinf)/qinf 
Diameter  of  the  capsule,  m 
frequency  of  oscillation,  Hz 
Mach  number 
Referenee  surface, 

Dynamie  pressure,  .  Pa 
2 

Freestream  Velocity,  m/s 
Mass  of  the  probe,  kg 
Altitude,  km 

Specific  Heat  ratio,  Cp/Cv 
Dynamic  stability  parameter 
angular  frequency,  rad/s 


subscripts 

a  Static  derivative  with  respect  to  incidence, 

per  rad 

inf  upstream  conditions 


1.  INTRODUCTION 

Within  all  the  Solar  system,  the  most  exciting  and 
interesting  planet  for  exobiology,,  i.e.  the  study  of  extra 
terrestrial  life,  is  Titan,  the  biggest  moon  of  Saturn. 

A  unique  satellite  of  Solar  system  with  a  dense 
atmosphere  (pressure  on  Titan  is  1.5  times  the  Earth 
one).  Its  atmosphere  is  composed  mainly  of  Nitrogen 
with  several  percent  of  methane  CH4,  Argon  (up  to  21%) 
and  traces  of  hydrogen. 

According  to  laboratory  experiments,  it  should  represent 
one  of  the  most  promising  pre  biotic  atmosphere,  which 
should  contain  many  organic  compounds,  hydrocarbons 
and  nitriles  mainly. 

Spectroscopic  experiments  performed  during  Voyager  1 
mission  in  1980  did  confirm  the  presence  of  several 
nitriles  which  play  a  fundamental  role  in  pre  biotic 
chemistry  on  the  Earth,  like  cyanhydric  acid  and 
cyanocetylen. 

Analogy  of  Titan  with  the  Earth  is  completed  through 
the  similar  temperature  profile  (although  much  lower  in 
magnitude),  and  surface  properties,  indeed  Titan  is 
probably  partly  solid  and  liquid  (methane  and  ethane 
oceans). 


Paper  presented  at  the  AGARD  FDP  Special  Course  on  “Capsule  Aerothermodynamics”,  held  at 
the  von  Kdrmdn  Institute  for  Fluid  Dynamics  (VKI)  in  Rhode-Saint-Genese,  Belgium, 
in  March  1995,  and  published  in  R-808. 
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The  main  difference  between  Titan  and  the  Earth  is  the 
much  lower  temperature  (96  K  on  surface,  i.e.  -179  °C). 
Finally,  even  if  life  may  not  appear  on  Titan,  because  of 
its  veiy'  cold  atmosphere,  Titan  represents  a  full  scale 
planetaiy  field  of  investigation,  which  can  provide  to 
scientists  the  opportunity  to  understand  the  first  steps  of 
life  appearance. 

This  has  motivated  the  HUYGENS/CASSINI  mission. 


2.  MISSION  DESCRIPTION 

The  HUYGENS  probe  is  part  of  the  ESA  scientific 
programs,  devoted  to  the  exploration  of  TITAN 
atmosphere. 

The  probe  is  passenger  on-board  MARINER-MARK  II 
CASSINI  SATURN  Orbiter,  which  will  be  launched  in 
October  1997  from  Cape  Canaveral  by  a  TITAN 
IV/CENTAUR  Launcher. 

A  large  deep  space  delta-V  manoeuvre  is  performed  at 
about  60  days  after  launch,  followed  by  two  flybys  of 
Venus  at  about  200  days  and  620  days  after  launch 
respectively. 

The  spacecraft  will  then  fly  by  the  Earth  at  about  680 
days  after  launch  and  will  implement  a  Jupiter  gravity 
assist  in  December  2000  (about  1200  days  after  launch). 
It  will  then  be  on  a  3.5-year  trajectory  towards  Saturn, 
with  an  arrival  in  June  2004  after  a  total  flight  duration 
of  6.7  years  (Cruise  phase). 

The  visualisation  of  CASSINI  Orbiter  and  HUYGENS 
Probe  trajectories  are  shown  on  figure  n°l. 

The  CASSINI  spacecraft  will  be  inserted  into  a  highly 
eccentric  Saturn  centered  orbit  (Saturn  Orbit  Insertion 
SOI).  After  110  days  past  SOI,  when  the  spacecraft  is 
near  the  apoapsis  of  the  capture  orbit,  a  trajectoiy 
correction  is  achieved  with  a  twofold  objective: 

-  raise  the  periapsis  radius  from  the  Saturn  radii  (Rs)  to 
about  8,2Rs 

-  target  the  CASSINI  spacecraft  for  its  encounter  with 
TITAN 

About  22  days  before  TITAN  encounter,  the  spacecraft 
will  be  oriented  in  the  proper  direction  and  the  probe 
will  be  spun  up  and  separated  from  the  Orbiter  (Coast 
phase). 

About  two  days  after  probe  separation,  the  Orbiter 
deflection  manoeuvre  takes  place  with  a  twofold  goal 

-  achieve  adequate  geometrical  conditions  for  the  probe 
relay  link  under  the  resulting  TITAN  flyby  trajectory  of 
the  Orbiter 

-  achieve  proper  initial  conditions  for  the  subsequent 
Orbiter  tour  of  the  Saturnian  system. 

The  probe  will  enter  into  the  TITAN  atmosphere  in 
January  2005  with  an  entry  velocity  of  about  6.2  km/s 
and  a  flight  path  angle  of  -64°  (Entry  phase). 


After  atmospheric  braking,  the  atmospheric  Descent 
phase  begins  with  the  activation  of  the  parachute 
deployment  device  at  an  altitude  of  about  170  km,  and  a 
velocity  of  about  400  m/s  (Mach  1.5). 

At  Mach  1.5,  the  mortar  is  fired  and  allows  the 
deployment  and  inflation  of  the  pilot  chute.  Two  seconds 
later,  the  pilot  chute  removes  the  back  cover  and  deploys 
the  main  chute  which  pulls  the  descent  module  out  of  the 
released  front  shield.  One  minute  after  beginning  of  the 
descent,  measurements  can  start  for  scientific 
experiments.  Science  data  are  transmitted  to  the  Orbiter, 
which  will  later  send  stored  data  to  the  Earth. 

The  total  duration  of  the  descent  phase,  limited  by  the 
Orbiter  presence,  shall  be  between  2  and  2.5  hours 
including  dispersions  of  all  natures  (atmospheric  density, 
zonal  winds,  radius  and  topography  of  TITAN,  probe 
ballistic  coefficient,  probe  mass,  flight  path  angle,  icing) 
Entry  and  descent  phase  are  shown  on  figure  n°2. 

In  order  to  comply  with  this  duration,  the  main 
parachute  is  jettisoned  15  minutes  after  start  of  Descent, 
and  replaced  by  a  stabilising  parachute. 

The  stabiliser  allows  to  maintain  attitude  required  by 
experiments  and  transmission.  Spin  vanes  attached  to  the 
fore  dome  of  the  descent  module  allow  to  obtain 
experiment  required  spin  rate. 


3.  MISSION  REQUIREMENTS 

The  objective  of  this  document  is  to  show  how  general 
requirements  of  the  HUYGENS  probe,  considered  as  a 
general  system,  are  derived  to  aerodynamic  and 
aerothermodynamic  requirements. 

The  general  system  requirements  of  the  HUYGENS 
probe,  are  the  one  which  are  expressed  by  the  customer 
ESA  towards  the  industrial  prime  contractor,  and  which 
correspond  to  the  elementary  requirements  of  feasibility 
of  the  mission,  in  terms  of  general  objective  :  reach 
TITAN,  survive  a  7  years  cruise  in  deep  space,  survive  to 
the  hypersonic  entry  in  TITAN  atmosphere. 

Within  the  general  system  requirements,  one  may 
distinguish  the  first  level  requirements  which  belong  to 
the  mission  requirements  (let  us  call  them  mxx  for 
mission  requirement  n°xx). 

The  HUYGENS  project,  as  part  of  the  ESA  scientific 
programs,  presents  several  distinctive  features  and 
requirements,  its  synthesis  makes  it  unique,  such  as: 

ml)  the  probe  is  passenger  on-board  MARINER-MARK 
II  CASSINI  SATURN  orbiter 
m2)  the  probe  shall  survive  a  7  year-long  deep  space 
dormant  cruise  phase  at  the  end  of  which  it  is 
ejected  alone  in  deep  space 
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m3)  the  probe  shall  withstand  a  severe  atmospheric 
entry  at  hypersonic  velocity,  entailing  adverse 
mechanical  and  thermal  conditions 

m4)  the  probe  shall  accomplish  its  scientific  mission 
during  a  short  period  of  time  (2  to  2,5  hours)  inside 
a  cold  atmospheric  environment,  while  sending  all 
the  acquired  data  to  the  Earth  via  the  Orbiter 
cruising  around  SATURN. 

m5)  the  coast,  entry  and  descent  phases  are  carried  out 
in  a  fully  autonomous  and  fault-tolerant  mode, 
without  involving  any  attitude  or  orbit  active 
control. 


4.  EXPERIMENT  RELATED  REQUIREMENTS 

Apart  of  these  top  level  requirements,  additional 
requirements  are  imposed  by  experiments. 

The  probe  configuration  is  intended  to  provide 
accommodation  for  the  following  payload  experiments: 

ACP  Aerosol  Collector  Pyrolyser 

DISR  Descent  Imager  Spectral  Radiometer 

DWE  Doppler  Wind  Experiment 

GCMS  Gas  Chromatograph  and  Mass  Spectrometer 

HASI  HUYGENS  Atmospheric  Structure  Instrument 

SSP  Science  Surface  Package 

The  HUYGENS  Atmospheric  Structure  Instrument  HASI 
will  begin  operations  during  the  Entry  phase,  whilst  the 
others  are  operational  only  after  the  start  of  the  descent 
phase. 

The  particular  interface  requirements  linked  to  this 
payload  accommodation  are  listed  hereafter  (let  us  call 
them  exx  for  experiment  requirement  n°xx): 

el)  the  HASI  accelerometer  requires  to  be  close  to  the 
center  of  gravity  of  the  entiy  configuration, 
e2)  the  SSP  accelerometer  requires  to  be  elose  to  the 
impact  point, 

e3)  the  DISR  requires  a  wide  and  extensive  field  of 
view  ranging  from  the  zenith  to  vertically 
downwards,  covering  most  of  the  hemisphere, 
e4)  the  ACP  and  GCMS  require  to  be  mounted  close 
together,  and  both  protruding  through  the 
aerodynamic  boundary  layer  to  collect  atmospheric 
samples, 

e5)  the  DISR  and  HASI  require  proper  flow  around 
optical  windows  and  sensors  to  avoid  imperfect 
measurements, 

e6)  contamination  from  decelerator  ablative  materials 
have  to  be  minimized  around  ACP  and  GCMS 
inlets  on  one  side,  and  DISR  optical  window  on  the 


other  side  (the  accommodation  is  shown  on  figure 
n°3). 


5.  REQUIREMENTS  IMPACT  ON 

AERODYNAMIC/AEROTHERMODYNAMIC 

DESIGN 

The  following  part  describes  how  the  requirements  listed 
below  are  translated  in  terms  of  aerodynamic  and 
aerothermodynamic  studies. 

5.1  Mission  requirements 

ml)  the  probe  is  passenger  on-board  MARINER-MARK 
II  CASSINI  SA  TURN  orbiter 

The  requirement  ml  defines  the  interfaces  between  the 
probe  and  its  carrier,  and  thus  imposes  a  certain  number 
of  geometrical  constraints,  which  will  at  the  end  have 
impacts  on  aerodynamics.  The  maximum  diameter  of  the 
decelerator  is  limited  by  the  Orbiter  interfacing 
constraints,  and  thereby  gives  a  limit  to  the  ballistic 
parameter  (i=S.Cp/W.  As  the  altitude  and  velocity  of  the 
probe  are  defined  at  beginning  of  entry  by  the  Orbiter 
velocity  with  respect  to  Titan,  and  are  defined  at 
beginning  of  descent,  both  in  term  of  velocity  (M=1.5) 
and  altitude  (170  km),  the  deceleration  profile  which  is 
necessary  to  achieve  these  two  constraints  can  be  fulfilled 
by  finding  a  large  ballistic  parameter  p,  and  by  tuning 
the  initial  flight  path  angle  y  of  the  probe.  The  surface  S 
is  fixed  by  the  3  meters  maximum  diameter  imposed  by 
the  Orbiter.  The  mass  results  from  the  payload,  structure, 
Thermal  Protection  System,  etc... 

The  last  parameter  is  the  drag  coefficient  C^.  A  60°  half 
angle  cone  is  a  good  compromise  between  the 
accommodation  capabilities  and  the  drag  coefficient. 

The  flight  path  angle  of  the  probe  is  constrained  by  the 
Orbiter  position  with  respect  to  Titan,  while  it  must  not 
be  too  steep,  in  order  to  limit  the  heat  fluxes  during 
hypersonic  entry,  and  must  not  be  too  shallow,  elsewhere 
the  probe  could  skip  through  the  Titan  atmosphere  and 
return  in  deep  space. 

m2)  the  probe  shall  survive  a  long  7  years  deep  space 
dormant  cruise  phase  at  the  end  of  which  it  is  ejected 
alone  in  deep  space 

The  requirement  m2  has  no  direct  consequence  on 
aero/aerothermodynamic  design.  However,  it  puts  severe 
eonstraints  on  the  constituting  elements  of  the  probe 
which  must  withstand  a  deep  space  travel  of  7  years.  The 
pyrotechnic  devices  of  the  probe  which  are  used  to 
jettison  the  back  cover  must  indeed  be  operational  at  the 
very  time  of  TITAN  entry,  when  Mach  number  1.5  is 
detected.  Furthermore  this  constraint  is  made  more 
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difficult  by  the  fact  that  after  having  survived  at  a  very 
low  temperature  environment,  these  pyrotechnic 
elements  have  to  withstand  a  rather  hot  one  during 
hypersonic  entry  into  TITAN  atmosphere. 

This  long  time  cold  environment  is  also  of  great 
importance  for  parachute  design.  Indeed,  this  latter  one 
must  remain  packed  and  tightened  in  bags  until  the 
deployment  phase  begins,  and  at  this  time,  the  porosity, 
the  mechanical  integrity  of  the  parachute  must  still  be 
predictable  for  a  reliable  parachute  sequence.  Ageing 
effects  must  have  been  tested  and  qualified  for  all  these 
mechanisms. 

m3)  the  probe  shall  withstand  a  severe  atmospheric  entry 
at  hypersonic  velocity,  entailing  adverse  mechanical  and 
thermal  conditions 

The  requirement  m3  is  of  course  of  major  concern  for 
aerothermodynamics. 

During  hypersonic  entry,  the  large  amount  of  kinetic 
energy  of  the  probe  (arrival  at  6.9km/s  in  TITAN 
atmosphere,  at  Z=I250  km)  results  in  temperature 
increase  behind  the  bow  shock  layer,  which  is  formed  in 
front  of  the  probe,  during  braking  of  the  HUYGENS 
entry  module  into  the  atmosphere  of  TITAN  :  the 
translational  temperature  just  behind  the  bow  shock  layer 
is  approximately  12000K  and  reaches  7000K  close  to  the 
wall.  This  results  in  heat  flux  reaching  the  surface, 
because  of  convective  process  from  the  flowfield 
surrounding  the  probe  to  the  wall  of  about  500kW/m2  at 
worst  conditions.  This  heat  flux  is  enhanced  by  diffusion 
process  due  to  the  recombination  at  the  wall  of  the 
chemical  species  which  were  formed  behind  the  bow 
shock.  Moreover,  due  to  the  very  high  entiy  velocity  of 
the  probe,  the  characteristic  time  of  the  flowfield  (time 
for  a  particle  to  travel  along  a  characteristic  length  of  the 
vehicle)  is  of  the  same  order  than  the  chemical  relaxation 
time  and  the  vibrational  relaxation  time.  Therefore, 
when  upstream  chemical  mixture  passes  through  the  bow 
shock,  i.e.  mainly  N2,  some  percent  of  CH4  and  Argon, 
the  chemical  reactions  such  as  dissociation  and 
recombination  occurring  in  the  shock  layer  cannot 
equilibrate.  The  shock  layer  is  therefore  in  a  metastable 
state,  where  chemical  compounds  such  as  CN  are 
present.  This  particular  species  is  known  to  be  a  very 
strong  radiator.  Furthermore,  the  translational- 
vibrational  non  equilibrium  has  been  shown  to  enhance 
the  radiative  emission  of  the  shock  layer.  The  radiative 
heat  flux,  in  these  conditions  is  of  the  same  order  than 
the  convective  one.  The  additional  difficulty  is  due  to  the 
large  sensitivity  of  the  radiative  heat  flux  with  respect  to 
the  upstream  chemical  mixture  (small  variation  of  CH4 
results  in  large  change  of  radiative  heat  flux). 

Therefore,  from  the  aerodynamic/aerothermodynamic 
point  of  view,  requirement  m3  means  that  the  convective 
and  radiative  heat  fluxes  must  be  characterised  whatever 


the  parameters  which  have  an  influence  on  heat  fluxes 
may  be  (velocity,  flight  path  angle,  ballistic  coefficient, 
atmosphere  temperature  and  density  profiles,  atmosphere 
chemical  mixture,  etc...)  and  a  proper  thermal  protection 
system  must  be  designed. 

Since  the  probe  mass  budget  constraint  would  not  allow 
it,  gross  oversizing  could  not  be  the  only  answer  to 
mission  robustness.  Hence,  a  careful  analysis  of 
sensitivity  and  margins  of  the  convective  and  radiative 
heat  fluxes  is  needed  to  meet  m3  thermal  requirement. 
The  second  part  of  m3  is  the  mechanical  integrity  of  the 
probe  during  hypersonic  entry.  Indeed,  the  mechanical 
structure  of  the  probe  has  to  face  16  Earth  g's  of 
deceleration  during  entiy. 

The  dimensioning  aspects  of  this  requirement  are  beyond 
the  scope  of  this  document,  however,  a  good  knowledge 
of  aerodynamic  drag  forces  is  needed  to  insure  a  correct 
mechanical  design.  As  a  result,  early  aerodynamic 
database  is  built  from  literature,  and  specific 
aerodynamic  wind  tunnel  tests  are  performed. 

m4)  the  probe  shall  accomplish  its  scientific  mission 
during  a  short  period  of  time  (2  to  2,5  hours)  inside  a 
cold  atmospheric  environment,  while  sending  all  the 
acquired  data  to  the  Earth  via  the  Orbiter  cruising 
around  SA  TURN. 

The  requirement  m4  imposes  specific  requirements  on 
the  duration  of  the  scientific  part  of  the  mission.  Some 
other  requirements  are  dedicated  to  the  altitude  range  of 
the  scientific  mission  (the  part  of  the  mission  where  the 
experiments  are  switched  on)  ,  i.e.  the  descent  phase 
begins  at  altitude  Z=170km. 

The  requirement  m4  imposes  specific  requirements  on 
the  conditions  of  the  scientific  part  of  the  mission. 
Indeed,  a  radio  link  must  be  kept  between  the  antenna  of 
the  experiment  package  and  the  Orbiter  one.  Hence,  this 
leads  to  requirements  put  onto  the  attitude  of  the  module 
which  brings  the  experiments,  and  thereby  constraints 
the  descent  control  subsystem  design. 

The  m3  and  m4  requirements  have  been  chosen  to  be 
answered  independently,  which  leads  to  the  choice  of  the 
concept  of  the  HUYGENS  probe.  Indeed,  the  probe  is 
constituted  by  a  kernel  carrying  the  scientific 
experiments  operating  during  descent,  surrounded  by  a 
shell  which  protects  it  during  the  coast  and  entry  phases. 
During  entry,  the  front  shield  reduces  the  probe  speed 
while  the  other  parts  of  the  shell  protect  the  kernel  from 
aerothermal  heating.  The  shell  is  automatically  jettisoned 
on  a  deceleration  criteria,  around  M=1.5,  at  an  altitude 
of  about  170km. 

m5)  the  coast,  entry  and  descent  phases  are  carried  out 
in  a  fully  autonomous  and  fault-tolerant  mode,  without 
involving  any  attitude  or  orbit  active  control. 
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The  requirement  mS  may  be  split  in  three  parts  : 
mS.l  the  coast  phase 

m5.2  the  entry  phase 

m5.3  the  descent  phase 

The  requirement  mS.l  means  that  after  the  probe  is 
released  from  the  Orbiter,  it  has  to  reach  the  TITAN 
atmosphere  (its  upper  layer  will  be  considered  here  as  the 
interface  between  coast  and  entry  phase,  i.e.  Z=1270km) 
according  to  the  desired  flight  path.  Furthermore,  the 
attitude  of  the  probe  at  coast/entiy  phase  interface  must 
be  compatible  with  the  requirement  m5.2  to  have  the 
probe  reaching  its  trim  angle-of-attack  .  Indeed,  a  too 
large  incidence  at  beginning  of  entry  may  result  in  an 
angle-of-attack  divergence  during  the  first  part  of  entiy, 
because  blunt  body  aerodynamics  in  rarefied  flowfield  is 
such  that  the  center-of-pressure  shifts  towards  the  nose, 
the  vehicle  being  then  statically  unstable  at  beginning  of 
entry.  Sensitivity  studies  of  entiy  module  behaviour 
during  first  part  of  entry  have  then  been  performed,  in 
order  to  issue  requirements  related  to  probe  attitude  at 
beginning  of  entry. 

The  requirement  m5.2  means  that  no  reaction  control 
system  has  to  be  used  during  braking  of  the  entry  module 
in  TITAN  atmosphere.  Therefore,  the  entry  module  has 
to  be  statically  stable,  in  order  to  reach  its  zero  incidence 
trim  angle-of-attack,  which  provides  with  the  large  drag 
necessary  to  achieve  the  deceleration  from  6190m/s  at 
beginning  of  entry  down  to  400ni/s  at  required  170km 
altitude  for  beginning  of  descent  phase.  Furthermore, 
considering  the  heat  fluxes,  a  zero  trim  angle-of-attack 
enables  a  pure  axisymmetric  shock  wave  and  heat  flux 
profile  to  be  characterised,  while  a  too  large  angle-of- 
attack  would  result  in  a  stagnation  point  location  on  the 
conical  part  of  the  entry  module,  which  would  increase 
the  bow  shock  distance,  and  ftirther  the  radiative  heat 
flux  (roughly  proportional  to  shock  stand  off  distance). 
The  dynamic  stability  is  required,  in  order  to  have  safe 
parachute  deployment  conditions  at  entry/descent 
interface. 

The  descent  module  has  to  accommodate  all  the 
experiments  located  on  the  experiment  platform,  hence  a 
blunt  body  of  APOLLO  type  was  chosen  for  the  descent 
module,  in  order  to  have  a  good  volumic  efficiency. 
Although  the  static  stability  of  such  a  vehicle  is  good,  the 
dynamic  stability  in  low  subsonic  is  known  to  be  poor 
(Ref  1),  large  dynamic  instability  was  evidenced  by 
helicopter  drops  for  similar  blunt  shapes.  Some 
geometrical  parameters  were  optimised  in  order  to 
reduce  this  instability,  and  were  tested  in  vertical  wind 
tunnel.  However  the  requirement  m5.3  imposes  the  use 
of  a  specific  descent  control  subsystem,  i.e.  a  dedicated 


stabiliser  parachute  (the  size  and  the  sequence  of 
parachute  are  driven  by  descent  time  requirement  m4). 

5.2  Experiments  related  requirements 

Let  us  now  consider  the  experiment  related 
requirements; 

el)  the  HASl  accelerometer  requires  to  be  close  to  the 
center  of  gravity  of  the  entry  configuration 

e2)  the  SSP  accelerometer  requires  to  be  close  to  the 
impact  point 

The  requirements  el  &  e2  have  impacts  on 
accommodation  of  the  experiments  on  the  experiment 
platform,  and  have  indirect  impacts  on  aerodynamic 
related  system  studies.  Indeed,  the  parachute  deployment 
algorithm  is  based  on  deceleration  level  detection. 
Therefore,  a  dedicated  accelerometer  is  used.  As 
requirement  el&  e2  imposes  the  experiment 
accelerometer  to  be  located  close  the  center  of  gravity, 
the  TO  (time  corresponding  to  deployment  triggering) 
detection  one  has  to  take  place  at  a  certain  offset  with 
respect  to  the  center-of-gravity  location.  An  incidence 
oscillation  will  therefore  result  in  a  deceleration 
measurement  oscillation,  which  will  disturb  the  TO 
detection  algorithm.  A  careful  analysis  of  the  oscillation 
of  the  entry  module  in  the  transonic  Mach  number 
regime,  i.e.  prior  to  parachute  deployment,  had  then  to 
be  performed,  both  in  terms  of  amplitude  and  frequency. 
This  analysis  was  undergone  by  the  use  of  dedicated 
wind  tunnel  tests  (dynamic  derivatives  measurements) 
and  6  degree-of-freedom  simulations. 

e3)  the  DISK  requires  a  wide  and  extensive  field  of  view 
ranging  from  the  zenith  to  vertically  downwards, 
covering  most  of  the  hemisphere 

The  requirement  e3  is  the  most  constraining 
experiment  related  requirement  from  the  aerodynamic 
studies  point  of  view.  Indeed,  the  DISK  has  to  cover  the 
360°  field  of  view  during  descent,  which  imposes  to  have 
a  descent  module  continuous  rotation  during  descent. 
Furthermore,  its  rotation  rate  must  be  bounded  within 
two  limits.  The  higher  one,  because  the  DISR  camera 
cannot  rebuild  the  stored  picture  if  the  rotational  motion 
of  the  descent  module  is  too  fast.  The  lower  one,  because 
of  the  need  to  cover  the  hemisphere  a  sufficient  number 
of  period  of  time. 

Therefore,  the  descent  module  rotation  is  required  to  be 
controlled  and  in  a  required  range  of  uncertainty  (see  § 
10).  While  an  active  rotation  rate  control  was  not 
achievable  in  order  to  reach  reliability,  and  to  avoid 
excessive  complexity,  a  specific  aerodynamically 
controlled  device  was  then  designed,  which  consists  in 
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36  spin  vanes,  which  have  a  constant  orientation  with 
respect  to  the  descent  module  centerline,  but  which 
provides,  because  of  their  conception,  a  self  regulated 
rotation  rate.  The  upper  and  lower  limit  requirement  of 
rotation  rate  is  achieved  by  the  tuning  of  the  spin  vane 
angle  and  number.  Such  a  design  was  performed  by  the 
use  of  specific  wind  tunnel  tests  and  associated  computer 
simulation  of  the  rotation  rate  of  the  descent  module  in 
TITAN  atmosphere  (see  §10). 

e4)  the  ACP  and  GCMS  require  to  be  mounted  close 
together,  and  both  protruding  through  the  boundary 
layer  to  collect  atmospheric  samples 

The  requirement  e4  imposes  the  ACP  and  GCMS 
experiments  to  be  located  at  an  efficient  location  to 
collect  atmospheric  samples.  The  descent  module 
stagnation  point  meets  this  requirement.  Furthermore, 
boundaiy  layer  thickness  calculations  were  performed,  in 
order  to  size  the  length  of  the  experiment  tubes ,  as  well 
as  specific  wind  tunnel  tests,  in  order  to  assess  the 
sensitivity  of  the  tubes  to  collect  samples  with  respect  to 
slight  variations  of  descent  module  attitude. 

e5)  the  DISK  and  HASl  require  proper  flow  around 
optical  windows  and  sensors  to  avoid  imperfect 
measurements 

e6)  contamination  from  decelerator  ablative  materials 
had  to  be  minimied  around  ACP  and  GCMS  inlets  on 
one  side  and  DISK  optical  window  on  the  other  side 

The  requirements  e5  &  e6  are  related  to  the 
characterisation  of  the  descent  module  surrounding 
flowfield.  When  the  entry  module  enters  the  TITAN 
atmosphere,  the  upstream  chemical  mixture  (N2,  CH4 
and  Argon)  is  dissociated  and  ionised,  and  species 
recombine  to  form  a  collection  of  new  species  which  can 
either  deposit  on  the  vehicle  surface  and  eventually 
recombine,  or  can  be  captured  in  the  wake  of  the  entry 
module.  Furthermore,  the  heat  shield  thermal  protection 
sy  stem  can  be  degraded  when  it  is  submitted  to  the  high 
entry  heat  fluxes.  These  heat  shield  particles  can  be 
ejected  from  the  surface  and  possibly  captured  also  in  the 
wake. 

Now,  even  if  the  descent  module  is  protected  against  the 
outer  hypersonic  flowfield,  when  the  back  cover  is 
Jettisoned,  some  of  these  contaminant  species  which  have 
been  trapped  in  the  near  wake  of  the  entry  module  could 
deposit  on  the  protruding  DISK  window,  and  stick  to  it. 
This  would  result  in  a  signal  loss  for  DISR,  which  can 
become  unacceptable  if  too  many  particles  stick  to  it. 

The  resulting  requirement  for  DISK,  is  to  have  a  limited 
number  of  particles  on  its  surface. 

The  verification  of  this  requirement  has  been  performed 
first  by  aerodynamic/aerothermodynamic  computations 


and  studies  of  the  surrounding  flowfield  of  the  probe,  and 
has  been  finally  met  by  designing  a  protective  cover  for 
the  DISR  optical  window. 

As  a  result,  further  aerodynamic  studies  were  needed,  in 
order  to  verify  the  correct  ejection  of  this  protective  cover 
prior  to  DISR  optical  measurements. 

The  first  part  of  this  document  has  shown  an  overview  of 
the  mission  requirements  and  scientific  requirements. 
The  second  part  shows  the  links  between  these 
requirements  and  aerodynamics  and  aerothermo- 
dynamics.  The  third  part  will  show  how  these  links  are 
implemented  in  a  coherent  and  comprehensive 
aerodynamic  and  aerothermodynamic  studies  and  test 
plan,  in  order  to  fulfil  these  requirements. 


6.  HUYGENS  AEROTHERMODYNAMIC  DESIGN 

6.1.  Concept  of  the  HUYGENS  probe  (m3&m4 
related) 

As  explained  in  §5.1,  it  was  chosen  to  ensure  that  the 
probe  would  withstand  the  hypersonic  heat  fluxes  and 
accomplish  its  scientific  mission  independently.  Indeed, 
the  probe  is  constituted  by  a  kernel  carrying  the  scientific 
e.xperiments  operating  during  descent  (the  descent 
module),  surrounded  by  a  shell  which  protects  it  during 
the  coast  and  entry  phases. 

Furthermore,  during  entiy,  the  front  shield  reduces  the 
probe  speed  while  the  other  parts  of  the  shell  protect  the 
kernel  from  aerothermal  heating. 

The  kernel  is  constituted  by  two  platforms  supporting  the 
experiments  ,  while  the  jettisonable  shell  is  constituted 
by  a  spheroconical  front  shield  which  extends  as  a  2.7  m 
diameter  decelerator,  and  a  back  cover  to  complete 
thermal  protection  of  the  kernel  during  atmospheric 
entry. 

The  probe  assembly  is  shown  on  figure  n°4. 

The  shell  is  automatically  jettisoned  around  M=1.5  at  an 
altitude  of  about  170km,  in  order  to  enable  the  scientific 
mission  of  the  descent  module  to  be  performed 

This  jettison  is  aerodynamically  operated  by  inflating  a 
main  parachute  large  enough  to  put  the  kernel  rearwards 
from  the  front  shield.  This  main  parachute  itself  is 
extracted,  along  with  the  back  cover,  by  a  smaller  pilot 
chute  whose  deployment  is  triggered  by  an  acceleration 
threshold,  based  on  deceleration  measurement. 
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6.2.  Shape  selection 
6.2.1  Entry  module 

The  HUYGENS  entry  module  is  required  to  decelerate  in 
the  TITAN  atmosphere  from  its  entry  velocity  at 
coast/entiy  phase  interface,  i.e.  V=6190m/s  at  Z=1250 
km,  down  to  the  velocity  compatible  with  descent  module 
extraction  from  the  entry  shell,  at  the  experiment  switch- 
on  required  altitude,  i.e.  V=400  m/s  at  Z=170  km. 
Moreover,  the  probe  must  withstand  the  deceleration 
loads  during  entry. 

Therefore,  the  drag  coefficient  of  the  entry  module  must 
be  large,  in  order  to  provide  an  efficient  braking  in  the 
upper  layer  of  TITAN  atmosphere. 

The  maximum  deceleration  load  is  driven  by  the  initial 
velocity  Ve,  and  the  entry  flight  path  angle  ye  at  initial 
entiy  conditions  (Z=1250  km),  while  the  ballistic 
parameter  has  little  influence  on  the  maximum 
deceleration  load. 

Indeed,  the  maximum  deceleration  load  may  be 
expressed  as  follows  : 

ymax= Ve^ .  sinye/C 
where  C  is  a  constant. 

On  the  other  hand,  the  entry  module  must  be  fully 
autonomous,  without  any  attitude  control  system. 
Therefore,  an  axisymmetric  large  angle  blunt  body  was 
selected.  Indeed,  this  kind  of  shape  provides  with  large 
drag  force  coefficient,  which  is  mainly  due  to  pressure 
forces  acting  on  the  front  face  of  the  body,  while  it  is 
statically  very  stable.  This  static  stability  ensures  an 
efficient  trim  towards  zero  degree  angle-of-attack,  and 
then  a  reliable  drag  deceleration  level. 

A  60°  half  angle  sphere  cone  was  selected  (see  figure 
n°5)  with  the  following  geometrical  parameters  : 

Nose  radius  Rn=1.25m,  Diameter  d=2.7m 
Cone  half  angle  0=60°  tip  radius  r=0.05m 

The  nose  is  blunted  in  order  to  decrease  the  stagnation 
point  convective  heat  flux  (roughly  inversely 
proportional  to  square  root  of  nose  radius).  The 
drawback  of  increasing  the  nose  radius  is  that  the  shock 
stand  off  distance  will  increase  as  nose  radius  increases. 
The  radiative  heat  flux  which  is  roughly  proportional  to 
the  shock  stand  off  distance  will  then  increase  with  nose 
radius.  In  hypersonic  regime,  the  shock  stand  off 
distance  of  the  HUYGENS  probe  is  about  10cm. 

The  tip  radius  of  the  probe  is  expected  to  decrease  the 
local  overshoot  of  the  convective  heat  flux  which  will 
appear  at  the  external  diameter  of  the  entry  module. 
Indeed,  as  the  flowfield  expands  at  the  probe  frustum,  the 
boundary  layer  thickness  decreases  because  of  the 


flowfield  acceleration.  The  gradient  of  velocity  in  the 
boundary  layer  will  be  steeper  and  the  convective  heat 
flux  will  therefore  increase. 

This  phenomenum  may  be  reduced  by  a  local  tip  radius, 
which  smoothes  the  velocity  increase  due  to  the  flowfield 
expansion. 

The  drawback  of  this  tip  radius  is  a  slight  decrease  of  the 
static  stability  of  the  probe. 

6.2.2  Descent  module 

The  HUYGENS  descent  module  (DM)  is  required  to 
accomodate  all  the  scientific  experiments  and  provide 
reliable  and  stable  attitude  under  parachute. 

A  truncated  APOLLO-like  shape  was  selected  (see  figure 
n°6). 

6.3  Aerodynamic  database 

6.3.1  Preliminary  Aerodynamic  database 

Early  in  the  project,  a  complete  aerodynamic  database  is 
needed  in  the  whole  range  of  entry  conditions. 

A  large  amount  of  data  on  large  drag  models  are 
available  in  literature  (see  [R2]  to  [R7]).  Furthermore  a 
significant  amount  of  CFD  computations  were  performed 
in  order  to  increase  confidence  in  aerodynamic  data,  as 
no  exactly  similar  shapes  to  HUYGENS  one  may  be 
found  in  literature. 

The  advantage  of  such  large  drag,  large  half  angle  sphere 
cone  shapes,  is  that  not  a  too  deep  modelisation  level  of 
the  computations  is  needed  to  assess  reliable  global 
aerodynamic  coefficients  in  hypersonic. 

Indeed,  the  geometry  of  the  probe  is  simple, 
axisymmetric.  Furthermore  the  aerodynamic  forces  are 
mainly  pressure  ones  on  the  front  heat  shield,  while  the 
base  pressures  are  accurately  estimated  by  a  simple 
pressure  coefficient  Cp=-2/yM^. 

A  first  level  of  computation  as  a  Newtonian 
representation  of  the  pressure  distribution  over  the  front 
spherical  heat  shield  leads  to  acceptable  accuracy  (see 
Ref  5).  The  discrepancy  is  mainly  due  to  the  over 
estimation  of  pressure  distribution  near  the  maximum 
diameter  of  the  probe,  as  this  profile  is  influenced  by  the 
expansion  at  the  frustum. 

A  further  level  of  computation  is  achieved  by  an  EULER 
modelisation.  The  EULER  results  lead  to  a  very  good 
accuracy,  due  to  the  very  low  magnitude  of  the  viscous 
compound  of  the  aerodynamic  coefficients  for  this  type  of 
shapes. 
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From  a  system  point  of  view,  the  capability  to  have 
reliable  coefficient  in  a  short  period  of  time  for  a 
reasonable  CPU  time  is  very  interesting,  as  aerodynamic 
database  can  be  provided  for  mission  analysis  early  in  the 
project. 

However,  more  accurate  aerodynamic  data  are  needed,  as 
the  design  of  the  probe  advances  further  in  definition. 
More  sophisticated  CFD  level  of  modelisation  and 
theoretical  models  must  be  used,  while  wind  tunnel  tests, 
for  aerodynamic  and  aerothermodynamic  data,  must  be 
performed. 

Indeed,  supersonic,  transonic  and  subsonic  data  are 
more  difficult  to  obtain  from  CFD  analysis,  while  wind 
tunnel  provides  with  extensive  data  in  this  Mach  number 
range.  However,  the  very  blunted  models  of  the 
HUYGENS  probe  present  some  specific  features  which 
had  not  been  investigated  previously  in  Europe,  and 
which  therefore  made  the  exercise  more  difficult  to 
handle  within  the  technical,  schedule  and  financial 
constraints  of  the  program. 

The  next  first  paragraph  will  show  the  test  and  CFD 
plans  for  the  HUYGENS  probe,  and  the  second  one  will 
describe  some  of  the  difficulties  which  were  encountered 
from  numerical  and  experimental  point  of  view. 

6,3.2  CFD  &  wind  tunnel  test  plans 

The  complete  aerodynamic  database  has  to  be  generated 
for  the  selected  Entry  Module  (EM),  in  the  whole  range 
of  entry  conditions. 

To  this  end,  both  numerical  and  experimental 
aerodynamics  are  issued.  However,  as  significant 
improvements  of  CFD  predictive  capabilities  in  terms  of 
aerodynamic  coefficients  have  been  performed,  and 
because  of  the  challenge  represented  by  a  limited  in  time 
development  phase  of  such  a  space  vehicle,  the  ratio  of 
CFD  over  wind  tunnel  (WT)  experiments  has 
significantly  increased  with  respect  to  previous 
programmes  like  VIKING  for  example. 

Of  course,  numerous  lessons  learned  from  VIKING 
programmes  and  related  available  literature  participate  to 
this  trend. 

The  complementary  aspects  of  both  experimental/ 
theoretical  studies  have  been  issued  on  HUYGENS  in  the 
following  topics  : 

-  Static  stability  of  the  EM  in  the  sub-trans-super- 
hypersonic  range  were  performed  in  FFA  (Stockholm) 
S4  and  HYP-500  facilities 

-  Static  stability  of  the  DM  in  subsonic  range  in  the  LTl 
FFA  facility 

In  the  meantime,  CFD  computations  were  performed  in 
order  to  compare  with  WT  and  enable  accuracy  and 
related  system  margins  to  be  derived. 


Dedicated  Euler,  Navier  Stokes  in  perfect  gas, 
equilibrium  and  non  equilibrium  computations  have  been 
performed. 

Apart  from  these  classical  Aerodynamic  studies  tests, 
some  specific  experimental  and  theoretical  investigations 
were  conducted  during  the  HUYGENS  development 
phase  :  the  spin  device,  the  dynamic  tests  and  the 
radiation  tests. 

Indeed,  dynamic  stability  tests  were  conducted  for  the 
EM  in  the  sub-trans-supersonic  range  in  FFA  S4  facility 
and  in  ARA(Bedford)  SWT  and  TWT  facilities,  and 
dynamic  subsonic  characteristics  of  the  DM  were 
measured  in  DRA(Bedford)  13x9  ft  facility. 

While  determination  of  the  aerodynamic  coefficients  in 
spinning  motion  for  the  DM  during  the  descent  were 
performed  in  the  NLR  Nord  East  Polder,  LST  facility. 
The  Netherlands. 

Qualitative  tests  of  dynamic  behaviour  of  the  DM 
with/without  parachute  during  descent,  spin  rate  and 
parachute  inflation  characteristics  were  performed  in  the 
vertical  wind  tunnel  of  the  Institut  de  Mecanique  des 
Fluides  (I.M.F.L.)  in  Lille,  France. 

Measurement  of  radiative  emission  properties  of 
(N2,CH4,Ar)  plasma  have  been  conducted  in  the  shock 
tube  facility  TCM2  of  the  Universite  de  Marseille. 

On  the  other  hand,  high  level  of  modelisation  of  accurate 
specific  features  like  contamination  problems  of 
experiments  were  conducted  theoretically. 

The  HUYGENS  wind  tunnel  test  plan  is  shown  on  table 
n°l  : 

6.3.3  HUYGENS  related  CFD  difficulties 

As  previously  mentioned,  the  global  aerodynamic 
coefficients  of  such  large  drag,  large  angle  blunted  cones 
are  easily  calculated  with  a  fairly  good  accuracy  in 
hypersonic  regime,  with  simple  theoretical  models. 
However,  as  far  as  heat  fluxes  are  concerned,  or  when 
local  flowfield  features  are  addressed,  things  become 
more  severe,  and  need  far  deeper  theoretical  analysis. 

Heat  fluxes  &  level  of  modelisation 
When  the  probe  enters  the  atmosphere  of  TITAN,  the 
hypersonic  velocity  of  the  entry  module  results  in  a 
strong  bow  shock  in  front  of  the  sphero-conical  heat 
shield.  The  upstream  gas  mixture  is  dissociated  and 
ionised.  Due  to  the  low  upstream  pressure  associated  to 
the  high  velocity  of  the  probe,  the  chemical  reactions 
cannot  equilibrate,  as  the  collisions  between  particles  are 
not  numerous  enough. 
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Furthermore,  the  kinetic  energy  of  the  probe  is  partly 
transferred  to  the  plasma  within  the  bow  shock  layer,  and 
is  therefore  stored  as  internal  energy  of  the  plasma 
particles.  This  internal  energy  is  shared  among 
translational  energy  (thermic  energy)  of  the  particles, 
rotational  energy  of  polyatomic  species  (potential  energy 
of  a  group  of  rotating  "spheres"),  vibrational  energy  of 
polyatomic  species  (potential  energy  of  an  harmonic 
oscillator  represented  by  the  two,  or  more,  atoms  which 
composes  the  molecule,  and  which  may  be  imagined  as 
two  spheres  linked  by  a  spring),  and  electronic  energy 
(potential  energy  of  the  electron  orbiting  around  the 
molecules  or  atoms). 

The  simplest  hypothesis  consists  in  assuming  an 
equilibrium  partition  of  the  energy  among  these  internal 
modes  of  storage  (a  Boltzmann  partition).  In  this  case, 
the  energy  of  the  flowfield  in  the  bow  shock  layer  may  be 
represented  as  a  unique  temperature  T,  for  a  given 
location  in  the  bow  shock.  This  temperature  will  be  a 
function  of  time  and  position  in  the  shock  layer. 

However,  as  for  the  chemical  state,  in  the  case  of 
HUYGENS  entry,  the  pressure  and  velocity  result  in  full 
non  equilibrium  internal  state. 

This  means  that  after  crossing  the  bow  shock  layer,  each 
internal  mode  of  energy  storage  will  evolve  according  to 
a  finite  rate  of  exchange  between  translation  and 
vibration,  translation  and  rotation,  translation  and 
electronic,  electronic  and  rotation,  ...etc.... 

Hence,  the  energy  state  at  a  given  position  in  the  shock 
layer,  will  depend  on  time,  and  depend  also  on  the  non 
equilibrium  partition  of  the  energy  which  exists  at  a 
location  immediately  forward  of  this  location  (  for  a 
mono  dimensional  case).  The  state  of  the  flowfield  will 
then  be  described  by  a  multiple  temperature  model  :  a 
translational  temperature  Tt,  a  rotational  one  Tr,  a 
vibrational  Tv  and  an  electronic  temperature  Te-. 

These  temperatures,  and  chemical  species  will  evolve 
towards  an  equilibrium  state,  at  a  certain  rhythm  which 
can  be  expressed  by  Landau  Teller  expression  for 
example  (see  [RIO]  for  example). 

This  phenomenum  is  called  the  relaxation  of  the 
chemical  and  of  the  internal  energy  across  the  shock 
layer. 

An  accurate  non  equilibrium  representation  of  the 
flowfield  in  the  bow  shock  layer  is  of  primary  importance 
for  heat  fluxes  assessment.  Indeed,  as  said  before,  strong 
radiators  like  CN  molecules  appear  in  these  chemical 
non  equilibrium  state,  although  they  would  not  be 
present,  for  the  same  conditions  of  temperature  and 
pressure  under  chemical  equilibrium  assumption. 
Furthermore,  the  thermal  non  equilibrium  (internal  state 
non  equilibrium)  results  in  a  large  overshoot  of  the 
radiative  spontaneous  emission  of  CN  (  up  to  3,5  times 
the  equilibrium  emission  for  the  same  translational 
temperature,  see  Ref  9).  Finally,  the  radiative  heat  flux 
may  be  as  large  than  the  convective  heat  flux 
(500kW/m2  convective  500kW/m2  for  radiative). 


In  the  case  of  a  Earth  re-entry,  the  radiative  part  of  the 
total  heat  flux  is  less  than  10%  for  velocity  lower  than  10 
km/s. 

Chemical  non  equilibrium  features 
Therefore,  the  radiative  heat  flux  computations  require  a 
high  level  of  theoretical  modelisation,  i.'e.  calculation  of 
the  non  equilibrium  chemistry,  by  computation  of  the 
finite  chemical  rate  of  a  set  of  typically  20  reactions 
(forward  and  backward  reaction  rates).  This  calculation 
process  uses  first  data  on  the  reaction  which  can  occur 
within  the  N2,CH4  and  Argon  plasma  (see  Ref  9,  10 
and  11),  and  indications  on  the  reaction  rates  of  these 
reactions,  either  the  forward  reaction  rate  kfi 
(endothermic  reaction  i,  e.g.  dissociation)  or  the 
backward  reaction  rate  kbi  (exothermic  reaction  i, 
recombination  typically). 

Typically,  one  of  the  two  reaction  rates,  e.g.  the  forward, 
is  given  by  an  ARRHENIUS  law  such  as  : 

kf=aT‘’e-'=^ 

Where  T  can  be  either  the  translational,  vibrational  or 
electronic  temperature,  or  a  combination  of  these 
temperatures  (see  Ref  18,19). 

A  first  remark  should  be  stressed  here  :  the  available 
literature  data  have  obviously  a  range  of  temperature  and 
pressure  over  which  they  have  been  actually  determined. 
The  rigorous  and  reliable  application  of  these  data 
should  therefore  be  strictly  limited  to  the  aforementioned 
temperature  and  pressure  range.  However,  the  flight 
conditions  are  often  different  from  these  experimental 
ones,  and  the  engineer  has  often  to  "extend"  the 
applicability  of  these  data,  by  extrapolation.  This,  of 
course,  can  degrade  the  accuracy  and  reliability  of  the 
TPS  design  ,  at  the  end.  The  need  of  a  continuous  link 
between  the  design  engineer  and  scientific  research  is 
obvious. 

The  backward  reaction  rate  is  computed  from  the  simple 
relationship  : 

Ki  =  kfieq  ''•b/kbi^q  vib 

where  Ki  is  the  equilibrium  constant,  i.e.  the  constant 
which  enables  ,at  equilibrium  conditions  ,  to  calculate, 
together  with  conservation  equations,  the  molar  fractions 
of  species. 

This  equilibrium  constant  Ki  can  be  calculated  from 
power  series  curve  fit,  within  a  certain  range  of 
temperature  and  pressure.  However,  in  the  HUYGENS 
case,  where  complete  thermal  non  equilibrium  occurs, 
the  equilibrium  constant  is  derived  from  the  partition 
functions  Q  of  the  different  chemical  species  implied  in 
the  reaction. 
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These  partition  function  describe  the  fraction  of 
molecules  in  any  excited  state  of  the  different  modes  of 
internal  energy  storage  : 


Q 


exp(^) 


Where  Nj  is  the  total  amount  of  particle  j 

is  the  number  density  of  particles  j  in  a  given 

quantic  energy  ej  level  for  translation,  vibration, 
electronic  or  rotation,  Cj  is  the  number  of  possible 
representations  of  sj ,  k  is  the  Boltzmann  constant. 

T  is  the  corresponding  temperature  (for  translation, 
vibration,  electronic  or  rotation  respectively),  and  the 
partition  function  Q  is 


Thermal  non  equilihrium  features 
The  aforementioned  thermal  relaxation  needs  to  be 
modelized  as  conservation  equations  for  translational, 
rotational,  vibrational  and  electronic  energy. 

Each  of  these  equations  may  be  expressed  under  the 
form: 


dE^/dt  =  (  exchange  terms  )  +  (  source  terms  ) 

where  ^  stands  for  t,  r,  v  or  e  ,  i.e.  translation,  rotation, 
vibration  and  electronic  respectively. 

In  this  field,  the  difficulty  is  the  selection  of  the 
exchange  terms  and  the  source  terms. 

The  exchange  terms  are  expressed  typically  under 
Landau  Teller  forms,  let  us  take  the  translation  vibration 
energy  exchange  term  : 


e  =  Zexp(^) 


QT  -  v,j  =  pj 


evj(T)  -  evj 


The  expression  of  these  partition  functions  is  derived 
from  statistical  mechanics  (see  Ref  8). 

The  chemical  non  equilibrium  results  indeed  in  a  deep 
level  of  complexity,  because  of  theoretical  models  and 
related  computational  representation,  but  also,  because  of 
the  necessary  analysis  of  the  features  of  the  plasma. 
Indeed,  the  design  engineer,  has  first  to  select  a 
representative  set  of  chemical  reactions  which  can  occur 
within  the  plasma,  in  order  to  "capture"  all  the  species 
which  may  appear  from  the  upstream  mixture.  Then, 
specific  CFD  problems  can  appear,  which  require 
performance  of  additional  analysis. 

In  the  very  case  of  HUYGENS  probe,  the  CH4 
dissociates  just  behind  the  shock,  to  form  CH3,  CH2,  CH 
and  C,  H.  This  dissociation  is  so  fast,  in  CFD  wording  ; 
the  equations  are  so  steep,  that  a  stagnation  line 
computation  of  the  HUYGENS  entry  module  lasts  for  2 
to  4  hours  of  CPU  time  on  a  Cray  YMP  computer.  This, 
of  course,  is  constraining  for  aerothermodynamic 
analysis,  because  it  can  delay  the  heat  fluxes  delivery 
e.g.,  and  furthermore,  it  increases  the  induced  cost  of  the 
aerothermodynamic  studies. 

However,  engineer  analysis  show  that  the  reaction  rate 
which  involve  CHn  compounds  can  be  divided  by  10^, 
i.e.  the  reaction  rate  are  much  slower,  whereas  the  molar 
fraction  of  the  CHn  compounds  are  changed  from  lO'^O 
to  10'^^,  i.e.  the  CHn  were  almost  zero  and  remain  zero, 
which  typically  means  that  in  any  case  the  overall  result 
is  unchanged,  from  probe  design  point  of  view,  whereas 
the  CFD  time  for  computations  falls  down  to  2  ... 
minutes  on  the  same  Cray  YMP! 


evj(T)  is  the  vibrational  energy  of  the  species  j  calculated 
at  equilibrium  at  the  translational  temperature  T. 
evj  is  the  local  vibrational  energy. 

The  first  term  indicates  that  the  rate  of  change  of  the 
vibrational  energy  is  proportional  to  the  vibrational 
nonequilibrium  (dEv/dt  proportional  to  (evj(T)-evj).  The 
proportionality  factor  is  equivalent  to  a  time  xj,  which 
represents  the  characteristic  time  of  this  relaxation 
process. 

Several  different  expression  for  this  characteristic  time 
can  be  found  in  literature.  An  expression  developed  by 
MILLIKAN  and  WHITE  yields  the  vibrational  relaxation 
time,  xj  (see  Ref  12).  Two  others  laws  have  been 
checked  :  WOOD  and  SPRINGFIELD  (see  Ref  13)  and 
park's  modification  (see  Ref  14,15). 

These  different  modclisations  lead  to  different  profiles  of 
temperatures  (sec  figure  n°7). 

Moreover,  additional  exchange  terms  must  be  taken  into 
account,  e  g.  between  electronic  and  vibrational  energies, 
which  is  similar  to  the  translational-vibrational  exchange 
term,  i.e.,  the  rate  of  change  of  vibrational  energy  is 
proportional  to  the  difference  between  the  vibrational 
energy  at  equilibrium  at  electronic  temperature  Te-  and 
the  actual  vibrational  energy,  and  the  exchange  term 
which  represents  the  tranfer  of  vibrational  energy  within 
the  different  vibration  modes  of  the  different  polyatomic 
species. 

Therefore,  this  does  illustrate  once  more  the  need  for 
high  level  of  modelisation.  Indeed,  the  relaxation  rate  of 
vibrational  energy  is  driving  the  vibrational  temperature 
profile  in  the  bow  shock  layer. 
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Now,  it  turns  out  that  the  peak  of  radiative  emission 
occurs  when  the  translational,  vibrational  and  electronic 
temperature  collapse.  The  abscissa  of  this  temperature 
collapse  will  then  change  the  emissivity  profile  in  the 
shock  layer,  and  therefore  it  does  change  the  radiative 
heat  flux  to  the  wall. 


Sensitivity  studies  are  needed  to  assess  either  the 
margins  associated  to  the  radiative  heat  flux 
computations,  or  the  model  which  leads  to  the  best 
comparison  with  experiments  (see  §8). 

Within  the  source  terms,  we  can  note  the  following  : 


(source  term)  =  -  pj . 


Ev(T;Tv.i)  -  eyj 

Cj 


pj  ■ 


Gv(T)  -  evj 

Cj 


where  Cj  is  the  mass  fraction  of  the  species  J. 

The  first  and  second  terms  represent  the  source  terms, 
which  are  respectively  the  loss  of  vibrational  energy  due 
to  the  dissociation  whereas  the  second  term  represents 
the  gain  of  vibrational  energy  due  to  the  recombination. 
Ev  and  Gv  are  developed  in  Ref  16,17. 


was  fixed  to  1.2,  in  order  to  take  into  account  the 
decrease  of  the  temperature  due  to  real  gas  effect  (The 
grid  for  this  calculation  is  shown  of  figure  n°10). 

Figure  n°ll  shows  the  pressure  field  in  the  recirculation 
zone,  which  shows  that  a  recirculation  shock  takes  place 
immediately  downward  of  the  top  of  the  back  cover. 
Indeed,  the  flow  in  the  recirculation  region  becomes 
supersonic  when  it  impiges  the  top  of  the  bach  cover. 
Therefore,  a  normal  shock  must  take  place  on  the  top  of 
the  back  cover,  to  reach  zero  velocity  at  the  stagnation 
location.  This  unexpected  numerical  feature  results  in  a 
convective  heat  flux  increase  at  the  top  of  the  back  cover. 
Indeed  ,  the  recirculation  shock  results  in  temperature 
increase  in  front  of  the  top  of  the  back  cover. 

This  kind  of  feature  has  already  been  observed  in 
numerical  simulation  performed  by  Gnoffo  (see  Ref 
20,21  ),  however  it  has  not  been  observed  in  experiments 
on  similar  kind  of  vehicles  (see  Ref  22,23),  and  this 
effect  disappears  when  a  non  zero  angle-of-attack  is 
computed  (see  Ref  21,24). 

This  recirculation  presence  is  questionnable,  and  could 
be  explained  by  several  hypothesis: 


Some  CFD  amazing  features 

Apart  of  the  difficulties  of  numerical  computations 
related  to  the  high  level  of  theoretical  modelisation 
which  is  required  for  heat  fluxes  calculation  for  example, 
some  difficulties  may  arise  from  the  feature  of  the 
numerical  solution  itself 

Let  us  take  the  example  of  the  computation  of  the  large 
wake  of  the  HUYGENS  entry  module  in  supersonics. 

This  wake  is  characterised  by  the  shoulder  expansion 
around  the  tip  corner,  the  free  shear  layer  between  this 
expansion  area  and  the  large  recirculation  zone, 
emanating  from  the  probe  frustum,  and  extending 
rearward  down  to  1.5  diameter  from  the  base  (see  figure 
n^S). 

A  recompression  shock  occurs  at  the  rearward  stagnation 
point  (closure  of  the  recirculation  zone),  which  is 
characterised  by  high  temperature  level,  which  is  also 
called  the  neck  region  (see  fig.  n°9). 

Some  laminar,  perfect  gas  Navier  Stokes  computations  of 
this  recirculation  zone  were  needed  at  Mach=15  and 
M=21,  in  order  to  assess  the  convective  heat  flux  profile 
on  the  back  cover  of  the  entry  module.  These  Mach 
numbers  correspond  to  the  following  conditions  on  the 
Entry  Module  trajectory  :  the  altitude  Z,  upstream 
pressure  P,  upstream  temperature  T  are  respectively 
(Z=226  km;  P=27,3  Pa;  T=145  K)  and  (Z=260km; 
P=ll,4  Pa;  T=145  K).  The  specific  heat  ratio  g=Cp/Cv 


it  can  be  due  to  a  grid  axis  effect  for  the  particular 
zero  degree  angle-of-attack  computation  case, 

this  shock  can  represent  a  particular  solution  at  the 
very  zero  degree  angle-of-attack  case,  and  could 
vanish  for  a  slightly  different  incidence.  It  is  indeed 
possible  that  when  the  flow  is  forced  to  be 
axisymmetric,  the  afterbody  streamlines  configuration 
present  a  saddle  point  at  the  neck,  where  the  velocity 
cancels,  resulting  in  a  strong  recompression  wake 
core,  which  drives  the  base  flow  to  be  supersonic. 
When  incidence  increases,  this  convergent  streamline 
structure  is  broken,  resulting  in  a  better 
homogeneisation  of  the  base  flow, 

the  Navier  Stokes  computations  were  performed  in 
laminar  condition.  A  realistic  case  would  be  turbulent 
(a  very  low  Reynolds  number,  about  2000,  based  on 
body  radius,  triggers  the  transition  in  the  shear  layer, 
see  Ref  25).  It  is  clear  that  a  turbulent  viscosity 
model  in  the  Navier  Stokes  calculations  will  result  in 
a  greater  dissipation  in  the  recirculating  flow,  and  a 
corresponding  atenuation  of  the  recirculation  shok 
wave, 

the  Navier  Stokes  solution  corresponds  to  the  steady 
state  solution  of  the  time  dependent  equations. 
Whereas  experimental  test  seem  to  show  the  base 
flow  to  be  unsteady,  which  tends  to  homogeneize  the 
wake  flow. 
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Several  reasons  therefore  exist,  which  lead  to  think  that 
the  recirculation  shock  is  not  realistic.  However  the 
thermal  protection  system  of  the  probe  must  be  reliable. 
The  amazing  behaviour  of  this  numerical  solution  puts 
here  a  strong  question  directed  towards  the  design 
engineers  of  the  vehicle. 

It  was  therefore  chosen  to  use  a  semi-empirical  formula 
to  calculate  the  base  heat  flux  of  the  HUYGENS  entry 
module  along  the  trajectory  (Navier  Stokes  calculations 
cannot  be  performed  all  along  the  trajectory')-  This 
formula  was  shown  to  agree  with  the  Navier  Stokes  data 
on  the  major  part  of  the  base  of  the  entry  module. 

The  heat  flux  data  on  the  top  of  the  back  cover  were 
multiplied  by  a  safety  factor  2,  in  order  to  take  into 
account  the  Navier  Stokes  data. 

CFD  towards  complexity 

Besides  the  questions  that  can  arise  from  the  numerical 
solutions,  CFD  provides  with  the  capability  to  answer 
quickly  to  very  complicated  problems  that  designers  have 
to  face  during  the  development  of  the  vehicle,  and  which 
are  related  to  the  increase  of  the  complexity  of  the 
system,  resulting  from  the  completion  of  its  definition 
along  the  time  schedule  of  the  program. 

One  example  taken  here  is  the  influence  of  the  presence 
of  several  protrusions  on  the  descent  module,  on  the 
performance  of  the  spin  vanes. 

Figures  n°12  and  13  show  the  Navier  Stokes 
computations  of  the  streamline  around  the  descent 
module,  for  different  arrangements  of  the  maximum 
diameter  geometry  of  the  descent  module. 

Informations  on  the  position  and  inclination  of  the  vanes 
can  be  derived  from  these  calculations,  although 
experimental  assessment  of  this  topics  would  lead  to 
complex  wind  tunnel  tests  arrangements,  much  increased 
time  schedule  with  respect  to  the  CFD  computation  time, 
which  could  be  unaffordable  within  the  time  and 
financial  constraints  of  the  development  program. 

Another  example  will  be  derived  in  the  contamination 
topics  depicted  hereafter. 

6.3.4  HUYGENS  related  experimental  difficulties 

The  difficulties  which  were  met  in  the  frame  of  the 
HUYGENS  program  can  be  split  in  two  sorts  of 
problems  : 

-  either  the  needed  material  and/or  experience  related  to 
required  experimental  investigation  was  not  mature  in 
Europe,  but  had  been  experienced  in  US  (e.g.  VIKING 
program), 

-  or,  the  specific  features  of  the  HUYGENS  mission  led 
to  the  need  of  very  innovative  experimental 
investigations. 


The  static  and  dynamic  derivatives  investigation  tests 
can  be  put  in  the  first  item,  while  the  radiative 
spontaneous  emission  tests  can  be  put  in  the  second  one. 
All  of  them  were  conducted  in  the  frame  of  the 
HUYGENS  project. 

The  first  item  will  be  discussed  here,  while  the  radiative 
tests  will  be  described  in  paragraph  8. 

No  previous  experience  on  very  blunt  shape  like 
HUYGENS  entry  module  was  available  in  European 
wind  tunnels.  The  main  drawback  concerns  the  existing 
hardware,  and  especially  the  balance.  Indeed,  the 
existing  balance  sensitivity  was  adapted  to  aircraft  or 
slender  cones  aerodynamic  loads  (small  axial  force  / 
large  lateral  force-pitching  moment)  which  are  the 
opposit  of  blunt  large  angle  cone  ones  (large  axial  force  / 
small  lateral  force-pitching  moment).  The  accuracy  on 
the  aerodynamic  coefficients  was  therefore  not 
optimized.  However,  the  required  accuracy  on  the  drag 
coefficient  for  example,  is  not  so  stringent  for 
HUYGENS  probe  than  for  an  aircraft  (typically  less  than 
1%  required  accuracy). 

The  drawback  of  the  lack  of  experience  was  more  critical 
on  the  dynamic  experimental  investigations.  Indeed,  a 
limited  number  of  available  wind  tunnel  facilities  were 
found  to  have  made  dynamic  measurements  in  EUROPE. 
The  available  experience  was  limited  to  aircraft  dynamic 
measurements,  or  slender  cone  shapes. 

As  a  limitation  arising  from  this  specificity  to  slender 
bodies,  the  dynamic  rigs  (composed  of  the  balance,  the 
flexures  and  the  forcing  mechanism  in  case  of  forced 
oscillation  technique)  were  designed  to  fit  into  the 
aircraft  models,  and  were  consequently  long,  and  could 
not  be  accomodated  into  the  scaled  HUYGENS  entry 
module  model.  The  available  sting  diameter  was 
consequently  large  compared  to  the  maximum  allowable 
size  of  the  probe  model,  and  the  actual  test  oscillation 
center  was  located  behind  the  model,  which  is  not 
representative  of  the  actual  flight  conditions. 
Furthermore,  this  involves  the  use  of  transport  formulae 
which  increase  the  uncertainty  in  the  damping 
coefficients  calculation  process. 

In  addition  to  the  existing  hardware  limitations,  the 
specific  features  of  the  HUYGENS  entry  module  add 
some  strong  requirements  on  experimental  devices. 

The  dynamic  instability  of  the  probe  is  by  a  matter  of 
fact,  present  even  in  the  case  of  static  tests  (the  probe 
definitely  ignores  that  it  undergoes  static  tests...).  The 
model  excites  the  sting,  especially  in  transonic  regime, 
and  results  in  stiffness  requirement  onto  the  sting,  in 
order  to  avoid  significant  oscillations,  and  possibly 
damages,  of  the  model  set-up. 
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The  wake  of  the  large  angle  cones  is  also  to  take  into 
account  for  wind  tunnel  tests.  Indeed,  because  a  large 
subsonic  region  is  contained  within  the  wake  of  the  blunt 
model,  informations  of  the  downstream  region  of  the 
wind  tunnel  can  possibly  affect  the  model  base  pressure 
distribution. 

The  model  must  therefore  be  suitably  placed  in  the  wind 
tunnel,  in  order  to  avoid  this  effect. 


7.  DRAWBACKS  OF  THE  SELECTED  SHAPES  ON 
SYSTEM 

7.1  Dynamic  behaviour  of  the  entry  module  and 
related  TO  constraints 

When  entering  the  TITAN  atmosphere,  the  entry  module 
is  submitted  to  aerodynamic  torque,  which  results  in  the 
case  of  a  statically  stable  vehicle,  to  a  processing  elliptic 
motion  of  probe  longitudinal  axis  around  the  velocity 
vector.  The  total  incidence  of  the  EM  describes  then  an 
oscillatory  motion,  with  first  a  converging  amplitude 
towards  a  constant  trim  angle-of-attack. 

The  angle-of-attack  at  beginning  of  entry  is  less  than  10° 
at  Mach  number  M>20,  which  becomes  less  than  2°  in 
supersonics. 

This  convergence  is  the  result  of  the  static  stability  of  the 
60°  half  angle  entry  module  in  hypersonics. 

Early  in  the  project,  dynamic  stability  tests  were 
performed  in  sub-trans  and  supersonic  Mach  number 
range,  which  showed  that  the  entiy  module  was 
dynamically  unstable  for  Mach  number  2  and  lower,  at 
moderate  angle-of-attack  (a<  15°),  with  an  increasing 
instability  with  decreasing  Mach  number. 

These  tests  were  performed  with  forced  oscillation  test 
technique  for  small  amplitude  oscillations  (1.2° 
amplitude)  with  existing  rig  adapted  to  aircraft  dynamic 
stability  investigation  (see  §6.3.4).  As  a  result,  the  sting 
was  large,  which  resulted  in  interferences  with  the 
flowfield.  Moreover,  the  center-of-oscillation  of  the  test 
could  not  be  located  inside  the  model.  Therefore, 
dedicated  transport  formulae  had  then  to  be  used  in  order 
to  derive  the  damping  coefficients  at  the  model  scaled 
center-of-gravity  location  (see  Ref  26)  and  led  to  poor 
accuracy  of  the  results. 

However,  VIKING  tests  had  shown  that  interference 
effect  were  not  significant  for  Mach  number  2  (see  Ref 
27),  and  Schlieren  pictures  of  the  EM  tests  at  small 
incidence  did  not  show  evidence  of  near  wake 
disturbance,  in  terms  of  neck  diameter  and/or  neck 
distance  to  the  EM  frustum,  when  compared  to  CFD 
Navier  Stokes  computations  (these  two  parameters  were 
investigated  in  VIKING  dynamic  tests  sensitivity  studies 
with  respect  to  sting  interference). 


Consequently,  this  unexpected  dynamic  instability  was 
taken  into  account  in  dynamic  database  used  for  6 
degree-of-freedom  computations  of  EM  entry  into 
TITAN  atmosphere. 

The  dynamic  stability  of  the  EM  for  Mach  numbers 
larger  than  2,  up  to  hypersonic  regime,  was  fitted  to 
VIKING  one,  which  predict  a  stabilising  trend  in  the 
range  Mach  number  2  to  3  (see  Ref  27).  A  conservative 
slight  dynamic  instability  was  however  kept  in 
hypersonics  for  very  small  incidence  (a<2°),  based  on 
free  flight  test  results  of  flat  base  60°  half  angle  cones 
(see  Ref  28). 

This  unexpected  supersonic  dynamic  instability  had  a 
large  negative  impact  on  the  system. 

Indeed,  6  degree-of-freedom  simulations  showed  that 
hypersonic  to  supersonic  dynamic  instability  resulted  in  a 
small  limit  cycle,  associated  with  a  transverse  rate  in 
high  supersonic.  These  conditions  revealed  to  be  very 
unfavourable  in  low  supersonic,  because  the  transverse 
rate,  associated  to  the  dynamic  instability  peak  in 
transonic  resulted  then  in  a  fast  rise  of  incidence,  up  to 
unacceptable  value  for  safe  parachute  deployment  (more 
than  30°  at  Mach  number  M=1.5). 

Further  experimental  investigations  were  needed,  in 
order  to  verily  the  supersonic  stabilising  trend,  and  the 
actual  dynamic  behaviour  of  the  EM  in  high  supersonics. 

A  different  facility  and  test  set  up  were  used  in 
ARA(Bedford),  in  order  to  avoid  the  identified  sources  of 
discrepancies,  and  add  confidence  in  results  which 
should  be  measured  by  two  different  ways. 

The  free  oscillation  test  technique  was  used.  This 
technique  provides  the  experimenter  with  a  simple  and 
reliable  way  to  assess  the  dynamic  behaviour  of  a  model. 
Indeed,  no  balance  is  used,  the  sting  is  then  far  simpler 
and  smaller. 

Moreover,  the  direct  output  of  strain  gage  located  on  the 
flexure  which  is  the  center-of-oscillation  of  the  tests,  and 
is  designed  to  be  placed  at  the  scaled  center-of-gravity  of 
the  model,  gives  the  incidence  versus  time  history,  and 
so  far,  immediate  evidence  of  dynamic  stability  or 
instability. 

Figure  n°12  shows  the  incidence  versus  time  of  the  EM 
at  Mach  number  M=2.9. 

The  quickly  damped  amplitude  of  oscillations  shows  that 
the  EM  is  dynamically  stable  at  this  Mach  number,  with 
a  Cmq+Cma  =-0.19. 

The  free  oscillation  tests  have  shown  that  the  EM  is 
actually  dynamically  unstable  for  Mach  numbers  M<2.4, 
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with  an  increasing  instability  for  decreasing  Mach 
numbers,  for  very  small  range  of  angle-of-attack  (a<3°). 
The  stabilising  trend  from  Mach  number  M=2  to  M=3 
was  confirmed,  and  a  veiy  small  dynamic  instability  is 
kept  in  the  hypersonic  database  for  very  small  angle-of- 
attack  (a<2°). 

The  complete  new  issue  of  the  dynamic  database  was 
then  used  to  compute  EM  trajectories  in  the  TITAN 
atmosphere,  and  led  to  a  safe  angle-of-attack  lower  than 
5°  at  parachute  deployment  (M=1.5). 


8.  HEAT  FLUXES  CALCULATION  IN  AN 
UNKNOWN  ENVIRONMENT 

Maybe  the  most  important  feature  of  this  mission  is  the 
fact  that  the  mission  objective  is  to  determine  the 
atmospheric  chemical  compounds,  the  temperature  and 
pressure  profiles,  while  these  parameters  have  a  strong 
impact  on  the  design  of  the  probe.  Indeed,  as  it  will  be 
seen  later,  the  radiative  heat  fluxes  have  been  shown  to 
exhibit  a  strong  sensitivity  with  respect  to  the  upstream 
chemical  composition  of  the  atmosphere.  Hence,  design 
drivers  like  heat  fluxes,  or  deceleration  loads  must  be 
determined  with  a  conservative  approach,  while  a  too 
pessimistic  prediction  would  lead  to  mass  penalties, 
which  of  course  must  be  avoided. 

This  paragraph  will  show  how  the  heat  fluxes  need  to  be 
determined  whatever  the  parameters  which  have  an 
influence  on  heat  fluxes  level  may  be,  and  how  a 
conservative,  but  not  oversizing  methodology  has  been 
derived. 

The  Titan  entry  module  enters  the  Titan  atmosphere  with 
a  velocity  of  6190m/s,  with  a  flight  path  angle  of  -64°. 
This  extremely  high  velocity  results  in  dissociation  and 
ionisation  of  the  upstream  gas  mixture  in  the  forebody 
shock  layer.  Moreover,  the  relaxation  times  of  chemical 
and  thermal  processes  involved  are  of  the  same 
magnitude  than  the  characteristic  time  of  the  flowfield, 
the  shock  layer  being  so  in  full  non  equilibrium. 

As  the  Titan  atmosphere  major  constituents  are  N2 
(more  than  77%  in  molar  fraction),  CH4  (from  0  up  to 
3,5%)  and  Argon  which  may  exist  up  to  20%,  non 
equilibrium  reactions  result  in  CN  creation  which  is 
known  to  be  a  strong  radiator. 

The  probe  heat  shield  has  then  to  face  both  large 
convective  and  radiative  heat  flux.  Very  early  in  the 
thermal  protection  system  design  process,  designers  have 
to  be  provided  with  reliable  maximum  heat  fluxes,  in 
order  to  issue  a  robust  TPS,  while  TPS  thickness  must 
not  be  too  large  (too  conservative)  in  order  to  avoid  mass 
penalties. 


Up  to  now,  the  exact  composition  of  Titan  atmosphere  is 
unknown  and  cannot  therefore  be  treated  by  statistical 
approach.  The  total  heat  fluxes  must  then  be  calculated 
for  the  upstream  gas  mixture  chemical  composition 
which  gives  the  maximum  level. 

Sensitivity  of  both  convective  and  radiative  heat  fluxes 
with  respect  to  upstream  gas  mixture  chemical 
composition  was  then  studied  theoretically. 

Convective  Heat  Flux 

The  convective  heat  flux  is  the  summation  of  the  part 
proportional  to  temperature  gradient  (Fourier  law),  and 
the  part  which  corresponds  to  the  diffusion  of  the 
enthalpy  of  the  species  to  the  wall : 


where  ^  =  thermal  gradient  at  the  wall 

X.=  gas  conductivity 
j  =  mass  diffusion  flux  of  species  i 

hi  =  specific  enthalpy  of  the  species  i 

The  studied  upstream  gas  mixtures  were  in  the  range  0- 
5-10-15-20%  Argon,  0  to  5%  CH4  in  molar  fraction,  and 
N2  to  complete. 

Stagnation  convective  heat  flux  computations  were 
performed  by  use  of  Euler  plus  boundary  layer,  thin  layer 
Navier  Stokes  and  Viscous  shock  layer  codes,  either  in 
equilibrium  or  non  equilibrium  (  see  chemistiy  in  Ref 
29),  with  catalytic  wall  conditions,  for  different  upstream 
gas  mixtures  and  for  different  points  along  the  trajectory. 
The  observed  trend  of  variation  of  stagnation  convective 
heat  flux  versus  upstream  chemical  composition  is 
similar  in  all  conditions  ;  a  methane  increase  decreases 
the  convective  heat  flux  level  and  an  Argon  increase 
results  in  a  convective  heat  flux  increase  (see  figure 
n°15). 

Radiative  Heat  Flux 

Radiative  heat  flux  sensitivity  with  respect  to  upstream 
chemical  composition  was  first  determined  theoretically. 
Within  the  potential  radiator  species,  the  main 
contributor  to  the  radiative  heat  flux  is  first  of  all  the  CN 
violet  band  system  in  the  range  0.3  -  0.5pm  and  the  CN 
red  system  (0.5pm  and  higher).  The  monoatomic 
Nitrogen  N  radiates,  but  is  about  completely  self 
absorbed.  Other  species  like  HCN  are  in  negligible 
amount. 
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The  methodology  used  consisted  in  calculating  first  the 
chemical  and  thermal  characteristics  of  the  bow  shock 
layer,  then  calculating  the  excitation  and  radiative 
properties  on  the  stagnation  line,  in  order  to  derive  a 
stagnation  radiative  heat  flux  with  a  thin  slab 
assumption,  which  led  to  conservative  values  of  radiative 
heat  fluxes. 

The  global  chemical  and  thermal  properties  of  the  bow 
shock  layer  were  determined  using  either  Euler  lull  non 
equilibrium  computation  for  calculating  the  global 
species  number  densities,  temperatures  and  pressure,  or  a 
Parabolized  Navier  Stokes  with  perfect  gas  assumption 
giving  the  stagnation  line  pressure  evolution,  and  a 
streamline  chemistry  was  performed  on  this  stagnation 
line. 

Then,  excited  state  populations  of  radiator  molecules 
calculation  was  performed  using  a  quasi  steady  state 
assumption,  and  finally  radiative  emission  calculation 
was  performed. 

A  non  linear  evolution  of  radiative  heat  flux  versus 
methane  molar  fraction  was  then  observed.  Indeed,  the 
radiative  heat  flux  level  first  increases  from  0  to  a  small 
amount  of  CH4  molar  fraction  (2-3%),  it  reaches  a 
maximum,  and  then  decreases  for  larger  CH4  molar 
fractions. 

The  CH4  molar  fraction  corresponding  to  the  maximum 
radiative  heat  flux  depends  on  the  upstream  Mach 
number:  it  increases  with  increasing  upstream  Mach 
number. 

This  behaviour  may  be  explained  as  follows:  an  upstream 
gas  mixture  without  methane  radiates  to  a  negligible 
extent.  When  little  CH4  is  introduced,  CH4  dissociates 
veiy  quickly  behind  the  shock  wave  and  with  dissociated 
N2  creates  CN,  which  in  turn  radiates. 

The  radiation  heat  flux  then  increases  with  increasing 
CH4,  as  more  CH4  results  in  more  CN  radiator. 

However,  as  CH4  dissociation  is  an  endothermic 
reaction,  the  enthalpy  of  the  shock  layer  decreases  when 
CH4  fraction  increases.  As  a  result,  the  temperature  of 
the  shock  layer  decreases,  and  at  a  certain  time,  more 
CH4  leads  to  less  radiative  heat  flux. 

When  upstream  Mach  number  increases,  as  the  upstream 
enthalpy  is  higher,  more  CH4  may  be  dissociated  to 
create  more  CN  before  the  available  enthalpy  decreases 
too  mueh. 

Figure  n°16  show  this  behaviour  for  M=19,75. 

More  Argon  was  found  to  increase  the  radiative  heat 
flux,  and  increases  the  CH4  molar  fraction  which 
corresponds  to  the  maximum  radiative  heat  flux. 

Total  Heat  Flux 

Finally,  heat  fluxes  are  calculated  for  the  worst  upstream 
chemical  composition,  which  leads  to  the  maximum  total 
heat  flux  level,  i.e.  a  3.5%  CH4,  20%  Ar  and  76.5%  N2. 


Finally,  computations  of  total  heat  flux  are  performed  for 
nominal  and  extremes  trajectories  in  terms  of  flight  path 
angle  (-66°/-64°/-60°),  atmosphere  (min/max  density  and 
temperature  according  to  Lelouch  Hunten  model),  for  the 
worst  upstream  chemical  composition. 

This  leads  to  approximately  the  same  level  of  maximum 
convective  than  radiative  heat  flux  versus  altitude  : 

500  kWm2  convective  /  500kW/m2  radiative  (see  figure 
n°17). 

The  features  of  both  types  of  heat  flux  are  however 
different,  as  the  radiative  heat  flux  curve  versus  time,  or 
altitude,  is  very  sharp,  the  level  of  it  is  of  great 
importance  for  the  TPS  integrity  (a  heat  flux  higher  than 
the  maximum  allowable  could  lead  to  significant 
mechanical  and/or  physical  degradation).  On  the  other 
hand  the  convective  heat  flux  curve  versus  time  or 
altitude  is  more  smooth  and  is  the  main  factor  for  TPS 
thickness  sizing. 

Experimental  evidence  of  both  the  choice  of  the  worst 
chemical  upstream  gas  mixture,  and  of  the  level  of 
predicted  heat  fluxes  was  then  needed. 

Convective  heat  fluxes  have  been  predicted  theoretically 
and  measured  in  flight  on  re-entry  vehicles  for  at  least 
two  decades  in  Aerospatiale.  The  knowledge  of 
convective  heat  flux  is  accurate  within  +-10%. 

No  dedicated  tests  have  been  performed  in  the 
HUYGENS  program  for  convective  heat  flux 
measurements. 

Meanwhile,  the  radiative  heat  flux  is  veiy'  specific  of 
TITAN  entry,  since  the  powerful  radiative  emission  of 
the  bow  shock  layer  is  strongly  dependent  on  the  non 
equilibrium  chemistry  of  the  N2/CH4/Ar  gas  mixture. 
Indeed,  Park  has  shown  that  non  equilibrium  conditions 
lead  to  peak  of  radiative  emission  (see  reference  n°6). 
Our  theoretical  calculations  show  indeed  this 
phenomenum,  of  a  fast  rise  of  the  radiative  emission  of 
mainly  the  CN  violet  system,  behind  the  shock,  when  the 
electronic,  vibrational  and  rotational-translational 
temperature  collapse. 

Our  first  comparisons  with  experimental  material  was 
performed  by  using  Chung  Park  shock  tube  experiments 
(see  Ref  n°9). 

Many  comparisons  were  performed  with  different 
assumptions  on  theoretical  models,  which  enable  a  best 
estimate  model  to  be  found  out,  to  be  used  for  our  flight 
predictions  of  radiative  heat  fluxes. 

This  model  was  a  Millikan  &  White  relaxation  model, 
with  three  temperatures  model  (Tt,  Tv,  Te-). 
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Figure  n°18  shows  the  comparisons  between  calculated 
and  measured  emission  versus  distance  behind  the  shock, 
for  one  of  the  CN  violet  transition,  which  shows  a  good 
agreement. 

Associated  with  radiative  heat  flux  level  prediction,  a 
margin  analysis  was  performed,  which  led  to  a 
+-100%  uncertainty. 

This  seems  reasonable  and  not  too  conservative,  with 
respect  to  the  large  number  of  influencing  parameters 
which  are  not  very  well  known  (electron  number  density, 
electronic  temperature,  collision  sections,  ...etc...).  Chul 
Park  proposes  the  same  in  reference  n°30. 

Although,  significant  improvements  have  been 
performed  in  theoretical  predictions  of  radiative  emission 
(our  models  use  a  three  temperature  scheme),  dedicated 
WT  tests  were  needed. 

The  powerful  TCM2  Universite  de  Provence  shock  tube 
facility  was  selected. 

The  test  program  consisted  in  performing  shock  tube 
tests  of  measurements  of  selected  wavelengths  radiative 
emission,  for  different  upstream  gas  mixture  within 
0/5/10/20%Ar  ;  3.5%  CH4  and  N2  to  complete. 

The  upstream  pressure  was  requested  to  be  in  the  range 
l-2mBar,  which  is  low  for  shock  tube  tests  (problem 
arise  from  boundary  layer  growth  on  the  shock  tube,  and 
not  enough  emission),  but  still  10  times  larger  than  the 
TITAN  conditions  in  flight  at  the  same  Mach  number. 
The  main  difference  resulting  is  the  10  time  smaller  non 
equilibrium  zone  of  the  shock  tube  plasma  behind  the 
shock  wave,  with  a  peak  non  equilibrium  which  occurs  at 
1.5mm  downstream  of  the  shock  in  the  shock  tube,  and 
approximately  2-3  cm  in  flight.  As  this  non  equilibrium 
zone  is  our  main  interest  in  flight  because  it  sizes  the 
radiative  heat  flux  in  the  stagnation  region,  one  of  the 
requirement  of  the  tests  is  to  have  a  high  time  resolved 
accuracy  in  these  1.5mm  behind  the  shock,  i.e.  having 
roughly  100  measurements  sample  in  the  zone 
immediately  behind  a  shock  wave  travelling  at  5600m/s. 
Moreover,  the  slit  area  of  the  optical  apparatus  was 
requested  to  be  as  thin  as  possible,  in  order  to  be  able  to 
derive  the  vibrational  temperature  from  the  ratio  of 
selected  wavelengths  within  the  AV=0  and  AV=1  of  the 
CN  violet  system.  The  slit  area  is  then  about  O.SA. 

The  tests  results  show  a  sensitivity  of  measured 
emissivities  versus  Argon  which  is  less  than  expected 
from  theoretical  calculations,  and  is  difficult  to 
determine.  Indeed,  a  slight  variation  of  shock  velocity 
and/or  a  slight  leakage  of  air  in  the  shock  tube  can  vary 
the  emissivity  profiles  in  a  magnitude  comparable  to 
Argon  effect  (air  brings  O2,  which  dissociates  and 
creates  CO  instead  of  CN  with  dissociated  CH4). 


Hence  significant  experimental  efforts  have  been  made  in 
order  to  discriminate  these  effects,  which  means  that  the 
tests  are  requested  to  be  very  accurate,  and  are  therefore 
very  difficult  to  master. 

Finally,  experimental  results  show  that  the  emissivity 
profiles  in  the  CN  violet  system  behind  normal  shock, 
are  maximum  for  the  20%  Argon  case  within  the  tested 
mixtures,  which  confirms  the  choice  of  the  worst  case  for 
heat  flux  calculation  process. 


9.  PARACHUTE  PHASE  DESCRffTION 

The  main  specifications  of  the  descent  subsystem  are: 

-  to  control  the  descent  (sink  and  spin  rates), 

-  to  stabilize  the  probe  attitude  in  order  to  insure  a  good 
radio  up-link  to  the  CASSINI  orbiter  during  the 
descent  and  to  guaranty  good  conditions  for  the  descent 
imager. 

The  conditions  at  the  end  of  the  reentry  phase  are  very 
severe:  supersonic  regime  at  low  dynamic  pressure 
(between  210  and  440  Pa  at  M  =  1.5)  and  incidence  of 
the  probe,  less  than  15°,  although  the  module  possesses 
weak  dynamic  stability  in  a  low  divergent  dynamics. 

The  descent  sequence,  initiated  by  g-sensing,  allows  the 
deployment  and  inflation  of  the  pilot  parachute,  which 
extracts  the  back  cover  and  the  bag  of  the  8  m  diameter 
main  parachute.  After  its  inflation,  the  main  parachute 
stabilizes  the  probe  through  the  transonic  flight  regime 
and  allows  the  front  shield  to  separate.  Fifteen  min.  later, 
the  main  parachute  is  separated  and  in  turn  deploys  the 
2.8  m  stabilizer  for  the  remaining  2  hours  descent  phase 
(see  figure  n°21). 

This  scenario  has  been  derived  from  the  GALILEO  probe 
one. 


The  three  parachutes  are  Disk-Gap-Band  parachutes. 
This  type  has  been  chosen  because  it  inflates  at  very  low 
dynamic  pressure  in  supersonic  regime.  It  has  been 
already  chosen  for  the  Viking  mission. 

The  pilot  chute  is  sized  in  order  to  separate  the  back 
cover  from  the  entry  module. 

The  main  parachute  is  sized  to  allow  a  front  shield 
separation  from  the  descent  module.  The  second  goal 
from  the  main  parachute  is  to  stabilise  the  probe  during 
the  transonic  phase,  the  angle  of  attack  oscillation 
having  to  be  damped  in  the  (0-15°)  range  for  a  clean 
separation. 

The  stabiliser  is  sized  to  provide  to  the  descent  module 
the  remaining  2  hours  of  the  descent  phase. 
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On  the  roll  axis,  a  swivel  discouples  parachute  from 
descent  phase  motions. 

Moreover,  the  descent  time  duration  requirement,  the 
descent  system  has  to  stabilise  the  descent  module  in 
order  to  maintain  the  attitude  of  the  probe  with  respect  to 
the  local  vertical  under  10°. 

The  whole  system  and  especially  the  link  between  the 
parachute  and  the  load  has  been  optimised  (see  ref  31 
and  32). 

Simulation  of  the  probe  attitude  during  the  descent  has 
been  carried  out  to  assess  the  fulfilment  of  the 
requirement.  For  these  simulations,  a  special  wind  gust 
model,  associated  to  the  LELOUCH-HUNTEN 
atmosphere  model  (p,  t),  has  been  set  up  (see  ref  33). 

All  the  separation  phases  have  been  carefully  studied  by 
multibody  trajectory  simulations.  Most  of  the  effort  has 
been  put  on  the  front  shield  separation  for  which  a 
special  model  with  4  bodies  and  21  DOF  has  been 
developed  to  assess  its  clean  separation. 

During  the  development  phase,  these  3  parachutes  have 
been  characterized  during  wind  tunnel  tests  at  sub-, 
trans-  and  supersonic  regimes  in  European  and 
American  facilities  (IMFL,  ARA  Bedford,  AEDC)  by 
measuring  static  aerodynamic  coefficients  (drag  and 
normal  forces,  and  pitching  moment),  and  unsteady 
coefficients  for  the  inflation  phase. 

The  qualification  of  the  descent  system  will  be  achieved 
by: 

-  flight  drop  tests  of  each  parachute, 

-  an  air  balloon  drop  test  for  the  whole  descent  sequence, 

-  simulations  of  the  probe  attitude,  during  the  descent  in 
the  Titan  atmosphere. 


10.  SPIN  DEVICE 

During  the  descent  phase,  the  scientific  experiments  are 
switched  on,  while  DM  descends  gently  under  the 
parachutes. 

At  this  time,  probe  spin  is  required  basically  by  the 
imaging  instrument,  the  Descent  Imager/  Spectral 
Radiometer  (DISK).  Indeed,  as  it  is  expressed  by  the 
requirement  n°e3,  the  DISR  requires  a  wide  and 
extensive  field  of  view  ranging  from  the  zenith  to 
vertically  downwards,  covering  most  of  the  hemisphere. 

The  associated  quantitative  requirement  is  to  get  a  spin 
in  the  range  1  to  15  rpm  during  most  of  the  descent,  and 
to  get  back  to  1  to  3  rpm  under  10  km  altitude. 

In  order  to  meet  this  requirement,  a  spin  eject  device 
(SED)  first  provides  the  EM  with  spin  at  orbiter 


separation  (nominally  7rpm).  This  initial  spin  provides 
gyroscopic  stiffness  in  the  outer  space  during  the  so 
called  coast  phase  (see  mission  description  :  probe 
released  by  orbiter  but  still  not  in  TITAN  atmosphere, 
which  lasts  for  22  days). 

This  contributes  to  have  a  reliable  small  angle-of-attack 
at  beginning  of  entry,  and  improves  slightly  the  EM 
stability  during  entry. 

However,  disturbances  like  viscous  roll  damping  and 
center-of-gravity  offset  coupling  with  inertial  and 
aerodynamic  dissymetries  may  alter  significantly  the 
initial  spin  in  the  range  respectively  of  -i-0/-lrpm  and 
+l/-lrpm  at  beginning  of  descent. 

Moreover,  erratic  spin  behaviour  may  not  be  excluded. 

Hence,  a  specific  aerodynamic  spin  device  was  designed 
in  order  to  meet  the  DISR  spin  requirements  during 
descent. 

This  spin  device  consists  in  36  spin  vanes  located 
approximately  at  outer  diameter  of  the  descent  module. 
These  spin  vanes  are  oriented  to  have  an  incidence  with 
respect  to  upstream  flowfield  of  87.8°. 

This  large  incidence  results  in  a  positive  motor  torque  for 
zero  roll  rate  up  to  increasing  roll  rate  until  the  local 
incidence  of  the  vane  decreases  to  zero. 

When  spin  rate  increases,  the  local  incidence  becomes 
negative  and  results  in  a  negative  torque  which  will  force 
the  spin  to  an  equilibrium  state  (  for  constant  upstream 
conditions). 

Figure  n°6  shows  the  spin  vanes  design  and  location. 
Dedicated  WT  tests  were  performed  in  NLR  Nord  East 
Polder  facility  in  order  to  measure  the  spin  vanes  torque 
for  various  configurations  (12/24/36  spin  vanes  for  2 
locations  on  the  DM). 

Additionally,  separation  zone  around  the  DM  was 
determined  using  pitot  rake,  and  was  compared  to  Navier 
Stokes  computations 

Viscous  damping  was  also  derived  from  free  spinning 
tests. 

As  a  result,  the  descent  computations  enable  a  suitable 
design  of  the  spin  vanes  setting  to  be  determined,  in 
order  to  meet  the  experiment  roll  rate  requirement  (see 
figure  n°19 ). 


11.  CONTAMINATION  STUDIES 

Within  the  requirements  related  to  experiments,  the  e5 
&e6  ones  stress  the  need  to  have  clean  optical  windows 
for  DISR.  Indeed,  this  latter  one  is  very  sensitive  to  loss 
of  signal  due  to  the  deposition  of  contaminants  on  the 
DISR  window. 
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Two  types  of  contaminants  can  deposit  on  the  window: 

-  either  particles  coming  from  the  thermal  protection  of 
the  probe,  after  burning  of  the  surface  due  to  the  high 
heat  fluxes  of  the  hypersonic  entry 

-  or  the  particles  which  can  be  formed  due  the  chemical 
reactions  which  occur  behind  the  bow  shock  within  the 
upstream  chemical  mixture. 

Indeed,  although  the  DISK  is  protected  from  the  external 
flowfield  during  hypersonic  entiy,  the  back  cover  has  to 
be  removed  at  beginning  of  the  descent  phase.  This 
jettison  occurs  at  Mach  number  1.5  when  the  heat  fluxes 
have  decreased  to  almost  zero  (the  heat  fluxes  become 
negative  during  descent,  i.e.  the  descent  modules  releases 
heat  to  the  outside),  the  process  of  degradation  of  the 
heat  shield  should  then  have  stopped,  while  the 
production  of  contaminant  particles  issued  from  the 
external  flowfield  should  also  have  stopped,  as  the 
energy  released  by  the  entry  module  to  the  surrounding 
flowfield  is  too  small  to  enable  chemical  reaction  to 
occur. 

However,  the  DISR,  mounted  on  the  rear  conical  part  of 
the  descent  module,  is  located  inside  the  rear 
recirculation  zone  of  the  entry  module. 

During  hypersonic  entry,  some  particles  coming  either 
from  the  degraded  heat  shield,  or  from  the  chemically 
active  bow  shock,  can  be  trapped  in  the  recirculating 
base  region.  Furthermore,  the  degraded  particles  released 
by  the  rear  part  of  the  heat  shield  are  directly  inserted  in 
this  "dead  water"  region. 

The  question  is  therefore,  can  some  of  these  particles 
remain  trapped  in  the  recirculating  region  until  back 
cover  release,  and  within  these  trapped  particles,  how 
many  of  them  will  impact  and  will  be  stick  on  the  DISR 
window? 

The  answer  is  not  so  obvious. 

The  first  type  of  particles  may  arise  either  from  the  front 
face  heat  shield,  or  from  the  back  cover  of  the  probe. 
Within  the  front  face  particles,  one  should  know  how 
many  will  be  captured  in  the  boundary  layer  of  the 
conical  part,  and  will  be  injected  in  the  recirculation 
zone  through  the  frustum  shear  layer.  This  information 
can  be  obtained  if  the  size  and  mass  of  the  particles  is 
known  (in  terms  of  statistics).  While  a  Navier  Stokes 
calculation  with  two  phases  capability  may  provide  the 
trajectoiy  of  the  particles,  for  a  given  surrounding 
flowfield.  Furthermore,  once  they  arc  trapped,  and  the 
velocity  of  the  probe  decreases,  how  will  these  particles 
behave?  Does  a  balance  process  exist  between  the 
particles  coming  in  and  particles  going  out  of  the 
recirculating  region  through  the  shear  layer. 

Within  the  second  type  of  particles,  some  can  be  trapped 
which  came  from  the  bow  shock  layer,  or  some  can  be 


directly  created  in  the  recirculating  zone.  The 
charaeteristics  of  these  particles  can  be  obtained  if 
dedicated  Navier  Stokes  calculations  are  able  to  simulate 
the  non  equilibrium  chemistry  which  occurs  all  around 
the  entry  module  :  dissociation  ,  ionisation  in  the  bow 
shock  layer,  freezing  at  the  edge  frustum,  recombination 
in  the  recirculating  region.  Furthermore,  as  we  are 
interested  in  particles  behaviour,  the  calculation  should 
be  able  to  handle  a  two  phases  flow  and  two  phases 
chemistry. 

Then,  the  same  question  appears  as  for  heat  shield 
particle  during  deceleration  of  the  probe  :  how  does  the 
balance  process  through  the  shear  layer  look  like? 

Of  course,  the  scientist  who  is  responsible  for  the  DISR, 
has  to  be  provided  with  reliable  informations  concerning 
the  amount  of  pollutants  which  can  alter  the  DISR 
capabilities. 

The  first  idea  is  then  to  make  a  simple  and  conservative 
assumption,  which  assumes  that  all  of  the  out-  coming 
particles  which  are  created  during  the  hot  hypersonic 
phase  (roughly  40s)  from  the  heat  shield  stick  on  the 
DISR  window.  This  very  pessimistic  assumption  is  not 
at  all  realistic,  but  would  enable  not  to  worry  about 
contamination  from  the  heat  shield  if  the  answer  would 
have  been  "even  in  this  pessimistic  case  DISR  is  OK". 
Unfortunately,  this  is  not  the  case,  as  the  quantitative 
requirement  for  contamination  is  violated  by  a  faetor  of 
100. 

More  sophisticated  analysis  is  therefore  needed. 

Experimental  attempts  have  been  made  to  characterise 
the  adhesive  properties  of  the  heat  shield  particles. 
However,  a  complete  simulation  of  the  hot  entry  phase, 
including  hypersonic  velocity,  heat  fluxes,  representative 
flowfield  topology,  deceleration  and  extraction  of  the 
descent  module  is  not  possible. 

Furthermore,  as  for  any  topics  related  to  HUYGENS 
probe  development  phase,  the  answer  to  this  problem  has 
to  be  addressed  in  a  cost  and  time  schedule  plan  which  is 
not  extendible. 

Navier  Stokes  calculation  have  then  been  performed,  by 
simulating  the  particles  by  a  gas  medium,  ejected  from 
the  rear  part  of  the  entry  module  (direct  insertion  into  the 
recirculating  zone),  with  a  representative  mass  flow  rate 
equivalent  to  the  thermal  protection  particle  jettison 
process,  in  order  to  try  to  bring  a  partial  answer  to  the 
global  question  :  within  the  trapped  particles  (assumed  to 
be  equivalent  to  a  perfect  gas  in  here),  what  is  the 
balance  process  through  the  shear  layer,  and  where  do 
the  trapped  particles  migrate  within  the  recirculation 
zone? 
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Figure  n°20  shows  the  density  of  pollutants  within  the 
recirculating  zone,  and  the  equivalent  location  of  the 
DISK  window. 

The  preferred  location  of  the  pollutant  gas  is  the  DISR 
location,  as  they  all  gather  to  this  region  ! 

A  very  interesting  feature  was  provided  by  the  time 
dependent  scheme  of  this  calculation.  Indeed,  the 
calculation  shows  that  an  equilibrium  balance  process  is 
reached  after  a  couple  of  seconds  of  physical  time. 

This  would  indicate  that  no  more  than  the  amount  of 
pollutant  which  is  created  in  a  couple  of  seconds  can 
remain  in  the  recirculating  region,  for  a  given  Mach 
number.  This  would  enable  to  decrease  the  maximum 
pollutant  quantity  from  the  overall  amount  which  is 
outcome  from  the  heat  shield,  down  to: 

n.Q.S 

where  n  is  the  n  second  needed  time  to  reach  this 
equilibrium  situation 
Q  is  the  mass  rate  of  injected  pollutant 
S  is  the  surface  over  which  the  pollutant  is  injected 

However,  it  must  be  kept  in  mind,  that  particles  will  not 
behave  like  equivalent  gas,  and  therefore  this  calculation 
provides  with  rough  indications  and  trend  only. 

In  parallel,  a  non  equilibrium  chemistry  Navier  Stokes 
calculation  was  performed,  in  order  to  assess  the  species 
which  could  be  trapped  in  the  recirculating  zone.  This 
calculation  was  performed  with  a  mono  phase  capability. 
The  simulation  shows  the  presence  of  atomic  Carbon  in 
the  recirculating  zone,  which  could  be  transformed  in 
graphite,  which  could  deposit  on  the  DISR  window. 

This  possibility  has  been  verified  in  IRS  (Institut  fiir 
Raumfahrtsysteme,  Stuttgart  University,  Germany), 
during  thermal  tests  of  the  heat  shield  material,  it  was 
evidenced  that  solid  carbon  was  created  due  to  the 
cracking  process  of  the  upstream  CH4  molecules. 

Finally,  the  amount  of  stick  pollutant  could  not  be  for 
sure  determined  in  such  a  way  that  the  DISR  capabilities 
would  be  guaranteed  not  to  be  reduced  significantly. 

Therefore,  a  dedicated  protective  cover  has  been 
designed  for  the  DISR  window,  in  order  to  guarantee  the 
integrity  of  its  surface. 

The  integration  of  the  development  of  this  protective 
cover,  which  had  not  been  planned  at  the  beginning  of 
the  project,  creates  new  work  at  system  level,  while  the 
ejection  of  this  cover  asks  for  new  aerodynamic  studies, 
in  order  to  prove  the  reliability  of  its  jettison  phase, 
which  has  to  occur  after  back  cover  release,  and  before 
scientific  beginning  of  the  descent  phase. 


CONCLUSION 

The  HUYGENS  project  led  to  very  innovative 
development  in  Aerodynamics  and  Aerothermo- 
dynamics,  due  to  the  specificity  of  both  the  environment 
of  the  probe,  the  TITAN  atmosphere,  and  the  shape  of 
the  entry  and  descent  modules. 

This  document  stress  the  continuous  link  between  the 
design  of  hardware,  such  that  sizing  of  the  thickness  of 
the  Thermal  Protection  System,  and  the  fundamental 
research  in  Aerothermochemistry. 
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WIND  TUNNEL 

WIND  TUNNEL  TEST  OBJECTIVES 

WIND  TUNNEL  CONDITIONS 

WIND  TUNNEL  FACILITY 

PLANNING 

WT  1 1 

•  Determination  of  the  dynamic  beha¬ 
viour  of  the  descent  module  (with 
and  without  drogue)  during  the 
descent, 

•  Determination  of  the  spin  rate  level 
with  different  spin  vanes  geometry 
for  low  free  stream  velocity 

•  Determination  of  the  dynamic 
behaviour  of  the  main  parachute 
during  inflation 

->  1 0  m/s  <  V  <  40  m/s 

->  5  m/s  <  V  <  22  m/s 

Institut  de  M^canique  des  Fluides 

Lille  -  France 

09.1991 

WT  12 

•  Determination  of  the  aerodynamic 
coefficients  in  spinning  motion  for 
the  descent  module  during  the 
descent. 

-»  20  m/s  <  V  <  75  m/s 

NLR  -  Nord  East  Polder 

LST  tunnel 

Holland 

11.1992 

WT  13 

•  Determination  of  the  aerodynamic 
static  coefficients  for: 

-  the  descent  module  in  subsonics 

-  the  front  shield  in  subsonics, 

‘  the  entry  module  in  subsonics, 
transonics, 
and  supersonics. 

•  Determination  of  the  aerodynamic 
dynamic  coefficients  for: 

-  the  front  shield  in  transonics 

'  the  entry  module  in  transonics 

Mach  =  0.2 

Mach  =  0.5  -> 

0.5  <  Mach  <  2.  ->■ 

->■  Mach  =  4.7  -> 

->  Mach  =  0.5 
-4  Mach  =  0.8  ->  2.0 

FFA  •  Stockholm  -  Sweden 

LT1  Tunnel 

S4  Tunnel 

S4  Tunnel 

HypBOO  Tunnel 

S4  Tunnel 

S4  Tunnel 

10-12.1992 

01.1993 

WT  14 

•  Determination  of  the  aerodynamic 
dynamic  coefficients  for: 

-  the  descent  module  in  subsonics 

->  Mach  =  0.2  -> 

DRA  -  Bedford  -  England 

13*9  ft  tunnel 

07.1992 

WT  15 

•  Determination  of  the  aerodynamic 
dynamic  coefficients  for  the  entry 
module  from  subsonics  up  to 
supersonics. 

0,2  <  Mach  <  1,4  —> 

1 ,4  <  Mach  <3 

4  <  Mach  <5 

ARA  -  Bedford  England 

TWT  tunnel 

SWT  tunnel 

M4T  tunnel 

09.1993 

WT  16 

•  Determination  of  the  integrated 
emissivity  behind  a  shock  wave 
travelling  inside  a  (N2,  CH4,  Ar) 
mixture  In  a  shock  tube. 

->  V  =  5  000  m/s 

University  de  Provence 

TCM2  Shock  Tunnel 
Marseille  •  France 

04-07.1993 
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Figure  6.  Descent  Module  geometry 
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Figure  9.  Probe  rear  flowFicld  pattern 
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Figure  10.  Navier  Stokes  grid 
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Figure  11.  iso-pressure  lines  in  the  probe  near  wake 
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Figure  16.  Radiative  heat  flux  sensitivity  vs  CH4 


HUYGENS  PROBE  -  RADIATIVE  HEAT  FLUX  EVOLUTION 
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HUYGENS  PROBE  -  CONVECTIVE  HEAT  FLUX  EVOLUTION 
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Figure  17.  Radiative  and  convective  heat  flux  vs  time 
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7=1-35  vibration  /dlssodstlon  coupling 
Te  and  Tv  reiaxallon  (Millikan  &  White) 
CH4  dissociated  behind  the  shock 
e-  catalysis  for  Ionization  reactions 


Figure  18.  Predicted  and  measured  CN 
emission  vs  distance  behind  normal  shock 
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Figure  19.  DM  Roll  rate  during  TITAN  descent 


Figure  20.  Pollutants  in  the  probe  near  wake 


Figure  21.  Huygens  descent  scenario 
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